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PREFACE

This new edition concentrates on the subject of rocket propulsion, its basic
technology, performance, and design rationale. The intent is the same as in
previous editions, namely to provide an introduction to the subject, an under-
standing of basic principles, a description of their key physical mechanisms or
designs, and an appreciation of the application of rocket propulsion to flying
vehicles.

The first five chapters in the book cover background and fundamentals.
They give a classification of the various propulsion systems with their key
applications, definitions, basic thermodynamics and nozzle theory, flight per-
formance, and the thermochemistry of chemical propellants. The next nine
chapters are devoted to chemical propulsion, namely liquid rocket engines
and solid rocket motors. We devote almost half of the book to these two,
because almost all past, current, and planned future rocket-propelled vehicles
use them. Hybrid rocket propulsion, another form of using chemical combus-
tion energy, has a separate chapter. The new longer chapter on electric propul-
sion has been extensively revised, enlarged, and updated. Chapters 16-18 and
20 apply to all types of propulsion, namely thrust vector control, selection of a
rocket propulsion system for specific applications, testing of propulsion sys-
tems, and behavior of chemical rocket exhaust plumes. Only a little space is
devoted to advanced new concepts, such as nuclear propulsion or solar thermal
propulsion, because they have not yet been fully developed, have not yet flown,
and may not have wide application.

The book attempts to strike a balance between theory, analysis, and prac-
tical design or engineering tasks; between propulsion system and nonpropul-
sion system subjects, which are related (such as testing, flight performance, or
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xii PREFACE

exhaust plumes); and between rocket systems and their key components and
materials. There is an emphasis on up-to-date information on current propul-
sion systems and the relation between the propulsion system, the flight vehicle,
and the needs of the overall mission or flight objectives.

The new edition has more pages and extensive changes compared with the
sixth edition. We have expanded the scope, reorganized the existing subject
matter into a more useful form or logical sequence in some of the chapters, and
updated various data. About one-third of the book is new or extensively
revised text and figures. This new version has been heavily edited, upgraded,
and improved. Altogether we count about 2500 changes, additions, new or
rewritten sections or paragraphs, inserts, clarifications, new illustrations,
more data, enlarged tables, new equations, more specific terminology, or
new references. We have deleted the chapter on heat transfer that was in the
sixth edition, because we learned that it was not being used often and is some-
what out of date. Instead we have added revised small specific sections on heat
transfer to several chapters. A new chapter on liquid propellant thrust cham-
bers was added, because this component is the heart of liquid propellant rocket
engines.

Here are some of the topics that are new or completely revised. New sections
or subsections include engine structures, two-step nozzles, multiple nozzles, gas
properties of gas generator or preburner gases, classification of engine valves, a
promising new monopropellant, gaseous rocket propellants, propellant addi-
tives, materials and fabrication of solid propellant motors, launch vehicles,
elliptical orbits, new sample design calculations, vortex instability in solid
rocket motors, design of turbopumps, design of liquid propellant engines,
insensitive munitions requirements, aerospike rocket engines, solid rocket
motor nozzles, and plume signatures. In addition there are new figures, for
example, the payload variation with orbit altitude or inclination angle, some
recently developed rocket propulsion systems, the design of shortened bell-
shaped nozzle contours, and the expander engine cycle, and new tables, such
as different flight maneuvers versus the type of rocket propulsion system, list of
mission requirements, and the physical and chemical processes in rocket com-
bustion. There are new paragraphs on rocket history, four additional nozzle
loss factors, use of venturi in feed systems, extendible nozzles, and water
hammer.

In the last couple of decades rocket propulsion has become a relatively
mature field. The development of the more common propulsion systems is
becoming routine and the cost of new ones is going down. For example,
much R&D was done on many different chemical propellants, but just a few
are used, each for specific applications. Although some investigations on new
propellants or new propellant ingredients are still under way, a new propellant
has not been introduced for a rocket production application in the last 25
years. Most of the new propulsion systems are uprated, improved, or modified
versions of existing proven units in the chemical propulsion and electrical
propulsion areas. There are only a few novel engines or motors, and some
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are mentioned in this book. We have therefore placed emphasis on describing
several of the proven existing modern rocket propulsion systems and their
commonly used propellants, because they are the heritage on which new
ones will be based. It is not possible in any one book to mention all the
varieties, types, and designs of propulsion systems, their propellants, or mate-
rials of construction, and we therefore selected some of the most commonly
used ones. And we discuss the process of uprating or modifying them, because
this is different from the design process for a truly new unit.

The number of countries that develop or produce rocket propulsion systems
has gone from three in 1945 to at least 35 today, a testimony to proliferation
and the rising interest in the subject. There are today more colleges that teach
rocket propulsion than before. Prior editions of this book have been translated
into three languages, Russian, Chinese, and more recently (1993) Japanese.
People outside of the U.S. have made some excellent contributions to the
rocket field and the authors regret that we can mention only a few in this book.

We have had an ongoing disparity about units. Today in U.S. propulsion
companies, most of the engineering and design and almost all the manufactur-
ing 1s still being done in English engineering (EE) units (foot or inch, pounds,
seconds). Many of the technical papers presented by industry authors use EE
units. Papers from university authors, government researchers, and from a few
companies use the SI (International Standard—metric) units. If a customer
demands SI units, some companies will make new drawings or specifications
especially for this customer, but they retain copies with EE units for in-house
use. The planned transition to use exclusively SI units is complex and proceed-
ing very slowly in U.S. industry. Therefore both sets of units are being used in
this revised edition with the aim of making the book comfortable for colleges
and professionals in foreign countries (where SI units are standard) and to
practicing engineers in the U.S. who are used in the EE system. Some tables
have both units, some sections have one or the other.

The use of computers has changed the way we do business in many fields.
We have developed computer programs for many an engineering analysis,
computer-aided design, computer-aided manufacturing, business and engineer-
ing transactions, test data collection, data analysis or data presentation, project
management, and many others. In fact computers are used extensively in some
companies to design new propulsion devices. Therefore we identify in this book
the places where computer programs will be helpful and we mention this often.
However, we do not discuss specific programs, because they take up too much
space, become obsolete in a short time without regular upgrading, some do not
have a way to provide help to a user, and some of the better programs are
company proprietary and thus not available.

The first edition of this book was issued in 1949. With this new revised
seventh edition this is probably the longest active aerospace book (51 years)
that has been upgraded regularly and is still being actively used in industry and
universities. To the best of the authors’ knowledge the book has been or is
being used as a college text in 45 universities worldwide. It is a real satisfaction
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to the authors that a very large number of students and engineers were intro-
duced to this subject through one of the editions of this book.

The book has three major markets: it has been used and is still used as a
college text. It contains more material and more student problems than can be
given in a one-semester course. This then allows the choosing of selected por-
tions of the book to fit the student’s interest. A one-term course might consist
of a review of the first four or five chapters, followed by a careful study of
Chapters 6, 10, 11, 14, and 19, a brief scanning of most of the other chapters,
and the detailed study of whatever additional chapter(s) might have appeal.
The book also has been used to indoctrinate engineers new to the propulsion
business and to serve as a reference to experienced engineers, who want to look
up some topic, data, or equation.

We have tried to make the book easier to use by providing (1) a much more
detailed table of contents, so the reader can find the chapter or section of
interest, (2) an expanded index, so specific key words can be located, and (3)
five appendices, namely a summary of key equations, a table of the properties
of the atmosphere, conversion factors and constants, and two derivations of
specific equations.

All rocket propellants are hazardous materials. The authors and the pub-
lisher recommend that the reader do not work with them or handle them
without an exhaustive study of the hazards, the behavior, and the properties
of each propellant, and rigorous safety training, including becoming familiar
with protective equipment. Safety training is given routinely to employees by
organizations in this business. Neither the authors nor the publisher assume
any responsibility for actions on rocket propulsion taken by readers, either
directly or indirectly. The information presented in this book is insufficient
and inadequate for conducting rocket propulsion experiments or operations.

Professor Oscar Biblarz of the Naval Postgraduate School joins George P.
Sutton as a co-author in this edition. We both shared in the preparation of the
manuscript and the proofreading. Terry Boardman of Thiokol Propulsion (a
division of Cordant Technologies) join as a contributing author; he prepared
Chapter 15 (hybrid rocket propulsion) and the major portion of the section on
rocket motor nozzles in Chapter 14.

We gratefully acknowledge the help and contributions we have received in
preparing this edition. Terrence H. Murphy and Mike Bradley of The Boeing
Company, Rocketdyne Propulsion and Power, contributed new data and per-
spective drawings to the chapters on rocket propulsion with liquid propellants.
Warren Frick of Orbital Sciences Corporation provided valuable data on satel-
lite payloads for different orbits. David McGrath, Thomas Kirschner, and W.
Lloyd McMillan of Thiokol Propulsion (a division of Cordant Technologies,
Inc.) answered questions and furnished data on solid propellant rocket motors.
Carl Stechman of Kaiser-Marquardt furnished design information on a small
bipropellant thruster. Carl Pignoli and Pat Mills of Pratt & Whitney (a United
Technologies Company) gave us engine data and permission to copy data on
turbopumps and upper-stage space engines with extendible nozzle skirts.
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Kathleen F. Hodge and Gary W. Joseph of the Space and Technology Division
of TRW, Inc., gave data on a pressurized storable propellant rocket engine and
a jet tab attitude control system. Oscar Biblarz acknowledges his colleagues
David W. Netzer, Brij N. Agrawal, and Sherif Michael who, together with
many students, have been an integal part of the research and educational
environment at the Naval Postgraduate School. Craig W. Clauss of Atlantic
Research Corporation (a unit of Sequa Corporation) helped with electric pro-
pulsion.

George P. Sutton
Los Angeles, California

Oscar Biblarz
Monterey, California

COVER ILLUSTRATIONS

The color illustrations on the cover show several rocket propulsion systems,
each at a different scale. Below we briefly describe these illustrations and list
the page numbers, where more detail can be found.

The front cover shows the rocket nozzles at the aft end of the winged Space
Shuttle, shortly after takeoff. The two large strap-on solid rocket motors (see
page 545) have brightly glowing white billowy exhaust plumes. The three Space
Shuttle main engines (page 199) have essentially transparent plumes, but the
hot regions, immediately downstream of strong shock waves, are faintly visible.
The two darker-colored nozzles of the thrust chambers of the orbital maneu-
vering system and the small dark nozzle exit areas (pointing upward) of three
of the thrusters of the reaction control system of the Space Shuttle (see page
208) are not firing during the ascent of the Shuttle.

The back cover shows (from top to bottom) small illustrations of (1) an
image of a stress/strain analysis model (see page 461) of a solid propellant
rocket motor grain and case, (2) a small storable bipropellant thruster of
about 100 Ibf thrust (page 307), (3) a three-quarter section of a solid propellant
rocket motor (page 9), and (4) an experimental aerospike rocket engine (page
298) during a static firing test.
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CHAPTER 1

CLASSIFICATION

Propulsion in a broad sense is the act of changing the motion of a body.
Propulsion mechanisms provide a force that moves bodies that are initially
at rest, changes a velocity, or overcomes retarding forces when a body is
propelled through a medium. Jet propulsion is a means of locomotion whereby
a reaction force is imparted to a device by the momentum of ejected matter.

Rocket propulsion is a class of jet propulsion that produces thrust by ejecting
stored matter, called the propellant. Duct propulsion is a class of jet propulsion
and includes turbojets and ramjets; these engines are also commonly called air-
breathing engines. Duct propulsion devices utilize mostly the surrounding
medium as the “working fluid”, together with some stored fuel.
Combinations of rockets and duct propulsion devices are attractive for some
applications and are described in this chapter.

The energy source most useful to rocket propulsion is chemical combustion.
Energy can also be supplied by solar radiation and, in the past, also by
nuclear reaction. Accordingly, the various propulsion devices can be divided
into chemical propulsion, nuclear propulsion, and solar propulsion. Table 1-1
lists many of the important propulsion concepts according to their energy
source and type of propellant or working fluid. Radiation energy can origi-
nate from sources other than the sun, and theoretically can cover the trans-
mission of energy by microwave and laser beams, electromagnetic waves, and
electrons, protons, and other particle beams from a transmitter to a flying
receiver. Nuclear energy is associated with the transformations of atomic
particles within the nucleus of atoms and can be of several types, namely,
fission, fusion, and decay of radioactive species. Other energy sources, both
internal (in the vehicle) and external, can be considered. The energy form

1



2 CLASSIFICATION

TABLE 1-1. Energy Sources and Propellants for Various Propulsion Concepts

Energy Source®

Propellant or

Propulsion Device Chemical Nuclear  Solar Working Fluid
Turbojet D/P TFD Fuel + air
Turbo-ramjet TFD Fuel + air
Ramjet (hydrocarbon fuel)  D/P TFD Fuel + air
Ramjet (H, cooled) TFD Hydrogen + air
Rocket (chemical) D/P TFD Stored propellant
Ducted rocket TFD Stored solid fuel +
surrounding air
Electric rocket D/P TFD D/P Stored propellant
Nuclear fission rocket TFD Stored H,
Nuclear fusion rocket TFND Stored H,
Solar heated rocket TFD  Stored H,
Photon rocket (big light TFND Photon ¢jection
bulb) (no stored propellant)
Solar sail TFD Photon reflection

(no stored propellant)

“D/P, developed and/or considered practical; TFD, technical feasibility has been demonstrated, but
development is incomplete; TFND, technical feasibility has not yet been demonstrated.

found in the output of a rocket is largely the kinetic energy of the ejected
matter; thus the rocket converts the input from the energy source into this
form. The ejected mass can be in a solid, liquid, or gaseous state. Often a
combination of two or more of these is ejected. At very high temperatures it
can also be a plasma, which is an electrically activated gas.

1.1. DUCT JET PROPULSION

This class, also called air-breathing engines, comprises devices which have a
duct to confine the flow of air. They use oxygen from the air to burn fuel stored
in the flight vehicle. The class includes turbojets, turbofans, ramjets, and pulse-
jets. This class of propulsion is mentioned primarily to provide a comparison
with rocket propulsion and a background for combination rocket—duct
engines, which are mentioned later. Several textbooks, such as Refs. 1-1 and
1-2, contain a discussion of duct jet propulsion fundamentals. Table 1-2 com-
pares several performance characteristics of specific chemical rockets with
those of typical turbojets and ramjets. A high specific impulse is directly related
to a long flight range and thus indicates the superior range capability of air
breather engines over chemical rockets at relatively low altitude. The unique-
ness of the rocket, for example, high thrust to weight, high thrust to frontal



TABLE 1-2. Comparison of Several Characteristics of a Typical Chemical Rocket and Two Duct Propulsion Systems

Feature

Rocket Engine
or Rocket Motor

Turbojet Engine

Ramjet Engine

Thrust-to-weight ratio, typical

Specific fuel consumption
(pounds of propellant or fuel
per hour per pound of thrust)”

Specific thrust (pounds of thrust
per square foot frontal area)b

Thrust change with altitude

Thrust vs. flight speed

Thrust vs. air temperature

Flight speed vs. exhaust velocity

Altitude limitation

Specific impulse typical®

(thrust force per unit propellant
or fuel weight flow per second)

75:1
8-14

5000 to 25,000

Slight increase

Nearly constant

Constant

Unrelated, flight speed can be
greater

None; suited to space travel

270 sec

5:1, turbojet and afterburner
0.5-1.5

2500 (Low Mach at sea level)

Decreases

Increases with speed

Decreases with temperature

Flight speed always less than
exhaust velocity

14,000-17,000 m

1600 sec

7:1 at Mach 3 at 30,000 ft
2.3-3.5

2700 (Mach 2 at sea level)

Decreases

Increases with speed
Decreases with temperature
Flight speed always less
than exhaust velocity
20,000 m at Mach 3

30,000 m at Mach 5

45,000 m at Mach 12

1400 sec

“Multiply by 0.102 to convert to kg/hr-N.
bMultiply by 47.9 to convert to N/m?.

¢ Specific impulse is a performance parameter and is defined in Chapter 2.



4 CLASSIFICATION

area, and thrust independence of altitude, enables extremely long flight ranges
to be obtained in rarefied air and in space.

The turbojet engine is the most common of ducted engines. Figure -1 shows
the basic elements.

At supersonic flight speeds above Mach 2, the ramjet engine (a pure duct
engine) becomes attractive for flight within the atmosphere. Thrust is produced
by increasing the momentum of the air as it passes through the ramjet, basi-
cally as is accomplished in the turbojet and turbofan engines but without
compressors or turbines, Figure 1-2 shows the basic components of one type
of ramjet. Ramjets with subsonic combustion and hydrocarbon fuel have an
upper speed limit of approximately Mach 5; hydrogen fuel, with hydrogen
cooling, raises this to at least Mach 16. Ramjets depend on rocket boosters,
or some other method (such as being launched from an aircraft) for being
accelerated to near their design flight speed to become functional. The primary
applications have been in shipboard and ground-launched antiaircraft missiles.
Studies of a hydrogen-fueled ramjet for hypersonic aircraft look promising.
The supersonic flight vehicle is a combination of a ramjet-driven high-speed
airplane and a one- or two-stage rocket booster. It can travel at speeds up to a
Mach number of 25 at altitudes of up to 50,000 m.

1.2. ROCKET PROPULSION

Rocket propulsion systems can be classified according to the type of energy
source (chemical, nuclear, or solar), the basic function (booster stage, sustai-
ner, attitude control, orbit station keeping, etc.), the type of vehicle (aircraft,
missile, assisted take-off, space vehicle, etc.), size, type of propellant, type of
construction, or number of rocket propulsion units used in a given vehicle.
Each is treated in more detail in subsequent chapters.

Another way is to classify by the method of producing thrust. A thermo-
dynamic expansion of a gas is used in the majority of practical rocket propul-
sion concepts. The internal energy of the gas is converted into the kinetic
energy of the exhaust flow and the thrust is produced by the gas pressure on
the surfaces exposed to the gas, as will be explained later. This same thermo-

Fuel injection

Compressor Combustion Turbine Afterburner
section section section and nozzle
section

FIGURE 1-1. Simplified schematic diagram of a turbojet engine.
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Fuel
injection
<< “4%‘
— 2222 2220
Air <
- Inlet diffuser Combustion chamber Nozzle
- section section section

FIGURE 1-2. Simplified diagram of a ramjet with a supersonic inlet (converging and
diverging flow passage).

dynamic theory and the same generic equipment (nozzle) is used for jet propul-
sion, rocket propulsion, nuclear propulsion, laser propulsion, solar-thermal
propulsion, and some types of electrical propulsion. Totally different methods
of producing thrust are used in other types of electric propulsion or by using a
pendulum in a gravity gradient. As described below, these electric systems use
magnetic and/or electric fields to accelerate electrically charged molecules or
atoms at very low densities. It is also possible to obtain a very small accelera-
tion by taking advantage of the difference in gravitational attraction as a
function of altitude, but this method is not explained in this book.

The Chinese developed and used solid propellant in rocket missiles over 800
years ago and military bombardment rockets were used frequently in the eight-
centh and nineteenth centuries. However, the significant developments of
rocket propulsion took place in the twentieth century. Early pioneers included
the Russian Konstantin E. Ziolkowsky, who is credited with the fundamental
rocket flight equation and his 1903 proposals to build rocket vehicles. The
German Hermann Oberth developed a more detailed mathematical theory;
he proposed multistage vehicles for space flight and fuel-cooled thrust cham-
bers. The American Robert H. Goddard is credited with the first flight using a
liquid propellant rocket engine in 1926. An early book on the subject was
written by the Viennese engineer Eugen Sdnger. For rocket history see Refs.
1-3 to 1-7.

Chemical Rocket Propulsion

The energy from a high-pressure combustion reaction of propellant chemicals,
usually a fuel and an oxidizing chemical, permits the heating of reaction pro-
duct gases to very high temperatures (2500 to 4100°C or 4500 to 7400°F).
These gases subsequently are expanded in a nozzle and accelerated to high
velocities (1800 to 4300 m/sec or 5900 to 14,100 ft/sec). Since these gas tem-
peratures are about twice the melting point of steel, it is necessary to cool or
insulate all the surfaces that are exposed to the hot gases. According to the
physical state of the propellant, there are several different classes of chemical
rocket propulsion devices.
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Liquid propellant rocket engines use liquid propellants that are fed under
pressure from tanks into a thrust chamber.* A typical pressure-fed liquid pro-
pellant rocket engine system is schematically shown in Fig. 1-3. The liquid
bipropellant consists of a liquid oxidizer (e.g., liquid oxygen) and a liquid fuel
(e.g., kerosene). A monopropellant is a single liquid that contains both oxidizing
and fuel species; it decomposes into hot gas when properly catalyzed. A large
turbopump-fed liquid propellant rocket engine is shown in Fig. 1-4. Gas pres-
sure feed systems are used mostly on low thrust, low total energy propulsion
systems, such as those used for attitude control of flying vehicles, often with
more than one thrust chamber per engine. Pump-fed liquid rocket systems are
used typically in applications with larger amounts of propellants and higher
thrusts, such as in space launch vehicles.

In the thrust chamber the propellants react to form hot gases, which in turn
are accelerated and ejected at a high velocity through a supersonic nozzle,
thereby imparting momentum to the vehicle. A nozzle has a converging sec-
tion, a constriction or throat, and a conical or bell-shaped diverging section as
further described in the next two chapters.

Some liquid rocket engines permit repetitive operation and can be started
and shut off at will. If the thrust chamber is provided with adequate cooling
capacity, it is possible to run liquid rockets for periods exceeding 1 hour,
dependent only on the propellant supply. A liquid rocket propulsion system
requires several precision valves and a complex feed mechanism which includes
propellant pumps, turbines, or a propellant-pressurizing device, and a rela-
tively intricate combustion or thrust chamber.

In solid propellant rocket motors® the propellant to be burned is contained
within the combustion chamber or case. The solid propellant charge is called
the grain and it contains all the chemical elements for complete burning. Once
ignited, it usually burns smoothly at a predetermined rate on all the exposed
internal surfaces of the grain. Initial burning takes place at the internal surfaces
of the cylinder perforation and the four slots. The internal cavity grows as
propellant is burned and consumed. The resulting hot gas flows through the
supersonic nozzle to impart thrust. Once ignited, the motor combustion pro-
ceeds in an orderly manner until essentially all the propellant has been con-
sumed. There are no feed systems or valves (see Fig. 1-5).

Liquid and solid propellants, and the propulsion systems that use them, are
discussed in Chapters 6 to 10 and 11 to 14, respectively. Liquid and solid
propellant rocket propulsion systems are compared in Chapter 17.

*The term thrust chamber, used for the assembly of the injector, nozzle, and chamber, is preferred
by several official agencies and therefore has been used in this book. However, other terms, such as
thrust cylinder and combustor, are still used in the literature. For small spacecraft control rockets
the term thruster is commonly used and this term will be used in some sections of this book.
THistorically the word engine is used for a liquid propellant rocket propulsion system and the word
motor is used for solid propellant rocket propulsion. They were developed originally by different
groups.
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FIGURE 1-3. Schematic flow diagram of a liquid propellant rocket engine with a gas
pressure feed system. The dashed lines show a second thrust chamber, but some engines
have more than a dozen thrust chambers supplied by the same feed system. Also shown
are components needed for start and stop, controlling tank pressure, filling propellants
and pressurizing gas, draining or flushing out remaining propellants, tank pressure relief
or venting, and several sensors.

Gaseous propellant rocket engines use a stored high-pressure gas, such as air,
nitrogen, or helium, as their working fluid or propellant. The stored gas
requires relatively heavy tanks. These cold gas engines have been used on
many early space vehicles as attitude control systems and some are still used
today. Heating the gas by electrical energy or by combustion of certain mono-
propellants improves the performance and this has often been called warm gas
propellant rocket propulsion.
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FIGURE 1-4. Simplified schematic diagram of one type of liquid propellant rocket
engine with a turbopump feed system and a separate gas generator, which generates
warm gas for driving the turbine. Not shown are components necessary for controlling
the operation, filling, venting, draining, or flushing out propellants, filters or sensors.
The turbopump assembly consists of two propellant pumps, a gear case, and a high
speed turbine.

Hybrid propellant rocket propulsion systems use both a liquid and a solid
propellant. For example, if a liquid oxidizing agent is injected into a combus-
tion chamber filled with solid carbonaceous fuel grain, the chemical reaction
produces hot combustion gases (see Fig. 1-6). They are described further in
Chapter 15.

There are also chemical rocket propulsion combination systems that have
both solid and liquid propellants. One example is a pressurized liquid propel-
lant system that uses a solid propellant to generate hot gases for tank pressur-
ization; flexible diaphragms are necessary to separate the hot gas and the
reactive liquid propellant in the tank.
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FIGURE 1-5. Simplified perspective three-quarter section of a typical solid propellant
rocket motor with the propellant grain bonded to the case and the insulation layer and
with a conical exhaust nozzle. The cylindrical case with its forward and aft hemispherical
domes form a pressure vessel to contain the combustion chamber pressure. Adapted
with permission from Reference 11-1.

Combinations of Ducted Jet Engines and Rocket Engines

The Tomahawk surface-to-surface missile uses two stages of propulsion in
sequence. The solid propellant rocket booster lifts the missile away from its
launch platform and is discarded after its operation. A small turbojet engine
sustains the low level flight at nearly constant speed toward the target.

A ducted rocket, sometimes called an air-augmented rocket, combines the
principles of rocket and ramjet engines; it gives higher performance (specific
impulse) than a chemical rocket engine, while operating within the earth’s
atmosphere. Usually the term air-augmented rocket demotes mixing of air
with the rocket exhaust (fuel-rich for afterburning) in proportions that enable
the propulsion device to retain the characteristics typifying a rocket engine, for
example, high static thrust and high thrust-to-weight ratio. In contrast, the
ducted rocket often is like a ramjet in that it must be boosted to operating
speed and uses the rocket components more as a fuel-rich gas generator (liquid,
solid, or hybrid), igniter, and air ejecter pump.

The principles of the rocket and ramjet can be combined so that the two
propulsion systems operate in sequence and in tandem and yet utilize a com-
mon combustion chamber volume as shown in Fig. 1-7. The low-volume con-
figuration, known as an integral rocket-ramjetf, can be attractive in air-
launched missiles using ramjet propulsion (see Ref. 1-8). The transition from
the rocket to the ramjet requires enlarging the exhaust nozzle throat (usually by
ejecting rocket nozzle parts), opening the ramjet air inlet-combustion chamber
interface, and following these two events with the normal ramjet starting
sequence.
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FIGURE 1-6. Simplified schematic diagram of a typical hybrid rocket engine. The
relative positions of the oxidizer tank, high pressure gas tank, and the fuel chamber
with its nozzle depend on the particular vehicle design.

A solid fuel ramjet uses a grain of solid fuel that gasifies or ablates and reacts
with air. Good combustion efficiencies have been achieved with a patented
boron-containing solid fuel fabricated into a grain similar to a solid propellant
and burning in a manner similar to a hybrid rocket propulsion system.

Nuclear Rocket Engines

Three different types of nuclear energy sources have been investigated for
delivering heat to a working fluid, usually liguid hydrogen, which subse-
quently can be expanded in a nozzle and thus accelerated to high ejection
velocities (6000 to 10,000 m/sec). However, none can be considered fully
developed today and none have flown. They are the fission reactor, the
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FIGURE 1-7. Elements of an air-launched missile with integral rocket-ramjet propul-
sion. After the solid propellant has been consumed in boosting the vehicle to flight
speed, the rocket combustion chamber becomes the ramjet combustion chamber with
air burning the ramjet liquid fuel.



1.2. ROCKET PROPULSION 11

radioactive isotope decay source, and the fusion reactor. All three types are
basically extensions of liquid propellant rocket engines. The heating of the
gas is accomplished by energy derived from transformations within the
nuclei of atoms. In chemical rockets the energy is obtained from within
the propellants, but in nuclear rockets the power source is usually separate
from the propellant.

In the nuclear fission reactor rocket, heat can be generated by the fission
of uranium in the solid reactor material and subsequently transferred to the
working fluid (see Refs. 1-9 to 1-11). The nuclear fission rocket is primarily
a high-thrust engine (above 40,000 N) with specific impulse values up to 900
sec. Fission rockets were designed and tested in the 1960s. Ground tests
with hydrogen as a working fluid culminated in a thrust of 980,000 N
(210,000 1b force) at a graphite core nuclear reactor level of 4100 MW
with an equivalent altitude-specific impulse of 848 sec and a hydrogen tem-
perature of about 2500 K. There were concerns with the endurance of the
materials at the high temperature (above 2600 K) and intense radiations,
power level control, cooling a reactor after operation, moderating the high-
energy neutrons, and designing lightweight radiation shields for a manned
space vehicle.

In recent years there have been renewed interest in nuclear fission rocket
propulsion primarily for a potential manned planetary exploration mission.
Studies have shown that the high specific impulse (estimated in some studies
at 1100 sec) allows shorter interplanetary trip transfer times, smaller vehicles,
and more flexibility in the launch time when planets are not in their optimum
relative position.

In the isotope decay engine a radioactive material gives off radiation, which
is readily converted into heat. Isotope decay sources have been used success-
fully for generating electrical power in space vehicles and some have been
flown as a power supply for satellites and deep space probes. The released
energy can be used to raise the temperature of a propulsive working fluid
such as hydrogen or perhaps drive an electric propulsion system. It provides
usually a lower thrust and lower temperature than the other types of nuclear
rocket. As yet, isotope decay rocket engines have not been developed or
flown.

Fusion is the third nuclear method of creating nuclear energy that can heat
a working fluid. A number of different concepts have been studied. To date
none have been tested and many concepts are not yet feasible or practical.
Concerns about an accident with the inadvertent spreading of radioactive
materials in the earth environment and the high cost of development pro-
grams have to date prevented a renewed experimental development of a large
nuclear rocket engine. Unless there are some new findings and a change in
world attitude, it is unlikely that a nuclear rocket engine will be developed or
flown in the next few decades, therefore no further discussion of it is given in
this book.
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Electric Rocket Propulsion

In all electric propulsion the source of the electric power (nuclear, solar radia-
tion receivers, or batteries) is physically separate from the mechanism that
produces the thrust. This type of propulsion has been handicapped by heavy
and inefficient power sources. The thrust usually is low, typically 0.005 to 1 N.
In order to allow a significant increase in the vehicle velocity, it is necessary to
apply the low thrust and thus a small acceleration for a long time (weeks or
months) (see Chapter 19 and Refs. 1-12 and 1-13).

Of the three basic types, electrothermal rocket propulsion most resembles
the previously mentioned chemical rocket units; propellant is heated electri-
cally (by heated resistors or electric arcs) and the hot gas is then thermodyna-
mically expanded and accelerated to supersonic velocity through an exhaust
nozzle (see Fig. 1-8). These electrothermal units typically have thrust ranges of
0.01 to 0.5 N, with exhaust velocities of 1000 to 5000 m/sec, and ammonium,
hydrogen, nitrogen, or hydrazine decomposition product gases have been used
as propellants.

The two other types—the electrostatic or ion propulsion engine and the
electromagnetic or magnetoplasma engine—accomplish propulsion by differ-
ent principles and the thermodynamic expansion of gas in a nozzle, as such,
does not apply. Both will work only in a vacuum. In an ion rocket (see Fig.
1-9) a working fluid (typically, xenon) is ionized (by stripping off electrons)
and then the electrically charged heavy ions are accelerated to very high velo-
cities (2000 to 60,000 m/sec) by means of electrostatic fields. The ions are
subsequently electrically neutralized; they are combined with electrons to pre-
vent the buildup of a space charge on the vehicle.

In the magnetoplasma rocket an electrical plasma (an energized hot gas
containing ions, electrons, and neutral particles) is accelerated by the interac-
tion between electric currents and magnetic fields and ejected at high velocity
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FIGURE 1-8. Simplified schematic diagram of arc-heating electric rocket propulsion
system. The arc plasma temperature is very high (perhaps 15,000 K) and the anode,
cathode, and chamber will get hot (1000 K) due to heat transfer.
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FIGURE 1-9. Simplified schematic diagram of a typical ion rocket, showing the
approximate distribution of the electric power.

(1000 to 50,000 m/sec). There are many different types and geometries. A
simple pulsed (not continuously operating) unit with a solid propellant is
shown in Fig. 1-10. This type has had a good flight record as a spacecraft
attitude control engine.

Other Rocket Propulsion Concepts

Several technologies exist for harnessing solar energy to provide the power for
spacecraft and also to propel spacecraft using electrical propulsion. Solar cells
generate electric power from the sun’s radiation. They are well developed and
have been successful for several decades. Most electric propulsion systems have
used solar cells for their power supply.

Igniter plug
Cathode

Teflon propellant

Plasma exhaust from
parallel rail nozzle

4000

Capacitor

FIGURE 1-10. Simplified diagram of a rail accelerator for self-induced magnetic accel-
eration of a current-carrying plasma. When the capacitor is discharged, an arc is struck
at the left side of the rails. The high current in the plasma arc induces a magnetic field.
The action of the current and the magnetic field causes the plasma to be accelerated at
right angles to both the magnetic field and the current, namely in the direction of the
rails. Each time the arc is created a small amount of solid propellant (Teflon) is vapor-
ized and converted to a small plasma cloud, which (when ejected) gives a small pulse of
thrust. Actual units can operate with many pulses per second.
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An attractive concept, the solar thermal rocket, has large diameter optics to
concentrate the sun’s radiation (e.g., by lightweight precise parabolic mirrors
or Fresnel lenses) onto a receiver or optical cavity. Figure 1-11 shows one
concept and some data is given in Table 2-1. The receiver is made of high
temperature metal (such as tungsten or rhenium) and has a cooling jacket or
heat exchanger. It heats a working fluid, usually liquid hydrogen, up to perhaps
2500°C and the hot gas is controlled by hot gas valves and exhausted through
one or more nozzles. The large mirror has to be pointed toward the sun and
this requires the mirror to be adjustable in its orientation. Performance can be
two to three times higher than that of a chemical rocket and thrust levels in
most studies are low (1 to 10 N). Since large lightweight optical elements
cannot withstand drag forces without deformation, the optical systems are
deployed outside the atmosphere. Contamination is negigible, but storage or
refueling of liquid hydrogen is a challenge. Problems being investigated include
rigid, lightweight mirror or lens structures, operational life, minimizing hydro-
gen evaporation, and heat losses to other spacecraft components. To date the
solar thermal rocket has not yet provided the principal thrust of a flying space-
craft.

The solar sail is another concept. It is basically a big photon reflector sur-
face. The power source for the solar sail is the sun and it is external to the
vehicle (see Ref. 1-14). Approaches using nuclear explosions and pulsed
nuclear fusion have been analyzed (Refs. 1-15 and 1-16), but are not yet
feasible. Concepts for transmitting radiation energy (by lasers or microwaves)
from earth stations to satellites have been proposed, but are not yet developed.
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FIGURE 1-11. Simplified schematic diagram of a solar thermal rocket concept.
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International Rocket Propulsion Effort

Active development or production of rocket propulsion systems is currently
under way in more than 30 different countries. Some of them have made
significant and original contributions to the state of the art of the technologies.
There is mention in this book of a few foreign rocket units and their accom-
plishments and references to international rocket literature. Although most of
the data in this book are taken from U.S. rocket experience, this is not intended
to minimize foreign achievements.

At the time of this writing the major international program was the
International Space Station (ISS), a multi-year cooperative effort with major
contributions from the USA and Russia and active participation by several
other nations. This manned orbital space station is used for conducting experi-
ments and observations on a number of research projects.

1.3. APPLICATIONS OF ROCKET PROPULSION

Because the rocket can reach a performance unequaled by other prime movers,
it has its own fields of application and does not usually compete with other
propulsion devices. Examples of important applications are given below and
discussed further in Chapter 4.

Space Launch Vehicles

Between the first space launch in 1957 and the end of 1998 approximately 4102
space launch attempts have taken place in the world and all but about 129 were
successful (see Ref. 1-17). Space launch vehicles or space boosters can be clas-
sified broadly as expendable or recoverable/reusable. Other bases of classifica-
tion are the type of propellant (storable or cryogenic liquid or solid
propellants), number of stages (single-stage, two-stage, etc.), size/mass of pay-
loads or vehicles, and manned or unmanned. Figure 1-12 shows the Titan III-
C space launch vehicle, one member of the Titan family of storable propellant
space launch vehicles, which is used extensively for boosting satellites into
synchronous earth orbit or into escape trajectories for planetary travel. This
heavy-duty launch vehicle consists of the basic 2-stage Titan III standard
launch vehicle (liquid propellant rockets) supplemented by two solid propellant
“strap-on motors.” A fourth stage, known as the transtage, permits a wide
variety of maneuvers, orbit changes, and trajectory transfers to be accom-
plished with the payload, which can be one or more satellites or spacecraft.
Each space launch vehicle has a specific space flight objective, such as an
earth orbit or a moon landing. It uses between two and five stages, each with its
own propulsion system, and each is usually fired sequentially after the lower
stage is expended. The number of stages depends on the specific space trajec-
tory, the number and types of maneuvers, the energy content of a unit mass of
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FIGURE 1-12. Titan III launch vehicle shortly after lift-off, with bright radiant exhaust
gas. Two solid propellant rocket motors, each providing about 2.4 million pounds of
thrust, boost the first stage, which also gets a sustained thrust of 470,000 pounds from
two liquid rocket engines. The second stage has 100,000 pounds of thrust from a single
liquid rocket engine, and one version of the third stage has two liquid rocket engines,
each at 16,000 pounds of thrust.
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the propellant, and other factors. The initial stage, usually called the booster
stage, is the largest and it is operated first; this stage is then separated from the
ascending vehicle before the second-stage rocket propulsion system is ignited
and operated. As will be explained in Chapter 4, adding an extra stage permits
a significant increase in the payload (such as more scientific instruments or
more communications gear).

Each stage of a multistage launch vehicle is essentially a complete vehicle
in itself and carries its own propellant, its own rocket propulsion system or
systems, and its own control system. Once the propellant of a given stage is
expended, the dead mass of that stage (including empty tanks, cases, instru-
ments, etc.) is no longer useful in providing additional kinetic energy to the
succeeding stages. By dropping off this useless mass it is possible to accel-
erate the final stage with its useful payload to a higher terminal velocity
than would be attained if multiple staging were not used. Both solid pro-
pellant and liquid propellant rocket propulsion systems have been used for
low earth orbits.

A single stage to orbit vehicle, attractive because it avoids the costs and
complexities of staging, is expected to have improved reliability (simple struc-
tures, fewer components), and some versions may be recoverable and reusa-
ble. However, its payload is relatively very small. A low earth orbit (say 100
miles altitude) can only be achieved with such a vehicle if the propellant
performance is very high and the structure is efficient and low in mass.
Liquid propellants such as liquid hydrogen with liquid oxygen are usually
chosen.

The missions and payloads for space launch vehicles are many, such as
military (reconnaissance satellites, command and control satellites), non-mili-
tary government (weather observation satellites, GPS or geopositioning satel-
lites), space exploration (space environment, planetary missions), or
commercial (communication satellites). Forecasts indicate that a large number
of future commercial communications satellites will be needed.

Table 1-3 lists several important U.S. launch vehicles and their capabilities
and Table 1-4 gives data on the Space Shuttle, which is really a combination of
launch vehicle, spacecraft, and a glider. It can be seen that the thrust levels are
highest for booster or first stages and are relatively high for upper stages
(thousands of pounds). Only for the attitude control system of the vehicle
(also called reaction control in Table 1-4) are the thrust levels low (from a
fraction of a pound for small spacecraft to as high as about 1000 pounds thrust
in the space shuttle vehicle). Frequent propulsion starts and stops are usually
required in these applications.

Spacecraft

Depending on their missions, spacecraft can be categorized as earth satellites,
lunar, interplanetary, and trans-solar types, and as manned and unmanned
spacecraft. Rocket propulsion is used for both primary propulsion (i.e.,
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TABLE 1-3. Selected United States Space Launch Vehicles

Two-stage
Payload Weight

Three-stage
Payload Weight

Number of 100 n-mi (185 km) Geosynchronous
Engines Thrust Launch Orbit) Orbit
or Motors Mass
Name Stage per Stage kN 1bf Propellants (metric tons) kg Ibf kg 1bf
Titan 34D 1091 13,600 30,000 1820 4000
0 2 10,750 2,400,000 vac  Solid composite
1 2 2370 529,000 N,04/N,H;
2 1 452 101,000} + UDMH
3 1 107 23,800 Solid composite
Delta 11 6925 132 2545 5600 1454 3200
0 6+3 443.5 Each 97,000 SL  Solid composite
1 1 927 207,000 SL LO,/RP-1
1037 231,700 vac
2 | 432 9645 N,0,/N,H,
- UDMH
3 1 67.6 15,100 vac Solid composite
Atlas Centaur 141 2772 6100 1545 3400
L 2 Each 829 SL  Each 185,000 SL LO;/RP-1
1 1 269 60,000 LO,/RP-1
2 2 Each 74 vac Each 16,500 vac LO,/LH,
Pegasus 23.1 490 1078 NA NA
(air-launched) {Three stages)
1 1 726 163,000 Solid
2 1 196 44,200 Solid
3 1 36 8060 Solid

“SL” refers to sea level and “vac™ refers to altitude or vacuum conditions.
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TABLE 1-4. Propulsion Systems for the Space Shuttle

Number of
Propulsion Starts and Propellant
System Typical and Specific
Vehicle Section (No. of Units) Burn Time Impulse Thrust Mission
Shuttle orbiter Space Shuttle main Start at launch Liquid 1670 kN each Lift orbiter off ground
engine (3) 8.4 min duration hydrogen-liquid (375,000 Ib) at sea and accelerate to
oXygen level orbit velocity.
Life: 55 starts and 4464 N-sec/kg 2100 kN each Individual engines can
7.5 hr (455 sec) (470,000 1bf) at be shut down to
space vacuum reduce thrust level.
Throttled 109 to 65%
of rated power
Orbital maneuver 3 to 10 starts/mission; See Note 1; 27 kN each (6000 1bf) Insert orbiter vehicle
systems (2) designed for 1000 I, = 313 sec in vacuum into earth orbit,

Solid rocket boosters
(SRBs)

Reaction control system,

38 primary thrusters,
6 vernier thrusters

Attached to external
tank; multisection,
2 units

Separation rocket
motors; 16 units

starts, 100 flights,
15 hours of
cumulative time

Multiple operations;
thousands of starts;
duration from a few
milliseconds to
seconds

Single start at launch
2 min

4 each at forward
frustum and aft
skirt; 0.66 sec,
nominal

See Note 1; [, =
280-304 sec,
depending on
nozzle area
ratio

See Note 2

Solid propellant;
I, = 250 sec

Primary thruster
3870 N each

(870 Ibf), vernier
thruster 106.8 N
each (25 1bf)

14,700 kN each, or
3.3 x 10° Ibf each

97.840 N each or
22,000 1bf

correct orbit, abort,
and deorbit
maneuver.

Small vehicle velocity
adjustments and
attitude control
during orbit
insertion, on orbit
corrections,
rendezvous, and
reentry.

Boost Shuttle vehicle
to about 5500 km/hr

Move SRB away from
vehicle after cut-off

Notes:

1. MMH, monomethylhydrazine and NTO, nitrogen tetroxide.
2. 70% Ammonium perchlorate; 16% aluminum; 12% polybutadiene acrylic acid binder; 2% epoxy curing agent.



20 CLASSIFICATION

along the flight path, such as for orbit insertion or orbit change maneuvers)
and secondary propulsion functions in these vehicles. Some of the secondary
propulsion functions are attitude control, spin control, momentum wheel and
gyro unloading, stage separation, and the settling of liquids in tanks. A space-
craft usually has a series of different rocket propulsion systems, some often
very small. For spacecraft attitude control about three perpendicular axes, each
in two rotational directions, the system must allow the application of pure
torque for six modes of angular freedom, thus requiring a minimum of 12
thrust chambers. Some missions require as few as four to six rocket units
whereas the more complex manned spacecraft have 40 to 80 rocket units in
all of its stages. Often the small attifude control rockets must give pulses or
short bursts of thrust, necessitating thousands of restarts.

Table 1-5 presents a variety of spacecraft along with their weights, missions,
and propulsion. Although only U.S. launch vehicles are listed in this table,
there are also launch vehicles developed by France, the European Space
Agency, Russia, Japan, China, India, and Israel that have successfully
launched payloads into satellite orbits. They use rocket propulsion systems
that were developed in their own countries.

The U.S. Space Shuttle program, using technology and experience from the
X-15 rocket-powered research airplane, the Mercury and Gemini orbital
flights, the Apollo lunar flight program, and Skylab, provided the first reusable
spacecraft that lands on a runway. Figure 1-13 shows the basic configuration
of the Space Shuttle, which consists of two stages, the booster and the orbiter.
It shows all the 67 rocket propulsion systems of the shuttle. The orbiter is really
a reusable combination vehicle, namely a spacecraft combined with a glider.
The two solid propellant rocket motors are the largest in existence; they are
equipped with parachutes for sea recovery of the burned-out motors. The large
liquid oxygen/liquid hydrogen (LO,/LH,) external tank is jettisoned and
expended just before orbit insertion (see Ref. 1-18). Details of several of
these Space Shuttle rocket propulsion systems are given elsewhere in this
book. The Space Shuttle accomplishes both civilian and military missions of
placing satellites in orbit, undertaking scientific exploration, and repairing,
servicing, and retrieving satellites.

A reusable single stage to orbit, experimental vehicle with a novel rocket
engine is currently (1997) under development in the USA. It is a combination
launch vehicle and spacecraft. The design takes advantage of advances in light-
weight structures, a clever lifting aerodynamic body concept, and a tailored
novel rocket engine that requires little space and fits well into the flight vehicle.
This engine, known as a linear aerospike, has a novel configuration and is
described further in Chapter 8.

The majority of spacecraft have used liquid propellant engines, with solid
propellant boosters. Several spacecraft have operated successfully with electri-
cal propulsion for attitude control. Electrical propulsion systems will probably
also be used for some primary and secondary propulsion missions on long-
duration space flights, as described in Chapter 19.



TABLE 1-5. Selected United States Spacecraft

Space Maneuver Propulsion

Weight
Name Thrust (Ibf) Propellants® (1bf) Remarks
Mariner 69 50 (primary) Hydrazine monopropellant 1100 Flyby of Venus/Mercury
1.0 (secondary) Hydrazine monopropellant
Pioneer 10, 11 50 (primary) Hydrazine monopropellant 570 Fly to Jupiter and beyond
Viking 600 (primary) Hydrazine monopropellant 7500 Mars orbiter with soft lander
5.0 (secondary) Hydrazine monopropeilant
Nimbus 5 0.5 {secondary) Stored nitrogen 1700 Weather satellite
Apollo command and service 20,500 (primary) N,0,4/50:50 UDMH 64,500 Manned lunar landing
module 100 1bf 16 units —N,H,
93 1bf 6 units (secondary) N,04/MMH
Space Shuttle orbiter Two 6000-1bf units (primary) N,O0;/MMH 150,000 Reusable spacecraft with runway landing
38 units @ 900 Ibf (secondary) N,O4/MMH
Six 25-Ibf units (secondary) N,04/MMH
Fleet Communications Satellite 0.1 (secondary) Hydrazine monopropellant 1854 UHF communications
Photo Recon 4.0 (secondary) Hydrazine monopropellant 25,000 Radio/photo communications
Intelsat V communication satellite 0.10 Hydrazine 4180 Resistojet, electric propulsion for N-§
station keeping
Deep Space I (DSI) 0.02 (primary) Xenon 1070 lon propulsion engine for asteroid fly-by

“N, 04, nitrogen tetroxide (oxidizer); MMH, monomethythydrazine (fuel); 50:50 UDMH-N;H,4 is a 50% mixture of unsymmetrical dimethylhydrazine and hydrazine.

4
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FIGURE 1-13. Simplified sketch of the Space Shuttle vehicle. The Shuttle Orbiter—the delta-winged vehicle about the size of a medium-
range jet liner—is a reusable, cargo carrying, spacecraft-airplane combination that takes off vertically and lands horizontally like a glider.
Each shuttle orbiter was designed for a minimum of 100 missions and can carry as much as 65,000 Ib of payload to a low Earth orbit, and a
crew of up to four members and 10 passengers. It can return up to 25,000 1b of payload back to Earth.
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TABLE 1-6. Selected United States Missiles

Mission Diameter Length Launch Weight
Category Name (fr) (fr) Propulsion (Ib)
Surface-to- Minuteman III 6.2 59.8 3 stages, solid 78,000
surface (long Poseidon 6.2 34 2 stages, solid 65,000
range) Titan II 10 103 2 stages, liquid 330,000
Surface-to-air Chaparral 0.42 9.5 I stage, solid 185
(or to missile) Improved Hawk 1.2 16.5 | stage, solid 1398
Standard Missile [.13 15 or 27 2 stage, solid 1350/2996
Redeye 0.24 4 | stage, solid 18
Patriot 1.34 1.74 I stage, solid 1850
Air-to-surface Maverick 1.00 8.2 | stage, solid 475
Shrike 0.67 10 I stage, solid 400
SRAM 1.46 14 2 staged grains 2230
Air-to-air Falcon 0.6 6.5 | stage, solid 152
Phoenix 1.25 13 | stage, solid 980
Sidewinder 0.42 9.5 | stage, solid 191
Sparrow 0.67 12 I stage, solid 515
Antisubmarine Subroc 1.75 22 | stage, solid 4000
Battlefield Lance 1.8 20 2 stages, liquid 2424
Support Hellfire (antitank) 0.58 5.67 | stage, solid 95
(surface-to- Pershing 11 33 34.5 2 stages, solid 10,000
surface, Tow (antitank) 0.58 3.84 | stage, solid 40
short range)
cruise missile Tomahawk 1.74 21 solid booster 3900

(subsonic)

+ turbofan
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TABLE 1-7. Typical Propulsion Characteristics of Some Rocket Applications

Application

Type of Propellant

Thrust Profile

Typical Duration

Maximum
Acceleration®

Large space launch vehicle booster

Antiaircraft or antimissile-missile

Spacecraft orbit maneuvers

Air launched guided missile

Battlefield support—surface
launched

Rocket assisted projectile,
gun launched

Spacecraft attitude control—
large vehicles

Spacecraft attitude control—
small vehicle

Reusable main engines for space
shuttle

Single stage to orbit (has not yet
flown)

Lunar landing

Weather sounding rocket

Antitank

Solid or cryogenic liquid
Solid, some with liquid terminal
divert stage

Storable liquid or cryogenic
liquid
Solid

Solid
Solid

Storable liquid (monopropellant
or bipropellant); electric
propulsion; xenon

Cold or warm gas or storable
liquid, electric propulsion

Cryogenic liquid (O,/Hj)

Cryogenic liquid (O,/H;)

Storable bipropellant
Solid

Solid

Nearly constant thrust

High thrust boost,
decreasing thrust sustain
phase

Restartable

High thrust boost phase
with low thrust or
decreasing thrust for
sustain phase; sometimes
2 pulses

Same as above

Increase and then decrease
in thrust

Many restarts (up to
60,000); pulsing

Same

Variable thrust, many flights
with same engine
Throttled to lower thrust

10:1 thrust variation
Single burn period—often

decreasing thrust
Single burn period

2-8 min
2-75 sec each

Up to 10 min
cumulative duration

Boost: 2-5 sec

Sustain: 10-30 sec

Up to 2 min each stage
A few sec

Up to 1 hr cumulative
duratiaon

Up to 40 min cumulative

8 min, over 7 hr cumulative

in several missions
6-10 min

4 min
5-50 sec

0.2-3 sec

2-6g

S to 20 g, but
can be up to
100 o

0.2-6g

Up to 25g,

Up to 10g,
Up to 20,000 g,

Less than 0.1 g

Same

4-7 £o

Several gg
Upto 15g

Up to 20 g

2g, is acceleration of gravity at the Earth’s surface = 9.8066 m/sec® or 32.17 ft/sec?
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Missiles and Other Applications

Military missiles can be classified as shown in Table 1-6. Rocket propulsion for
new U.S. missiles uses now almost exclusively solid propellant rocket motors.
They can be strategic missiles, such as long-range ballistic missiles (800 to 9000
km range) which are aimed at military targets within an enemy country, or
tactical missiles, which are intended to support or defend military ground
forces, aircraft, or navy ships.

The term surface launch can mean a launch from the ground, the ocean
surface (from a ship), or from underneath the sea (submarine launch). Some
tactical missiles, such as the air-to-surface SRAM missile, have a two-pulse
solid propellant motor, where two separate, insulated grains are in the same
motor case; the time interval before starting the second pulse can be timed to
control the flight path or speed profile. Most countries now have tactical
missiles in their military inventories, and many of these countries have a
capability to produce their own rocket propulsion systems that are used to
propel them.

Other applications of rockets include primary engines for research airplanes,
assist-take-off rockets for airplanes, ejection of crew escape capsules and
stores, personnel ‘“‘propulsion belts,”’and propulsion for target drones, weather
sounding rockets, signal rockets, decoy rockets, spin rockets, vernier rockets,
underwater rockets for torpedoes and missiles, the throwing of lifelines to
ships, and “Fourth of July” rockets.

Tables 1-6 and 1-7 show some parameters of rocket propulsion devices
for different applications. The selection of the best rocket propulsion system
type and design for any given application is a complex process involving
many factors, including system performance, reliability, propulsion system
size, and compatibility, as described in Chapter 17. Comparisons and eva-
luations of many of these criteria are discussed in this book. Many factors,
such as development, production or operating costs, available technology,
and service life, though beyond the scope of this book, enter strongly into
such a selection.
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CHAPTER 2

DEFINITIONS AND FUNDAMENTALS

Rocket propulsion is an exact but not a fundamental subject, and there are no
basic scientific laws of nature peculiar to propulsion. The basic principles are
essentially those of mechanics, thermodynamics, and chemistry.

Propulsion is achieved by applying a force to a vehicle, that is, accelerating
the vehicle or, alternatively, maintaining a given velocity against a resisting
force. This propulsive force is obtained by ejecting propellant at high velocity.
This chapter deals with the definitions and the basic relations of this propulsive
force, the exhaust velocity, and the efficiencies of creating and converting the
energy and other basic parameters. The symbols used in the equations are
defined at the end of the chapter. Wherever possible the American Standard
letter symbols for rocket propulsion (as given in Ref. 2-1) are used.

2.1. DEFINITIONS

The total impulise I, is the thrust force F (which can vary with time) integrated
over the burning time ¢.

t
L:fpm -1
0

For constant thrust and negligible start and stop transients this reduces to

I,=Ft (2-2)

27
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I, is proportional to the total energy released by all the propellant in a propul-
sion system,

The specific impulse I is the total impulse per unit weight of propellant. It is
an important figure of merit of the performance of a rocket propulsion system,
similar in concept to the miles per gallon parameter used with automobiles. A
higher number means better performance. Values of I, are given in many
chapters of this book and the concept of an optimum specific impulse for a
particular mission is introduced later. If the total mass flow rate of propellant is
m and the standard acceleration of gravity at sealevel g, is 9.8066 m/sec2 or
32.174 ft/sec?, then

[y F dt

[ =
g gofmdt

(2-3)

This equation will give a time-averaged specific impulse value for any rocket
propulsion system, particularly where the thrust varies with time. During tran-
sient conditions (during start or the thrust buildup period, the shutdown per-
lod, or during a change of flow or thrust levels) values of I, can be obtained by
integration or by determining average values for F and m for short time inter-
vals. For constant thrust and propellant flow this equation can be simplified;
below, m, is the total effective propellant mass.

Is = II/(mng) (2—4)

In Chapter 3 there is further discussion of the specific impulse. For constant
propellant mass flow m, constant thrust F, and negligibly short start or stop
transients:

Iy = F/(mgo) = F/w

(2-5)
1,/(my,go) = 1;/w

The product m,g, is the total effective propellant weight w and the weight flow
rate is w. The concept of weight relates to the gravitational attraction at or near
sea level, but in space or outer satellite orbits, “weight” signifies the mass
multiplied by an arbitrary constant, namely go. In the Systéme International
(SI) or metric system of units /; can be expressed simply in “seconds,” because
of the use of the constant g;. In the USA today we still use the English
Engineering (EE) system of units (foot, pound, second) in many of the chemi-
cal propulsion engineering, manufacturing, and test operations. In many past
and current US publications, data and contracts, the specific impulse has units
of thrust (1bf) divided by weight flow rate of propellants (Ibf/sec), simplified as
seconds. The numerical value of I is the same in the EE and the SI system of
units. However, the units of /; do not represent a measure of elapsed time, but
a thrust force per unit “weight”-flow-rate. In this book the symbol I, is used for
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the specific impulse, as listed in Ref. 2-1. For solid propellant systems the
symbol I, is sometimes used, as listed in Ref. 2-2.

In a rocket nozzle the actual exhaust velocity is not uniform over the entire
exit cross-section and does not represent the entire thrust magnitude. The
velocity profile is difficult to measure accurately. For convenience a uniform
axial velocity ¢ is assumed which allows a one-dimensional description of the
problem. This effective exhaust velocity ¢ is the average equivalent velocity at
which propellant is ejected from the vehicle. It is defined as

¢ = Lgo = F/m 2-6)

It is given either in meters per second or feet per second. Since ¢ and /; differ
only by an arbitrary constant, either one can be used as a measure of rocket
performance. In the Russian literature ¢ is generally used.

In solid propellant rockets it is difficult to measure the propellant flow rate
accurately. Therefore, the specific impulse is often calculated from total
impulse and the propellant weight (using the difference between initial and
final motor weights and Eq. 2-5). In turn the total impulse is obtained from
the integral of the measured thrust with time, using Eq. 2-1. In liquid propel-
lant units it is possible to measure thrust and instantaneous propellant flow
rate and thus to use Eq. 2-3 for calculation of specific impulse. Eq. 24 allows
another definition for specific impulse, namely, the amount of impulse
imparted to a vehicle per unit sea-level weight of propellant expended.

The term specific propellant consumption refers to the reciprocal of the spe-
cific impulse and is not commonly used in rocket propulsion. It is used in
automotive and duct propulsion systems. Typical values are listed in Table
1-2.

The mass ratio MR of a vehicle or a particular vehicle stage is defined to be
the final mass m; (after rocket operation has consumed all usable propellant)
divided by m1, (before rocket operation). The various terms are depicted in Fig.
4-1.

MR = mf/mo (2—7)

This applies to a single or a multi-stage vehicle; for the latter, the overall mass
ratio is the product of the individual vehicle stage mass ratios. The final mass
my is the mass of the vehicle after the rocket has ceased to operate when all the
useful propellant mass m, has been consumed and ejected. The final vehicle
mass 7, includes all those components that are not useful propellant and may
include guidance devices, navigation gear, payload (e.g., scientific instruments
or a military warhead), flight control systems, communication devices, power
supplies, tank structure, residual or unusable propellant, and all the propulsion
hardware. In some vehicles it can also include wings, fins, a crew, life support
systems, reentry shields, landing gears, etc. Typical values of MR can range
from 60% for some tactical missiles to less than 10% for some unmanned



30 DEFINITIONS AND FUNDAMENTALS

launch vehicle stages. This mass ratio is an important parameter in analyzing
flight performance, as explained in Chapter 4. When MR is applied to a single
stage, then its upper stages become the “payload.”

The propellant mass fraction ¢ indicates the fraction of propellant mass m, in
an initial mass m,. It can be applied to a vehicle, a stage of a vehicle or to a
rocket propulsion system.

§=my/my (2-8)
§ = (mg —mp)/mg = my/(m, + my) (2-9)

When applied to a rocket propulsion system, the mass ratio MR and pro-
pellant fraction ¢ are different from those that apply to a vehicle as described
above. Here the initial or loaded mass m consists of the inert propulsion mass
(the hardware necessary to burn and store the propellant) and the effective
propellant mass. It would exclude masses of nonpropulsive components, such
as payload or guidance devices. For example, in a liquid propellant rocket
engine the final or inert propulsion mass m, would include the propellant
feed tanks, the pressurization system (with turbopump and/or gas pressure
system), one or more thrust chambers, various piping, fittings and valves, an
engine mount or engine structure, filters and some sensors. The residual or
unusable remaining propellant is usually considered to be part of the final
inert mass my, as it will be in this book. However, some rocket propulsion
manufacturers and some literature assign residuals to be part of the propellant
mass m,. When applied to a rocket propulsion system, the value of the pro-
pellant mass fraction ¢ indicates the quality of the design; a value of, say, 0.91
means that only 9% of the mass is inert rocket hardware and this small fraction
contains, feeds, and burns a substantially larger mass of propellant. A high
value of ¢ is desirable.

The impulse-to-weight ratio of a complete propulsion system is defined as the
total impulse 7, divided by the initial or propellant-loaded vehicle weight wy. A
high value indicates an efficient design. Under our assumptions of constant
thrust and negligible start and stop transients, it can be expressed as

I 1,

A (2-11)
wo  (my + m,)go
I
=5 2-12
my/m, + 1 ( )

The thrust to weight ratio F /wy expresses the acceleration (in multiples of the
earth’s surface acceleration of gravity) that the engine is capable of giving to its
own loaded propulsion system mass. For constant thrust the maximum value
of the thrust to weight ratio, or maximum acceleration, occurs just before
termination or burnout because the vehicle mass has been diminished by the
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mass of useful propellant. Values of F/w are given in Table 2—-1. The thrust to
weight ratio 1s useful to compare different types of rocket systems.

Example 2-1. A rocket projectile has the following characteristics:

Initial mass 200 kg
Mass after rocket operation 130 kg
Payload, nonpropulsive structure, etc. 110 kg
Rocket operating duration 3.0 sec
Average specific impulse of propellant 240 sec

Determine the vehicle’s mass ratio, propellant mass fraction, propellant flow rate,
thrust, thrust-to-weight ratio, acceleration of vehicle, effective exhaust velocity, total
impulse, and the impulse-to-weight ratio.

SOLUTION. Mass ratio of vehicle (Eq. 2-8) MR = my/mg = 130/200 = 0.65; mass
ratio of rocket system MR = m,/my = (130 — 110)/(200 — 110) = 0.222. Note that the

empty and initial masses of the propulsion system are 20 and 90 kg, respectively.
The propellant mass fraction (Eq. 2-9) is

¢ = (my — my)/my = (90 — 20)/90 = 0.778

The propellant mass is 200 — 130 = 70 kg. The propellant mass flow rate ism = 70/3 =
23.3 kg/sec,
The thrust (Eq. 2-5) is

F=1Iw=240x233 x9.8] =54,85TN

The thrust-to-weight ratio of the vehicle is

initial value F/wy = 54,857/(200 x 9.81) = 28
final value 54,857/(130 x 9.81) =43

The maximum acceleration of the vehicle is 43 x 9.81 = 421 m/secz. The effective
exhaust velocity (Eq. 2-6) is

¢ = ILg, =240 x 9.81 = 2354 m/ sec
The total impulse (Eqs. 2-2 and 2-5) is
I, = [,w =240 x 70 x 9.81 = 164,808 N-sec

This result can also be obtained by multiplying the thrust by the duration. The impulse-
to-weight ratio of the propulsion system (Eq. 2-11) is

I,/wo = 164,808/[(200 — 110)9.81] = 187
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2.2. THRUST

The thrust is the force produced by a rocket propulsion system acting upon a
vehicle. In a simplified way, it is the reaction experienced by its structure due to
the ejection of matter at high velocity. It represents the same phenomenon that
pushes a garden hose backwards or makes a gun recoil. In the latter case, the
forward momentum of the bullet and the powder charge is equal to the recoil
or rearward momentum of the gun barrel. Momentum is a vector quantity and
is defined as the product of mass times velocity. All ship propellers and oars
generate their forward push at the expense of the momentum of the water or air
masses, which are accelerated towards the rear. Rocket propulsion differs from
these devices primarily in the relative magnitude of the accelerated masses and
velocities. In rocket propulsion relatively small masses are involved which are
carried within the vehicle and ejected at high velocities.

The thrust, due to a change in momentum, is given below. A derivation can
be found in earlier editions of this book. The thrust and the mass flow are
constant and the gas exit velocity is uniform and axial.

dm ) W
F2E022m02:§(;02 (2-13)

This force represents the total propulsion force when the nozzle exit pressure
equals the ambient pressure.

The pressure of the surrounding fluid (i..e, the local atmosphere) gives rise to
the second contribution that influences the thrust. Figure 2-1 shows schema-
tically the external pressure acting uniformly on the outer surface of a rocket
chamber and the gas pressures on the inside of a typical thermal rocket engine.
The size of the arrows indicates the relative magnitude of the pressure forces.
The axial thrust can be determined by integrating all the pressures acting on
areas that can be projected on a plane normal to the nozzle axis. The forces
acting radially outward are appreciable, but do not contribute to the axial
thrust because a rocket is typically an axially symmetric chamber. The condi-
tions prior to entering the nozzle are essentially stagnation conditions.

Because of a fixed nozzle geometry and changes in ambient pressure due to
variations in altitude, there can be an imbalance of the external environment or
atmospheric pressure p; and the local pressure p, of the hot gas jet at the exit
plane of the nozzle. Thus, for a steadily operating rocket propulsion system
moving through a homogeneous atmosphere, the total thrust is equal to

F =mv, + (p, — p3)42 (2-14)

The first term is the momentum thrust represented by the product of the
propellant mass flow rate and its exhaust velocity relative to the vehicle. The
second term represents the pressure thrust consisting of the product of the
cross-sectional area at the nozzle exit 4, (where the exhaust jet leaves the
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FIGURE 2-1. Pressure balance on chamber and nozzle interior walls is not uniform.
The internal gas pressure (indicated by length of arrows) is highest in the chamber (p;)
and decreases steadily in the nozzle until it reaches the nozzle exit pressure p,. The
external or atmospheric pressure p; is uniform. At the throat the pressure is p,. The
four subscripts (shown inside circles) refer to the quantities 4, v, T, and p at specific
locations.

vehicle) and the difference between the exhaust gas pressure at the exit and the
ambient fluid pressure. If the exhaust pressure is less than the surrounding fluid
pressure, the pressure thrust is negative. Because this condition gives a low
thrust and is undesirable, the rocket nozzle is usually so designed that the
exhaust pressure is equal or slightly higher than the ambient fluid pressure.

When the ambient atmosphere pressure is equal to the exhaust pressure, the
pressure term is zero and the thrust is the same as in Eq. 2-13. In the vacuum
of space p; = 0 and the thrust becomes

F= m’()z +p2A2 (2—1 5)

The pressure condition in which the exhaust pressure is exactly matched to
the surrounding fluid pressure (p, = ps) is referred to as the rocket nozzle with
optimum expansion ratio. This is further elaborated upon in Chapter 3.

Equation 2-14 shows that the thrust of a rocket unit is independent of the
flight velocity. Because changes in ambient pressure affect the pressure thrust,
there is a variation of the rocket thrust with altitude. Because atmospheric
pressure decreases with increasing altitude, the thrust and the specific impulse
will increase as the vehicle is propelled to higher altitudes. This change in
pressure thrust due to altitude changes can amount to between 10 and 30%
of the overall thrust, as is shown for a typical rocket engine in Fig. 2-2. Table
8-1 shows the sea level and high altitude thrust for several rocket engines.
Appendix 2 gives the properties of the Standard Atmosphere (ambient
pressure).
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FIGURE 2-2. Altitude performance of RS 27 liquid propellant rocket engine used in
early versions of the Delta launch vehicle.

2.3. EXHAUST VELOCITY

The effective exhaust velocity as defined by Eq. 2-6 applies to all rockets that
thermodynamically expand hot gas in a nozzle and, indeed, to all mass expul-
sion systems. From Eq. 2-14 and for constant propellant mass flow this can be
modified to

¢ =0+ (py — p3)Ay/m (2-16)

Equation 2-6 shows that ¢ can be determined from thrust and propellant flow
measurements. When p, = p,, the effective exhaust velocity ¢ is equal to the
average actual exhaust velocity of the propellant gases v,. When p, # p; then
¢ # v;. The second term of the right-hand side of Eq. 2-16 is usually small in
relation to v,; thus the effective exhaust velocity is usually close in value to the
actual exhaust velocity. When ¢ = v, the thrust (from Eq. 2-14) can be rewrit-
ten as

F = (v/go)v, = mc (2-17)

The characteristic velocity has been used frequently in the rocket propulsion
literature. Its symbol ¢*, pronounced “cee-star,” is defined as

¢ = prd,/m (2-18)

The characteristic velocity ¢* is used in comparing the relative performance of
different chemical rocket propulsion system designs and propellants; it is easily
determined from measured data of w1, p;, and A,. It relates to the efficiency of
the combustion and is essentially independent of nozzle characteristics.
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However, the specific impulse I; and the effective exhaust velocity ¢ are func-
tions of the nozzle geometry, such as the nozzle area ratio 4,/4,, as shown in
Chapter 3. Some values of I, and ¢* are given in Tables 54 and 5-5.

Example 2-2. The following measurements were made in a sea level test of a solid
propellant rocket motor:

Burn duration 40 sec
Initial mass before test 1210 kg
Mass of rocket motor after test 215 kg
Average thrust 62,250 N
Chamber pressure 7.00 MPa
Nozzle exit pressure 0.070 MPa
Nozzle throat diameter 0.0855 m
Nozzle exit diameter 0.2703 m

Determine #1, vy, ¢, ¢, and I, at sea level, and c and I, at 1000 and 25,000 m altitude.
Assume an invariant thrust and mass flow rate and negligible short start and stop
transients.

SOLUTION. The mass flow rate 1 is determined from the total propellant used (initial
motor mass — final motor mass) and the burn time.

m = (1210 — 215)/40 = 24.9 kg/ sec
The nozzle areas at the throat and exit are

A, = nD*/4 = 7 x 0.08552/4 = 0.00574 m’
Ay = nD?/4 = 1 x 0.2703% /4 = 0.0574 m®

Equation 2-14 is to be solved for v,, the actual average exhaust velocity.

vy = F/m — (p2 — p3)A2/m
= 62,250/24.9 — (0.070 — 0.1013)10° x 0.0574/24.9
= 2572 m/sec

The characteristic velocity and effective exhaust velocity are found from Eqgs. 2-6 and 2—
18 for sea level conditions.

c =p4,/m="1700 x 10% x 0.00574/24.9 = 1613 m/ sec
I, = F/mgy = 62,250/(24.9 x 9.81) = 255 sec
¢ = Igg=255%x9.81=2500 m/sec

For altitudes of 1000 and 25,000 m the ambient pressure (see Appendix 2) is 0.0898 and
0.00255 MPa. From Eq. 2-16 the altitude values of ¢ can be obtained.

¢ =wvy + (py — p3)Aa/m
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At 1000 m altitude,

¢ = 2572+ (0.070 — 0.0898) x 10° x 0.0574/24.9 = 2527 m/ sec
I, =2527/9.81 = 258 sec

At 25,000 m altitude,

¢ = 2572+ (0.070 — 0.00255) x 10° x 0.0574/24.9 = 2727 m/ sec
I, =2727/9.80 = 278 sec

2.4. ENERGY AND EFFICIENCIES

Although efficiencies are not commonly used directly in designing rocket units,
they permit an understanding of the energy balance of a rocket system. Their
definitions are arbitrary, depending on the losses considered, and any consis-
tent set of efficiencies, such as the one presented in this section, is satisfactory in
evaluating energy losses. As stated previously, two types of energy conversion
processes occur in any propulsion system, namely, the generation of energy,
which is really the conversion of stored energy into available energy and,
subsequently, the conversion to the form in which a reaction thrust can be
obtained. The kinetic energy of ejected matter is the form of energy useful for
propulsion. The power of the jet Pj is the time rate of expenditure of this
energy, and for a constant gas ejection velocity v this is a function of I; and F

Pioy = 3’ = LiigoI] = § Fegol, = 3 Foy (2-19)

The term specific power is sometimes used as a measure of the utilization of
the mass of the propulsion system including its power source; it is the jet power
divided by the loaded propulsion system mass, Pj.;/my. For electrical propul-
sion systems which carry a heavy, relatively inefficient energy source, the spe-
cific power can be much lower than that of chemical rockets. The energy input
from the energy source to the rocket propulsion system has different forms in
different rocket types. For chemical rockets the energy is created by combus-
tion. The maximum energy available per unit mass of chemical propellants is
the heat of the combustion reaction Qp; the power input to a chemical engine is

Pehem = mQRJ (2—20)

where J is a conversion constant which depends on the units used. A large
portion of the energy of the exhaust gases is unavailable for conversion into
kinetic energy and leaves the nozzle as residual enthalpy. This is analogous to
the energy lost in the high-temperature exhaust gases of internal combustion
engines.
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The combustion efficiency for chemical rockets is the ratio of the actual and
the ideal heat of reaction per unit of propellant and is a measure of the source
efficiency for creating energy. Its value is high (approximately 94 to 99%), and
it is defined in Chapter 5. When the power input Py, is multiplied by the
combustion efficiency, it becomes the power available to the propulsive device,
where it is converted into the kinetic power of the exhaust jet. In electric
propulsion the analogous efficiency is the power conversion efficiency. For
solar cells it has a low value; it is the efficiency for converting solar radiation
energy into electric power (10 to 20%).

The power transmitted io the vehicle at any one time is defined in terms of the
thrust of the propulsion system F and the vehicle velocity u:

Poehicie = Fu (2-21)

The internal efficiency of a rocket propulsion system is an indication of the
effectiveness of converting the system’s energy input to the propulsion device
into the kinetic energy of the ejected matter; for example, for a chemical unit it
is the ratio of the kinetic power of the ejected gases expressed by Eq. 2-19
divided by the power input of the chemical reaction as given in Eq. 2-20.
Internal efficiencies are used in Example 2-3. The energy balance diagram
for a chemical rocket (Fig. 2-3) shows typical losses. The internal efficiency
can be expressed as

1 2

kinetic power in jet MW

- = 2-22
Hint available chemical power  9combPehem ( )

Heat loss to walls

Combustion loss
(poor mixing, .
incomplete burning) Unavailable thermal
-

energy of exhaust jet

T p——
Residual kinetic energy
L of exhaust gases
s 1009  |99% lov% | —7 010 50%
. 40t070%
— <

| Useful energy for
L vehicle propuision
Kinetic energy of exhaust jet

L Total energy of exhaust jet

‘—Available energy in combustion chamber

LHeating value of propellants

FIGURE 2-3. Typical energy balance diagram for a chemical rocket.
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Typical values of n;,, are listed later in Example 2-3.

The propulsive efficiency (Fig. 2-4) determines how much of the kinetic
energy of the exhaust jet is useful for propelling a vehicle. It is also used
often with duct jet engines and is defined as

vehicle power

TP = Sehicle power + residual kinetic jet power

(2-23)
Fu 2u/c

T Fut10v/go)c —w? 1+ (/)

where F is the thrust, v the absolute vehicle velocity, ¢ the effective rocket
exhaust velocity with respect to the vehicle, w the propellant weight flow
rate, and 7, the propulsive efficiency. The propulsive efficiency is a maximum
when the forward vehicle velocity is exactly equal to the exhaust velocity. Then
the residual kinetic energy and the absolute velocity of the jet are zero and the
exhaust gases stand still in space.

While it is desirable to use energy economically and thus have high efficien-
cies, there is also the problem of minimizing the expenditure of ejected mass,
which in many cases is more important than minimizing the energy. In nuclear
reactor energy and some solar energy sources, for example, there is an almost
unlimited amount of heat energy available; yet the vehicle can only carry a
limited amount of working fluid. Economy of mass expenditures of working
fluid can be obtained if the exhaust velocity is high. Because the specific
impulse is proportional to the exhaust velocity, it is a measure of this propel-
lant mass economy.

8

/

n
(=)

Propulsive efficiency, per cent
5 3
S
\

0 1.0 20 3.0
Velocity ratio, u/c

FIGURE 2-4. Propulsive efficiency at varying velocities.
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2.5. TYPICAL PERFORMANCE VALUES

Typical values of representative performance parameters for different types of
rocket propulsion are given in Table 2-1 and in Fig. 2-5.

Chemical rockets have relatively low values of specific impulse, relatively
light machinery (i.e., low engine weight), a very high thrust capability, and
therefore high acceleration and high specific power. At the other extreme,
the ion propulsion devices have a very high specific impulse, but they must
carry a heavy electrical power source with them to deliver the power necessary
for high ejection velocities. The very low acceleration potential for the electrical
propulsion units and those using solar radiation energy usually requires a long
period for accelerating and thus these systems are best used for missions where
the flight time is long. The low thrust values of electrical systems imply that
they are not useful in fields of strong gravitational gradients (for takeoff or
landing) but are best used in a true space flight mission.

The chemical systems (solid and liquid propellant rockets) are fully devel-
oped and widely used for many different vehicle applications. They are
described in Chapters 5 to 15. Electrical propulsion has been in operation in
many space flight applications (see Chapter 19). Some of the other types are
still in their exploratory or development phase, but may become useful.

Example 2-3. As a comparison of different propulsion systems, compute the energy
input and the propellant flow required for 100 N thrust with several types of propulsion
systems.

SOLUTION. From Equations 2-13 and 2-19,

_ m=F/lg)
power Input = Piei/Nipy = %mvz/ Mint

From Table 2-1 typical values of I, and from experience typical internal efficiencies were
selected. Depending on the propellant and the design, these values may vary somewhat.
The equations above were solved for r1 and the power input asindicated in the table below.

vy m Power Input
Engine Type Tint I (m/sec) (kg/sec) kW)
Chemical rocket 0.50 300 2940 0.0340 294
Nuclear fission 0.50 800 7840 0.0128 787
Arc—electrothermal 0.50 600 5880 0.0170 588
Ton electrostatic 0.90 2000 19,600 0.0051 1959

More than half a megawatt of power is needed for the last three propulsion systems, but
the propellant flows are small. The data for the last two types are illustrative, but
hypothetical. To date the largest experimental units have been about 120 kW for arcjets
and perhaps 10 kW with ion propulsion. Although thruster designs for megawatt-level
units are feasible, it is unlikely that the needed flight-qualified electrical power generator
would be available in the next decade.
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TABLE 2-1. Ranges of Typical Performance Parameters for Various Rocket Propulsion Systems

Specific Maximum Specific Typical
Impulse” Temperature Thrust-to- Propulsion Power® Working Status of
Engine Type (sec) °O) Weight Ratio”  Duration  (kW/kg) Fluid Technology
Chemical—solid or 200410 25004100 1072-100 Seconds toa 107107 Liquid or solid Flight proven
liquid bipropellant few minutes propellants
Liquid monopropellant 180-223 600800 1071072 Seconds to 0.02-200 N,H, Flight proven
minutes
Nuclear fission 500-860 2700 10730 Seconds to 107'-10° H, Development
minutes was stopped
Resistojet 150-300 2900 1072-107*  Days 1073-107! H,, N,H, Flight proven
Arc heating—electrothermal  280-1200 20,000 107-1072  Days 10731 N,H,,H,,NH; Flight proven
Electromagnetic including 700-2500 107%-107%  Weeks 10731 H, Flight proven
Pulsed Plasma (PP) Solid for PP
Hall effect 1000-1700 — 10~ Weeks 1075 x 107" Xe Flight proven
Ion—electrostatic 1200-5000 — 107°-10"* Months 1071 Xe Several have
flown
Solar heating 400-700 1300 107321072 Days 1072-1 H, In development

“At p; = 1000 psia and optimum gas expansion at sea level (Ip, = p; = 14.7 psia).
Ratio of thrust force to full propulsion system sea level weight (with propellants, but without payload).
“Kinetic power per unit exhaust mass flow.
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FIGURE 2-5. Exhaust velocities as a function of typical vehicle accelerations. Regions
indicate approximate performance values for different types of propulsion systems. The
mass of the vehicle includes the propulsion system, but the payload is assumed to be
Zero.

PROBLEMS

When solving problems, three appendixes (see end of book) may be helpful:

Appendix 1. Conversion Factors and Constants
Appendix 2. Properties of the Earth’s Standard Atmosphere
Appendix 3. Summary of Key Equations

1. Prove that the value of the reaction thrust F equals twice the total dynamic pressure
across the area 4 for an incompressible fluid as shown below.

Flow rate w
\]\\\l/ (( veiocity o
“‘j—\—_:
Force F :—:S'i:i
— —=—""__
- —— Area A
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2.

DEFINITIONS AND FUNDAMENTALS

The following data are given for a certain rocket unit: thrust, 8896 N; propellant
consumption, 3.867 kg/sec; velocity of vehicle, 400 m/sec; energy content of propel-
lant, 6.911 MJ/kg. Assume 100% combustion efficiency.

Determine () the effective velocity; () the kinetic jet energy rate per unit flow of
propellant; (¢) the internal efficiency; (d) the propulsive efficiency; (e) the overall
efficiency; (f) the specific impulse; (g) the specific propellant consumption.
Answers: (a) 2300 m/sec; (b) 2.645 MI-sec/kg; (¢) 38.3%; (d) 33.7%; (e) 13.3%; (f)
234.7 sec; (g) 0.00426 sec™!.

. A certain rocket has an effective exhaust velocity of 7000 ft/sec; it consumes

280 lbm/sec of propellant mass, each of which liberates 2400 Btu/lbm. The unit
operates for 65 sec. Construct a set of curves plotting the propulsive, internal, and
overall efficiencies versus the velocity ratio u/c (0 < u/c < 1.0). The rated flight velo-
city equals 5000 ft/sec. Calculate (@) the specific impulse; (b) the total impulse; (c) the
mass of propellants required; (d) the volume that the propellants occupy if their
average specific gravity is 0.925.

Answers: (a) 217.5 sec; (b) 3,960,000 1bf-sec; (c) 18,200 1bm; (d) 315 fee.

. For the rocket in Problem 2, calculate the specific power, assuming a propulsion

system dry mass of 80 kg and a duration of 3 min.

. For the values given in Table 2-1 for the various propulsion systems, calculate the

total impulse for a fixed propellant mass of 2000 kg.

. A jet of fluid hits a stationary flat plate in the manner shown below.

(a) If there is 50 kg of fluid flowing per minute at an abolute velocity of 200 m/sec,
what will be the force on the plate?
Answer: 167 N.

(b) What will this force be when the plate moves in the direction of flow at u = 50
km/h?
Answer: 144 N.

/.
Velocity ¢ J\J‘ﬁ

—_—

. Plot the variation of the thrust and specific impulse against altitude, using the

atmospheric pressure information given in Appendix 2, and the data for the
Minuteman first-stage rocket thrust chamber in Table 11-3. Assume that
p> = 8.66 psia.

. Derive an equation relating the mass ratio MR and the propellant mass fraction.

Answer: £ =1 —MR.
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SYMBOLS (English engineering units are given in parentheses)

I NN

ha R ey

3 3

my

my

area, m* (ft?)

nozzle throat area, m? (ftz)

exist area of nozzle, m? (ftz)

effective velocity, m/sec (ft/sec)

characteristic velocity, m/sec (ft/sec)

energy, J (ft-1bf)

thrust force, N (Ibf)

standard sea level acceleration of gravity, 9.80665 m/sec2
(32.174 ft/sec?)

specific impulse, sec

impulse or total impulse, N-sec (Ibf-sec)

conversion factor or mechanical equivalent of heat, 4.184 J/cal or 1055

J/Btu or 778 ft-lbf/Btu.

mass, kg (slugs) (1 slug = mass of 32.174 Ib of weight at sea level)

mass flow rate, kg/sec (Ilbm/sec)

final mass (after rocket propellant is ejected), kg (Ibm or slugs)

propellant mass, kg (Ibm or slugs)

initial mass (before rocket propellant is ejected), kg (Ibm or slugs)

mass ratio (my/myg)

pressure, pascal [Pa] or N/m? (lbf/ftz)

ambient or atmospheric pressure, Pa (Ibf/ft?)

rocket gas pressure at nozzle exit, Pa (Ibf/ft?)

chamber pressure, Pa (lbf/ftz)

power, J/sec (ft-1bf/sec)

specific power, J/sec-kg (ft-1bf/sec-1bm)

heat of reaction per unit propellant, J/kg (Btu/lbm)

time, sec

vehicle velocity, m/sec (ft/sec)

gas velocity leaving the rocket, m/sec (ft/sec)

weight, N or kg-m/sec? (Ibf)

weight flow rate, N/sec (Ibf/sec)

initial weight, N or kg-m/sec’ (Ibf)

Greek Letters

¢

n
Ncomb
Mint
Np

propellant mass fraction
efficiency

combustion efficiency
internal efficiency
propulsive efficiency
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CHAPTER 3

NOZZLE THEORY AND
THERMODYNAMIC RELATIONS

Thermodynamic relations of the processes inside a rocket nozzle and chamber
furnish the mathematical tools needed to calculate the performance and deter-
mine several of the key design parameters of rocket propulsion systems. They
are useful as a means of evaluating and comparing the performance of various
rocket systems; they permit the prediction of the operating performance of any
rocket unit that uses the thermodynamic expansion of a gas, and the determi-
nation of several necessary design parameters, such as nozzle size and generic
shape, for any given performance requirement. This theory applies to chemical
rocket propulsion systems (both liquid and solid propellant types), nuclear
rockets, solar heated and resistance or arc heated electrical rocket systems,
and to any propulsion system that uses the expansion of a gas as the propulsive
mechanism for ejecting matter at high velocity.

These thermodynamic relations, which are fundamental and important in
analysis and design of rocket units, are introduced and explained in this chap-
ter. The utilization of these equations should give the reader a basic under-
standing of the thermodynamic processes involved in rocket gas behavior and
expansion. A knowledge of elementary thermodynamics and fluid mechanics
on the part of the reader is assumed (see Refs. 1-1, 3-1, 3-2, and 3-3). This
chapter also addresses different nozzle configurations, non-optimum perfor-
mance, energy losses, nozzle alignment, variable thrust and four different ways
for establishing nozzle performance parameters.

45
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3.1. IDEAL ROCKET

The concept of ideal rocket propulsion systems is useful because the relevant
basic thermodynamic principles can be expressed as simple mathematical rela-
tionships, which are given in subsequent sections of this chapter. These equa-
tions theoretically describe a quasi-one-dimensional nozzle flow, which
corresponds to an idealization and simplification of the full two- or three-
dimensional equations and the real aerothermochemical behavior. However,
with the assumptions and simplifications stated below, they are very adequate
for obtaining useful solutions to many rocket propulsion systems. For chemical
rocket propulsion the measured actual performance is usually between 1 and
6% below the calculated ideal value. In designing new rockets, it has become
accepted practice to use ideal rocket parameters which can then be modified by
appropriate corrections, such as those discussed in Section S of this chapter. An
ideal rocket unit is one for which the following assumptions are valid:

1. The working substance (or chemical reaction products) is homogeneous.

2. All the species of the working fluid are gaseous. Any condensed phases
(liquid or solid) add a negligible amount to the total mass.

3. The working substance obeys the perfect gas law.

4. There is no heat transfer across the rocket walls; therefore, the flow is
adiabatic.

5. There 1s no appreciable friction and all boundary layer effects are
neglected.

6. There are no shock waves or discontinuities in the nozzle flow.

7. The propellant flow is steady and constant. The expansion of the working
fluid is uniform and steady, without vibration. Transient effects (i.e.,
start up and shut down) are of very short duration and may be
neglected.

8. All exhaust gases leaving the rocket have an axially directed velocity.

9. The gas velocity, pressure, temperature, and density are all uniform
across any section normal to the nozzle axis.

10. Chemical equilibrium is established within the rocket chamber and the
gas composition does not change in the nozzle (frozen flow).

11. Stored propellants are at room temperature. Cryogenic propellants are
at their boiling points.

These assumptions permit the derivation of a simple, quasi-one-dimensional
theory as developed in subsequent sections. Later in this book we present more
sophisticated theories or introduce correction factors for several of the items on
the list, and they allow a more accurate determination of the simplified analy-
sis. The next paragraph explains why these assumptions cause only small
eIrors.
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For a liquid propellant rocket the idealized theory postulates an injection
system in which the fuel and oxidizer are mixed perfectly so that a homoge-
neous working substance results. A good rocket injector can approach this
condition closely. For a solid propellant rocket unit, the propellant must essen-
tially be homogeneous and uniform and the burning rate must be steady. For
nuclear, solar-heated or arc-heated rockets, it is assumed that the hot gases are
uniform in temperature at any cross-section and steady in flow. Because cham-
ber temperatures are typically high (2500 to 3600 K for common propellants),
all gases are well above their respective saturation conditions and actually
follow the perfect gas law very closely. Postulates 4, 5, and 6 above allow
the use of the isentropic expansion relations in the rocket nozzle, thereby
describing the maximum conversion of heat to kinetic energy of the jet. This
also implies that the nozzle flow is thermodynamically reversible. Wall friction
losses are difficult to determine accurately but they are usually small in nozzles.
Except for very small chambers, the energy lost as heat to the walls of the
rocket is usually less than 1% (occasionally up to 2%) of the total energy and
can therefore be neglected. Short-term fluctuations of the steady propellant
flow rate and pressure are usually less than 5% of the rated value, their effect
on rocket performance is small and can be neglected. In well-designed super-
sonic nozzles, the conversion of thermal energy into directed kinetic energy of
the exhaust gases proceeds smoothly and without normal shocks or disconti-
nuities; thus the flow expansion losses are generally small.

Some companies and some authors do not include all or the same eleven
items listed above in their definition of an ideal rocket. For example, instead of
assumption 8 (all nozzle exit velocity is axially directed), some use a conical exit
nozzle with a 15° half-angle as their base configuration in their ideal nozzle;
this discounts the divergence losses, which are described later in this chapter.

3.2. SUMMARY OF THERMODYNAMIC RELATIONS

In this section we review briefly some of the basic relationships needed for the
development of the nozzle flow equations. Rigorous derivations and discus-
sions of these relations can be found in many thermodynamics or fluid
dynamics texts, such as Refs. 31 and 3-2.

The principle of conservation of energy can be readily applied to the adia-
batic, no shaft-work process inside the nozzle. Furthermore, without shocks or
friction, the flow entropy change is zero. The concept of enthalpy is useful in
flow systems; the enthalpy comprises the internal thermal energy plus the flow
work (or work performed by the gas at a velocity v in crossing a boundary). For
ideal gases the enthalpy can conveniently be expressed as the product of the
specific heat ¢, times the absolute temperature T (the specific heat at constant
pressure is formally defined as the partial derivative of the enthalpy with
respect to temperature at constant pressure). Under the above assumptions,
the total or stagnation enthalpy per unit mass A is constant, i.c.,
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ho = h+v*/2J = constant (3-1)

In the above, J is the mechanical equivalent of heat which is inserted only when
thermal units (i.e., the Btu and calorie) are mixed with mechanical units (i.e.,
the ft-1bf and the joule). In SI units (kg, m, sec) the value of J is one. In the
English Engineering system of units another constant (see Appendix 1) has to
be provided to account for the mass units (i.e., the Ibm). The conservation of
energy for isentropic flow between any two sections x and y shows that the
decrease in enthalpy or thermal content of the flow appears as an increase of
kinetic energy since and any changes in potential energy may be neglected.

I
he = hy = 5 (5 =)/ = ¢(Tc = T) (3-2)

The principle of conservatism of mass in a steady flow with a single inlet and
single outlet is expressed by equating the mass flow rate m at any section x to
that at any other section y; this is known in mathematical form as the con-
tinuity equation. Written in terms of the cross-sectional area A, the velocity v,
and the specific volume V,

my =m, =m= Av/V (3-3)
The perfect gas law is written as
V= RTY (3—4)

where the gas constant R is found from the universal gas constant R divided by
the molecular mass M of the flowing gas mixture. The molecular volume at
standard conditions becomes 22.41 m>/kg-mol or ft}/Ib-mol and it relates to a
value of R' = 8314.3 J/kg-mole-K or 1544 ft-Ibf/Ib-mole-R. One often finds Eq.
3-3 written in terms of density p which is the reciprocal of the specific volume
V. The specific heat at constant pressure c,, the specific heat at constant
volume ¢, and their ratio k are constant for perfect gases over a wide range
of temperatures and are related.

k=c,/c, (3-5a)
¢ —cy=R/J (3-5b)
¢, = kR/(k — 1)J (3-6)

For an isentropic flow process the following relations hold between any points x
and y:

T./T, = (p/p) V5 = (v, /v ) (3-7)
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During an isentropic nozzle expansion the pressure drops substantially, the
absolute temperature drops somewhat less, and the specific volume increases.
When a flow is stopped isentropically the prevailing conditions are known as
stagnation conditions and are designated by the subscript “0”. Sometimes the
word “total” is used instead of stagnation. As can be seen from Eq. 3-1 the
stagnation enthalpy consists of the sum of the static or local enthalpy and the
fluid kinetic energy. The stagnation temperature 7} is found from the energy
equation as

To =T +v*/(2¢,J) (3-8)

where T is the absolute fluid static temperature. In adiabatic flows, the stagna-
tion temperature remains constant. The relationship of the stagnation pressure
to the local pressure in the flow can be found from the previous two equations:

po/p =1+ 07 /Qe, T = (/1) (3-9)

When the local velocity comes close to zero, the local temperature and pressure
will approach the stagnation pressure and stagnation temperature. In a com-
bustion chamber, where the gas velocity is small, the local combustion pressure
is essentially equal to the stagnation pressure. The velocity of sound a or the
acoustic velocity in ideal gases is independent of pressure. It is defined as

a=~kRT (3-10)

In the English Engineering (EE) system the value of R has to be corrected and
the constant g, is added. Equation 3-10 becomes /gokRT. This correction
factor must be applied wherever R is used in EE units. The Mach number M is a
dimensionless flow parameter and is used to define the ratio of the flow velocity
v to the local acoustic velocity a.

M =v/a =v/~kRT (3-11H)

A Mach number less than one corresponds to subsonic flow and greater than
one to supersonic flow. When the Mach number is equal to one then the flow is
moving at precisely the velocity of sound. It is shown later that at the throat of
all supersonic nozzles the Mach number must be equal to one. The relation
between stagnation temperature and Mach number can now be written from
Egs. 3-2, 3-7, and 3-10 as

Ty = T[1 +4(k — h)M?] (3-12)

or
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2 (T,
M= m(r)

T, and py designate the stagnation values of the temperature and pressure.
Unlike the temperature, the stagnation pressure during an adiabatic nozzle
expansion remains constant only for isentropic flows. It can be computed from

kf(k=1)
]

po=p[l +itk - HM? (3-13)

The area ratio for a nozzle with isentropic flow can be expressed in terms of
Mach numbers for any points x and y within the nozzle. This relationship,
along with those for the ratios T/ Ty and p/p,, is plotted in Fig. 3—1 for 4, = 4,
and M, = 1.0. Otherwise,

(3-14)

A, Mx\/ 1+ [(k — 1)/2]M§, (k+1)/(k—1)
4 M, [1 +(k - 1)/2]M,g]

As can be seen from Fig. 3-1, for subsonic flow the chamber contraction ratio
Ay /A4, can be small, with values of 3 to 6, and the passage is convergent. There
is no noticeable effect from variations of k. In solid rocket motors the chamber
area A4; refers to the flow passage or port cavity in the virgin grain. With
supersonic flow the nozzle section diverges and the area ratio becomes large
very quickly; the area ratio is significantly influenced by the value of k. The
area ratio 4,/ A4, ranges between 15 and 30 at M = 4, depending on the value of
k. On the other hand, pressure ratios depend little on k& whereas temperature
ratios show more variation.

The average molecular mass M of a mixture of gases is the sum of all the
molar fractions »; multiplied by the molecular mass of each chemical species
(n;3M;) and then divided by the sum of all molar mass fractions. This is further
elaborated upon in Chapter 5. The symbol 9 is used to avoid confusion with
M for the Mach number. In many pieces of rocket literature M is called
molecular weight.

Example 3-1. An ideal rocket chamber is to operate at sea level using propellants whose
combustion products have a specific heat ratio k of 1.30. Determine the required cham-
ber pressure and nozzle area ratio between throat and exit if the nozzle exit Mach
number is 2.40. The nozzle inlet Mach number may be considered to be negligibly small.

SOLUTION. For optimum eXpansion the nozzle exit pressure should be equal to the
atmospheric pressure which has the value 0.1013 MPa. If the chamber velocity is small,

the chamber pressure is equal to the total or stagnation pressure, which is, from
Eq. 3-13,
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FIGURE 3-1. Relationship of area ratio, pressure ratio, and temperature ratio as
functions of Mach number in a De Laval nozzle for the subsonic and supersonic nozzle
regions.

kf(k—1)
po = p[l +3(k — HM?]

= 0.1013[1 +1 x 0.30 x 2.40%)"*/**= 1.51 MPa

The nozzle area is determined from Eq. 3-14 by setting M, = 1.0 at the throat (see also
Fig. 3-1):

2\ 2.3/03
4, 10 <1+0.15x2.4> 64

A, 240 1+0.15
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3.3. ISENTROPIC FLOW THROUGH NOZZLES

In a converging-diverging nozzle a large fraction of the thermal energy of the
gases in the chamber is converted into kinetic energy. As will be explained, the
gas pressure and temperature drop dramatically and the gas velocity can reach
values in excess of two miles per second. This is a reversible, essentially isen-
tropic flow process and its analysis is described here. If a nozzle inner wall has a
flow obstruction or a wall protrusion (a piece of weld splatter or slag), then the
kinetic gas enery is locally converted back into thermal energy essentially equal
to the stagnation temperature and stagnation pressure in the chamber. Since
this would lead quickly to a local overheating and failure of the wall, nozzle
inner walls have to be smooth without any protrusion. Stagnation conditions
can also occur at the leading edge of a jet vane (described in Chapter 16) or at
the tip of a gas sampling tube inserted into the flow.

Velocity

From Eq. 3-2 the nozzle exit velocity v, can be found:

vy = 20 (hy = hy) + 12 (3.15a)

This equation applies to ideal and non-ideal rockets. For constant k this
expression can be rewritten with the aid of Eqgs. 3-6 and 3-7. The subscripts
1 and 2 apply to the nozzle inlet and exit conditions respectively:

2k (k—1)/k
vzzlmRTl[l—(i—ﬁ + 0 (3.15b)

This equation also holds for any two points within the nozzle. When the
chamber section is large compared to the nozzle throat section, the chamber
velocity or nozzle approach velocity is comparatively small and the term 3 can
be neglected. The chamber temperature 77 is at the nozzle inlet and, under
isentropic conditions, differs little from the stagnation temperature or (for a
chemical rocket) from the combustion temperature. This leads to an important
simplified expression of the exhaust velocity v,, which is often used in the

analysis.
2% tk—1)/k
= | IRTI[I - (%)
\ 1
_ | 2k RT,{ (iz>""”/"
N ]

(3-16)
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It can be seen that the exhaust velocity of a nozzle is a function of the pressure
ratio p;/p,, the ratio of specific heats k, and the absolute temperature at the
nozzle inlet T, as well as the gas constant R. Because the gas constant for any
particular gas is inversely proportional to the molecular mass 9, the exhaust
velocity or the specific impulse are a function of the ratio of the absolute nozzle
entrance temperature divided by the molecular mass, as is shown in Fig. 3-2.
This ratio plays an important role in optimizing the mixture ratio in chemical
rockets.

Equations 2-14 and 2-15 give the relations between the velocity v,, the
thrust F, and the specific impulse I; it is plotted in Fig. 3-2 for two pressure
ratios and three values of k. Equation 3-16 indicates that any increase in the
gas temperature (usually caused by an increase in energy release) or any
decrease of the molecular mass of the propellant (usually achieved by using
light molecular mass gases rich in hydrogen content) will improve the perfor-
manace of the rocket; that is, they will increase the specific impulse /; or the
exhaust velocity v, or ¢ and, thus, the performance of the vehicle. The influ-
ences of the pressure ratio across the nozzle p;/p, and of the specific heat ratio
k are less pronounced. As can be seen from Fig. 3-2, performance increases

280 k=120 7%
- NS~
\ﬁkxg RI1-(Ay* ’ ”
240 S S (p‘> A// A0,
g =2 y/// 17500 é
8

4 220 Fo AA =
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FIGURE 3-2. Specific impulse and exhaust velocity of an ideal rocket at optimum
nozzle expansion as functions of the absolute chamber temperature T; and the mole-
cular mass 9 for several values of k and p,/p,.
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with an increase of the pressure ratio; this ratio increases when the value of the
chamber pressure p; increases or when the exit pressure p, decreases, corre-
sponding to high altitude designs. The small influence of k-values is fortuitous
because low molecular masses are found in diatomic or monatomic gases,
which have the higher values of .

For comparing specific impulse values from one rocket system to another or
for evaluating the influence of various design parameters, the value of the
pressure ratio must be standardized. A chamber pressure of 1000 psia (6.894
MPa) and an exit pressure of | atm (0.1013 MPa) are generally in use today.

For optimum expansion p, = p; and the effective exhaust velocity ¢ (Eq. 2-
16) and the ideal rocket exhaust velocity are related, namely

U = (CZ)opt (3_17)

and ¢ can be substituted for v, in Egs. 3-15 and 3-16. For a fixed nozzle exit
area ratio, and constant chamber pressure, this optimum condition occurs only
at a particular altitude where the ambient pressure p; happens to be equal to
the nozzle exhaust pressure p,. At all other altitudes ¢ # v,.

The maximum theoretical value of the nozzle outlet velocity is reached with
an infinite expansion (exhausting into a vacuum).

(V2)max = v 2kRTy/(k = 1) (3-18)

This maximum theoretical exhaust velocity is finite, even though the pressure
ratio is infinite, because it represents the finite thermal energy content of the
fluid. Such an expansion does not happen, because, among other things, the
temperature of many of the working medium species will fall below their
liquefaction or the freezing points; thus they cease to be a gas and no longer
contribute to the gas expansion.

Example 3-2. A rocket operates at sea level (p = 0.1013 MPa) with a chamber pressure
of p; = 2.068 MPa or 300 psia, a chamber temperature of 77 = 2222 K, and a propel-
lant consumption of m = 1 kg/sec. (Let k = 1.30, R = 345.7 J/kg-K). Show graphically
the variation of 4, v, V/, and M, with respect to pressure along the nozzle. Calculate the
ideal thrust and the ideal specific impulse.

SOLUTION. Select a series of pressure values and calculate for each pressure the
corresponding values of v, ¥V, and 4. A sample calculation is given below. The initial
specific volume ¥ is calculated from the equation of state of a perfect gas, Eq. 34t

V. = RT\/p, = 345.7 x 2222/(2.068 x 10%) = 0.3714 m’ /kg

In an isentropic flow at a point of intermediate pressure, say at p, = 1.379 MPa or 200
psi, the specific volume and the temperature are, from Eq. 3-7,



3.3. ISENTROPIC FLOW THROUGH NOZZLES 55

Ve=Vip/p)"* = 0.3714(2.068/1.379)"/'* = 0.5072 m? /kg
T, = Ty (p/p)* V% = 2222(1.379/2.068)*3/1* = 2023 K

The calculation of the velocity follows from Eq. 3-16:

2%RT, [ (ﬁx>"‘"”"}
v = | i o (B

2 x 1.30 x 345.7 x 2222 1.379\ %37
\ : :

s

The cross-sectional area is found from Eq. 3-3:
A =m Vv, =1 x0.5072/771 = 658 cm?

The Mach number M is, using Eq. 3-11,

M, = v /vkRT, = 771/~/1.30 x 345.7 x 1932 = 0.8085

Figure 3-3 shows the variations of the velocity, specific volume, area, and Mach number
with pressure in this nozzle. At optimum expansion the ideal exhaust velocity v, is equal
to the effective exhaust velocity ¢ and, from Eq. 3-16, it is calculated to be 1827 m/sec.
Therefore, the thrust F and the specific impulse can be determined from Egs. 2-6 and
2-14:

F=rmuv,=1x1827=1827N
I, =c/gy = 1827/9.80 = 186 sec

A number of interesting deductions can be made from this example. Very
high gas velocities (over 1 km/sec) can be obtained in rocket nozzles. The
temperature drop of the combustion gases flowing through a rocket nozzle is
appreciable. In the example given the temperature changed 1117°C in a
relatively short distance. This should not be surprising, for the increase in
the kinetic energy of the gases is derived from a decrease of the enthalpy,
which in turn is proportional to the decrease in temperature. Because the
exhaust gases are still very hot (1105 K) when leaving the nozzle, they con-
tain considerable thermal energy not available for conversion into kinetic
energy of the jet.

Nozzle Flow and Throat Condition

The required nozzle area decreases to a minimum (at 1.130 MPa or 164 psi
pressure in the previous example) and then increases again. Nozzles of this type
(often called De Laval nozzles after their inventor) consist of a convergent
section followed by a divergent section. From the continuity equation, the
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FIGURE 3-3. Typical variation of cross-sectional area, temperature, specific volume,
and velocity with pressure in a rocket nozzle.

area is inversely propportional to the ratio v/V. This quantity has also been
plotted in Fig. 3-3. There is a maximum in the curve of v/} because at first the
velocity increases at a greater rate than the specific volume; however, in the
divergent section, the specific volume increases at a greater rate.

The minimum nozzle area is called the throar area. The ratio of the nozzle
exit area A, to the throat area 4, is called the nozzle area expansion ratio and is
designated by the Greek letter €. It is an important nozzle design parameter.
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€= A,/ A, (3-19)

The maximum gas flow per unit area occurs at the throat where there is a
unique gas pressure ratio which is only a function of the ratio of specific
heats k. This pressure ratio is found by setting M =1 in Eq. 3-13.

pu/pr = [2/(k + D&Y (3-20)

The throat pressure p, for which the isentropic mass flow rate is a maximum
is called the critical pressure. Typical values of this critical pressure ratio range
between 0.53 and 0.57. The flow through a specified rocket nozzle with a given
inlet condition is less than the maximum if the pressure ratio is larger than that
given by Eq. 3-20. However, note that this ratio is not that across the entire
nozzle and that the maximum flow or choking condition (explained below) is
always established internally at the throat and not at the exit plane. The nozzle
inlet pressure is very close to the chamber stagnation pressure, except in narrow
combustion chambers where there is an appreciable drop in pressure from the
injector region to the nozzle entrance region. This is discussed in Section 3.5.
At the point of critical pressure, namely the throat, the Mach number is one
and the values of the specific volume and temperature can be obtained from
Egs. 3-7 and 3-12.

V, = Vi[(k + 1)/2]//¢D (3-21)
T, =2T,/(k+ 1) (3-22)

In Eq. 3-22 the nozzle inlet temperature 7; is very close to the combustion
temperature and hence close to the nozzle flow stagnation temperature Tg. At
the critical point there is only a mild change of these properties. Take for
example a gas with k = 1.2; the critical pressure ratio is about 0.56 (which
means that p, equals almost half of the chamber pressure p;); the temperature
drops only slightly (7, = 0.91T,), and the specific volume expands by over
60% (V, =1.61V,). From Egs. 3-15, 3-20, and 3-22, the critical or throat

velocity v, is obtained:
2k
V= mRTI =4, = kRT (3—23)

The first version of this equation permits the throat velocity to be calculated
directly from the nozzle inlet conditions without any of the throat conditions
being known. At the nozzle throat the critical velocity is clearly also the sonic
velocity. The divergent portion of the nozzle permits further decreases in pres-
sure and increases in velocity under supersonic conditions. If the nozzle is cut
off at the throat section, the exit gas velocity is sonic and the flow rate remains
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a maximum. The sonic and supersonic flow condition can be attained only if
the critical pressure prevails at the throat, that is, if p,/p; is equal to or less
than the quantity defined by Eq. 3-20. There are, therefore, three different
types of nozzles: subsonic, sonic, and supersonic, and these are described in
Table 3-1.

The supersonic nozzle is the one used for rockets. It achieves a high degree
of conversion of enthalpy to kinetic energy. The ratio between the inlet and exit
pressures in all rockets is sufficiently large to induce supersonic flow. Only if
the absolute chamber pressure drops below approximately 1.78 atm will there
be subsonic flow in the divergent portion of the nozzle during sea-level opera-
tion. This condition occurs for a very short time during the start and stop
transients.

The velocity of sound is equal to the propagation speed of an elastic pres-
sure wave within the medium, sound being an infinitesimal pressure wave. If,
therefore, sonic velocity is reached at any point within a steady flow system, it
is impossible for a pressure disturbance to travel past the location of sonic or
supersonic flow. Thus, any partial obstruction or disturbance of the flow down-
stream of the nozzle throat with sonic flow has no influence on the throat or
upstream of it, provided that the disturbance does not raise the downstream
pressure above its critical value. It is not possible to increase the throat velocity
or the flow rate in the nozzle by further lowering the exit pressure or even
evacuating the exhaust section. This important condition is often described as
choking the flow. It is always established at the throat and not the nozzle exit
plane. Choked flow through the critical section of a supersonic nozzle may be
derived from Egs. 3-3, 3-21, and 3-23. It is equal to the mass flow at any
section within the nozzle.

TABLE 3-1. Nozzle Types

Subsonic Sonic Supersonic
Throat velocity v < q v, = a, v, = a,
Exit velocity vy < a4y vy =, vy > vy
Mach number M; <1 My,=M =10 M, >1
kftk—1) kfk—=1) k+1 k/(k=1)
Pressure ratio 1l < (k’j——l) f_b_ (E> AN (—i——>
)2} 2 |23 2 P 2

Shape - —t-
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A, \/ [2/(k + 1))*+D/G=D

=" gp ke
v, JERT,

The mass flow through a rocket nozzle is therefore proportional to the throat
area 4, and the chamber (stagnation) pressure p;; it is also inversely propor-
tional to the square root of T/ and a function of the gas properties. For a
supersonic nozzle the ratio between the throat and any downstream area at
which a pressure p, prevails can be expressed as a function of the pressure
ratio and the ratio of specific heats, by using Eqs. 3-4, 3-16, 3-21, and 3-23, as
follows:

A _ Ve (kYD N e UL\ o
A, Vyu, U2 ) k—1 )

When p, = p,, then 4,/4, = A;/A, = € in Eq. 3-25. For low-altitude opera-
tion (sea level to about 10,000 m) the nozzle area ratios are typically between 3
and 25, depending on chamber pressure, propellant combinations, and vehicle
envelope constraints. For high altitude (100 km or higher) area ratios are
typically between 40 and 200, but there have been some as high as 400.
Similarly, an expression for the ratio of the velocity at any point downstream
of the throat with the pressure p,, and the throat velocity may be written from

Eqgs. 3-15 and 3-23:
(k=1)/k
G L Py (3-26)
Uy k - 1 1

These equations permit the direct determination of the velocity ratio or the
area ratio for any given pressure ratio, and vice versa, in ideal rocket nozzles.
They are plotted in Figs. 3-4 and 3-5, and these plots allow the determination
of the pressure ratios given the area or velocity ratios. When p, = p,, Eq. 3-26
describes the velocity ratio between the nozzle exit area and the throat section.
When the exit pressure coincides with the atmospheric pressure (p, = p3, see
Fig. 2-1), these equations apply for optimum nozzle expansion. For rockets
that operate at high altitudes, not too much additional exhaust velocity can be
gained by increasing the area ratio above 1000. In addition, design difficulties
and a heavy inert nozzle mass make applications above area ratios of about
350 marginal.

Appendix 2 is a table of several properties of the Earth’s atmosphere with
agreed-upon standard values. It gives ambient pressure for different altitudes.
These properties can vary somewhat from day to day (primarily because of
solar activity) and between hemispheres. For example, the density of the atmo-
sphere at altitudes between 200 and 3000 km can change by more than an order
of magnitude, affecting satellite drag.

(3-24)
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section of a supersonic nozzle.

Example 3-3. Design a nozzle for an ideal rocket that has to operate at 25 km altitude
and give 5000 N thrust at a chamber pressure of 2.068 MPa and a chamber temperature
of 2800 K. Assuming that k = 1.30 and R = 3554 J/kg-K, determine the throat area,

exit area, throat velocity, and exit temperature.

SOLUTION. At 25 km the atmospheric pressure equals 0.002549 MPa (in Appendix 2
the ratio is 0.025158 which must be multiplied by the pressure at sea level or 0.1013

MPa). The pressure ratio is

The critical pressure, from Eq. 3-20, is

pa/p1 = p3/p; = 0.002549/2.068 = 0.001232 = 1/811.3

p = 0.546 x 2.068 = 1.129 MPa

The throat velocity, from Eq. 3-23, is

vy =

\/k—”

+17°0 7

_\/2>< 1.30
13+

1

355.4 x 2800 = 1060 m/ sec
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FIGURE 3-5. Continuation of prior figure of area ratios and velocity ratios, but for
higher pressure ratios in a supersonic nozzle.

The ideal exit velocity is found from Eq. 3-16 or Fig. 3-5, using a pressure ratio of

811.3:
2% (k—1)/k
v =JmRTI[1 -(?)

2x 1.
= \/1 ;01_3(1) 355.4 x 2800 x 0.7869 = 2605 m/sec

An approximate value of this velocity can also be obtained from the throat velocity and
Fig. 3-4. The ideal propellant consumption for optimum expansion conditions is

m = F /v, = 5000/2605 = 1.919 kg/ sec
The specific volume at the entrance to the nozzle equals

V| = RT,/p;, = 355.4 x 2800/(2.068 x 10°) = 0.481 m’/kg



62 NOZZLE THEORY AND THERMODYNAMIC RELATIONS

At the throat and exit sections the specific volumes are obtained from Egs. 3-21 and
3T

1/k—1) 1/0.3
Vz = V] (%) = (0.481 (22—3) = 0.766 m3/kg
p 1/k
V,=V) (p—‘) = 0.481(2.068/0.002549)°7%? = 83.15 m* /kg
2

The areas at the throat and exit sections and the nozzle area ratio 4,/A4, are

A, =V, /v, = 1.919 x 0.766/1060 = 13.87 cm®
Ay = mV, /vy = 1.919 x 83.15/2605 = 612.5 cm?
€=A,/A, =612.5/13.87 = 44.16

An approximate value of this area ratio can also be obtained directly from Fig. 3-5 for
k = 1.30 and p;/p, = 811.2. The exit temperature is given by

T, = Ty(po/p)* 7% = 2800(0.002549/2.068)* 3% = 597 K

Thrust and Thrust Coefficient

The efflux of the propellant gases or the momentum flux-out causes the thrust
or reaction force on the rocket structure. Because the flow is supersonic, the
pressure at the exit plane of the nozzle may be different from the ambient
pressure and the pressure thrust component adds to the momentum thrust as
given by Eq. 2-14:

F =muv, +(p; — p3)4> (2-14)

The maximum thrust for any given nozzle operation is found in a vacuum
where p; = 0. Between sea level and the vacuum of space, Eq. 2-14 gives the
variation of thrust with altitude, using the properties of the atmosphere such as
those listed in Appendix 2. Figure 2-2 shows a typical variation of thrust with
altitude. To modify values calculated for optimum operating conditions
(py = p3) for given values of p|, k, and 4,/A4,, the following expressions may
be used. For the thrust,

A
FFotpd (2-2) 2 (-27)
1 P A

For the specific impulse, using Eqgs. 2-5, 2-18, and 2-14,

c'e py p3
L =)y +—(=—= (3-28)
: *opt go P1 P1)
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If, for example, the specific impulse for a new exit pressure p; corresponding to
a new area ratio 4,/A, is to be calculated, the above relations may be used.

Equation 2-14 can be expanded by modifying it and substituting v,, v, and
V, from Egs. 3-16, 3-21, and 3-23.

A,

F=T+(P2 —p3)A;

k2 9\ K+HD/k-1) D, (k—1)/k
= Ap —<—) 1_(17) +(p2 — p3)4
P k—1\k+1 1 S

The first version of this equation is general and applies to all rockets, the
second form applies to an ideal rocket with & being constant throughout the
expansion process. This equation shows that the thrust is proportional to the
throat area 4, and the chamber pressure (or the nozzle inlet pressure) p; and is
a function of the pressure ratio across the nozzle p,/p,, the specific heat ratio &,
and of the pressure thrust. It is called the ideal thrust equation. The thrust
coefficient Cr is defined as the thrust divided by the chamber pressure p; and
the throat area 4,. Equations 2-14, 3-21, and 3-16 then give

(3-29)

U%Az prA;  p3A,

_PlAsz A P4,

_ 22 5\ kFD/GE-1) L P2 (k=1)/k +p2—p31_43
k — 1 k + 1 1 pl Al

The thrust coefficient C is a function of gas property k, the nozzle area ratio e,
and the pressure ratio across the nozzle p,/p,, but independent of chamber
temperature. For any fixed pressure ratio p,/p;, the thrust coefficient Cr and
the thrust F have a peak when p, = p;. This peak value is known as the
optimum thrust coefficient and is an important criterion in nozzle design con-
siderations. The use of the thrust coefficient permits a simplification to
Eq. 3-29:

F

(3-30)

F=CrAp (3-31)

Equation 3-31 can be solved for Cr and provides the relation for determining
the thrust coefficient experimentally from measured values of chamber pres-
sure, throat diameter, and thrust. Even though the thrust coefficient is a func-
tion of chamber pressure, it is not simply proportional to p;, as can be seen
from Eq. 3-30. However, it is directly proportional to throat area. The thrust
coefficient can be thought of as representing the amplification of thrust due to
the gas expanding in the supersonic nozzle as compared to the thrust that
would be exerted if the chamber pressure acted over the throat area only.
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The thrust coefficient has values ranging from about 0.8 to 1.9. It is a con-
venient parameter for seeing the effects of chamber pressure or altitude varia-
tions in a given nozzle configuration, or to correct sea-level results for flight
altitude conditions.

Figure 3-6 shows the variation of the optimum expansion (p, = p;) thrust
coefficient for different pressure ratios p;/p,, values of k, and area ratio €. The
complete thrust coefficient is plotted in Figs 3-7 and 3-8 as a function of
pressure ratio p;/p; and area ratio for k = 1.20 and 1.30. These two sets of
curves are useful in solving various nozzle problems for they permit the eva-
luation of under- and over-expanded nozzle operation, as explained below. The
values given in these figures are ideal and do not consider such losses as
divergence, friction or internal expansion waves.

When p; /p; becomes very large (e.g., expansion into near-vacuum), then the
thrust coefficient approaches an asymptotic maximum as shown in Figs. 3-7
and 3-8. These figures also give values of Cp for any mismatched nozzle
(p2 # p3), provided the nozzle is flowing full at all times, that is, the working
fluid does not separate or break away from the walls. Flow separation is
discussed later in this section.

Characteristic Velocity and Specific Impulse

The characteristic velocity ¢* was defined by Eq. 2-18. From Egs. 3-24 and
3-31 it can be shown that

* pIAl _ ng() — i — \ kRTI (3_32)
ey [2/(k 4 DIFH/ED

m  Cp  Cr

It is basically a function of the propellant characteristics and combustion
chamber design; it is independent of nozzle characteristics. Thus, it can be
used as a figure of merit in comparing propellant combinations and combus-
tion chamber designs. The first version of this equation is general and allows
the determination of ¢* from experimental data of m, p;, and A4,. The last
version gives the maximum value of ¢* as a function of gas properties, namely
k, the chamber temperature, and the molecular mass 9, as determined from
the theory in Chapter 5. Some values of ¢* are shown in Tables 54 and 5-5.
The term c*-efficiency is sometimes used to express the degree of completion of
the energy release and the creation of high temperature, high pressure gas in
the chamber. It is the ratio of the actual value of ¢*, as determined from
measurements, and the theoretical value (last part of Eq. 3-32), and typically
has a value between 92 and 99.5 percent.

Using Egs. 3-31 and 3-32, the thrust itself may now be expressed as the
mass flow rate times a function of the combustion chamber (¢*) times a func-
tion of the nozzle expansion Cg),



<9

Cr

23

22

21

20

19

18

1.7

16

15

1.4

13

1.2

Bia
P
/
1 120 T4
\) - /1/ ]
] ] 1.25
M
.30
/ L PR — | r_.x——r—r—‘ s
\§ T 1.40
1 T T -<>\< ’L\ \ .
=i §< . Je=60 €=100
- /‘< < // />-—e/=20 ﬁe:BO ﬁ:so
/ 54/:v €=10
A ol
i €=5
€=3
10 20 50 100 200 500 1000 2000 5000 10,000
p /p,
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optimum expansion conditions (p, = p3).
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F = Cprirc* (3-33)

Some authors use a term called the discharge coefficient Cp which is merely the
reciprocal of ¢*. Both Cp and the characteristic exhaust velocity ¢* are used
primarily with chemical rocket propulsion systems.

The influence of variations in the specific heat ratio k on various parameters
(such as ¢, c*Ay/A4,,v5/v,, or 1)) is not as large as the changes in chamber
temperature, pressure ratio, or molecular mass. Nevertheless, it is a noticeable
factor, as can be seen by examining Figs. 3-2 and 34 to 3-8. The value of k is
1.67 for monatomic gases such as helium and argon, 1.4 for cold diatomic gases
such as hydrogen, oxygen, and nitrogen, and for triatomic and beyond it varies
between 1.1 and 1.3 (methane is 1.11 and ammonia and carbon dioxide 1.33).
In general, the more complex the molecule the lower the value of k; this is also
true for molecules at high temperatures when their vibrational modes have
been activated. The average values of £ and I for typical rocket exhaust
gases with several constituents depend strongly on the composition of the
products of combustion {chemical constituents and concentrations), as
explained in Chapter 5. Values of & and I are given in Tables 54, 5-5, and
5-6.

Example 3—4. What is percentage variation in thrust between sea level and 25 km for a
rocket having a chamber pressure of 20 atm and an expansion area ratio of 67 (Use
k=1.30.)

SOLUTION. At sea level: p,/p; =20/1.0 = 20; at 25 km: p,/p; = 20/0.0251 = 754
(see Appendix 2).
Use Eq. 3-30 or Fig. 3-8 to determine the thrust coefficient (hint: use a vertical line on
Fig. 3-8 corresponding to 4,/4, = 6.0). At sea level: Cr = 1.33. At 25 km: Cr = 1.64.
The thrust increase = (1.64 — 1.33)/1.33 = 23%.

Under- and Over-Expanded Nozzles

An under-expanded nozzle discharges the fluid at an exit pressure greater than
the external pressure because the exit area is too small for an optimum area
ratio. The expansion of the fluid is therefore incomplete within the nozzle, and
must take place outside. The nozzle exit pressure is higher than the local atmo-
spheric pressure.

In an over-expanded nozzle the fluid attains a lower exit pressure than the
atmosphere as it has an exit area too large for optimum. The phenomenon of
over-expansion for a supersonic nozzle is shown in Fig. 3-9, with typical
pressure measurements of superheated steam along the nozzle axis and differ-
ent back pressures or pressure ratios. Curve 4B shows the variation of pressure
with the optimum back pressure corresponding to the area ratio. Curves AC
and AD show the variation of pressure along the axis for increasingly higher
external pressures. The expansion within the nozzle proceeds normally for the
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FIGURE 3-9. Distribution of pressures in a converging—diverging nozzle for different
flow conditions. Inlet pressure is the same, but exit pressure changes. Based on experi-
mental data from A. Stodala.

initial portion of the nozzle. At point I on curve 4D, for example, the pressure
is lower than the exit pressure and a sudden rise in pressure takes place which is
accompanied by the separation of the flow from the walls (separation is
described later).

The non-ideal behavior of nozzles is strongly influenced by the presence of
compression waves or shock waves inside the diverging nozzle section, which
are strong compression discontinuities and exist only in supersonic flow. The
sudden pressure rise in the curve ID is such a compression wave. Expansion
waves, also strictly supersonic phenomena, match the flow from a nozzle exit to
lower ambient pressures. Compression and expansion waves are described in
Chapter 18.

The different possible flow conditions in a supersonic nozzle are as follows:

1. When the external pressure p; is below the nozzle exit pressure p,, the
nozzle will flow full but will have external expansion waves at its exit (i.e.,
under-expansion). The expansion of the gas inside the nozzle is incom-
plete and the value of Cr and I, will be less than at optimum expansion.



70 NOZZLE THEORY AND THERMODYNAMIC RELATIONS

2. For external pressures p; slightly higher than the nozzle exit pressure ps,
the nozzle will continue to flow full. This occurs until p, reaches a value
between about 25 and 40% of p;. The expansion is somewhat inefficient
and Cp and I, will have lower values than an optimum nozzle would
have. Shock waves will exist outside the nozzle exit section.

3. For higher external pressures, separation of the flow will take place inside
the divergent portion of the nozzle. The diameter of the supersonic jet
will be smaller than the nozzle exit diameter. With steady flow, separa-
tion is typically axially symmetric. Figs. 3-10 and 3-11 show diagrams of
separated flows. The axial location of the separation plane depends on
the local pressure and the wall contour. The point of separation travels
downstream with decreasing external pressure. At the nozzle exit the flow
in the center portion remains supersonic, but is surrounded by an annular
shaped section of subsonic flow. There is a discontinuity at the separation
location and the thrust is reduced, compared to a nozzle that would have
been cut off at the separation plane. Shock waves exist outside the nozzle
in the external plume.

4. For nozzles in which the exit pressure is just below the value of the inlet
pressure, the pressure ratio is below the critical pressure ratio (as defined
by Eq. 3-20) and subsonic flow prevails throughout the entire nozzle.
This condition occurs normally in rocket nozzles for a short time during
the start and stop transients.

The method for estimating pressure at the location of the separation plane
inside the diverging section of a supersonic nozzle has usually been empirical.
Reference 34 shows separation regions based on collected data for several
dozen actual conical and bell-shaped nozzles during separation. Reference
3-5 describes a variety of nozzles, their behavior, and methods used to estimate
the location and the pressure at separation. Actual values of pressure for the
over-expanded and under-expanded regimes described above are functions of
the specific heat ratio and the area ratio (see Ref. 3-1).

The axial thrust direction is not usually altered by separation, because a
steady flow usually separates uniformly over a cross-section in a divergent
nozzle cone of conventional rocket design. During transients, such as start
and stop, the separation may not be axially symmetric and may cause momen-
tary but large side forces on the nozzle. During a normal sea-level transient of a
large rocket nozzle (before the chamber pressure reaches its full value) some
momentary flow oscillations and non-symmetric separation of the jet can occur
during over-expanded flow operation. Reference 34 shows that the magnitude
and direction of transient side forces can change rapidly and erratically. The
resulting side forces can be large and have caused failures of nozzle exit cone
structures and thrust vector control gimbal actuators. References 3-5 and 3-6
discuss techniques for estimating these side forces.

When the flow separates, as it does in a highly over-expanded nozzle, the
thrust coefficient C can be estimated if the point of separation in the nozzle is
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known. Thus, Cr can be determined for an equivalent smaller nozzle with an
exit area equal to that at the point of separation. The effect of separation is to
increase the thrust and the thrust coefficient over the value that they would
have if separation had not occurred. Thus, with separated gas flow, a nozzle
designed for high altitude (large value of €) would have a larger thrust at sea
level than expected, but not as good as an optimum nozzle; in this case separa-
tion may actually be desirable. With separated flow a large and usually heavy
portion of the nozzle is not utilized and the nozzle is bulkier and longer than
necessary. The added engine weight and size decrease flight performance.
Designers therefore select an area ratio that will not cause separation.

Because of uneven flow separation and potentially destructive side loads,
sea-level static tests of an upper stage or a space propulsion system with a high
area ratio over-expanded nozzle are usually avoided; instead, a sea-level test
nozzle with a much smaller area ratio is substituted. However, actual and
simulated altitude testing (in an altitude test facility similar to the one described
in Chapter 20) would be done with a nozzle having the correct large area ratio.
The ideal solution that avoids separation at low altitudes and has high values
of Cr at high altitudes is a nozzle that changes area ratio in flight. This is
discussed at the end of this section.

For most applications, the rocket system has to operate over a range of
altitudes; for a fixed chamber pressure this implies a range of nozzle pressure
ratios. The condition of optimum expansion (p, = p;) occurs only at one alti-
tude, and a nozzle with a fixed area ratio is therefore operating much of the
time at either over-expanded or under-expanded conditions. The best nozzle
for such an application is not necessarily one that gives optimum nozzle gas
expansion, but one that gives the largest vehicle flight performance (say, total
impulse, or specific impulse, or range, or payload); it can often be related to a
time average over the powered flight trajectory.

Example 3-5. Use the data from Example 3-4 (p; = 20 atm, € = 6.0, & = 1.30) but
instead use an area ratio of 15. Compare the altitude performance of the two nozzles
with different € by plotting their Cp against altitude. Assume no shocks inside the
nozzle.

SOLUTION. For the € = 15 case, the optimum pressure ratio p;/p; = p;/p2, and from
Fig. 3-6 or 3-8 this value is about 180; p; = 20/180 = 0.111 atm, which occurs at about
1400 m altitude. Below this altitude the nozzle is over-expanded. At sea level, p; /p; = 20
and p; = 1 atm. As shown in Fig. 3-10, separation would occur. From other similar
nozzles it is estimated that separation will occur approximately at a cross-section where
the total pressure is about 40% of p;, or 0.4 atm. The nozzle would not flow full below
an area ratio of about 6 or 7 and the gas jet would only be in the center of the exit area.
Weak shock waves and jet contraction would then raise the exhaust jet’s pressure to
match the one atmosphere external pressure. If the jet had not separated, it would have
reached an exit pressure of 0.11 atm, but this is an unstable condition that could not
be maintained at sea level. As the vehicle gains altitude, the separation plane would
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FIGURE 3-10. Thrust coefficient Cr for two nozzles with different area ratios. One has
jet separation below about 7000 m altitude. The fully expanded exhaust plume is not
shown in the sketch.

gradually move downstream until, at an altitude of about 7000 m, the exhaust gases
would occupy the full nozzle area.

The values of Cp can be obtained by following a vertical line for e = 15 and e =6
in Fig. 3-8 for different pressure ratios, which correspond to different altitudes.
Alternatively, Eq. 3-30 can be used for better accuracy. Results are similar to those
plotted in Fig. 3-10. The lower area ratio of 6 gives a higher C at low altitudes, but
is inferior at the higher altitudes. The larger nozzle gives a higher Cp at higher
altitudes.

Figure 3-11 shows a comparison of altitude and sea-level behavior of three
nozzles and their plumes at different area ratios for a typical three-stage satel-
lite launch vehicle. When fired at sea-level conditions, the nozzle of the third
stage with the highest area ratio will experience flow separation and suffer a
major performance loss; the second stage will flow full but the external plume
will contrast; since p, < p3 there is a loss in I; and F. There is no effect on the
first stage nozzle.

Example 3-6. A rocket engine test gives the following data: thrust F = 53,000 Ibf,
propellant flow s = 208 lbm/sec, nozzle exit area ratio 4,/4, = 10.0, atmospheric
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FIGURE 3-11. Simplified sketches of exhaust gas behavior of three typical rocket
nozzles for a three-stage launch vehicle. The first vehicle stage has the biggest chamber
and the highest thrust but the lowest nozzle area ratio, and the top or third stage usually
has the lower thrust but the highest nozzle area ratio.

pressure at test station (the nozzle flows full) p; = 13.8 psia, and chamber pressure
p1 = 620 psia. The test engineer also knows that the theoretical specific impulse is
289 sec at the standard reference conditions of p; = 1000 psia and p; = 14.7 psia,
and that k£ = 1.20. Correct the value of the thrust to sea-level expansion and the
specific impulse corresponding. Assume the combustion temperature and k& do not
vary significantly with chamber pressure; this is realistic for certain propellants.

SOLUTION. The actual pressure ratio was p,/p; = 620/13.8 = 44.9; the ideal pres-
sure ratio at standard conditions would have been equal to 1000/14.7 = 68.0 and the
actual pressure ratio for expansion to sea level would have been 620/14.7 = 42.1. The
thrust coefficient for the test conditions is obtained from Fig. 3-7 or from Eq. 3-30 as
Cr = 1.52 (for p,/p; = 44.9, e = 10 and k = 1.20). The thrust coefficient for the cor-
rected sea-level conditions is similarly found to be 1.60. The thrust at sea level would
have been F = 53,000 (1.60/1.52) = 55,790 Ibf. The specific impulse would have been

I, = F/% = 53,000/208(1.60/1.52) = 268 sec
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The specific impulse can be corrected in proportion to the thrust coefficient because
k, T, and therefore ¢* do not vary with py; I, is proportional to ¢ if m remains constant.
The theoretical specific impulse is given for optimum expansion, i.e., for a nozzle area
ratio other than 10.0. From Fig. 3-6 or 3-7 and for p;/p, = 68.0 the thrust coefficient is
1.60 and its optimum area ratio approximately 9.0. The corrected specific impulse is
accordingly 255 (1.60/1.51) =270 sec. In comparison with the theoretical specific
impulse of 289 sec, this rocket has achieved 270/289 or 93.5% of its maximum
performance.

Figs. 3-10 and 3-11 suggest that an ideal design for an ascending (e.g.,
launch) rocket vehicle would have a “rubber-like” diverging section that
could be lengthened so that the nozzle exit area could be made larger as the
ambient pressure is reduced. The design would then allow the rocket vehicle to
attain its maximum performance at all altitudes as it ascends. As yet we have
not achieved a simple mechanical hardware design with this full altitude com-
pensation similar to “stretching rubber.” However, there are a number of
practical nozzle configurations that can be used to alter the flow shape with
altitude and obtain maximum performance. They are discussed in the next
section.

Influence of Chamber Geometry

When the chamber has a cross section that is larger than about four times the
throat area (4,/4, > 4), the chamber velocity v, can be neglected, as was
mentioned in explaining Egs. 3-15 and 3-16. However, vehicle space or weight
constraints often require smaller thrust chamber areas for liquid propellant
engines and grain design considerations lead to small void volumes or small
perforations or port areas for solid propellant motors. Then v; can no longer
be neglected as a contribution to the performance. The gases in the chamber
expand as heat is being added. The energy necessary to accelerate these
expanding gases within the chamber will also cause a pressure drop and an
additional energy loss. This acceleration process in the chamber is adiabatic
(no heat transfer) but not isentropic. This loss is a maximum when the chamber
diameter is equal to the nozzle diameter, which means that there is no conver-
ging nozzle section. This has been called a throatless rocket motor and has been
used in a few tactical missile booster applications, where there was a premium
on minimum inert mass and length. The flight performance improvement due
to inert mass savings supposedly outweighs the nozzle performance loss of a
throatless motor. Table 3-2 lists some of the performance penalties for three
chamber area ratios.

Because of this pressure drop within narrow chambers, the chamber pres-
sure is lower at the nozzle entrance than it would be if 4,/A4, had been larger.
This causes a small loss in thrust and specific impulse. The theory of this loss is
given in Ref. 3-7.
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TABLE 3-2. Estimated Losses for Small-Diameter Chambers

Specific
Throat Thrust Impulse
Chamber-to-Throat Pressure Reduction Reduction
Area Ratio (%) (%) (%)
00 100 0 0

35 99 1.5 0.31
2.0 96 5.0 0.55
1.0 81 19.5 1.34

k =1.20; p,/p, = 1000.

3.4. NOZZLE CONFIGURATIONS

A number of different proven nozzle configurations are available today. This
section describes their geometries and performance. Other chapters (6, 8, 11,
14, and 16) discuss their materials, heat transfer, or application, and mention
their requirements, design, construction, and thrust vector control. Nozzles
and chambers are usually of circular cross section and have a converging
section, a throat at the narrowest location (minimum cross section), and a
diverging section. Nozzles can be seen in Figs. -4, 1-5, 1-8, 2-1, 3-11 to 3—
13, 3-15, 10-2 to 10-5, 10-16, 11-1 to 11-3, and 14-6 to 14-8. Refs. 3-S5 and
3-8 describe many nozzle configurations.

The converging nozzle section between the chamber and the nozzle throat has
never been critical in achieving high performance. The subsonic flow in this
section can easily be turned at very low pressure drop and any radius, cone
angle, wall contour curve, or nozzle inlet shape is satisfactory. A few small
attitude control thrust chambers have had their nozzle at 90 degrees from the
combustion chamber axis without any performance loss. The throat contour
also is not very critical to performance, and any radius or other curve is usually
acceptable. The pressure gradients are high in these two regions and the flow
will adhere to the walls. The principal difference in the different nozzle con-
figurations is found in the diverging supersonic-flow section, as described
below. The wall surface throughout the nozzle should be smooth and shiny
to minimize friction, radiation absorption, and convective heat transfer due to
surface roughness. Gaps, holes, sharp edges, or protrusions must be avoided.

Six different nozzle configurations are shown in Fig. 3-12 and each will be
discussed. The first three sketches show conical and bell-shaped nozzles. The
other three have a center body inside the nozzle and have excellent altitude
compensation. Although these last three have been ground tested, to date none
of them has flown in a space launch vehicle. The lengths of several nozzle types
are compared in Fig. 3-13. The objectives of a good nozzle configuration are to
obtain the highest practical I, minimize inert nozzle mass, and conserve length
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(shorter nozzles can reduce vehicle length, vehicle structure, and vehicle inert
mass).

Cone- and Bell-Shaped Nozzles

The conical nozzle is the oldest and perhaps the simplest configuration. It is
relatively easy to fabricate and is still used today in many small nozzles. A
theoretical correction factor 1 can be applied to the nozzle exit momentum of
an ideal rocket with a conical nozzle exhaust. This factor is the ratio between
the momentum of the gases in a nozzle with a finite nozzle angle 2o and the
momentum of an ideal nozzle with all gases flowing in an axial direction:

A= %(1 + cosa) (3-34)

The variation of 1 with different values of « is shown in Table 3-3 for any
nozzle that has uniform mass flow per unit exit area. For ideal rockets A = 1.0.
For a rocket nozzle with a divergence cone angle of 30° (half angle @ = 15°),
the exit momentum and therefore the exhaust velocity will be 98.3% of the
velocity calculated by Eq. 3-15b. Note that the correction factor A only applies
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TABLE 3-3. Nozzle Angle Correction Factor for Conical Nozzles

Nozzle Cone Divergence

Half Angle, « (deg) Correction Factor, 4
0 1.0000
2 0.9997
4 0.9988
6 0.9972
8 0.9951

10 0.9924
12 0.9890
14 0.9851
15 0.9830
16 0.9806
18 0.9755
20 0.9698
22 0.9636
24 0.9567

to the first term (the momentum thrust) in Egs. 2-14, 3-29, and 3-30 and not to
the second term (pressure thrust).

A small nozzle divergence angle causes most of the momentum to be axial
and thus gives a high specific impulse, but the long nozzle has a penalty in
rocket propulsion system mass, vehicle mass, and also design complexity. A
large divergence angle gives short, lightweight designs, but the performance is
low. There is an optimum conical nozzle shape and length (typically between 12
and 18 degrees half angle) and it is usually a compromise which depends on the
specific application and flight path.

The bell-shaped or contour nozzle (see Figs. 3-12 and 3-13) is probably the
most common nozzle shape today. It has a high angle expansion section (20 to
50°) right behind the nozzle throat; this is followed by a gradual reversal of
nozzle contour slope so that at the nozzle exit the divergence angle is small,
usually less than a 10° half angle. It is possible to go to large divergence angles
immediately behind the throat (20 to 50°) because the high relative pressure,
the large pressure gradient, and the rapid expansion of the working fluid do not
allow separation in this region unless there are discontinuities in the nozzle
contour. The expansion in the supersonic bell nozzle is more efficient than in a
simple straight cone of similar area ratio and length, because the wall contour
is designed to minimize losses, as explained later in this section. For the past
several decades most of the nozzles have been bell shaped.

A change of flow direction of a supersonic gas in an expanding wall geo-
metry can only be achieved through expansion waves. An expansion wave
occurs at a thin surface, where the flow velocity increases and changes its
flow direction slightly, and where the pressure and temperature drop. These
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wave surfaces are at an oblique angle to the flow. As the gas passes through the
throat, it undergoes a series of these expansion waves with essentially no loss of
energy. In the bell-shaped nozzle shown in Fig. 3-14 these expansions occur
internally in the flow between the throat and the inflection location I; the area
is steadily increasing like a flare on a trumpet. The contour angle §; is a max-
imum at the inflection location. Between the inflection point I and the nozzle
exit £ the flow area is still increasing, but at a diminishing rate, allowing further
gas expansion and additional expansion waves. However, the contour of the
nozzle wall is different and the change in cross-sectional area per unit length is
decreasing. The purpose of this last segment of the contoured nozzle is to have
a low divergence loss as the gas leaves the nozzle exit plane. The angle at the
exit 6, is small, usually less than 10°. The difference between 6; and 6, is called
the turn-back angle. When the gas flow is turned in the opposite direction
(between points I and E) oblique compression waves will occur. These com-
pression waves are thin surfaces where the flow undergoes a mild shock, the
flow is turned, and the velocity is actually reduced slightly. Each of these
multiple compression waves causes a small energy loss. By carefully determin-
ing the wall contour (by an analysis that uses a mathematical tool called the
method of characteristics), it is possible to balance the oblique expansion waves
with the oblique compression waves and minimize the energy loss. The analysis
leading to the nozzle contour is presented in Chapter 20.33 of Ref. 3-3 and also
in Refs. 3-8 to 3-11; it is based on supersonic aerodynamic flow, the method of
characteristics (Ref. 3-1), and the properties of the expanding gas. Most of the
rocket organizations have computer codes for this analysis. The radius of
curvature or the contour shape at the throat region have an influence on the
contour of the diverging bell-shaped nozzle section.

The length of a bell nozzle is usually given a fraction of the length of a
reference conical nozzle with a 15° half angle. An 80% bell nozzle has a length
(distance between throat plane and exit plane) that is 20% shorter than a
comparable 15° cone of the same area ratio. Ref. 3-9 shows the original pre-
sentation by Rao of the method of characteristics applied to shorter bell noz-
zles. He also determined that a parabola was a good approximation for the
bell-shaped contour curve (Ref. 3-3, Section 20.33), and parabolas have actu-
ally been used in some nozzle designs. The top part of Fig. 3-14 shows that the
parabola is tangent (6;) at point I and has an exit angle (4.) at point £ and a
length L that has to be corrected for the curve T1. These conditions allow the
parabola to be determined by simple geometric analysis or geometric drawing.
A throat approach radius of 1.5 r, and a throat expansion radius of 0.4 r, were
used. If somewhat different radii had been used, the results would have been
only slightly different. The middle set of curves gives the relation between
length, area ratio, and the two angles of the bell contour. The bottom set of
curves gives the correction factors, equivalent to the 4 factor for conical noz-
zles, which are to be applied to the thrust coefficient or the exhaust velocity,
provided the nozzles are at optimum expansions, that is, p, = p;.
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TABLE 3-4. Data on Several Bell-Shaped Nozzles

Area Ratio 10 25 50
Cone (15° Half Angle)
Length (100%)¢ 8.07 14.93 22.66
Correction factor A 0.9829  0.9829  0.9829
80% Bell Contour
Length” 6.45 11.94 18.12
Correction factor 4 0.985 0.987 0.988
Approximate half angle at inflection point and exit 25/10 30/8 32/7.5
(degrees)
60% Bell Contour
Length” 4.84 9.96 13.59
Correction factor 1 0.961 0.968 0.974

Approximate half angle at inflection point and exit 32.5/17  36/14 39/18
(degrees)

“The length is given in dimensionless form as a multiple of the throat radius, which is one.

Table 3—4 shows data for parabolas developed from this figure, which allow
the reader to apply this method and check the results. The table shows two
shortened bell nozzles and a conical nozzle, each for three area ratios. It can be
seen that as the length has been decreased, the losses are higher for the shorter
length and slightly higher for small nozzle area ratios. A 1% improvement in
the correction factor gives about 1% more specific impulse (or thrust) and this
difference can be significant in many applications. The reduced length is an
important benefit, and it is usually reflected in an improvement of the vehicle
mass ratio. The table and Fig. 3—14 show that bell nozzles (75 to 85% length)
are just as efficient as or slightly more efficient than a longer 15° conical nozzle
(100% length) at the same area ratio. For shorter nozzles (below 70% equiva-
lent length) the energy losses due to internal oblique shock waves become
substantial and such short nozzles are not commonly used today.

For solid propellant rocket motor exhausts with small solid particles in the
gas (usually aluminum oxide), and for exhausts of certain gelled liguid propel-
lants, there is an impingement of these solid particles against the nozzle wall in

FIGURE 3-14. Top sketch shows comparison sketches of nozzle inner wall surfaces for
a 15° conical nozzle, an 80% length bell nozzle, a 60% length bell nozzle, all at an area
ratio of 25. The lengths are expressed in multiples of the throat radius r,, which is one
here. The middle set of curves shows the initial angle §; and the exit angle 6, as functions
of the nozzle area ratio and percent length. The bottom curves show the nozzle losses in
terms of a correction factor. Adapted and copied with permission of AIAA from
Ref. 6-1.
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the reversing curvature section between 7 and E in Fig. 3-14. While the gas can
be turned by oblique waves to have less divergence, the particles (particularly
the larger particles) have a tendency to move in straight lines and hit the walls
at high velocity. The resulting abrasion and erosion of the nozzle wall can be
severe, especially with the ablative and graphite materials that are commonly
used. This abrasion by hot particles increases with turn-back angle. If the turn-
back angle and thus also the inflection angle 6; are reduced, the erosion can
become acceptable. Typical solid rocket motors flying today have values of
inflection angles between 20 and 26° and turn-back angles of 10 to 15°. In
comparison, current liquid rocket engines without entrained particles have
inflection angles between 27 and 50° and turn-back angles of between 15 and
30°. Therefore the performance enhancement caused by using a bell-shaped
nozzle (high value of correction factor) is somewhat lower in solid rocket
motors with solid particles in the exhaust.

The ideal bell-shaped nozzle (minimum loss) is long, equivalent to a conical
nozzle of perhaps 10 to 12°, as seen in Fig. 3-12. It has about the same length
as a full-length aerospike nozzle. This is usually too long for reasonable vehicle
mass ratios.

Two-Step Nozzles. Several modifications of a bell-shaped nozzle have
evolved that allow full or almost complete altitude compensation; that is, they
achieve maximum performance at more than a single altitude. Figure 3-15
shows three concepts for a two-step nozzle, one that has an initial low area
ratio 4,/ A, for operation at or near the earth’s surface and a larger second area
ratio that improves performance at high altitudes. See Ref. 3-5.

The extendible nozzle requires actuators, a power supply, mechanisms for
moving the extension into position during flight, fastening and sealing devices.
It has successfully flown in several solid rocket motor nozzles and in a few
liquid engine applications, where it was deployed prior to ignition. Although
only two steps are shown, there have been versions with three steps; one is
shown in Fig. 11-3. As yet it has not made the change in area ratio during
rocket firing. The principal concerns are a reliable rugged mechanism to move
the extension into position, the hot gas seal between the nozzle sections, and
the extra weight involved.

The droppable insert concept avoids the moving mechanism and gas seal but
has a potential stagnation temperature problem at the joint. It requires a reli-
able release mechanism, and the ejected insert creates flying debris. To date it
has little actual test experience. See Ref. 3—12.

The dual bell nozzle concept uses two shortened bell nozzles combined into
one with a bump or inflection point between them, as shown in Fig. 3-15.
During ascent it functions first at the lower area ratio, with separation occur-
ring at the inflection point. As altitude increases and the gas expands further,
the flow attaches itself downstream of this point, with the flow filling the full
nozzle exit section and operating with the higher area ratio at higher perfor-
mance. There is a small performance penalty for a compromised bell nozzle
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FIGURE 3-15. Simplified diagrams of three altitude-compensating two-step nozzle
concepts.

contour with a circular bump. To date there has been little experience with this
concept.

Nozzles with Aerodynamic Boundaries

The group of two-step nozzle concepts described above corresponds to the
performance represented by upper portions of the two fixed area ratio nozzle
curves shown in Fig. 3-10; the performance of a continuously varying nozzle
with full altitude compensation is shown by the dashed curve. When integrated
over the flight time, the extra performance is important for high velocity mis-
sions such as the single stage to orbit application. The three nozzles shown on
the right side of Fig. 3-12 offer full altitude compensation and are discussed
next. Refs. 3-5 and 3-8 give more information.

The plug nozzle or aerospike nozzle has an annular doughnut-shaped cham-
ber with an annular nozzle slot. An alternate version has a number of indivi-
dual small chambers (each with low area ratio short nozzles, a round throat,
and a rectangular exit) arranged in a circle around a common plug or spike.
The outside aerodynamic boundary of the gas flow in the divergent section of
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the nozzle is the interface between the hot gas and the ambient air; there is no
outer wall as in a conical or bell-shaped nozzle. As the external or ambient
pressure 1s reduced during the ascending flight, this gas boundary expands
outward, causes a change in pressure distribution on the central spike, and
allows an automatic and continuous altitude compensation. The aerospike
contour with the minimum flow losses turns out to be very long, similar in
length to an optimum bell nozzle as shown in Figs. 3-12 and 3-13. The mass
flow per unit exit area is relatively uniform over the cross section and the
divergence losses are minimal.

If the central plug is cut off or truncated and the wall contour is slightly
altered, then the nozzle will be very short, as shown in Fig. 3-13; it will have
some internal supersonic waves and will show a small but real loss in thrust
compared to a nozzle with a full central spike. The pressure distribution and
the heat transfer intensity vary on the inner contoured spike wall surface.
Figure 8-14 shows a typical pressure distribution over the contoured spike
surface at high and low altitudes.

The pressure in the recirculating trapped gas of the subsonic region below
the bottom plate also exerts a thrust force. The losses caused by the cut-off
spike can be largely offset by injecting a small amount of the gas flow (about
1% of total flow) through this base plate into the recirculating region, thus
enhancing the back pressure on the base plate. The advantages of the truncated
aerospike are short length (which helps to reduce the length and mass of the
flight vehicle), full altitude compensation, no flow separation from the wall at
lower altitudes, and ease of vehicle/engine integration for certain vehicle con-
figurations.

The linear aerospike nozzle is a variation of the round axisymmetric aero-
spike nozzle. Basically, it is an unrolled version of the circular configuration. It
is explained further in Chapter 8.2.

In the expansion deflection nozzle (Fig. 3-12) the flow from the chamber is
directed radially outward away from the nozzle axis. The flow is turned on a
curved contour outer diverging nozzle wall. The nozzle has been shortened and
has some internal oblique shock wave losses. The hot gas flow leaving the
chamber expands around a central plug. The aerodynamic interface between
the ambient air and gas flow forms an inner boundary of the gas flow in the
diverging nozzle section. As the ambient pressure is reduced, the hot gas flow
fills more and more of the nozzle diverging section. Altitude compensation is
achieved by this change in flow boundary and by changes in the pressure
distribution on the outer walls.

Multiple Nozzles. If a single large nozzle is replaced by a cluster of smaller
nozzles on a solid motor (all at the same cumulative thrust), then it is possible
to reduce the nozzle length. Similarly, if a single large thrust chamber of a
liquid engine is replaced by several smaller thrust chambers, the nozzle length
will be shorter, reducing the vehicle length and thus the vehicle structure and
inert mass. Russia has pioneered a set of four thrust chambers, each with 25%
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of the total thrust, assembled next to each other and fed from the same liquid
propellant feed system. This quadruple thrust chamber arrangement has been
used effectively on many large Russian space launch vehicles and missiles. As
seen in Fig. 3-13, this cluster is about 30% shorter than a single large thrust
chamber. The vehicle diameter at the cluster nozzle exit is somewhat larger, the
vehicle drag is somewhat higher, and there is additional engine complexity and
engine mass.

3.5. REAL NOZZLES

In a real nozzle the flow is really two-dimensional, but axisymmetric. For
simple single nozzle shapes the temperatures and velocities are not uniform
over any one section and are usually higher in the central region and lower near
the periphery. For example, the surface where the Mach number is one is a
plane at the throat for an ideal nozzle; for two-dimensional flow it is typically a
slightly curved surface somewhat downstream of the throat. If the velocity
distribution is known, the average value of v, can be determined for an axi-
symmetric nozzle as a function of the radius r.

2n (7
(Uz)average = A_Z,/O vyr dr (3-35)

The 11 assumptions and simplifications listed in Section 1 of this chapter are
only approximations that allow relatively simple algorithms and simple math-
ematical solutions to the analysis of real rocket nozzle phenomena. For most of
these assumptions it is possible either (1) to use an empirical correction factor
(based on experimental data) or (2) to develop or use a more accurate algo-
rithm, which involves more detailed understanding and simulation of energy
losses, the physical or chemical phenomena, and also often a more complex
theoretical analysis and mathematical treatment. Some of these approaches are
mentioned briefly in this section.

Compared to an ideal nozzle, the real nozzle has energy losses and energy
that is unavailable for conversion into kinetic energy of the exhaust gas. The
principal losses are listed below and several of these are discussed in more
detail.

1. The divergence of the flow in the nozzle exit sections causes a loss, which
varies as a function of the cosine of the divergence angle as shown by
Eq. 3-34 and Table 3-3 for conical nozzles. The losses can be reduced
for bell-shaped nozzle contours.

2. Small chamber or port area cross sections relative to the throat area or
low nozzle contraction ratios A,/ A, cause pressure losses in the chamber
and reduce the thrust and exhaust velocity slightly. See Table 3-2.
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3. Lower flow velocity in the boundary layer or wall friction can reduce the
effective exhaust velocity by 0.5 to 1.5%.

4. Solid particles or liquid roplets in the gas can cause losses up to 5%, as
described below.

5. Unsteady combustion and oscillating flow can account for a small loss.

6. Chemical reactions in nozzle flow change gas properties and gas tem-
peratures, giving typically a 0.5% loss. See Chapter 5.

7. There is lower performance during tramsient pressure operation, for
example during start, stop, or pulsing.

8. For uncooled nozzle materials, such as fiber reinforced plastics or car-
bon, the gradual erosion of the throat region increases the throat dia-
meter by perhaps 1 to 6% during operation. In turn this will reduce the
chamber pressure and thrust by about 1 to 6% near the end of the
operation and cause a slight reduction in specific impulse of less than
0.7%.

9. Non-uniform gas composition can reduce performance (due to incom-
plete mixing, turbulence, or incomplete combustion regions).

10. Using real gas properties can at times change the gas composition, the
value of k and M, and this can cause a small loss in performance, say 0.2
to 0.7%.

11. Operation at non-optimum nozzle expansion area ratio can reduce
thrust and specific impulse. There is no loss if the vehicle always flies
at the altitude for optimum nozzle expansion (p; = p;). If it flies with a
fixed nozzle area ratio at higher or lower altitudes, then there is a loss
(during a portion of the flight) by up to 15% in thrust compared to a
nozzle with altitude compensation, as can be seen in Figs. 3-7 and 3-8.
It also reduces performance by 1 to 5%.

Boundary Layer

Real nozzles have a viscous boundary layer next to the nozzle walls, where the
gas velocities are much lower than the free-stream velocities in the inviscid
flow regions. An enlarged schematic view of a boundary layer is shown in
Fig. 3-16. Immediately next to the wall the flow velocity is zero and then the
boundary layer can be considered as being built up of successive annular-
shaped thin layers of increasing velocity until the free-stream velocity is
reached. The low-velocity flow close to the wall is laminar and subsonic,
but in the higher-velocity regions of the boundary layer the flow is supersonic
and can become turbulent. The local temperature in part of the boundary
layer can be substantially higher than the free-stream temperature because of
the conversion of kinetic energy into thermal energy as the local velocity is
slowed down and as heat is created by viscous friction. The layer right next
to the wall will be cooler because of heat transfer to the wall. The gaseous
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FIGURE 3-16. Flow conditions at a nozzle exit lip at high altitude, showing stream-
lines, boundary layer, velocity and temperature profiles.

boundary layer has a profound effect on the overall heat transfer to nozzle
and chamber walls. It also has an effect on the rocket performance, particu-
larly in applications with relatively long nozzles with high nozzle area ratios,
where a relatively high proportion of the total mass flow (2 to 25%) can be in
the lower-velocity region of the boundary layer. The high gradients in pres-
sure, temperature, or density and the changes in local velocity (direction and
magnitude) influence the boundary layer. Scaling laws for boundary layer
phenomena have not been reliable.

Theoretical approaches to boundary layer performance effects can be found
in Chapters 26 to 28 of Reference 3-1 and in Reference 1-1. A truly satisfac-
tory theoretical analysis of boundary layers in rocket nozzles has not yet been
developed. Fortunately, the overall effect of boundary layers on rocket perfor-
mance has been small. For most rocket nozzles the loss seldom exceeds 1% of
specific impulse.
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Multiphase Flow

In some rockets the gaseous working fluid contains many small liquid droplets
and/or solid particles that must be accelerated by the gas. They give up heat to
the gas during the expansion in a nozzle. This, for example, occurs with solid
propellants (see Chapter 12) or some gelled liquid propellants (Chapter 7),
which contain aluminum powder that forms small oxide particles in the
exhaust. It can also occur with ion oxide catalysts, or propellants containing
beryllium, boron, or zirconium.

In general, if the particles are very small (typically with diameters of 0.005
mm or less), they will have almost the same velocity as the gas and will be in
thermal equilibrium with the nozzle gas flow. Thus, as the gases give up kinetic
energy to accelerate the particles, they gain thermal energy from the particles.
As the particle diameters become larger, the mass (and thus the inertia) of the
particle increases as the cube of its diameter; however, the drag force increases
only as the square of the diameter. Larger particles therefore do not move as
fast as the gas and do not give heat to the gas as readily as do smaller particles.
The larger particles have a lower momentum than an equivalent mass of smal-
ler particles and they reach the nozzle exit at a higher temperature than the
smaller particles, thus giving up less thermal energy.

It is possible to derive a simple theoretical approach for correcting the
performance (I, ¢, or ¢*) as shown below and as given in Refs. 3-13 and 3—
14. It is based on the assumption that specific heats of the gases and the
particles are constant throughout the nozzle flow, that the particles are small
enough to move at the same velocity as the gas and are in thermal equilibrium
with the gas, and that particles do not exchange mass with the gas (no vapor-
ization or condensation). Expansion and acceleration occur only in the gas and
the volume occupied by the particles is negligibly small compared to the gas
volume. If the amount of particles is small, the energy needed to accelerate the
particles can be neglected. There are no chemical reactions.

The enthalpy 4, the specific volume V, and the gas constant R can be
expressed as functions of the particle fraction g, which is the mass of particles
(liquid and/or solid) divided by the total mass. Using the subscripts g and s to
refer to the gas or solid state, the following relationships then apply:

h= (- B)c,), T + pe;T (3-36)
V=V, - B (3-37)
p=R,T/V, (3-38)
R=(1- PR, (3-39)

k__(l _,B)Cp+,BCS

T Pe, + A, o

These relations are then used in the formulas for simple one-dimensional noz-
zle flow, such as Eq. 2-16, 3-15, or 3-32. The values of specific impulse or
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characteristic velocity will decrease as 8, the percent of particles, is increased.
For very small particles (less than 0.01 mm in diameter) and small values of 8
(less than 6%) the loss in specific impulse is often less than 2%. For larger
particles (over 0.015 mm diameter) and larger values of B this theory is not
helpful and the specific impulse can be 10 to 20% less than the I value without
flow lag. The actual particle sizes and distribution depend on the specific
propellant, the combustion, the particular particle material, and the specific
rocket propulsion system, and usually have to be measured (see Chapters 12
and 18). Thus adding a metal, such as aluminum, to a solid propellant will
increase the performance only if the additional heat release can increae the
combustion temperature T sufficiently so that it more than offsets the decrease
caused by particles in the exhaust.

With very-high-area-ratio nozzles and a low nozzle exit pressure (high alti-
tude or space vacuum) it is possible to condense some of the propellant ingre-
dients that are normally gases. As the temperature drops sharply in the nozzle,
it is possible to condense gaseous species such as H,O, CO,, or NH; and form
liquid droplets. This causes a decrease in the gas flow per unit area and the
transfer of the latent heat of vaporization to the remaining gas. The overall
effect on performance is small if the droplet size is small and the percent of
condensed gas mass is moderate. It is also possible to form a solid phase and
precipitate fine particles of snow (H,0) or frozen fog of other species.

Other Phenomena and Losses

The combustion process is really not steady. Low- and high-frequency oscilla-
tions in chamber pressure of up to perhaps 5% of rated value are usually
considered as smooth-burning and relatively steady flow. Gas properties
(k, M, c,) and flow properties (v, V', T, p, etc.) will also oscillate with time
and will not necessarily be uniform across the flow channel. These properties
are therefore only “average” values, but it is not always clear what kind of an
average they are. The energy loss due to nonuniform unsteady burning is
difficult to assess theoretically. For smooth-burning rocket systems they are
negligibly small, but they become significant for larger-amplitude oscillations.

The composition of the gas changes somewhat in the nozzle, chemical reac-
tions occur in the flowing gas, and the assumption of a uniform or “frozen”
equilibrium gas composition is not fully valid. A more sophisticated analysis
for determining performance with changing composition and changing gas
properties is described in Chapter 5. The thermal energy that is carried out
of the nozzle (¢, T>) is unavailable for conversion to useful propulsive
(kinetic) energy, as is shown in Fig. 2-3. The only way to decrease this loss
is to reduce the nozzle exit temperature 7, (larger nozzle area ratio), but even
then it is a large loss.

When the operating durations are short (as, for example, with antitank
rockets or pulsed attitude control rockets which start and stop repeatedly),
the start and stop transients are a significant portion of the total operating
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time. During the transient periods of start and stop the average thrust, cham-
ber pressure, or specific impulse will be lower in value than those same para-
meters at steady full operating conditions. This can be analyzed in a step-by-
step process. For example, during startup the amount of propellant reacting in
the chamber has to equal the flow of gas through the nozzle plus the amount of
gas needed to fill the chamber to a higher pressure; alternatively, an empirical
curve of chamber pressure versus time can be used as the basis of such a
calculation. The transition time is very short in small, low-thrust propulsion
systems, perhaps a few milliseconds, but it can be longer (several seconds) for
large propulsion systems.

Performance Correction Factors

In this section we discuss semiempirical correction factors that have been used
to estimate the test performance data from theoretical, calculated performance
values. An understanding of the theoretical basis also allows correlations
between several of the correction factors and estimates of the influence of
several parameters, such as pressure, temperature, or specific heat ratio.

The energy conversion efficiency is defined as the ratio of the kinetic energy
per unit of flow of the actual jet leaving the nozzle to the kinetic energy per unit
of flow of a hypothetical ideal exhaust jet that is supplied with the same work-
ing substance at the same initial state and velocity and expands to the same exit
pressure as the real nozzle. This relationship is expressed as

_ (Uz)g _ (UZ)zzz
()] (Wi + e, (T) — T)

(3-41)

where e denotes the energy conversion efficiency, v; and v, the velocities at the
nozzle inlet and exit, and ¢, T, and ¢, T, the respective enthalpies for an ideal
isentropic expansion. The subscripts a and i refer to actual and ideal condi-
tions, respectively. For many practical applications, v; —> 0 and the square of
the expression given in Eq. 3-16 can be used for the denominator.

The velocity correction factor ¢, is defined as the square root of the energy
conversion efficiency +/e. Its value ranges between 0.85 and 0.99, with an
average near 0.92. This factor is also approximately the ratio of the actual
specific impulse to the ideal or theoretical specific impulse.

The discharge correction factor ¢, is defined as the ratio of the mass flow rate
in a real rocket to that of an ideal rocket that expands an identical working
fluid from the same initial conditions to the same exit pressure (Eq. 2-17).

Lq = (mg/m;) = my(c/Fy) (3-42)

and, from Eq. 3-24,
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The value of this discharge correction factor is usually larger than I (1.0 to
1.15); the actual flow is larger than the theoretical flow for the following
reasons:

1. The molecular weight of the gases usually increases slightly when flowing
through a nozzle, thereby changing the gas density.

2. Some heat is transferred to the nozzle walls. This lowers the temperature
in the nozzle, and increases the density and mass flow slightly.

3. The specific heat and other gas properties change in an actual nozzle in
such a manner as to slightly increase the value of the discharge correction
factor.

4. Incomplete combustion can increase the density of the exhaust gases.

The actual thrust is usually lower than the thrust calculated for an ideal
rocket and can be found by an empirical thrust correction factor {g:

F, = ¢pF; = {pCpp1 4, = Lpeim; (3-43)

where

§F = ;v;d = Fa/F‘i (3—44)

Values of ¢ fall between 0.92 and 1.00 (see Egs. 2-6 and 3-31). Because the
thrust correction factor is equal to the product of the discharge correction
factor and the velocity correction factor, any one can be determined if the
other two are known.

Example 3-7. Design a rocket nozzle to conform to the following conditions:

Chamber pressure 20.4 atm = 2.068 MPa
Atmospheric pressure 1.0 atm

Chamber temperature 2861 K

Mean molecular mass of gases 21.87 kg/kg-mol

Ideal specific impulse 230 sec (at operating conditions)
Specific heat ratio 1.229

Desired thrust 1300 N

Determine the following: nozzle throat and exit areas, respective diameters, actual
exhaust velocity, and actual specific impulse.

SOLUTION. The theoretical thrust coefficient is found from Eq. 3-30. For optimum
conditions p, = p;. By substituting k = 1.229 and p, /p, = 20.4, the thrust coefficient is
Cr = 1.405. This value can be checked by interpolation between the values of Cp
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obtained from Figs. 3-7 and 3-8. The throat area is found using ¢z = 0.96, which is
based on test data.

A, = F/(¢rCrp;) = 1300/(0.96 x 1.405 x 2.068 x 10°) = 4.66 cm’

The throat diameter is then 2.43 cm. The area expansion ratio can be determined from
Fig. 3-5 or Eq. 3-25 as € = 3.42. The exit area is

Ay = 4.66 x 3.42 = 15.9 cm’
The exit diameter is therefore 4.50 cm. The theoretical exhaust velocity is
vy = L,gy = 230 x 9.81 = 2256 m/ sec

By selecting an empirical velocity correction factor ¢, such as 0.92 (based on prior
related experience), the actual exhaust velocity will be equal to

(v7), = 2256 x 0.92 = 2076 m/ sec

Because the specific impulse is proportional to the exhaust velocity, its actual value can
be found by multiplying the theoretical value by the velocity correction factor ¢,.

(1), = 230 x 0.92 = 212 sec

3.6. FOUR PERFORMANCE PARAMETERS

In using values of thrust, specific impulse, propellant flow, and other perfor-
mance parameters, one must be careful to specify or qualify the conditions
under which a specific number is presented. There are at least four sets of
performance parameters and they are often quite different in concept and
value, even when referring to the same rocket propulsion system. Each perfor-
mance parameter, such as F, I, ¢, v, and/or m, should be accompanied by a
clear definition of the conditions under which it applies, namely:

a. Chamber pressure; also, for slender chambers, the location where this
pressure prevails (e.g., at nozzle entrance).

. Ambient pressure or altitude or space (vacuum).

. Nozzle expansion area ratio and whether this is an optimum.
. Nozzle shape and exit angle (see Table 3-3).

. Propellants, their composition or mixture ratio.

e s T

Key assumptions and corrections made in the calculations of the theore-
tical performance: for example, was frozen or shifting equilibrium used in
the analysis? (This is described in Chapter 5.)

g. Initial temperature of propellants.
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1. Theoretical performance values are defined in Chapters 2, 3, and 5 and
generally apply to ideal rockets, but usually with some corrections. Most orga-
nizations doing nozzle design have their own computer programs, often differ-
ent programs for different nozzle designs, different thrust levels, or operating
durations. Most are two dimensional and correct for the chemical reactions in
the nozzle using real gas properties, and correct for divergence. Many also
correct for one or more of the other losses mentioned above. For example,
programs for solid propellant motor nozzles can include losses for throat ero-
sion and multiphase flow; for liquid propellant engines it may include two or
more concentric zones, each at different mixtures ratios and thus with different
gas properties. Nozzle wall contour analysis with expansion and compression
waves may use a finite element analysis and/or a method of characteristics
approach. Some of the more sophisticated programs include viscous boundary
layer effects and heat transfer to the walls. Typically these computer simulation
programs are based on computer fluid dynamics finite element analyses and on
the basic Navier-Stokes relationships. Most companies also have simpler, one-
dimensional computer programs which may include one or more of the above
corrections; they are used frequently for preliminary estimates or proposals.

2. Delivered, that is, actually measured, performance values are obtained
from static tests or flight tests of full-scale propulsion systems. Again, the
conditions should be explained (e.g., define p;, 4,/4,, T}, etc.) and the mea-
sured values should be corrected for instrument deviations, errors, or calibra-
tion constants. Flight test data need to be corrected for aerodynamic effects,
such as drag. Often empirical coefficients, such as the thrust correction factor,
the velocity correction factor, and the mass discharge flow correction factors
are used to convert the theoretical values of item 1 above to approximate actual
values and this is often satisfactory for preliminary estimates. Sometimes sub-
scale propulsion systems are used in the development of new rocket systems
and then scale factors are used to correct the measured data to full-scale values.

3. Performance values at standard conditions are corrected values of items 1
and 2 above. These standard conditions are generally rigidly specified by the
customer. Usually they refer to conditions that allow ready evaluation or
comparison with reference values and often they refer to conditions that can
be easily measured and/or corrected. For example, to allow a good comparison
of specific impulse for several propellants or rocket propulsion systems, the
values are often corrected to the following standard conditions (see Examples
3—4 and 3-5):

a. p; = 1000 psia or 6.894 x10° Pa.
b. py = p3 = 14.69 psia (sea level) or 1.0132 x 10° Pa or 0.10132 MPa.
¢. Area ratio is optimum, p, = p;.

d. Nozzle divergence half angle o = 15° for conical nozzles, or some agreed-
upon value.
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e. Specific propellant, its design mixture ratio and/or propellant composi-
tion.

/. Propellant initial temperature: 21°C (sometimes 20 or 25°C) or boiling
temperature, if cryogenic.

A rocket propulsion system is generally designed, built, tested, and delivered in
accordance with some predetermined requirements or specifications, usually in
formal documents often called the rocket engine or rocket motor specifications.
They define the performance as shown above and they also define many other
requirements. More discussion of these specifications is given as a part of the
selection process for propulsion systems in Chapter 17.

4. Rocket manufacturers are often required by their customers to deliver
rocket propulsion systems with a guaranteed minimum performance, such as
minimum F or I; or both. The determination of this value can be based on a
nominal value (items 1 or 2 above) diminished by all likely losses, including
changes in chamber pressure due to variation of pressure drops in injector or
pipelines, a loss due to nozzle surface roughness, propellant initial ambient
temperatures, manufacturing variations from rocket to rocket (e.g., in grain
volume, nozzle dimensions, or pump impeller diameters, etc.). This minimum
value can be determined by a probabilistic evaluation of these losses and is then
usually validated by actual full-scale static and flights tests.

3.7. NOZZLE ALIGNMENT

When the thrust line or direction does not intersect the center of mass of a
flying vehicle, a turning moment will tend to rotate a vehicle in flight.
Turning moments are desirable and necessary for the controlled turning or
attitude control of a vehicle as is routinely done by means of the deflection of
the thrust vector, acrodynamic fins, or by separate attitude control rocket
engines. However, this turning is undesirable when its magnitude or direction
is not known; this happens when a fixed nozzle of a major propulsion system
has its thrust axis misaligned. A large high-thrust booster rocket system, even
if misaligned by a very small angle (less than §°), can cause major upsetting
turning moments for the firing duration. If not corrected or compensated,
such a small misalignment can cause the flight vehicle to tumble and/or
deviate from the intended flight path. For this moment not to exceed the
vehicle’s compensating attitude control capability, it is necessary to align the
nozzle axis of all propulsion systems with fixed (non-gimbal) nozzles very
accurately. Normally, the geometric axis of the nozzle diverging exit surface
geometry is taken to be the thrust axis. Special alignment fixtures are usually
needed to orient the nozzle axis to be within less than +0.25° of the intended
line to the vehicle’s center of gravity and to position the center of a large
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nozzle throat to be on the vehicle centerline, say within 1 or 2 mm. See Ref.
3-15.

There are other types of misalignments: (1) irregularities in the nozzle
geometry (out of round, protuberances, or unsymmetrical roughness in the
surface); (2) transient misalignments during start to stop; (3) uneven
deflection of the propulsion system or vehicle structure under load; and
(4) irregularities in the gas flow (faulty injector, uneven burning rate in
solid propellants). For simple unguided rocket vehicles it has been cus-
tomary to rotate or spin the vehicle to prevent the misalignment from
being in one direction only or to even out the misalignment during
powered flight.

In the cramped volume of spacecraft or upper stage launch vehicles, it is
sometimes not possible to accommodate the full length of a large-area-ratio
nozzle within the available vehicle envelope. In this case the nozzles are cut off
at an angle at the vehicle surface, which allows a compact installation. Figure
3-17 shows a diagram of two (out of four) roll control thrusters whose nozzle
exit conforms to the vehicle contour. The thrust direction of a scarfed nozzle is

Geometric centerline of nozzie

Vehicle skin

Thrust deflection effective angle
\ /

\ Direction of resulting thrust

FIGURE 3-17. Simplified partial section of a flight vehicle showing two attitude con-
trol thrusters with scarfed nozzles to fit a cylindrical vehicle envelope.
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no longer on the nozzle axis centerline, as it is with fully symmetrical nozzles,
and the nozzle exit flow will not be axisymmetric. Reference 3-16 shows how to
estimate the performance and thrust direction of scarfed nozzles

3.8. VARIABLE THRUST

Only a few applications require a change in thrust during flight. Equations 3-
30, 3-24, and 3-31 show that the thrust is directly proportional to the throat
area A,, the chamber pressure p;, or the mass flow rate 1, but it is a weak
function of Cg, which in turn depends on k, the altitude, a pressure ratio, and
A,/A,. These equations show how the thrust may be varied and imply how
other performance parameters may be affected by such variation. For liquid
propellant rockets the mass flow to the chamber can be decreased (by throttling
valves in the propellant feed system) while the chamber geometry and the
nozzle throat area are unchanged. The reduced mass flow will cause an almost
linear decrease in p; and thus an almost linear decrease of F. The combustion
temperature does change slightly but it does not enter into the above relations.
The specific impulse would also decrease slightly. Thus, there is a small per-
formance penalty for throttling the thrust. A two-to-one thrust decrease has
been achieved with throttle valves in a liquid propellant rocket engine.
Random throttling of liquid propellant engines and their design features are
discussed in Chapter 8.5.

Another way of varying the thrust is to change the throat area simulta-
neously with throttling the flow (by inserting a moveable contoured pintle or
tapered plug into the nozzle); in this case the chamber pressure p; can remain
reasonably constant. This throttling method has been used on liquid propellant
engines (e.g., a ten-to-one thrust change on a moon landing rocket) and in a
few experimental solid propellant motors.

Random thrust control requires a control system and special hardware; one
example is discussed in Chapter 10.5. Random throttling of production solid
propellant motors has not been achieved as yet in flight. A repeatable, pro-
grammed variation of thrust for solid propellants is possible and is discussed in
Chapter 11.3. For solid propellants, a predetermined variation of mass flow
rate has been achieved by clever grain geometric design, which changes the
burning area at different stages during the operation. This is useful in many air-
launched military rockets. Liquid propellant rockets are the most appropriate
choice for randomly variable thrust rockets, as has been amply demonstrated
in missions such as the lunar landings.
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PROBLEMS

1.

10.

Certain experimental results indicate that the propellant gases of a liquid oxygen—
gasoline reaction have a mean molecular mass of 23.2 kg/kg-mol and a specific heat
ratio of 1.22. Compute the specific heat at constant pressure and at constant
volume, assuming a perfect gas.

. The actual conditions for an optimum expansion nozzle operating at sea level are

given below. Calculate vy, 75, and Cr. The mass flow m = 3.7 kg/sec; p; = 2.1 MPa;
T, = 2585°K; I = 18.0 kg/kg-mol; and k& = 1.30.

. A certain nozzle expands a gas under isentropic conditions. Its chamber or nozzle

entry velocity equals 70 m/sec, its final velocity 1500 m/sec. What is the change in
enthalpy of the gas? What percentage of error is introduced if the initial velocity is
neglected?

. Nitrogen at 500°C (k = 1.38, molecular mass is 28.00) flows at a Mach number of

2.73. What are its actual and its acoustic velocity?

. The following data are given for an optimum rocket:

Average molecular mass 24 kg/kg-mol
Chamber pressure 2.533 MPa
External pressure 0.090 MPa
Chamber temperature 2900 K
Throat area 0.00050 m*
Specific heat ratio 1.30

Determine (@) throat velocity; (b) specific volume at throat; (¢) propellant flow and
specific impulse; (d) thrust; (¢) Mach number at throat.

. Determine the ideal thrust coefficient for Problem 5 by two methods.

. A certain ideal rocket with a nozzle area ratio of 2.3 and a throat area of 5 in.2

delivers gases at k = 1.30 and R = 66 ft-1bf/lbm-°R at a design chamber pressure of
300 psia and a constant chamber temperature of 5300 R against a back pressure of
10 psia. By means of an appropriate valve arrangement, it is possible to throttle the
propellant flow to the thrust chamber. Calculate and plot against pressure the
following quantities for 300, 200, and 100 psia chamber pressure: (a) pressure
ratio between chamber and atmosphere; (b) effective exhaust velocity for area
ratio involved; (¢) ideal exhaust velocity for optimum and actual area ratio; (d)
propellant flow; (e) thrust; (f) specific impulse; (g) exit pressure; (/) exit tempera-
ture.

. For an ideal rocket with a characteristic velocity ¢ = 1500 m/sec, a nozzle throat

diameter of 18 cm, a thrust coefficient of 1.38, and a mass flow rate of 40 kg/sec,
compute the chamber pressure, the thrust, and the specific impulse.

. For the rocket unit given in Example 3-2 compute the exhaust velocity if the nozzle

is cut off and the exit area is arbitrarily decreased by 50%. Estimate the losses in
kinetic energy and thrust and express them as a percentage of the original kinetic
energy and the original thrust.

What is the maximum velocity if the nozzle in Example 3-2 was designed to expand
into a vacuum? If the expansion area ratio was 2000?
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11.

12.

13.

14.

15.

16.

17.

18.
19.
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Construction of a variable-area nozzle has often been considered to make the
operation of a rocket thrust chamber take place at the optimum expansion ratio
at any altitude. Because of the enormous design difficulties of such a device, it has
never been successfully realized. Assuming that such a mechanism can eventually be
constructed, what would have to be the variation of the area ratio with altitude (plot
up to 50 km) if such a rocket had a chamber pressure of 20 atm? Assume that
k=120

Design a supersonic nozzle to operate at 10 km altitude with an area ratio of 8.0.
For the hot gas take Ty = 3000 K, R = 378 J/kg-K and k = 1.3. Determine the exit
Mach number, exit velocity, and exit temperature, as well as the chamber pressure.
If this chamber pressure is doubled, what happens to the thrust and the exit velo-
city? Assume no change in gas properties. How close to optimum nozzle expansion
is this nozzle?

The German World War II A—4 propulsion system had a sea level thrust of 25,400
kg and a chamber pressure of 1.5 MPa. If the exit pressure is 0.084 MPa and the exit
diameter 740 mm, what is the thrust at 25,000 m?

Derive Eq. 3-34. (Hint: Assume that all the mass flow originates at the apex of the
cone.) Calculate the nozzle angle correction factor for a conical nozzle whose diver-
gence half angle is 13°.

For Example 3-2, determine (a) the actual thrust; (b) the actual exhaust velocity; (¢)
the actual specific impulse; (d) the velocity correction factor. Assume that the thrust
correction factor is 0.985 and the discharge correction factor is 1.050.

An ideal rocket has the following characteristics:

Chamber pressure 27.2 atm
Nozzle exit pressure 3 psia

Specific heat ratio 1.20

Average molecular mass 21.0 1bm/lb-mol

Chamber temperature 4200°F |

Determine the critical pressure ratio, the gas velocity at the
throat, the expansion area ratio, and the theoretical nozzle I
exit velocity. ‘
Answers: 0.5645; 3470 ft/sec; 14; and 8570 ft/sec. i
For an ideal rocket with a characteristic velocity ¢* of 1220
my/sec, a mass flow rate of 73.0 kg/sec, a thrust coefficient of
1.50, and a nozzle throat area of 0.0248 m?, compute the
effective exhaust velocity, the thrust, the chamber pressure,
and the specific impulse.

Answers: 1830 m/sec; 133,560 N; 3.590 x 10° N/mz; 186.7 sec.

Derive equations 3-24 and 3-25.

A propulsion system with a thrust of 400,000 N is expected to
have a maximum thrust misalignment ¢ of £0.50 degrees and
a horizontal off-set d of the thrust vector of 0.125 in. as
shown in this sketch. One of four small reaction control
thrust chambers will be used to counteract the disturbing
torque. What should be its maximum thrust level and best
orientation? Distance of vernier gymbal to CG is 7 m.
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SYMBOLS

A area, m’ (ftz)

¢ effective exhaust velocity, m/sec (ft/sec)

Cp specific heat at constant pressure, J/kg-K (Btu/lbm-R)

Cs specific heat of solid, J/kg-K (Btu/Ilbm-R)

Cy specific heat at constant volume, J/kg-K (Btu/Ilbm-R)

" characteristic velocity, m/sec (ft/sec)

Cr thrust coefficient

Cp discharge coefficient (1/¢*), sec/m (sec/ft)

d total derivative

D diameter, m (ft)

€ energy conversion efficiency

F thrust, N (Ibf)

go standard sea level gravitational acceleration, 9.8066 m/sec2
(32.174 ft/sec?)

h enthalpy per unit mass, J/kg (Btu/lbm)

I specific impulse, sec or N-sec®/kg-m (Ibf-sec/Ibm)

J mechanical equivalent of heat; J = 4.186 J/cal in SI units or | Btu
= 7779 ft-Ibf

k specific heat ratio

L length of nozzle, m (ft)

m mass flow rate, kg/sec (Ibm/sec)

M mach number

M molecular mass, kg/kg-mol (or molecular weight, 1bm/Ib-mol)

n; molar fraction of species i

D pressure, N/m? (Ibf /ft? or Ibf/in.?)

R gas constant per unit weight, J/kg-K (ft-Ibf/lbm-R) (R = R'/M)

R universal gas constant, 8314.3 J/kg mol-K (1544 ft-1b/lb mol-R)

T absolute temperature, K (R)

v velocity, m/sec (ft/sec)

vV specific volume, m’/kg (ft*/Ibm)

w propellant weight flow rate, N/sec (Ibf/sec)

Greek Letters

half angle of divergent conical nozzle section

mass fraction of solid particles

area ratio A,/ A,

discharge correction factor

thrust correction factor

velocity correction factor

divergence angle correction factor for conical nozzle exit
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Subscripts

a actual

g gas

i ideal, or a particular species in a mixture
max  maximum

opt optimum nozzle expansion

s solid

sep point of separation

t throat

X any plane within rocket nozzle
y any plane within rocket nozzle
0 stagnation or impact condition
1 nozzle inlet or chamber

2 nozzle exit

3 atmospheric or ambient
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CHAPTER 4

FLIGHT PERFORMANCE

This chapter deals with the performance of rocket-propelled vehicles such as
missiles, spacecraft, space launch vehicles, or projectiles. It is intended to give
the reader an introduction to the subject from a rocket propulsion point of
view. Rocket propulsion systems provide forces to a flight vehicle and cause it
to accelerate (or decelerate), overcome drag forces, or change flight direction.
They are usually applied to several different flight regimes: (1) flight within the
atmosphere (air-to-surface missiles or sounding rockets); (2) near-space envir-
onment {earth satellites); (3) lunar and planetary flights; and (4) sun escape;
each is discussed further. References 4-1 to 4-4 give background on some of
these regimes. The appendices give conversion factors, atmosphere properties,
and a summary of key equations. The chapters begins with analysis of simpli-
fied idealized flight trajectories, then treats more complex flight path condi-
tions, and discusses various flying vehicles.

4.1. GRAVITY-FREE, DRAG-FREE SPACE FLIGHT

This simple rocket flight analysis applies to an outer space environment, where
there is no air {thus no drag) and essentially no significant gravitational attrac-
tion. The flight direction is the same as the thrust direction {along the axis of
the nozzle), namely, a one-dimensional, straight-line acceleration path; the
propellant mass flow m, and thus the thrust F, remain constant for the pro-
pellant burning duration ¢,. For a constant propellant flow the flow rate is
m,/t,, where m,, is the total usable propellant mass. From Newton’s second law
and for an instantaneous vehicle mass m and a vehicle velocity u.

102
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F=mdu/dt (4-1)

For a rocket where the propellant flow rate is constant the instantaneous mass
of the vehicle m can be expressed as a function of the initial mass of the full
vehicle my, m,, t,, and the instantaneous time 7.

e M _Mt
m = my ; t_m0<l o tp) (4-2)
:mo(l —;[i) :mo[l —( —M{);’—] 4-3)
p P

Equation 4-3 expresses the vehicle mass in a form useful for trajectory
calculations. The vehicle mass ratio MR and the propellant mass fraction ¢
have been defined by Eqgs. 2-7 and 2-8. They are related by

{=1-MR (4-4)

A definition of the various masses is shown in Fig. 4-1. The initial mass at
takeoff m; equals the sum of the useful propellant mass m, plus the empty or
final vehicle mass my; my in turn equals the sum of the inert masses of the
engine system (such as nozzles, tanks, cases, or unused, residual propellant),
plus the guidance, control, electronics, and related equipment, and the pay-
load.

= |
= !
Payload =R |
— 1
E Propellant
= mass
. e mp
= Guidance, telemeterfiadd 1
7 Jand control N\ i
equipment \ |
! ‘ {
i : Initiat or
' H loaded vehicle
: ‘ ms mass
i H  Propellant \ Bare mo
E i \ vehicle
’ Full or loaded Final or
, ! \\ propuision empty
; system mass vehicle
‘ mg
[ Tanks, structure,
residual propeiiant é Empty
}  propulsion
Rocket engine Emnggr;e s%sat::‘

FIGURE 4-1. Definitions of various vehicle masses.
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For constant propellant flow 1 and a finite propellant burning time the total
propellant mass m, is mt, and the instantaneous vehicle mass m = my — mt.
Equation 4-1 can be written as

du = (F/m)dt = (cm/m) dt
_ (emydr dmy/ty)ydt /L,
Cmy—mytft,  my(l —myt/mgt,) 1 —Lt/t,

Integration leads to the maximum vehicle velocity at propellant burnout wu,

that can be attained in a gravity-free vacuum. When ug 5 0 it is often called the
velocity increment Aw.

Au= —c In(l = ¢) +uy = cln(my/my) + uy (4-5)

If the initial velocity ug 1s assumed to be zero, then

U, = Au= —cln(l — ¢) = —cln[my/(my — m,)]
= —cInMR = cIn(1/MR) (4-6)
S cln(mo/mf)

This is the maximum velocity increment Au that can be obtained in a gravity-
free vacuum with constant propellant flow, starting from rest with uy = 0. The
effect of variations in ¢, I, and ¢ on the flight velocity increment are shown in
Fig. 4-2. An alternate way to write Eq. 4-6 uses e, the base of the natural
logarithm.

e/ = 1/MR = mo/my 47

The concept of the maximum attainable flight velocity increment Au in a
gravity-free vacuum is useful in understanding the influence of the basic para-
meters. It is used in comparing one propulsion system or vehicle with another,
one flight mission with another, or one proposed upgrade with another possible
design improvement.

From Eq. 4-6 it can be seen that propellant mass fraction has a logarithmic
effect on the vehicle velocity. By increasing this ratio from 0.80 to 0.90, the
interplanetary maximum vehicle velocity in gravitationless vacuum is increased
by 43%. A mass fraction of 0.80 would indicate that only 20% of the total
vehicle mass is available for structure, skin, payload, propulsion hardware,
radios, guidance system, acrodynamic lifting surfaces, and so on; the remaining
80% is useful propellant. It requires careful design to exceed 0.85; mass frac-
tion ratios approaching 0.95 appear to be the probable practical limit for
single-stage vehicles and currently known materials. When the mass fraction
is 0.90, then MR = 0.1 and 1/MR = 10.0. This marked influence of mass frac-
tion or mass ratio on the velocity at power cutoff, and therefore also the range,
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FIGURE 4-2. Maximum vehicle velocity in a gravitationless, drag-free space for dif-
ferent mass ratios and specific impulses (plot of Eq. 4-6). Single-state vehicles can have
values of 1/MR up to about 20 and multistage vehicles can exceed 200.

not only is true of interplanetary spaceships in a vacuum but applies to almost
all types of rocket-powered vehicles. For this reason, importance is placed on
saving inert mass on every vehicle component, including the propulsion system.

Equation 4-6 can be modified and solved for the effective propellant mass
m,, required to achieve a desired velocity increment for a given initial takeoff
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mass or a final burnout mass of the vehicle. The final mass consists of the
payload, the structural mass of the vehicle, the empty propulsion system mass
(which includes residual propellant), plus a small additional mass for guidance,
communications, and control devices. Here m, = my — my.

m, = mp(e™/ — 1) = my(1 — e72/) (4-8)

The flight velocity increment u, is proportional to the effective exhaust
velocity ¢ and, therefore, to the specific impulse. Thus any improvement in I
(such as better propellants, more favorable nozzle area ratio, or higher cham-
ber pressure) reflects itself in improved vehicle performance, provided that such
an improvement does not also cause an excessive increase in rocket propulsion
system inert mass, which causes a decrease in the effective propellant fraction.

4.2. FORCES ACTING ON A VEHICLE IN THE ATMOSPHERE

The external forces commonly acting on vehicles flying in the earth’s atmo-
sphere are thrust, aerodynamic forces, and gravitational attractions. Other
forces, such as wind or solar radiation pressure, are small and generally can
be neglected for many simple calculations.

The thrust is the force produced by the power plant, such as a propeller or a
rocket. It usually acts in the direction of the axis of the power plant, that is,
along the propeller shaft axis or the rocket nozzle axis. The thrust force of a
rocket with constant mass flow has been expressed by Eq. 2-6 as a function of
the effective exhaust velocity ¢ and the propellant flow rate si. In many rockets
the mass rate of propellant consumption m is essentially constant, and the
starting and stopping transients are usually very short and can be neglected.
Therefore, the thrust is

F=cm=cm,/t, 4-9)

As explained in Chapter 3, for a given propellant the value of the effective
exhaust velocity ¢ or specific impulse 7, depends on the nozzle area ratio and
the altitude. The value of ¢ can increase by a relatively small factor of between
1.2 and 1.6 as altitude is increased.

The drag D is the aerodynamic force in a direction opposite to the flight path
due to the resistance of the body to motion in a fluid. The /ift L is the aero-
dynamic force acting in a direction normal to the flight path. They are
expressed as functions of the flight speed u, the mass density of the fluid in
which the vehicle moves p, and a typical surface area A.

L=Clpad (4-10)
D = Cplpau’ (4-11)
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C; and Cp, are lift and drag coefficients, respectively. For airplanes and winged
missiles the area A4 is understood to mean the wing area. For wingless missiles
or space launch vehicles it is the maximum cross-sectional area normal to the
missile axis. The lift and drag coefficients are primarily functions of the vehicle
configuration, flight Mach number, and angle of attack, which is the angle
between the vehicle axis (or the wing plane) and the flight direction. For low
flight speeds the effect of Mach number may be neglected, and the drag and lift
coefficients are functions of the angle of attack. The variation of the drag and
lift coefficients for a typical supersonic missile is shown in Fig. 4-3. The values
of these coefficients reach a maximum near a Mach number of unity. For
wingless vehicles the angle of attack « is usually very small (0 < « < 1°). The
density and other properties of the atmosphere are listed in Appendix 2. The
density of the earth’s atmosphere can vary by a factor up to two (for altitudes
of 300 to 1200 km) depending on solar activity and night-to-day temperature
variations. This introduces a major unknown in the drag. The aerodynamic
forces are affected by the flow and pressure distribution of the rocket exhaust
gases, as explained in Chapter 18.

For space launch vehicles and ballistic missiles the drag loss, when expressed
in terms of Au, is typically 5 to 10% of the final vehicle velocity increment. This
relatively low value is due to the fact that the air density is low at high altitudes,
when the velocity is high, and at low altitudes the air density is high but the
flight velocity and thus the dynamic pressure are low.

Gravitational attraction is exerted upon a flying space vehicle by all planets,
stars, the moon, and the sun. Gravity forces pull the vehicle in the direction of
the center of mass of the attracting body. Within the immediate vicinity of the
earth, the attraction of other planets and bodies is negligibly small compared to
the earth’s gravitational force. This force is the weight.

If the variation of gravity with the geographical features and the oblate
shape of the earth are neglected, the acceleration of gravity varies inversely
as the square of the distance from the earth’s center. If R, is the radius of the
earth’s surface and g, the acceleration on the earth’s surface at the earth’s
effective radius Ry, the gravitational attraction g is

g = go(Ro/R)’ “12)
= golRo/(Ry + W)’

where £ is the altitude. At the equator the earth’s radius is 6378.388 km and the
standard value of g, is 9.80665 m/sec’. At a distance as far away as the moon,
the earth’s gravity acceleration is only about 3.3 x 1074 go-
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FIGURE 4-3. Variation of lift and drag coefficient with Mach number of the German

V-2 missile based on body cross-sectional area with jet off and without exhaust plume
effects at several angles of attack a.

4.3. BASIC RELATIONS OF MOTION

For a vehicle that flies within the proximity of the earth, the gravitational
attraction of all other heavenly bodies may usually be neglected. Let it be
assumed that the vehicle is moving in rectilinear equilibrium flight and that
all control forces, lateral forces, and moments that tend to turn the vehicle are
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zero. The trajectory is two-dimensional and is contained in a fixed plane. The
vehicle has wings that are inclined to the flight path at an angle of attack o and
that give a lift in a direction normal to the flight path. The direction of flight
does not coincide with the direction of thrust. Figure 44 shows these condi-
tions schematically.

Let 6 be the angle of the flight path with the horizontal and y the angle of
the direction of thrust with the horizontal. In the direction of the flight path the
product of the mass and the acceleration has to equal the sum of all forces,
namely the propulsive, aerodynamic, and gravitational forces:

m(du/dt) = Fcos(yy —60) — D — mgsin6 (4-13)
The acceleration perpendicular to the flight path is u(d@/dt); for a constant
value of u and the instantaneous radius R of the flight path it is #°/R. The
equation of motion in a direction normal to the flight velocity is

mu(dl/dt) = F sin(yy —6) + L — mgcos6 (4-14)

By substituting from Equations 4-10 and 4-11, these two basic equations can
be solved for the accelerations as

du F CD 2 .
Z_Z —f) -2 - 0 4-1
r mcos(x// 6) > P A —gsin (4-15)
6 F
u%:;sin(xﬁ—@)-}-%puzA—-gCOS@ (4-16)

No general solution can be given to these equations, since ¢, u, Cp, C;, p, 0, or
¥ can vary independently with time, mission profile, or altitude. Also, Cp and
C; are functions of velocity or Mach number. In a more sophisticated analysis
other factors may be considered, such as the propellant used for nonpropulsive
purposes (e.g., attitude control or flight stability). See Refs. 4-1 to 4-5 for a

ot “‘\S\V ]
e - ust
o =
- A\
et
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mg sin 8

FIGURE 4-4. Two-dimensional free-body force diagram for flying vehicle with wings
and fins.
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background of flight performance in some of the flight regimes. Different flight
performance parameters are maximized or optimized for different rocket flight
missions or flight regimes, such as Awu, range, time-to-target, or altitude.
Rocket propulsion systems are usually tailored to fit specific flight missions.

Equations 4-15 and 4-16 are general and can be further simplified for
various special applications, as shown in subsequent sections. Results of
such iterative calculations of velocity, altitude, or range using the above two
basic equations often are adequate for rough design estimates. For actual
trajectory analyses, navigation computation, space-flight path determination,
or missile-firing tables, this two-dimensional simplified theory does not permit
sufficiently accurate results. The perturbation effects, such as those listed in
Section 4.6 of this chapter, must then be considered in addition to drag and
gravity, and digital computers are necessary to handle the complex relations.
An arbitrary division of the trajectory into small elements and a step-by-step or
numerical integration to define a trajectory are usually indicated. The more
generalized three-body theory includes the gravitational attraction among
three masses (for example, the earth, the moon, and the space vehicle) and is
considered necessary for many space-flight problems (see Refs. 4-2 and 4-3).
When the propellant flow and the thrust are not constant, the form and the
solution to the equations above become more complex.

A form of Egs. 4-15 and 4-16 can also be used to determine the actual
thrust or actual specific impulse during actual vehicle flights from accurately
observed trajectory data, such as from optical or radar tracking data. The
vehicle acceleration (du/dt) is essentially proportional to the net thrust and,
by making an assumption or measurement on the propellant flow (which
usually varies in a predetermined manner) and an analysis of aerodynamic
forces, it is possible to determine the rocket propulsion system’s actual thrust
under flight conditions.

When integrating Eqgs. 4-15 and 4-16 one can obtain actual histories of
velocities and distances traveled and thus complete trajectories. The more
general case requires six equations; three for translation along each of three
perpendicular axes and three for rotation about these axes. The choice of
coordinate systems and the reference points can simplify the mathematical
solutions (see Refs. 4-2 and 4-4).

For a wingless rocket projectile, a space launch vehicle, or a missile with
constant thrust and propellant flow, these equations can be simplified. In Fig.
4-5 the flight direction @ is the same as the thrust direction and lift forces for a
symmetrical, wingless, stably flying vehicle can be assumed to be zero of zero
angle of attack. For a two-dimensional trajectory in a single plane (no wind
forces) and a stationary earth, the acceleration in the direction of flight is as
follows:

du ¢t/

du ~ _ Cplpita/m
o 1-qt,

Sy (4-17)

gsing
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FIGURE 4-5. Simplified free-body force diagram for vehicle without wings or fins. The
force vector diagram shows the net force on the vehicle.

A force vector diagram in Fig. 4-5 shows the net force (by adding thrust, drag
and gravity vectors) to be at an angle to the flight path, which will be curved.
These types of diagram form the basis for iterative trajectory numerical solu-
tions.

The relationships in this Section 4.3 are for a two-dimensional flight path,
one that lies in a single plane. If maneuvers out of that plane are also made
(e.g., due to solar attraction, thrust misalignment, or wind) then the flight paths
become three-dimensional and another set of equations will be needed to
describe these flights. Reference 4-1 describes equations for the motion of
rocket projectiles in the atmosphere in three dimensions. It requires energy
and forces to push a vehicle out of its flight plane. Trajectories have to be
calculated accurately in order to reach the intended flight objective and today
almost all are done with the aid of a computer. A good number of computer
programs for analyzing flight trajectories exit and are maintained by aecrospace
companies or Government agencies. Some are two-dimensional, relatively sim-
ple, and are used for making preliminary estimates or comparisons of alter-
native flight paths, alternative vehicle designs, or alternative propulsion
schemes. Several use a stationary flat earth, while others use a rotating curved
earth. Three-dimensional programs also exit, are used for more accurate flight
path analyses, include some or all perturbations, orbit plane changes, or flying
at angles of attack. As explained in Ref. 4-3, they are more complex.

If the flight trajectory is vertical (as for a sounding rocket), Eq. 4-17 is the
same, except that sin 6 = 1.0, namely
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@_ ¢/, N CD%puZA/mO
e 1-¢t/t, g 1 -1/t

(4-18)

The velocity at the end of burning can be found by integrating between the
limits of =0 and ¢=1t, when u=u, and u = u,. The first two terms can
readily be integrated. The last term is of significance only if the vehicle spends
a considerable portion of its time within the atmosphere. It can be integrated
graphically or by numerical methods, and its value can be designated as

BCpA/my such that
= /tp id!
0 I - {t/tp

The cutoff velocity or velocity at the end of propellant burning u, is then

BCpA

u, = —¢ln(l — &) — gz, — + (4-19)
14 14

0
where u, is the initial velocity, such as may be given by a booster, g is an
average gravitational afttraction evaluated with respect to time and altitude
from Eq. 4-12, and T is a time average of the effective exhaust velocity,
which is a function of altitude.

There are always a number of trade-offs in selecting the best trajectory for a
rocket projectile. For example, there is a trade-off between burning time, drag,
payload, maximum velocity, and maximum altitude (or range). Reference 4-6
describes the trade-offs between payload, maximum altitude, and flight stabi-
lity for a sounding rocket.

If aerodynamic forces outside the earth’s atmosphere are neglected (operate
in a vacuum) and no booster or means for attaining an initial velocity (i, = 0)
is assumed, the velocity at the end of the burning reached in a vertically
ascending trajectory will be

u,=—cln(l - ¢) - 31,
=—cInMR 31, (4-20)
=¢In(l/MR) - g1,

The first term is usually the largest and is identical to Eq. 4-6. 1t is directly
proportional to the effective rocket exhaust velocity and is very sensitive to
changes in the mass ratio. The second term is always negative during ascent,
but its magnitude is small if the burning time 1, is short or if the flight takes
place in high orbits or in space where g is comparatively small.

For a flight that is not following a vertical path, the gravity loss is a function
of the angle between the flight direction and the local horizontal; more speci-
fically, the gravity loss is the integral of g sin ¢ dt, as shown by Eq. 4-15.
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For the simplified two-dimensional case the net acceleration a for vertical
takeoff at sea level is

a = (Fogo/wo) — o 4-21)
a/go = (Fy/wo) — 1 (4-22)

where a/g, is the initial takeoff acceleration in multiples of the sea level grav-
itational acceleration go, and Fy/wy is the thrust-to-weight ratio at takeoff. For
large surface-launched vehicles, this initial-thrust-to-initial-weight ratio has
values between 1.2 and 2.2; for small missiles (air-to-air, air-to-surface, and
surface-to-air types) this ratio is usually larger, sometimes even as high as 50 or
100. The final or terminal acceleration a; of a vehicle in vertical ascent usually
occurs just before the rocket engine is shut off and before the propellant is
completely consumed.

ar/go = (Fp/wp) — 1 (4-23)

In a gravity-free environment this equation becomes a;/gy = Fy/wy. In rockets
with constant propellant flow the final acceleration is usually also the max-
imum acceleration, because the vehicle mass to be accelerated has its minimum
value just before propellant exhaustion, and for ascending rockets the thrust
usually increases with altitude. If this terminal acceleration is too large (and
causes overstressing of the structure, thus necessitating an increase in structure
mass), then the thrust can be designed to a lower value for the last portion of
the burning period.

Example 4-1. A simple single-stage rocket for a rescue flare has the following charac-
teristics and its flight path nomenclature is shown in the sketch.

Launch weight 4.0 Ibf
Useful propellant mass 0.4 Ibm
Effective specific impulse 120 sec
Launch angle (relative to horizontal)  80°

Burn time (with constant thrust) 1.0 sec

Yp 9

%p %z %
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Drag is to be neglected, since the flight velocities are low. Assume no wind. Assume the
local acceleration of gravity to be equal to the sea level gg and invariant throughout the
flight.

Solve for the initial and final acceleration of powered flight, the maximum trajectory
height, the time to reach maximum height, the range or distance to impact, and the
angle at propulsion cutoff and at impact.

SOLUTION. Divide the flight path into three portions: the powered flight for 1 sec, the
unpowered ascent after cutoff, and the free-fall descent. The thrust is obtained from Eq.
2-5:
F = Iw/t, = 120 x 0.4/1 = 48 1bf
The initial accelerations along the x and y directions are, from Eq. 4.22,
(ap), = gol(F sin6/w) — 1] = 32.2[(48/4)sin80° — 1] = 348 ft/ sec?
(ag), = go(F/w)cos@ = 32.2(48/4)cos 80° = 67.1 ft/ sec

The initial acceleration in the flight direction is

ag = /(@) + (ao)_z,. = 354.4 ft/ sec?

The direction of thrust and the flight path are the same. The vertical and horizontal
components of the velocity u, at the end of powered flight is obtained from Eq. 4-20.
The vehicle mass has been diminished by the propellant that has been consumed.

(), = cIn(wy/wys)sing — got, = 32.2 x 1201n(4/3.6)0.984 — 32.2 = 375 ft/ sec
(4,)x = cIn(wy/ws)cos6 = 32.2 x 1201n(4/3.6)0.1736 = 70.7 ft/ sec
The trajectory angle with the horizontal at rocket cutoff for a dragless flight is
tan~'(375/70.7) = 79.3°
Final acceleration is ay = Fgo/w = 48 x 32.2/3.6 = 429 ft/sec?. For the short duration
of the powered flight the coordinates at propulsion burnout y, and x, can be calculated
approximately by using an average velocity (50% of maximum) for the powered flight.
Yo =3y), 1, =1 x 375 x 1.0 = 187.5 ft
X, =5(up)t, =5 x 70.7 x 1.0 =353 ft
The unpowered part of the trajectory has a zero vertical velocity at its zenith. The initial
velocities, the x and y values for this parabolic trajectory segment, are those of propul-

sion termination (F = 0, u = u,, X = x,, y = y,); at the zenith (¥,). = 0.

(uy)z =0= ‘—gO(t: - tp) + (up)_y siné
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At this zenith sin 6 = 1.0. Solving for ¢. yields
t,=1t,+U,), /g0 =1+375/322=12.6 sec
The trajectory maximum height or zenith can be determined:

Y:=Yp + (up)y(tz - tp - %g()(t: - tp)z
= 187.5+ 375(11.6) — 132.2(11.6)* = 2370 ft

The range during ascent to the zenith point is

x. = () (1, — 1,) + X,
=70.7 x 11.6 +35.3 = 855 ft

The time of flight for the descent is, using y, = g,

1=+2v,/80 = /2 x 2370/32.2 = 12.1 sec

The final range or x distance to the impact point is found by knowing that the initial
horizontal velocity at the zenith (u,), is the same as the horizontal velocity at propulsion
termination (u,),:

xr = () (tgescent) = 70.7 x 12.1 = 855 ft

The total range for ascent and descent is 855 + 855 = 1710. The time to impact is
12.6 + 12.1 = —24.7 sec. The vertical component of the impact or final velocity u, is

U = golty — 1) = 32.2 x 12.1 = 389.6 ft/ sec
The impact angle 6, can be found:
¢, = tan"'(389.6/70.7) = 79.7°

If drag had been included, it would have required an iterative solution for finite elements
of the flight path and all velocities and distances would be somewhat lower in value. A
set of flight trajectories for a sounding rocket is given in Ref. 4-5.

4.4. EFFECT OF PROPULSION SYSTEM ON VEHICLE
PERFORMANCE

This section gives several methods for improving flight vehicle performance.
Most of these enhancements, listed below, are directly influenced by the selec-
tion or design of the propulsion system. A few of the flight vehicle performance
improvements do not depend on the propulsion system. Most of those listed
below apply to all missions, but some are peculiar to some missions only.
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. The effective exhaust velocity ¢ or the specific impulse I; usually have a

direct effect on the vehicle’s flight performance. For example the vehicle
final velocity increment Au can be inceased by a higher /. This can be
done by using a more energetic propellant (see Chapter 7 and 12), by a
higher chamber pressure and, for upper stages operating at high alti-
tudes, also by a larger nozzle area ratio.

. The mass ratio my/m, has a logarithmic effect. It can be increased in

several ways. One way is by reducing the final mass m,, which consists
of the inert hardware plus the nonusable, residual propellant mass.
Reducing the inert mass implies lighter structures, smaller payloads,
lighter guidance/control devices, or less unavailable residual propellant;
this means going to stronger structural materials at higher stresses,
more efficient power supplies, or smaller electronic packages. During
design there is always great emphasis to reduce all hardware masses
and the residual propellants to their practical minima. Another way is
to increase the initial mass, namely by increasing the thrust and add-
ing more propellant, but with a minimum increase in the structure or
propulsion system masses. It is possible to improve the effective mass
ratio greatly by using two or more stages, as will be explained in
Section 4.7.

. Reducing the burning time (i.e., increasing the thrust level) will reduce

the gravitational loss. However, the higher acceleration usually requires
more structural and propulsion system mass, which in turn causes the
mass ratio to be less favorable.

. The drag, which can be considered as a negative thrust, can be reduced in

at least four ways. The drag has several components: (a) The form drag
depends on the aerodynamic shape. A slender pointed nose or sharp, thin
leading edges of fins or wings have less drag than a stubby, blunt shape.
(b) A vehicle with a small cross-sectional area has less drag. A propulsion
design that can be packaged in a long, thin shape will be preferred. (c)
The drag is proportional to the cross-sectional or frontal vehicle area. A
higher propellant density will decrease the propellant volume and there-
fore will allow a smaller cross section. (d) The skin drag is caused by the
friction of the air flowing over all the vehicle’s outer surfaces. A smooth
contour and a polished surface are usually better. The skin drag is also
influenced by the propellant density, because it gives a smaller volume
and thus a lower surface area. (¢) The base drag is the fourth component;
it is a function of the local ambient air pressure acting over the surface of
the vehicle’s base or bottom plate. It is influenced by the nozzle exit
design (exit pressure) and the geometry of the vehicle base design. It is
discussed further in Chapter 18.

. The length of the propulsion nozzle often is a significant part of the

overall vehicle or stage length. As was described in Chapter 3, there is
an optimum nozzle contour and length, which can be determined by
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trade-off analysis. A shorter nozzle length allows a somewhat shorter
vehicle; on many designs this implies a somewhat lighter vehicle structure
and a slightly better vehicle mass ratio.

6. The final vehicle velocity at propulsion termination can be increased by
increasing the initial velocity uy. By launching a satellite in an eastward
direction the rotational speed of the earth is added to the final satellite
orbital velocity. This tangential velocity of the earth is about 464 m/sec
or 1523 ft/sec at the equator and about 408 m/sec or 1340 ft/sec for an
easterly launch at Kennedy Space Center (latitude of 28.5° north).
Conversely, a westerly satellite launch has a negative initial velocity
and thus requires a higher-velocity increment. Another way to increase
u 1s to launch a spacecraft from a satellite or an aircraft, which increases
the initial vehicle velocity and allows launching in the desired direction,
or to launch an air-to-surface missile from an airplane.

7. For vehicles that fly in the atmosphere it is possible to increase the range
when aerodynamic lift is used to counteract gravity and reduce gravity
losses. Using a set of wings or flying at an angle of attack increases the
lift, but is also increases the drag. This lift can also be used to increase the
maneuverability and trajectory flexibility.

8. When the flight velocity u is close to the rocket’s effective exhaust velocity
¢, the propulsive efficiency is the highest (Eq. 2-23) and more of the
rocket exhaust gas energy is transformed into the vehicle’s flight energy.
Trajectories where u is close in value to ¢ for a major portion of the flight
therefore need less propellant.

Several of these influencing parameters can be optimized. Therefore, for
every mission of flight application there is an optimum propulsion system
design and the propulsion parameters that define the optimum condition are
dependent on vehicle or flight parameters.

4.5. SPACE FLIGHT

Newton’s law of gravitation defines the attraction of gravitational force F,
between two bodies in space as follows:

F, = Gmym,y/R* = pum,/ R? (4-24)

Here G is the universal gravity constant (G = 6.670 x 10™'! m%/ kg-sec?), my
and m, are the masses of the two attracting bodies (such as the earth and the
moon, the earth and a spacecraft, or the sun and a planet) and R is the distance
between their centers of mass. The earth’s gravitational constant p is the
product of Newton’s universal constant G and the mass of the earth m,
(5.974 x 10** kg). It is ;= 3.98600 x 10 m?/sec?.
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The rocket offers a means for escaping the earth for lunar and interplane-
tary travel, for escaping our solar system, and for creating a stationary or
moving station in space. The flight velocity required to escape from the earth
can be found by equating the kinetic energy of a moving body to the work
necessary to overcome gravity, neglecting the rotation of the earth and the
attraction of other celestial bodies.

%muzszng

By substituting for g from Eq. 4-12 and by neglecting air friction the following
relation for the escape velocity is obtained:

| 28 2p
=R _ 4-25
e 0 Ry+h R ( )

Here R, is the effective earth radius (6374.2 km), # is the orbit altitude above
sea level, and g is the acceleration of gravity at the earth surface (9.806 m/sec).
The spacecraft radius R measured from the earth’s center is R = Ry + A. The
velocity of escape at the earth’s surface is 11,179 m/sec or 36,676 ft/sec and
does not vary appreciably within the earth’s atmosphere, as shown by Fig. 4-6.
Escape velocities for surface launch are given in Table 4-1 for the sun, the
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FIGURE 4-6. Orbital energy, orbital velocity, period of revolution, and earth escape
velocity of a space vehicle as a function of altitude for circular satellite orbits. It is based
on a spherical earth and neglects the earth’s rotation and atmospheric drag.
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TABLE 4-1. Characteristic Data for Several Heavenly Bodies

Acceleration Escape
Mean Radius Mean Relative of Gravity Velocity at

of Orbit Period of Diameter Mass Specific at Surface Surface

Name (million km) Revolution (km) (Earth = 1.0) Gravity (m/sec?) (m/sec)
Sun — — 1,393,000 332,950 1.41 273.4 616,000
Moon 0.383 27.3 days 3475 0.012 3.34 1.58 2380
Mercury 57.87 87.97 days 4670 0.06 5.5 3.67 4200
Venus 108.1 22470  days 12,400 0.86 5.3 8.67 10,300
Earth 149.6 365.256 days 12,742 1.00% 5.52 9.806 11,179
Mars 227.7 686.98  days 6760 0.15 3.95 3.749 6400
Jupiter 777.8 11.86 yr 143,000 3184 1.33 26.0 59,700
Saturn 1486 29.46  yr 121,000 95.2 0.69 11.4 35,400
Uranus 2869 84.0 yr 47,100 15.0 1.7 10.9 22,400
Neptune 4475 164.8 yr 50,700 17.2 1.8 11.9 31,000
Pluto 5899 284.8 yr 5950 0.90 4 7.62 10,000

Source: in part from Refs 4-2 and 4-3.
“Earth mass is 5.976 x 10% kg.
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planets, and the moon. Launching from the earth’s surface at escape velocity is
not practical. As a vehicle ascends through the earth’s atmosphere, it is subject
to severe aerodynamic heating and dynamic pressures. A practical launch
vehicle has to traverse the atmosphere at relatively low velocity and accelerate
to the high velocities beyond the dense atmosphere. For example, during a
portion of the Space Shuttle’s ascent, its main engines are actually throttled
to a lower thrust to avoid excessive pressure and heating. Alternatively, an
escape vehicle can be launched from an orbiting space station or from an
orbiting Space Shuttle.

A rocket spaceship can become a satellite of the earth and revolve around
the earth in a fashion similar to that of the moon. Satellite orbits are usually
elliptical and some are circular. Low earth orbits, typically below 500 km
altitude, are designated by the letters LEQO. Satellites are useful as communica-
tions relay stations for television or radio, weather observation, or reconnais-
sance observation. The altitude of the orbit is usually above the earth’s
atmosphere, because this minimizes the expending of energy to overcome the
drag which pulls the vehicle closer to the earth. The effects of the radiation in
the Van Allen belt on human beings and sensitive equipment sometimes neces-
sitate the selection of an earth orbit at low altitude.

For a circular trajectory the velocity of a satellite must be sufficiently high so
that its centrifugal force balances the earth’s gravitational attraction.

mu?/R =mg

For a circular orbit, the satellite velocity u, is found by using Eq. 4-12,

u; = Roy/go/(Ro + 1) = /u/R (4-26)

which is smaller than the escape velocity by a factor of +/2. The period t in
seconds of one revolution for a circular orbit relative to a stationary earth is

7 = 27(Ry + h)/us = 21(Ro + h)**/(Rov/20) (4-27)

The energy E necessary to bring a unit of mass into a circular satellite orbit
neglecting drag, consists of kinetic and potential energy, namely,

(4-28)

R p2
R Ry +2h
g _& / 0 JR=1R.o, =0 "%
3 Ro + RogoRz 2 080R0+h

The escape velocity, satellite velocity, satellite period, and satellite orbital
energy are shown as functions of altitude in Fig. 4-6.
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A satellite circulating around the earth at an altitude of 300 miles or 482.8
km has a velocity of about 7375 m/sec or 24,200 ft/sec, circles a stationary
earth in 1.63 hr, and ideally requires an energy of 3.35 x 107 J to place 1 kg of
spaceship mass into its orbit. An equatorial satellite in a circular orbit at an
altitude of 6.611 earth radii (about 26,200 miles, 42,200 km, or 22,700 nautical
miles) has a period of revolution of 24 hr. It will appear stationary to an
observer on earth. This is known as a synchronous satellite in geo-synchronous
earth orbit, usually abbreviated as GEO. It is used extensively for communica-
tions satellite applications. In Section 4.7 on launch vehicles we will describe
how the payload of a given space vehicle diminishes as the orbit circular
altitude is increased and as the inclination (angle between orbit plane and
earth equatorial plane) is changed.

Elliptical Orbits

The circular orbit described above is a special case of the more general elliptic
orbit shown in Fig. 4-7; here the earth (or any other heavenly body around
which another body is moving) is located at one of the focal points of this
ellipse. The equations of motion may be derived from Kepler’s laws, and the
elliptical orbit can be described as follows, when expressed in polar coordi-

nates:
12
"= [u <% - 2)] (4-29)

Satellite

Perigee

|
|
|
|

Apogee radius ———— Perigee radius
2a |

FIGURE 4-7. Elliptical orbit; the attracting body is at one of the focal points of the
ellipse.



122 FLIGHT PERFORMANCE

where u is the velocity of the body in the elliptical orbit, R is the instantaneous
radius from the center of the attracting body (a vector quantity, which changes
direction as well as magnitude), a is the major axis of the ellipse, and p is the
earth’s gravitational constant with a value of 3.986 x 10" m3/se(:24 The sym-
bols are defined in Fig. 4-7. From this equation it can be seen that the velocity
u, 1s @ maximum when the moving body comes closest to its focal point at the
orbit’s perigee and that its velocity u, is a minimum at its apogee. By substitut-
ing for R in Eq. 4-29, and by defining the ellipse’s shape factor e as the
eccentricity of the ellipse, e = ~/a?> — b?/a, then the apogee and perigee veloci-

ties can be expressed as
pd —e)
= == 4-30
“EValte (4-30)
y = [P FE (4-31)
a(l —e)

Another property of an elliptical orbit is that the product of velocity and
instantaneous radius remains constant for any location a or b on the ellipse,
namely, u,R, = u, R, = uR. The exact path that a satellite takes depends on the
velocity (magnitude and vector orientation) with which it is started or injected
into its orbit.

For interplanetary transfers the ideal mission can be achieved with mini-
mum energy in a simple transfer ellipse, as suggested originally by Hohmann
(see Ref. 4-6). Assuming the planetary orbits about the sun to be circular and
coplanar, it can be demonstrated that the path of minimum energy is an ellipse
tangent to the planetary orbits as shown in Fig. 4-8. This operation requires a
velocity increment (relatively high thrust) at the initiation and another at ter-

Planet B at ¢,

Planet A at ¢,

FIGURE 4-8. Schematic diagram of interplanetary transfer paths. These same transfer
maneuvers apply when going from a low-altitude earth satellite orbit to a higher orbit.
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mination; both increments are the velocity differences between the respective
circular planetary velocities and the perigee and apogee velocity which define
the transfer ellipse. The thrust levels at the beginning and end maneuvers of the
Hohmann ellipse must be high enough to give a short operating time and the
acceleration of at least 0.01 gq, but preferably more. With electrical propulsion
these accelerations would be about 107> g, the operating time would be weeks
or months, and the best transfer trajectories would be very different from a
Hohmann ellipse; they are described in Chapter 19.

The departure date or the relative positions of the launch planet and the target
planet for a planetary transfer mission is critical, because the spacecraft has to
meet with the target planet when it arrives at the target orbit. The Hohmann
transfer time (¢, — ;) starting on earth is about 116 hours to go to the moon
and about 259 days to Mars. If a faster orbit (shorter transfer time) is desired
(see dashed lines in Fig. 4-8), it requires more energy than a Hohmann transfer
ellipse. This means a larger vehicle with a larger propulsion system that has
more total impulse. There also is a rime window for a launch of a spacecraft
that will make a successful rendezvous. For a Mars mission an earth-launched
spacecraft may have a launch time window of more than two months. A
Hohmann transfer ellipse or a faster transfer path apply not only to planetary
flight but also to earth satellites, when an earth satellite goes from one circular
orbit to another (but within the same plane). Also, if one spacecraft goes to a
rendezvous with another spacecraft in a different orbit, the two spacecraft have
to be in the proper predetermined positions prior to the launch for simulta-
neously reaching their rendezvous. When the launch orbit (or launch planet) is
not in the same plane as the target orbit, then additional energy will be needed
by applying thrust in a direction normal to the launch orbit plane.

Example 4-2. A satellite is launched from a circular equatorial parking orbit at an
altitude of 160 km into a coplanar circular synchronous orbit by using a Hohmann
transfer ellipse. Assume a homogeneous spherical earth with a radius of 6374 km.
Determine the velocity increments for entering the transfer ellipse and for achieving
the synchronous orbit at 42,200 km altitude. See Fig. 4-8 for the terminology of the
orbits.

SOLUTION. The orbits are R, = 6.531 x 10° m; Ry = 48.571 x 10° m. The major
axis a of the transfer ellipse

a, = 3(R4 + Rg) = 27.551 x 10° m/ sec
The orbit velocities of the two satellites are

uy = i/R, = [3.986005 x 10'/6.571 x 105 = 7788 m/ sec
up = +/1/Rg = 2864.7 m/ sec
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The velocities needed to enter and exit the transfer ellipse are

()4 = VII2/R4) — (1/@)F = 10,337 m/ sec
() g = VHl(2/Rp) — (1/a)]'* = 1394 m/ sec

The changes in velocity going from parking orbit to ellipse and from ellipse to final orbit
are:

Auy = [(u,) 4 — uyl = 2549 m/sec
Aupg = lug — (u,,)p = 1471 m/ sec

The total velocity change for the transfer maneuvers is:
Autotal = AUA + AMB = 4020 m/ sec

Figure 4-9 shows the elliptical transfer trajectory of a ballistic missile or a
satellite ascent vehicle. During the initial powered flight the trajectory angle is
adjusted by the guidance system to an angle that will allows the vehicle to reach
the apogee of its elliptical path exactly at the desired orbit altitude. For the
ideal satellite orbit injection the simplified theory assumes an essentially instan-
taneous application of the total impulse as the ballistic trajectory reaches its
apogee or zenith. In reality the rocket propulsion system operates over a finite
time, during which gravity losses and changes in altitude occur.

Deep Space

Lunar and interplanetary missions include circumnavigation, landing, and
return flights to the moon, Venus, Mars, and other planets. The energy neces-
sary to escape from earth can be calculated as %mvg from Eq. 4-25. 1t is
6.26 x 10'J/kg, which is more than that required for a satellite. The gravita-
tional attraction of various heavenly bodies and their respective escape velo-
cities depends on their masses and diameters; approximate values are listed in
Table 4-1. An idealized diagram of an interplanetary landing mission is shown
in Fig. 4-10.

The escape from the solar system requires approximately 5.03 x 10* J/kg.
This is eight times as much energy as is required for escape from the earth.
There is technology to send small, unmanned probes away from the sun to
outer space; as yet there needs to be an invention and demonstrated proof of a
long duration, novel, rocket propulsion system before a mission to the nearest
star can be achieved. The trajectory for a spacecraft to escape from the sun is
either a parabola (minimum energy) or a hyperbola.
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FIGURE 4-9. Long-range ballistic missiles follow an elliptical free-flight trajectory (in a
drag-free flight) with the earth’s center as one of the focal points. The surface launch is
usually vertically up (not shown here), but the trajectory is quickly tilted during early
powered flight to enter into the ellipse trajectory. The ballistic range is the arc distance
on the earth’s surface. For satellites, another powered flight period occurs (called orbit
injection) just as the vehicle is at its elliptical apogee (as indicated by the velocity arrow),
causing the vehicle to enter an orbit.

Perturbations

This section gives a brief discussion of the disturbing torques and forces which
cause perturbations or deviations from any space flight path or satellite’s flight
trajectory. For a more detailed treatment of flight paths and their perturba-
tions, see Refs. 4-2 and 4-3. A system is needed to measure the satellite’s
position and deviation from the intended flight path, to determine the needed
periodic correction maneuver and then to counteract, control, and correct
them. Typically, the corrections are performed by a set of small reaction con-
trol thrusters which provide predetermined total impulses into the desired
directions. These corrections are needed throughout the life of the spacecraft
(for 1 to 20 years) to overcome the effects of the disturbances and maintain the
intended flight regime.
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FIGURE 4-10. Schematic diagram of typical powered flight maneuvers during a
hypothetical interplanetary mission with a landing. The numbers indicate typical thrust
magnitudes of the maneuvers in percent of launch takeoff thrust. This is not drawn to
scale. Heavy lines show powered flight segments.

Perturbations can be cateogirzed as short-term and long-term. The daily or
orbital period oscillating forces are called diurnal and those with long periods
are called secular.

High-altitude each satellites (36,000 km and higher) experience perturbing
forces primarily as gravitational pull from the sun and the moon, with the
forces acting in different directions as the satellite flies around the earth.
This third-body effect can increase or decrease the velocity magnitude and
change its direction. In extreme cases the satellite can come very close to the
third body, such as the moon, and undergo what is called a hyperbolic man-
euver that will radically change the trajectory. This encounter can be used to
increase or decrease the energy of the satellite and intentionally change the
velocity and the shape of the orbit.

Medium- and low-altitude satellites (500 to 35,000 km) experience perturba-
tions because of the earth’s oblateness. The earth bulges in the vicinity of the
equator and a cross section through the poles is not entirely circular.
Depending on the inclination of the orbital plane to the earth equator and
the altitude of the satellite orbit, two perturbations result: (1) the regression of
the nodes, and (2) shifting of the apsides line {major axis). Regression of the
nodes is shown in Fig. 4-11 as a rotation of the plane of the orbit in space, and
it can be as high as 9° per day at relatively low altitudes. Theoretically, regres-
sion does not occur in equatorial orbits.

Figure 4-12 shows an exaggerated shift of the apsidal line, with the center of
the earth remaining as a focus point. This perturbation may be visualized as the
movement of the prescribed elliptical orbit in a fixed plane. Obviously, both the
apogee and perigee points change in position, the rate of change being a func-
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FIGURE 4-11. The regression of nodes is shown as a rotation of the plane of the orbit.
The direction of the movement will be opposite to the east-west components of the
earth’s satellite motion.

tion of the satellite altitude and plane inclination angle. At an apogee altitude
of 1000 nautical miles (n.m.) and a perigee of 100 n.m. in an equatorial orbit,
the apsidal drift is approximately 10° per day.

Satellites of modern design, with irregular shapes due to protruding anten-
nas, solar arrays, or other asymmetrical appendages, experience torques and
forces that tend to perturb the satellite’s position and orbit throughout its
orbital life. The principal torques and forces result from the following factors:

FIGURE 4-12. Shifting of the apsidal line of an elliptic orbit from position 1 to 2
because of the oblateness of the earth.
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. Aerodynamic drag. This factor is significant at orbital altitudes below 500

km and is usually assumed to cease at 800 km above the earth. Reference
4-7 gives a detailed discussion of aerodynamic drag which, in addition to
affecting the attitude of unsymmetrical vehicles, causes a change in ellip-
tical orbits known as apsidal drift, a decrease in the major axis, and a
decrease in eccentricity of orbits about the earth.

. Solar radiation. This factor dominates at high altitudes (above 800 km)

and is due to impingement of solar photons upon satellite surfaces. The
solar radiation pressure p (N/m?) on a given surface of the satellite in the
vicinity of the earth exposed to the sun can be determined as

p=4.5x 10" cosO(1 — k,)cos 6 + 0.67k,] (4-32)

where 0 is the angle (degrees) between the incident radiation vector and
the normal to the surface, and k; and k, are the specular and diffuse
coefficients of reflectivity. Typical values are 0.9 and 0.5, respectively, for
ks and k; on the body and antenna, and 0.25 and 0.01 respectively, for &,
and k; with solar array surfaces. The radiation intensity varies as the
square of the distance from the sun (see Ref. 4-8). The torque T on the
vehicle is given by T = pAl, where A4 is the projected area and / is the
offset distance between the spacecraft’s center of gravity and the center of
solar pressure.

. Gravity gradients. Gravitational torque in spacecraft results from a var-

iation in the gravitational force on the distributed mass of a spacecraft.
Determination of this torque requires knowledge of the gravitational
field and the distribution of spacecraft mass. This torque decreases as a
function of the orbit radius and increases with the offset distances of
masses within the spacecraft (including booms and appendages), it is
most significant in large spacecraft or space stations operating in rela-
tively low orbits (see Ref. 4-9).

. Magnetic field. The earth’s magnetic field and any magnetic moment

within the satellite interact to produce torque. The earth’s magnetic
field precesses about the earth’s axis but is very weak (0.63 and 0.31
gauss at poles and equator, respectively). This field is continually fluctu-
ating in direction and intensity because of magnetic storms and other
influences. Since the field strength decreases with 1/R’ with the orbital
altitude, magnetic field forces are often neglected in the preliminary
design of satellites (see Ref. 4-10).

. Internal accelerations. Deployment of solar array panels, the shifting of

propellant, movement of astronauts or other mass within the satellite, or
the “unloading” of reaction wheels produce torques and forces.

We can categorize satellite propulsion needs according to function as listed
in Table 4-2, which shows the total impulse “budget’ applicable to a typical
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TABLE 4.2. Propulsion Functions and Total Impulse Needs of a
2000-1bm Geosynchronous Satellite with a 7-Year Life

Total Impulse

Function (N-sec)
Acquisition of orbit 20,000
Attitude control (rotation) 4,000
Station keeping, E-W 13,000
Station keeping, N-S 270,000
Repositioning (Awu, 200 ft/sec) 53,000
Control apsidal drift (third body attraction) 445,000
Deorbit 12,700
Total 817,700

high altitude, elliptic orbit satellite. The control system designer often distin-
guishes two different kinds of stationary-keeping orbit corrections needed to
keep the satellite in a synchronous position. The east—west correction refers to
a correction that moves the point at which a satellite orbit intersects the earth’s
equatorial plane in an east or west direction; it usually corrects forces caused
largely by the oblateness of the earth. The north-south correction counteracts
forces usually connected with the third-body effects of the sun and the moon.

In many satellite missions the gradual changes in orbit caused by perturba-
tion forces are not of concern. However, in certain missions it is necessary to
compensate for these perturbing forces and maintain the satellite in a specific
orbit and in a particular position in that orbit. For example, a synchronous
communications satellite in a GEO needs to maintain its position and its orbit,
so it will be able to (1) keep covering a specific area of the earth or commu-
nicate with the same stations on earth within its line of sight, and (2) not
become a hazard to other satellites in this densely occupied synchronous equa-
torial orbit. Another example is a LEO communications satellite system with
several coordinated satellites; here at least one satellite has to be in a position
to receive and transmit RF signals to specific points on earth. Their orbits, and
the positions of these several satellites with respect to each other, need to be
controlled and maintained (see Refs. 4-11 to 4-13).

Orbit maintenance means applying small correcting forces and torques per-
iodically; for GEOQ it is typically every few months. Typical velocity increments
for the orbit maintenance of synchronous satellites require a Au between 10
and 50 m/sec per year. For a satellite mass of about 2000 kg a 50 m/sec
correction for a 10-year orbit life would need a total impulse of about
100,000 N-sec, which corresponds to a propellant mass of 400 to 500 kg
(about a quarter of the satellite mass) if done by a small monopropellant or
bipropellant thrust. It would require much less propellant if electrical propul-
sion were used, but in some spacecraft the inert mass of the power supply
would increase.
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Mission Velocity

A convenient way to describe the magnitude of the energy requirement of a
space mission is to use the concept of the mission velocity. It is the sum of all the
flight velocity increments needed to attain the mission objective. In the simpli-
fied sketch of a planetary landing mission of Fig. 4-10, it is the sum of all the
Au velocity increments shown by the heavy lines (rocket-powered flight seg-
ments) of the trajectories. Even though some of the velocity increments were
achieved by retro-action (a negative propulsion force to decelerate the flight
velocity), these maneuvers required energy and their absolute magnitude is
counted in the mission velocity. The initial velocity from the earth’s rotation
(464 m/sec at the equator and 408 m/sec at a launch station at 28.5° latitude)
does not have to be provided by the vehicle’s propulsion systems. For example,
the required mission velocity for launching at Cape Kennedy, bringing the
space vehicle into an orbit at 110 km, staying in orbit for a while, and then
entering a de-orbit maneuver has the Au components shown in Table 4-3.

The required mission velocity is the sum of the absolute values of all trans-
lation velocity increments that have forces going through the center of gravity
of the vehicle (including turning maneuvers) during the flight of the mission. It
is the theoretical hypothetical velocity that can be attained by the vehicle in a
gravity-free vacuum, if all the propulsive energy of the momentum-adding
thrust chambers in all stages were to be applied in the same direction. It is
useful for comparing one flight vehicle design with another and as an indicator
of the mission energy.

The required mission velocity has to be equal to the “supplied” mission
velocity, that is, the sum of all the velocity increments provided by the propul-
sion systems of each of the various vehicle stages. The total velocity increment
to be “supplied” by the shuttle’s propulsion systems for the shuttle mission
described below (solid rocket motor strap-on boosters, main engines and, for
orbit injection, also the increment from the orbital maneuvering system—all
shown in Fig. 1-13) has to equal or exceed 9621 m/sec. With chemical propul-
sion systems and a single stage, we can achieve a space mission velocity of 4000

TABLE 4-3. Space Shuttle Incremental Flight Velocity Breakdown

Ideal satellite velocity 7790 m/sec
Au to overcome gravity losses 1220 m/sec
Au to turn the flight path from the vertical 360 m/sec
Au to counteract aerodynamic drag 118 m/sec
Orbit injection 145 m/sec
Deorbit maneuver to re-enter atmosphere and aerodynamic braking 60 m/sec
Correction maneuvers and velocity adjustments 62 m/sec
Initial velocity provided by the earth’s rotation at 28.5° latitude —408 m/sec

Total required mission velocity 9347 m/sec
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to 13,000 m/sec, depending on the payload, vehicle design, and propellant.
With two stages it can be between perhaps 12,000 and 22,000 m/sec.

Rotational maneuvers, described later, do not change the flight velocity
and are not usually added to the mission velocity requirements. Also, main-
taining a satellite in orbit against long-term perturbing forces (see prior sec-
tion) is often not counted as part of the mission velocity. However, the
designers need to provide additional propulsion capability and propellants
for these purposes. These are often separate propulsion systems, called reac-
tion control systems.

Typical vehicle velocities required for various interplanetary missions have
been estimated as shown in Table 4-4. By starting interplanetary journeys from
a space satellite station, a considerable saving in this vehicle velocity can be
achieved, namely, the velocity necessary to achieve the earth-circling satellite
orbit. As the space-flight objective becomes more ambitious, the mission velo-
city is increased. For a given single or multistage vehicle it is possible to
increase the vehicle’s terminal velocity, but usually only at the expense of
payload. Table 4-5 shows some typical ranges of payload values for a given
multistage vehicle as a percentage of a payload for a relatively simple earth
orbit. Thus a vehicle capable of putting a substantial payload into a near-earth
orbit can only land a very small fraction of this payload on the moon, since it
has to have additional upper stages, which displace payload mass. Therefore,
much larger vehicles are required for space flights with high mission velocities if
compared to a vehicle of less mission velocity but identical payload. The values
listed in Tables 44 and 4-5 are only approximate because they depend on
specific vehicle design features, the propellants used, exact knowledge of the

TABLE 4-4. Vehicle Mission Velocities for Typical Interplanetary Missions

Approximate
Ideal Velocity  Actual Velocity

Mission (km/sec) (1000 m/sec)
Satellite orbit around earth 7.9-10 9.1-12.5

(no return)
Escape from earth (no return) 11.2 12.9
Escape from moon 2.3 2.6
Earth to moon (soft landing on moon, 13.1 15.2

no return)
Earth to Mars (soft landing) 17.5 20
Earth to Venus (soft landing) 22 25
Earth to moon (landing on moon 159 17.7

and return to earth?)
Earth to Mars (landing on Mars, 22.9 27

and return to earth %)

“Assumes air braking within atmospheres.
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TABLE 4-5. Relative Payload-Mission Comparison Chart for High-Energy
Chemical Multistage Rocket Vehicles

Relative Payload”

Mission (%)

Earth satellite 100

Earth escape 3545
Earth 24-hr orbit 10-25
Moon landing (hard) 3545
Moon landing (soft) 10-20
Moon circumnavigation (single fly-by) 3042
Moon satellite 20-30
Moon landing and return 1-4

Moon satellte and return 8-15
Mars flyby 20-30
Mars satellite 10-18
Mars landing 0.5-3

4300 nautical miles (555.6 km) earth orbit is 100% reference.

trajectory—time relation, and other factors that are beyond the scope of this
short treatment. Further information on space flight can be found in Refs. 4-2
to 4-4 and 4-11 to 4-13.

For example, for a co-planar earth-moon and return journey it is necessary
to undertake the following steps in sequence and provide an appropriate velo-
city increment for each. This is similar in concept to the diagram for inter-
planetary flight of Fig. 4-10. For the ascent from the earth and the entry into
an earth satellite orbit, the vehicle has to be accelerated ideally to approxi-
mately 7300 m/sec; to change to the transfer orbit requires roughly another
2900 m/sec; to slow down and put the spacecraft into an approach to the moon
(retro-action) and enter into an orbit about the moon is about 1000 m/sec; and
to land on the moon is about another 1600 m/sec. The ascent from the moon
and the entry into an earth return orbit is about 2400 m/sec. Aerodynamic drag
is used to slow down the earth reentry vehicle and this maneuver does not
require the expenditure of propellant. Adding these together and allowing 300
m/sec for various orbit adjustments comes to a total of about 14,500 m/sec,
which is the approximate cumulative total velocity needed for the mission.
Tables 4-3 and 4-4 compare very rough values of mission velocities and pay-
loads for several space missions.

4.6. FLIGHT MANEUVERS

In this section we describe different flight maneuvers and relate them to specific
propulsion system types. The three categories of maneuvers are:
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1. In translation maneuvers the rocket propulsion thrust vector goes through
the center of gravity of the vehicle. The vehicle momentum is changed in
the direction of the flight velocity. An example of several powered (trans-
lational maneuvers) and unpowered (coasting) segments of a complex
space flight trajectory is shown in schematic, simplified form in Fig.
4-10. To date, most maneuvers have used chemical propulsion systems.

2. In truly rotational maneuvers there is no net thrust acting on the vehicle.
These are true couples that apply only torque. It requires four thrusters
to be able to rotate the vehicle in either direction about any one axis (two
thrusters apart, firing simultaneously, but in opposite directions). These
types of maneuver are usually provided by reaction control systems.
Most have used multiple liquid propellant thrusters, but in recent years
many space missions have used electrical propulsion.

3. A combination of categories 1 and 2, such as a large misaligned thrust
vector that does not go exactly through the center of gravity of the
vehicle. The misalignment can be corrected by changing the vector direc-
tion of the main propulsion system (thrust vector control) during pow-
ered flight or by applying a simultaneous compensating torque from a
separate reaction control system.

The following types of space flight maneuvers and vehicle accelerations use
rocket propulsion. All propulsion operations are controlled (started, moni-
tored, and stopped) by the vehicle’s guidance and control system.

a. First stage and its upper stage propulsion systems add momentum during
launch and ascent. They require rocket propulsion of high or medium
thrusts and limited durations (typically 0.7 to 8 minutes). To date all have
used chemical propulsion systems. They constitute the major mass of the
space vehicle and are discussed further in the next section.

b. Orbit injection or transferring from one orbit to another requires accu-
rately predetermined total impulses. It can be performed by the main
propulsion system of the top stage of the launch vehicle. More often
it is done by a separate propulsion system at lower thrust levels than
the upper stages in item (a) above. Orbit injection can be a single
thrust operation after ascent from an earth launch station. If the
flight path is a Hohmann transfer ellipse (minimum energy) or a
faster transfer orbit, then two thrust application periods are neces-
sary, one at the beginning and one at the end of the transfer path.
For injection into earth orbit, the thrust levels are typically between
200 and 45,000 N or 50 and 11,000 Ibf, depending on the payload
size transfer time, and the specific orbit. If the new orbit is higher,
then the thrusts are applied in the flight direction. If the new orbit is
at a lower altitude, then the thrusts must be applied in a direction
opposite to the flight velocity vector. The transfer orbits can also be
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achieved with a very low thrust level (0.001 to 1 N) using an electric
propulsion system, but the flight paths will be very different (multi-
loop spiral) and the transfer duration will be much longer. This is
explained in Chapter 19. Similar maneuvers are also performed with
lunar or interplanetary flight missions, as the planetary landing mis-
sion shown schematically in Fig. 4-10.

. Velocity vector adjustment and minor in-flight correction maneuvers are

usually performed with low thrust, short duration and intermittent (pul-
sing) operations, using a reaction control system with multiple small
liquid propellant thrusters, both for translation and rotation. The vernier
rockets on a ballistic missile are used to accurately calibrate the terminal
velocity vector for improved target accuracy. The reaction control rocket
systems in a space launch vehicle will allow accurate orbit injection
adjustment maneuvers after it is placed into orbit by another, less accu-
rate propulsion system. Mid-course guidance-directed correction maneu-
vers for the trajectories of deep space vehicles fall also into this category.
Propulsion systems for orbit maintenance maneuvers, also called station
keeping maneuvers (to overcome perturbing forces), keeping a spacecraft
in its intended orbit and orbital position and are also considered to be
part of this category.

. Reentry and landing maneuvers can take several forms. If the landing

occurs on a planet that has an atmosphere, then the drag of the atmo-
sphere will slow down the reentering vehicle. For an elliptical orbit the
drag will progressively reduce the perigee altitude and the perigee velocity
on every orbit. Landing at a precise, preplanned location requires a
particular velocity vector at a predetermined altitude and distance
from the landing site. The vehicle has to be rotated into the right position
and orientation, so as to use its heat shield correctly. The precise velocity
magnitude and direction prior to entering the denser atmosphere are
critical for minimizing the heat transfer (usually to the vehicle’s heat
shield) and to achieve touchdown at the intended landing site or, in
the case of ballistic missiles, the intended target. This usually requires a
relatively minor maneuver (low total impulse). If there is very little or no
atmosphere (for instance, landing on the moon or Mercury), then a
reverse thrust has to be applied during descent and touchdown. The
rocket propulsion system usually has variable thrust to assure a soft
landing and to compensate for the decrease in vehicle mass as propellant
is consumed during descent. The lunar landing rocket engine, for exam-
ple, had a 10 to 1 thrust variation.

. Rendezvous and docking involve both rotational and translational man-

euvers of small reaction control thrusters. Rendezvous and its time win-
dows were discussed on page 123. Docking (sometimes called lock-on) is
the linking up of two spacecraft and requires a gradual gentle approach
(low thrust, pulsing node thrusters) so as not to damage the spacecraft.
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f. A change of plane of the flight trajectory requires the application of a
thrust force (through the vehicle center of gravity) in a direction normal
to the original plane of the flight path. This is usually performed by a
propulsion system that has been rotated (by the reaction control system)
into the proper orientation. This maneuver is done to change the plane of
a satellite orbit or when going to a planet, such as Mars, whose orbit is
inclined to the plane of the earth’s orbit.

g. Simple rotational maneuvers rotate the vehicle on command into a specific
angular position so as to orient or point a telescope, instrument, solar
panel, or antenna for purposes of observation, navigation, communica-
tion, or solar power reception. Such a maneuver is also used to keep the
orientation of a satellite in a specific direction; for example, if an antenna
needs to be continuously pointed at the center of the earth, then the
satellite needs to be rotated around its own axis once every satellite
revolution. Rotation is also used to point a nozzle of the primary propul-
sion system into its intended direction just prior to its start. It can also
provide for achieving flight stability, or for correcting angular oscilla-
tions, that would otherwise increase drag or cause tumbling of the vehi-
cle. Spinning or rolling a vehicle will improve flight stability, but will also
average out the misalignment in a thrust vector. If the rotation needs to
be performed quickly, then a chemical multi-thruster reaction control
system is used. If the rotational changes can be done over a long period
of time, then an electrical propulsion system with multiple thrusters is
often preferred.

h. De-orbiting and disposal of used or spent spacecraft is required today to
remove space debris. The spent spacecraft should not become a hazard to
other spacecraft. A relatively small thrust will cause the vehicle to go to a
low enough elliptical orbit so that atmospheric drag will cause further
slowing. In the dense regions of the atmosphere the reentering, expended
vehicle will typically break up or overheat (burn up).

i. Emergency or alternative mission. If there is a malfunction in a spacecraft
and it is decided to abort the mission, such as a premature quick return to
the earth without pursuing the originally intended mission, then some of
the rocket engines can be used for an alternate mission. For example, the
main rocket engine in the Apollo lunar mission service module is nor-

mally used for retroaction to attain a lunar orbit and for return from
lunar orbit to the earth; it can be used for emergency separation of the
payload from the launch vehicle and for unusual midcourse corrections
during translunar coast, enabling an emergency earth return.

Table 4-6 lists the maneuvers that have just been described, together with
some others, and shows the various types of rocket propulsion system (as
mentioned in Chapter 1) that have been used for each of these maneuvers.
The table omits several propulsion systems, such as solar thermal or nuclear
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TABLE 4-6. Types of Rocket Propulsion System Commonly Used for Different
Flight Maneuvers

Propulsion
System
—

Flight
Maneuvers and
Applications |

rocket engine, with turbopump
Medium to small solid propellant

High thrust, liquid propellant
motors

Medium to low thrust, liquid
propellant rocket engine
Large solid propellant rocket

motor, often segmented
Arc jet, resisto jet
Electromagnetic propulsion

Pulsed plasma jet

Pulsing liquid propellant,
Ton propulsion,

multiple small thrusters

Launch vehicle booster
Strap-on motor/engine
Upper stages of
launch vehicle X X X X x X X
Satellite orbit injection
and transfer orbits X X XX X
Flight velocity adjustments,
Flight path corrections,
Orbit raising X X X X X
Orbit/position maintenance,
rotation of spacecraft X X X X X X
Docking of two spacecraft X X
Reentry and landing,
Emergency maneuvers X X
Deorbit
Deep space, Sun escape X x X
Tactical missiles X X
Strategic missiles x X X X X
Missile defense X X X X X

X X
X X
X X
X X

X
X
X
X

Legend. x = in use: x x = preferred for use.

rocket propulsion, because these have not yet flown in a real space mission.
The electrical propulsion systems have very high specific impulse (see Table
2-1), which makes them very attractive for deep space missions, but they can
be applied only to missions with sufficiently long thrust action time for reach-
ing the desired vehicle velocity with very small acceleration. The items with a
double mark “xx” have been the preferred methods in recent years.

Reaction Control System

The functions of a reaction control system have been described in the previous
section on flight maneuvers. They are used for the maneuvers identified by
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paragraphs c, e, and g. In some vehcle designs they are also used for tasks
described in b, part of d, and f, if the thrust levels are low.

A reaction control system (RCS), often called an auxiliary rocket propulsion
system, is needed to provide for trajectory corrections (small Au additions), as
well as correcting the rotational or attitude position of almost all spacecraft
and all major launch vehicles. If only rotational maneuvers are made, it has
been called an artitude control system. The nomenclature has not been consis-
tent throughout the industry or the literature.

An RCS can be incorporated into the payload stage and each of the stages
of a multiple stage vehicle. In some missions and designs the RCS is built into
only the uppermost stage; it operates throughout the flight and provides the
control torques and forces for all the stages. Liquid propellant rocket engines
with multiple thrusters have been used for almost all launch vehicles and the
majority of all spacecraft. Cold gas systems were used with early spacecraft
design. In the last decade an increasing number of electrical propulsion systems
have been used, primarily on spacecraft, as described in Chapter 19. The life of
an RCS may be short (when used on an individual vehicle stage), or it may see
use throughout the mission duration (perhaps 10 years) when part of an orbit-
ing spacecraft.

The vehicle attitude has to be controlled about three mutually perpendicular
axes, each with two degrees of freedom (clockwise and counterclockwise rota-
tion), giving a total of six degrees of rotational freedom. Pitch control raises or
lowers the nose of the vehicle, yaw torques induce a motion to the right or the
left side, and roll torques will rotate the vehicle about its axis, either clockwise
or counterclockwise. In order to apply a true torque it is necessary to use two
thrust chambers of exactly equal thrust and equal start and stop times, placed
an equal distance from the center of mass. Figure 4-13 shows a simple sphe-
rical spacecraft attitude control system; thrusters x — x or x' — x" apply torques
that rotate about the X -axis. There is a minimum of 12 thrusters in this system,
but some spacecraft with geometrical or other limitations on the placement of
these nozzles or with provisions for redundancy may actually have more than
12. The same system can, by operating a different set of nozzles, also provide
translation forces; for example, if one each of the thrust units x and x’ were
operated simultaneously, the resulting forces would propel the vehicle in the
direction of the Y-axis. With clever design it is possible to use fewer thrusters.

An RCS usually contains the following major subsystems: (1) sensing
devices for determining the attitude, velocity, and position of the vehicle
with respect to a reference direction at any one time, such as provided by
gyroscopes, star-trackers, or radio beacons; (2) a control-command system
that compares the actual space and rotary position with the desired or pro-
grammed position and issues command signals to change the vehicle position
within a desired time period; and (3) devices for changing the angular position,
such as a set of high-speed gyroscopic wheels and a set of attitude control
thrust-providing devices. See Refs. 4-12 and 4-14.
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FIGURE 4-13. Simplified attitude control system diagram for spacecraft. It requires 12
thrusters (identified as x, y, z) to allow the application of pure torques about three
perpendicular axes. The four unlabeled thrusters are needed for translation maneuvers
along the z axis. They are shown here in four clusters.

A precise attitude angular correction can also be achieved by the use of an
inertial or high-speed rotating reaction wheel, which applies torque when its
rotational speed is increased or decreased. While these wheels are quite simple
and effective, the total angular momentum change they can supply is generally
small. By using a pair of supplementary attitude control thrust rocket units it is
possible to unload or respin each wheel so it can continue to supply small
angular position corrections as needed.

The torque T of a pair of thrust chambers of thrust F and a separation
distance / is applied to give the vehicle with an angular or rotational moment of
inertia M, an angular acceleration of magnitude «:

T=Fl=Mu (4-33)

For a cylinder of equally distributed mass M, = 2mr and for a homogeneous
sphere it is M, = Smr The largest possible practical value of moment arm /
will minimize the thrust and propellant requirements. If the angular accelera-
tion is constant over a time period ¢, the vehicle will move at an angular speed
o and through a displacement angle 8, namely

w=at and O=lat’ (4-34)
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Commonly a control system senses a small angular disturbance and then com-
mands an appropriate correction. For this detection of an angular position
change by an accurate sensor it is actually necessary for the vehicle to undergo
a slight angular displacement. Care must be taken to avoid overcorrection and
hunting of the vehicle position or the control system. For this reason many
spacecraft require extremely short multiple pulses (0.010 to 0.030 sec) and low
thrust (0.01 to 100 N) (see Refs. 4-13 and 4-14).

Reaction control systems can be characterized by the magnitude of the total
impulse, the number, thrust level, and direction of the thrusters, and by their
duty cycles. The duty cycle refers to the number of thrust pulses, their operating
times, the times between thrust applications, and the timing of these short
operations during the mission operating period. For a particular thruster, a
30% duty cycle means an average active cumulative thrust period of 30%
during the propulsion system’s flight duration. These propulsion parameters
can be determined from the mission, the guidance and control approach, the
desired accuracy, flight stability, the likely thrust misalignments of the main
propulsion systems, the three-dimensional flight path variations, the perturba-
tions to the trajectory, and several other factors. Some of these parameters are
often difficult to determine.

4.7. FLIGHT VEHICLES

As mentioned, the vast majority of rocket propelled vehicles are simple, single
stage, and use solid propellant rocket motors. Most are used in military appli-
cations, as described in the next section. This section discusses more sophisti-
cated multistage space launch vehicles and mentions others, such as large
ballistic missiles (often called strategic missiles) and some sounding rockets.
All have some intelligence in their guidance and navigation system. The total
number of multistage rocket vehicles produced world wide in the last few years
has been between 140 and 220 per year.

A single stage to orbit (LEO) is limited in the payload it can carry. Figure
4-2 shows that a high-performance single-stage vehicle with a propellant frac-
tion of 0.95 and an average I, of 400 sec can achieve an ideal terminal velocity
of about 12,000 m/sec without payload. If the analysis includes drag and
gravity forces, a somewhat higher value of I, maneuvers in the trajectory,
and an attitude control system, it is likely that the payload would be between
0.2 and 1.4 percent of the gross take-off mass, depending on the design. For a
larger percentage of payload, and for ambitious missions, we use vehicles with
two or more stages as described here.

Multistage Vehicles

Multistep or multistage rocket vehicles permit higher vehicle velocities, more
payload for space vehicles, and improved performance for long-range ballistic
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missiles. After the useful propellant is fully consumed in a particular stage, the
remaining empty mass of that expended stage is dropped from the vehicle and
the operation of the propulsion system of the next step or stage is started. The
last or top stage, which is usually the smallest, carries the payload. The empty
mass of the expended stage or step is separated from the remainder of the
vehicle, because it avoids the expenditure of additional energy for further
accelerating a useless mass. As the number of steps is increased, the initial
takeoff mass can be decreased; but the gain in a smaller initial mass becomes
less apparent when the total number of steps is large. Actually, the number of
steps chosen should not be too large, because the physical mechanisms become
more numerous, complex, and heavy. The most economical number of steps is
usually between two and six, depending on the mission. Several different multi-
stage launch vehicle configurations have been used successfully and four are
shown in Fig. 4-14. Most are launched vertically, but a few have been launched
from an airplane, such as the three-stage Pegasus space vehicle.

The payload of a multistage rocket is essentially proportional to the takeoff
mass, even though the payload is only a very small portion of the initial mass.
If a payload of 50 kg requires a 6000-kg multistage rocket, a 500-kg payload
would require a 60,000-kg rocket unit with an identical number of stages, and a
similar configuration with the same payload fraction. When the operation of
the upper stage is started, immediately after thrust termination of the lower
stage, then the total ideal velocity of a multistage vehicle of tandem or series-
stage arrangement is simply the sum of the individual stage velocity increments.
For n stages, the final velocity increment Auy is

n
Aup =" Au= Auy+ Aup + Auz + - (4-35)
1

The individual velocity increments are given by Eq. 4-6. For the simplified case
of a vacuum flight in a gravity-free field this can be expressed as

Auy = ¢; In(1/MR}) + ¢; In(1/MRy) + ¢3 In(1/MR3) + - - - (4-36)

This equation defines the maximum velocity an ideal multistage vehicle can
attain in a gravity-free vacuum environment. For more accurate actual trajec-
tories the individual velocity increments can be determined by integrating Egs.
4-15 and 4-16, which consider drag and gravity losses. Other losses or trajec-
tory perturbations can also be included, as mentioned earlier in this chapter.
Such an approach requires numerical solutions.

For two- or three-stage vehicles the overall vehicle mass ratio (initial mass at
takeoff to final mass of last stage) can reach values of over 100 (corresponding
to an equivalent single-stage propellant mass fraction ¢ of 0.99). Figure 4-2 can
be thus divided into regions for single- and multistage vehicles.
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Sustainer
Sustainer stage Winged
(contains propellant sustainer
for booster thrust) stage
Third :
First
stage stage
Four strap-on
boosters
Second
stage
First stage
or booster Booster
Dropable booster
engine ring package
(without propellant)
Staging Partial staging Parallel staging Piggy-back
in series staging

or tandem

FIGURE 4-14. Simplified schematic sketches of four geometric configurations for
assembling individual stages into a launch vehicle. The first is very common and the
stages are stacked vertically on top of each other, as in the Minuteman long-range
missile or the Delta launch vehicle. Partial staging was used on early versions of the
Atlas; it allows all engines to be started at launching, thus avoiding a start during flight,
and it permits the shut-off of engines on the launch stand if a failure is sensed prior to
lift-off. The two booster engines, arranged in a doughnut-shaped assembly, are dropped
off in flight. In the third sketch there are two or more separate “strap-on” booster stages
attached to the bottom stage of a vertical configuration and this allows an increase in
vehicle performance. The piggy-back configuration concept on the right is used in the
Space Shuttle.
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For multistage vehicles the stage mass ratios, thrust levels, propulsion
durations, and the location or travel of the center of gravity of the stages are
usually optimized, often using a complex trajectory computer program. The
high specific impulse rocket engine (e.g., using hydrogen—oxygen propellants) is
normally employed in upper stages of space launch vehicles, because a small
increase in specific impulse is more effective there than in lower stages.

Example 4-3. A two-stage planetary exploration vehicle is launched from a high-orbit
satellite into a gravity-free vacuum trajectory. The following notations are used and
explained in the diagram.

mo = initial mass of vehicle (or stage) at launch

m, = useful propellant mass of stage

m; = initial mass of stage(s)

my = final mass of stage (after rocket operation); it includes the empty propulsion

system with its residual propellant, the structures of the vehicle and the pro-
pulsion system, the control, guidance, and payload masses.

my, = payload mass; it includes the guidance, control and communications equip-
ment, antennas, scientific instruments, research apparatus, power supply, solar
panels, sensors, etc.

Payload
TN
(mo)z
Second (mp)y
stage 2
7 a X (mo)y
)
First stage (m3) (mp);
or booster 1
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Subscripts 1 and 2 refer to first and second stages. The following are given:

Flight and velocity increment in gravity-free vacuum 6200 m/sec

Specific impulse, I, 310 sec
Effective exhaust velocity, ¢ (all stages) 3038 m/sec
Initial launch vehicle mass 4500 kg
Propellant mass fraction, ¢ (each stage) 0.88
Structural mass fraction, (1 — ¢) (each stage) 0.12

Determine the payload for two cases: (1) when the two stage masses are equal, and (2)
when the mass ratios of the two stages are equal.

SOLUTION. For launch the takeoff mass () equals the loaded first-stage mass (m;),
plus the loaded second-stage mass (m;), plus the payload (m,). The propellant mass
fraction ¢ is 0.88. For case (1) the first and second stages are identical. Thus

m; = (m); = (m;),

my, = (mp); = (m,); = 0.88m;
(my); = 0.88(m;),
(mg); = 4500 kg = 2m; + m,,

Bule 520013038 _ 7 coca (mg), . (mg),
(mo)y — (mp)l (mg)y — (mp)Z

From these relationships it is possible to solve for the payload mass m,,;, which is 275 kg.

m; = (4500 — 275)/2 = 2113 kg each stage
m, = 0.88m; = 1855 kg each stage

For case (2) the mass ratios of the two stages are the same. The mass ratio (1/VMR) was
defined by

my/my = (mg)y /l(mg)y — [(mp)] = (my)y/l(mg); — (1,),]
(mg)y = 4500 = (m;); + (m;); + my,
€AV = 7.6968 = {4500/[4500 — (m,),])?

Solving for the first-stage propellant mass gives (m,), = 2878 kg.

(m), = (m,),/0.88 = 3270 kg

(mg), = (m;); + my = 4500 — 3270 = 1230 kg

e®/° = 7.6968 = {1230/[1230 — (m,),1}%; (m,), = 786.6 kg
(m;); = (m,),/0.88 = 894 kg

The payload m,, is 1230 — 894 = 336 kg. This is about 22% larger than the payload of
275 kg in the first case. When the mass ratios of the stages are equal, the payload is a
maximum for gravity-free vacuum flight and the distribution of the masses between the
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stages is optimum. For a single-stage vehicle with the same take-off mass and same
propellant fraction, the payload is substantially less. See Problem 4-13.

If a three-stage vehicle had been used in Example 4-3 instead of a two-stage
version, the payload would have been even larger. However, the theoretical
payload increase will only be about 8 or 10%. A fourth stage gives an even
smaller theoretical improvement; it would add only 3 to 5% to the payload.
The amount of potential performance improvement diminishes with each
added stage. Each additional stage means extra complications in an actual
vehicle (such as a reliable separation mechanism, an interstage structure, joints
or couplings in a connecting pipes and cables, etc.), requires additional inert
mass (increasing the mass ratio MR), and compromises the overall reliability.
Therefore, the minimum number of stages that will meet the payload and the
Au requirements is usually selected.

The flight paths taken by the vehicles in the two simplified cases of Example
4-3 are different, since the time of flight and the acceleration histories are
different. One conclusion from this example applies to all multistage rocket-
propelled vehicles; for each mission there is an optimum number of stages, an
optimum distribution of the mass between the stages, and there is usually also
an optimum flight path for each design, where a key vehicle parameter such as
payload, velocity increment, or range is a maximum.

Launch Vehicles

Usually the first or lowest stage, often called a booster stage, is the largest and it
requires the largest thrust and largest total impulse. All stages need chemical
propulsion to achieve the desired thrust-to-weight ratio. These thrusts usually
become smaller with each subsequent stage, also known as upper stage or
sustainer stage. The thrust magnitudes depend on the mass of the vehicle,
which in turn depends on the mass of the payload and the mission. Typical
actual configurations are shown by simple sketches in Fig. 4-14. There is an
optimum size and thrust value for each stage in a multistage vehicle and the
analysis to determine these optima can be quite complex.

Many heavy launch vehicles have two to six strap-on solid propellant motor
boosters, which together form a supplementary first stage strapped on or
mounted to the first stage of the launch vehicle (Space Shuttle, Titan, Delta,
Atlas, Ariane). This is shown in the third sketch of Fig. 4-14. The Russians
have used liquid propellant strap-on boosters on several vehicles, because they
give better performance. Boosters operate simultaneously with the first stage
and, after they burn out, they are usually separated and dropped off before
completion of the first stage’s propulsive operation. This has also been called a
half stage or zero stage, as in Table 1-3.

There is a variety of existing launch vehicles. The smaller ones are for low
payloads and low orbits; the larger ones usually have more stages, are heavier,
more expensive, have larger payloads, or higher mission velocities. The vehicle
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cost increases with the number of stages and the initial vehicle launch mass.
Once a particular launch vehicle has been proven to be reliable, it is usually
modified and uprated to allow improvements in its capability or mission flex-
ibility. Each of the stages of a space launch vehicle can have several rocket
engines, each with specific missions or maneuvers. The Space Shuttle system
has 67 different rockets which are shown schematically in Fig. 1-13. In most
cases each rocket engine is used for a specific maneuver, but in many cases the
same engine is used for more than one specific purpose; the small reaction
control thrusters in the Shuttle serve, for example, to give attitude control
(pitch, yaw, and roll) during orbit insertion and reentry, for counteracting
internal shifting of masses (astronaut movement, extendible arm), small trajec-
tory corrections, minor flight path adjustments, docking, and precise pointing
of scientific instruments.

The spacecraft is that part of a launch vehicle that carries the payload. It is
the only part of the vehicle that goes into orbit or deep space and some are
designed to return to earth. The final major space maneuver, such as orbit
injection or planetary landing, often requires a substantial velocity increment;
the propulsion system, which provides the force for this maneuver, may be
integrated with the spacecraft, or it may be part of a discardable stage, just
below the spacecraft. Several of the maneuvers described in Section 4-6 can
often be accomplished by propulsion systems located in two different stages of
a multistage vehicle. The selection of the most desirable propulsion systems,
and the decision on which of the several propulsion systems will perform
specific maneuvers, will depend on optimizing performance, cost, reliability,
schedule, and mission flexibility as described in Chapter 17.

When a space vehicle is launched from the earth’s surface into an orbit, it
flies through three distinct trajectory phases. (1) Most are usually launched
vertically and then undergo a turning maneuver while under rocket power to
point the flight velocity vector into the desired direction. (2) The vehicle then
follows a free-flight (unpowered) ballistic trajectory (usually elliptical), up to its
apex. Finally (3) a satellite needs an extra push from a chemical rocket system
up to add enough total impulse or energy to accelerate it to orbital velocity.
This last maneuver is also known as orbit insertion. During the initial powered
flight the trajectory angle and the thrust cut-off velocity of the last stage are
adjusted by the guidance system to a velocity vector in space that will allow the
vehicle to reach the apogee of its elliptic path exactly at the desired orbit
altitude. As shown in Fig. 4-9, a multistage ballistic missile follows the same
two ascent flight phases mentioned above, but it then continues its elliptical
ballistic trajectory all the way down to the target.

Historically successful launch vehicles have been modified, enlarged, and
improved in performance. The newer versions retain most of the old, proven,
reliable components, materials, and subsystems. This reduces development
effort and cost. Upgrading a vehicle allows an increase in mission energy
(more ambitious mission) or payload. Typically, it is done by one or more of
these types of improvement: increasing the mass of propellant without an
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undue increase in tank or case mass; uprating the thrust and strengthening the
engine; more specific impulse; or adding successively more or bigger strap-on
boosters. It also usually includes a strengthening of the structure to accept
higher loads.

Figure 4-15 and Table 4-7 illustrate the growth of payload and mission
capability for the early Titan family of space launch vehicles and the effect of
the orbit on the payload. The figure shows the evolution of four different
multistage configurations of the launch vehicle and their principal propulsion
systems; the table defines the increase in payload for the four vehicle config-
urations and also how the payload is reduced as more ambitious orbits are
flown. When each of these vehicles is equipped with an additional third stage, it
is able to launch substantial payloads into earth escape or synchronous orbit,
The table describes the propulsion for each of the several stages used on those
vehicles and the payload for several arbitrarily selected orbits.

Table 4-7 shows the effects of orbit inclination and altitude on the payload.
The inclination is the angle between the equatorial plane of the earth and the
trajectory. An equatorial orbit has zero inclination and a polar orbit has 90°
inclination. Since the earth’s rotation gives the vehicle an initial velocity, a

Launch vehicle Titan 1l Titan [l Titan IV Titan IVB
SLV

Configuration CIH ]

Major Modified  Added two 5% Larger solid New, 12% larger,

configuration Titan 1l segment rocket 7 segment 3 segment

modifications (ICBM) boosters; more rocket boosters,  solid boosters

liquid propellant higher liquid with reinforced

rocket engine plastic cases
thrust, longer
duration

First flight 1988 1989 1990 1997

FIGURE 4-15. Upgrading methods are illustrated by these four related configurations
in the evolution of the Titan Space Launch Vehicle family. Source: Lockheed-Martin
Corp.
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TABLE 4-7. Payload Capabilities and Rocket Propulsion Systems of Four Titan Space Launch Vehicle Configurations

Space Launch Vehicle Titan II SLV Titan 11 Titan IV Titan IV B
Payloads (Ibm) in Low Earth Orbits for 2-Stage Configurations

100 mi circular orbit, 28.6° 5000 31,000 39,000 47,800
inclination from Cape Canaveral

Same, but 99° launch from 4200 26,800 32,000 38,800
Vandenberg AFB

Elliptic orbit, 100 mi — 1000 mi, 3000 25,000 ~ 30, 000 ~ 34,000
28.6° inclination

Payloads (Ibm) in Synchronous Earth Orbit, 3-Stage Configurations

Payload for third-stage propulsion 2200 4000 10,000 12,700

system, optional (see below)
Rocket Propulsion Systems in Titan Launch Vehicles
Solid rocket boosters None 2 units, each metal case Same, but 7 segments 12% more propellant,

(United Technologies/CSD)

Stage I, Aerojet LR 87-AJ-11
engine, N,O4 with 50%
N,H,/50% UDMH

Stage I, Acrojet LR 91-AJ-11
engine N,O,4 with 50% N,H,
50% UDMH

Stage III has several
alternative systems for each
vehicle; only one is

listed here

2 thrust chambers 430,000 Ibf
thrust at SL

101,000 Ibf thrust in vacuum

SSPS with Aerojet liquid
storable propellant
engine AJ 10-118 K
(9800 Ibf thrust)

54 segments
I, = 123 x 10° Ibf-sec
Same, 529,000 1bf thrust

{vacuum)

Same

United Technologies/
CSD, Interim Upper
Stage (JUS) solid
propellant rocket
motor (see Table 11-3)

I, = 159.7 x 10 Ibf-sec

Same, but uprated to
550,000 1bf thrust in a vacuum

Uprated to 106,000 Ibf

thrust in vacuum

Centaur;
2 Pratt & Whitney
RL 10A-3-3A rocket
engines, 33,000 1bf
thrust, H,/0,

3 segments

I, = 179 x 10° Ibf-sec
Same
Same
Same

Source: Lockheed-Martin Astronautics, Aerojet Propulsion Company, and Pratt & Whitney Division of United Technologies Corp.
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launch from the equator in a eastward direction will give the highest payload.
For the same orbit altitude other trajectory inclinations have a lower payload.
For the same inclination the payload decreases with orbit altitude, since more
energy has to be expended to overcome gravitational attraction.

The Space Shuttle has its maximum payload when launched due east into an
orbit with 28.5° inclination from Kennedy Space Flight Center in Florida,
namely about 56,000 1b (or 25,455 kg) at a 100 nautical mile (185 km) orbit
altitude. The payload decreases by about 100 Ib (45.4 kg) for every nautical
mile increase in altitude. If the inclination is 57°, the payload diminishes to
about 42,000 1b (or 19,090 kg). If launched in a southerly direction from
Vandenberg Air Force Base on the west coast in a 98° inclination into a
circular, nearly polar orbit, the payload will be only about 30,600 1b or
13,909 kg.

The dramatic decrease of payload with circular orbits of increasing altitude
and with different inclination is shown for the Pegasus, a relatively small, air-
launched, space launch vehicle, in Fig. 4-16. The payload is a maximum when
launching from the earth equator in the east direction, that is at 0° inclination.

500

I |

0 degrees inclination, equatorial drop point

450

[-28.5 degrees (ER)
|

N 38 degrees (WFF)

\\ 70 degree s (WR)
\ 90 degrees (WR), polar orbit
| |
\}Q% Sun-Synchronous (WR)
3 ><\>
250 \
Assumes: ™ \
- 220 ft/sec Velocity Reserve
200 — — Entire Weight of 38 Inch S

eparation
System Kept on Launch Vehicle Side \
— Direct Injection {No Dog-Legs)

150 I — ER = Eastern Range &\\ <
— WFF = Wallops Flight Facility \ \

— WR = Western Range {Vandenberg Air Force Base)
[ [
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Mass placed into orbit (kg)

,%'//7 |
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FIGURE 4-16. Decrease of payload with circular orbit altitude and orbit inclination
for the Pegasus launch vehicle. This is an air-launched, relatively simple, three-stage
launch vehicle of 50 in. diameter driven by a solid propellant rocket motor in each stage.
(Courtesy Orbital Sciences Corporation)
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The figure shows that a practical payload becomes too small for orbits higher
than about 1200 km. To lift heavier payloads and to go to higher orbits
requires a larger launch vehicle than the Pegasus. Figure 4-16 is based on
the assumption of a particular payload separation mechanism (38 in.) and a
specific Au vehicle velocity reserve (220 ft/sec), for items such as the normal
changes in atmospheric density (which can double the drag) or mass tolerances
of the propulsion systems. Similar curves can be provided by the makers of all
launch vehicles.

4.8. MILITARY MISSILES

The majority of all rocket propulsion systems built today are for military
purposes. There is a large variety of missiles and military missions and there-
fore many different propulsion systems. All are chemical propulsion systems.
They range from simple, small, unguided, fin-stabilized single-stage rocket
projectiles (used in air-to-surface missions and surface-to-surface bombard-
ment) up to complex, sophisticated, expensive, long-range, multistage ballistic
missiles, which are intended for faraway military or strategic targets. The term
“surface” means either land surface (ground launch or ground target), ocean
surface (ship launched), or below the ocean surface (submarine launched). A
tactical missile is used for attacking or defending ground troops, nearby mili-
tary or strategic installations, military aircraft, or war missiles. The armed
forces also use military satellites for missions such as reconnaissance, early
warning of impending attack, secure communication, or navigation.

Strategic missiles with a range of 3000 km or more have been two- or three-
stage surface-to-surface rocket-propelled missiles. Early designs used liquid
propellant rocket engines and some are still in service. Beginning about 30
years ago, newer strategic missiles have used solid propellant rocket motors.
Both types usually also have a liquid propellant reaction control system (RCS)
for accurately adjusting the final payload flight velocity (in magnitude, direc-
tion, and position in space) at the cut-off of the propulsion system of the last
stage. A solid propellant RCS version also exists. The flight analysis and bal-
listic trajectories of the long-range missiles are similar in many ways to those
described for launch vehicles in this chapter. See Fig. 4-9.

Solid propellant rocket motors are preferred for most tactical missile mis-
sions, because they allow simple logistics and can be launched quickly (Ref.
4-15). If altitudes are low and flight durations are long, such as with a cruise
missile, an air-breathing jet engine and a winged vehicle, which provides lift,
will usually be more effective than a long-duration rocket. However, a large
solid propellant rocket motor is still needed as a booster to launch the cruise
missile and bring it up to speed. There are a variety of different tactical mis-
sions, resulting in different sized vehicles with different propulsion needs, as
explained later in this section and in Ref. 4-15.
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For each of the tactical missile applications, there is an optimum rocket
propulsion system and almost all of them use solid propellant rocket motors.
For each application there is an optimum total impulse, an optimum thrust—
time profile, an optimum nozzle configuration (single or multiple nozzles, with
or without thrust vector control, optimum area ratio), optimum chamber pres-
sure, and a favored solid propellant grain configuration. Low exhaust plume
gas radiation emissions in the visible, infrared or ultraviolet spectrum and
certain safety features (making the system insensitive to energy stimuli) can
be very important in some of the tactical missile applications; these are dis-
cussed in Chapters 12 and 18.

Short-range, uncontrolled, unguided, single-stage rocket vehicles, such as
military rocket projectiles (ground and air launched) and rescue rockets, are
usually quite simple in design. Their general equations of motion are derived in
Section 4.3, and a detailed analysis is given in Ref. 4-1.

Unguided military rocket-propelled missiles are today produced in larger
numbers than any other category of rocket-propelled vehicles. The 2.75 in.
diameter, folding fin unguided solid propellant rocket missile has recently
been produced in the United States in quantities of almost 250,000 per year.
Guided missiles for anti-aircraft, anti-tank, or infantry support have been
produced in annual quantities of hundreds and sometimes over a thousand.
Table 1-6 lists several guided missiles.

Because these rocket projectiles are essentially unguided missiles, the accu-
racy of hitting a target depends on the initial aiming and the dispersion induced
by uneven drag, wind forces, oscillations, and misalignment of nozzles, body,
and fins. Deviations from the intended trajectory are amplified if the projectile
1s moving at a low initial velocity, because the aerodynamic stability of a
projectile with fins is small at low flight speeds. When projectiles are launched
from an aircraft at a relatively high initial velocity, or when projectiles are
given stability by spinning them on their axis, their accuracy of reaching a
target is increased two- to ten-fold, compared to a simple fin-stabilized rocket
launched from rest.

In guided air-to-air and surface-to-air rocket-propelled missiles the time of
flight to a given target, usually called the time to target t,, is an important flight-
performance parameter. With the aid of Fig. 4-17 it can be derived in a
simplified form by considering the distance traversed by the rocket (called
the range) to be the integrated area underneath the velocity—time curve. This
simplification assumes no drag, no gravity effect, nearly horizontal flight, a
relatively small distance traversed during powered flight compared to the total
range, and a linear increase in velocity during powered flight.

_ S+%”ptp

t!
up + up

(4-37)
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FIGURE 4-17. Simplified trajectory for an unguided, non-maneuvering, air-launched
rocket projectile. Solid line shows flight velocity without drag or gravity and dashed
curve shows likely actual flight.

Here S is the free-flight (unpowered) range, u, is the velocity increase of the
rocket during powered flight up to the time of burnout, ¢, is the time of rocket
burning, and i, is the initial velocity of the launching aircraft. For more
accurate values, the velocity increase u, is the initial velocity of the launching
aircraft. For more accurate values, the velocity increase u, is given by Eq. 4-19.
More accurate values can only be obtained through a detailed step-to-step
trajectory analysis that considers the effects of drag and gravity.

In unguided air-launched air-to-air or air-to-surface projectiles the aiming is
done by orienting the launching aircraft. In guided missiles (air-to-air, air-to-
ground, ground-to-air, or ground-to-incoming-missile) the rocket’s thrust
direction, thrust magnitude, or thrust pulse timing can be commanded by an
intelligent guidance and control system to chase a maneuvering moving target.
The guidance system senses the flight path of the target, calculates a predicted
impact point, and then controls the flight path of the guided missile to achieve
an impact (or near-impact if a proximity fuse is used) with the target. It can
also apply to a ground-launched or a satellite-launched antiballistic missile. In
both the unguided projectile and the guided missile the hit probability increases
as the time to target ¢, is reduced. In one particular air-to-air combat situation,
the effectiveness of the rocket projectile varied approximately inversely as the
cube of the time to target. The best results (e.g., best hit probability) are usually
achieved when the time to target is as small as practically possible.

The analysis of the missile and propulsion configuration that gives the mini-
mum time to target over all the likely flight scenarios can be complex. The
following rocket propulsion features and parameters will help to reduce the
time to target, but their effectiveness will depend on the specific mission, range,
guidance and control system, and the particular flight conditions.
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1. High initial thrust or high initial acceleration for the missile to quickly
reach a high-initial-powered flight velocity.

2. Application of additional lower thrust to counteract drag and gravity
losses and thus maintain a high flight velocity. This can be a single rocket
propulsion system that has a short high initial thrust and a smaller (10 to
25%) sustaining thrust of lower duration. It can also be a system that
applies discrete pulses of thrust to increase vehicle velocity after drag
forces have caused it to diminish, thus maintaining a higher average flight
velocity.

3. For higher supersonic flight speeds, a nwo-stage missile can be more
effective. Here the first stage is dropped off after its propellant has
been consumed, thus reducing the inert mass of the next stage, and
improving its mass ratio and thus its flight velocity increase.

4. If the target is highly maneuverable and if the closing velocity between
missile and target is large, it may be necessary not only to provide an
axial thrust, but also to apply large side forces or side accelerations to a
tactical missile. This can be accomplished either by aerodynamic forces
(lifting surfaces or flying at an angle of attack) or by multiple nozzle
propulsion systems with variable or pulsing thrusts; the rocket engine
then has an axial thruster and several side thrusters. The thrusters have
to be so located that all the thrust forces are essentially directed through
the center of gravity of the vehicle. The thrusters that provide the side
accelerations have also been called diverr thrusters, since they divert the
vehicle in a direction normal to the axis of flight direction.

5. Drag losses can be reduced if the missile has a large L/D ratio (or a small
cross-sectional area) and if the propellant density is high, allowing a
smaller missile volume. The drag forces can be high if the missile travels
at low altitude and high speed.

A unique military application is rocket assisted gun launched projectiles for
attaining longer artillery ranges. Their small rocket motors withstand very
high accelerations in the gun barrel (5000 to 10,000 g, is typical). They are
in production.

4.9. AERODYNAMIC EFFECT OF EXHAUST PLUMES

The effect of rocket exhaust jets or plumes on the acrodynamic characteristics
of a missile is usually to decrease the vehicle drag at supersonic missile speeds
and to increase it at subsonic speeds. On subsonic vehicles, a supersonic rocket
plume acts very much like an ejector and sucks adjacent air into its path. This
affects vehicles where the rocket is located on a tapering aft end. The ejector
action of the flame accelerates the adjacent air, thereby increasing the skin
friction locally and usually reducing the pressure on the vehicle aft body or
base plate near the nozzle exit location.
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At supersonic speeds there often is a turbulent wake area with a low local
pressure at the aft end of projectile. With the action of a rocket plume, the void
space 1s filled with rocket gases and the pressure on the aft portion of the body
is increased. This increases the pressure thrust and thus reduces the base drag.
Exhaust plume effects are discussed in Chapter 18. In fact, some artillery
munitions and short-range rockets can achieve increased range (by 10 to
50%) by adding a small rocket-type gas generator; its plume fills the void at
the base of the projectile with reaction gas at a finite pressure, thus increasing
the base pressure of the projectile and reducing the base drag.

4.10. FLIGHT STABILITY

Stability of a vehicle is achieved when the vehicle does not rotate or oscillate in
flight. Unstable flights are undesirable, because pitch or yaw oscillations
increase drag (flying at an angle of attack most of the time) and cause problems
with instruments and sensors (target seekers, horizon scanners, sun sensors, or
radar). Instability often leads to tumbling (uncontrolled turning) of vehicles,
which causes missing of orbit insertion, missing targets, or sloshing of liquid
propellant in tanks.

Stability can be built in by proper design so that the flying vehicle will be
inherently stable, or stability can be obtained by appropriate controls, such as
the aerodynamic control surfaces on an airplane, a reaction control system, or
hinged multiple rocket nozzles.

Flight stability exists when the overturning moments (e.g., those due to a
wind gust, thrust misalignment, or wing misalignment) are smaller than the
stabilizing moments induced by thrust vector controls or by aerodynamic con-
trol surfaces. When the destabilizing moments exceed the stabilizing moments
about the center of gravity, the vehicle turns or tumbles. In unguided vehicles,
such as low-altitude rocket projectiles, stability of flight in a rectilinear motion is
achieved by giving a large stability margin to the vehicle by using tail fins and by
locating the center of gravity ahead of the center of aerodynamic pressure. In a
vehicle with an active stability control system, a nearly neutral inherent stability
is desired, so that the applied control forces are small, thus requiring small
control devices, small RCS thrusters, small actuating mechanisms, and struc-
tural mass. Neutral stability is achieved by locating aerodynamic surfaces and
the mass distribution of the components within the vehicle in such a manner that
the center of gravity is only slightly above the center of aecrodynamic pressure.
Because the aerodynamic moments change with Mach number, the center of
pressure does not stay fixed during accelerating flight but shifts, usually along
the vehicle axis. The center of gravity also changes its position as propellant is
consumed and the vehicle mass decreases. Thus it is usually very difficult to
achieve neutral missile stability at all altitudes, speeds, and flight conditions.

Stability considerations affect rocket propulsion system design in several
ways. By careful nozzle design it is possible to minimize thrust misalignment
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and thus to minimize torques on the vehicle and the reaction control propellant
consumption. It is possible to exercise control over the travel of the center of
gravity by judicious design. In liquid propellant rockets, special design provi-
sions, special tank shapes, and a careful selection of tank location in the vehicle
afford this possibility. The designer generally has less freedom in controlling
the travel of the center of gravity of solid propellant rockets. By using nozzles
at the end of a blast tube, as shown in Fig. 14-6, it is possible to place the solid
propellant mass close to the vehicle’s center of gravity. Attitude control liquid
propellant engines with multiple thrusters have been used satisfactorily to
obtain control moments for turning vehicles in several ways, as described in
Section 4.6 and in Chapter 6.

Unguided rocket projectiles and missiles are often given a roll or rotation by
inclined aerodynamic fins or inclined multiple rocket exhaust gas nozzles to
improve flight stability and accuracy. This is similar to the rotation given to
bullets by spiral-grooved rifles. This spin stability is achieved by gyroscopic
effects, where an inclination of the spin axis is resisted by torques. The cen-
trifugal effects cause problems in emptying liquid propellant tanks and extra
stresses on solid propellant grains. In some applications a low-speed roll is
applied not for spin stability but to assure that any effects of thrust vector
deviations or aerodynamic shape misalignments are minimized and canceled
out.

PROBLEMS

1. For a vehicle in gravitationless space, determine the mass ratio necessary to boost
the vehicle velocity by 1600 m/sec when the effective exhaust velocity is 2000 m/sec.
Answer: 0.449.

2. What is the mass ratio m,/mqg for a vehicle that has one-fifth its original takeoff
mass at the time of the completion of rocket operation?
Answer: 0.80.

3. Determine the burnout velocity and burnout altitude for a dragless projectile with
the following parameters for a simplified vertical trajectory: ¢ = 2209 m/sec;
my,/my = 0.57; t, = 5.0 sec; and uy = Ay = 0.

Answers: u, = 1815 m/sec; h, = 3.89 x 10° m.

4. Assume that this projectile had a drag coefficient essentially similar to the 0° curve
in Fig. 4-3 and redetermine the answers of Problem 3 and the approximate percen-
tage errors in u, and #,. Use a step-by-step method.

5. A research space vehicle in gravity-free and drag-free outer space launches a smaller
spacecraft into a meteor shower region. The 2 kg instrument package of this space-
craft (25 kg total mass) limits the maximum acceleration to no more than 50 m/sec2.
It is launched by a solid propellant rocket motor (I; =260 sec and ¢ = 0.88).
Determine
(a) the maximum allowable burn time, assuming steady propellant mass flow;

(b) the maximum velocity relative to the launch vehicle.
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(c) Solve for (a) and (b) if half of the total impulse is delivered at the previous
propellant mass flow rate, with the other half at 20% of this mass flow rate.

. For a satellite cruising in a circular orbit at an altitude of 500 km, determine the

period of revolution, the flight speed, and the energy expended to bring a unit mass
into this orbit.
Answers: 1.58 hr, 7613 m/sec, 33.5 MJ/kg.

. A large ballistic rocket vehicle has the following characteristics: propellant mass

flow rate: 12 slugs/sec (1 slug = 32.2 Ibm = 14.6 kg); nozzle exit velocity: 7100 ft/sec;
nozzle exit pressure: 5 psia (assume no separation); atmospheric pressure: 14.7 psia
(sea level); takeoff weight: 12.0 tons (1 ton = 2000 Ibf); burning time: 50 sec; nozzle
exit area: 400 in.2. Determine (a) the sea-level thrust; (b) the sea-level effective
exhaust velocity; (¢) the initial thrust-to-weight ratio; (d) the initial acceleration;
(e) the mass inverse ratio my/my.

Answers: 81,320 Ibf; 6775 ft/sec; 3.38; 2.38g,.

. In Problem 7 compute the altitude and missile velocity at the time of power plant

cutoff, neglecting the drag of the atmosphere and assuming a simple vertical tra-
jectory.

. A spherical satellite has 12 identical monopropellant thrust chambers for attitude

control with the following performance characteristics: thrust (each unit): 5 Ibf;
(steady state or more than 2 sec); 240 sec; I (pulsing duration 20 msec): 150 sec; I
(pulsing duration 100 msec): 200 sec; satellite weight: 3500 1bf; satellite diameter:
8 ft; satellite internal density distribution is essentially uniform; disturbing torques,
Y- and Z-axes: 0.00005 ft-1bf average; disturbing torque, for X-axis: 0.001 ft-Ibf
average; distance between thrust chamber axes: 8 ft; maximum allowable satellite
pointing position error: £1°. Time interval between pulses is 0.030 sec.

(a) What would be the maximum and minimum vehicle angular drift per hour if no
correction torque were applied?
Answers: 0.466 and 0.093 rad.

(b) What is the frequency of pulsing action (how often does an engine pair operate?)
at 20-msec, 100-msec, and 2-sec pulses in order to correct for angular drift?
Discuss which pulsing mode is best and which is impractical.

(¢) If the satellite was to remain in orbit for 1 year with these same disturbances and
had to maintain the accurate positions for 24 hr each day, how much propellant
would be required? Discuss the practicality of storing and feeding such propel-
lant.

For an ideal multistage launch vehicle with several stages, discuss the following: (a)
the effect on the ideal mission velocity if the second and third stages are not started
immediately but are each allowed to coast for a short period after shutoff and
separation of the prior stage before rocket engine start of the next stage; (b) the
effect on the mission velocity if an engine malfunctions and delivers a few percent
less than the intended thrust but for a longer duration and essentially the full total
impulse of that stage.

Given a cylindrically shaped space vehicle (D = 1 m, height is 0.7 m, average density
is 1.1 g/cm®) with a flat solar cell panel on an arm (mass of 32 kg, effective moment
arm is 1.5 m, effective average area facing normally toward sun is 0.6 m?)in a set of
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essentially frictionless bearings and in a low orbit at 160 km altitude with sunlight
being received, on the average, about 60% of the period:

(a) Compute the maximum solar pressure-caused torque and the angular displace-
ment this would cause during 1 day if not corrected.

(b) Using the data from the atmospheric table in Appendix 2 and an arbitrary
average drag coefficient of 1.0 for both the body and the flat plate, compute
the drag force and torque.

(¢) Using stored high-pressure air at 14 x 10° N/m? initial pressure as the propel-
lant for attitude control, design an attitude control system to periodically
correct for these two disturbances (F, I, ¢, I,, etc.).

(d) If the vector of the main thrust rocket of the vehicle (total impulse of
67 x 103N-sec) is misaligned and misses the center of gravity by 2 mm, what
correction would be required from the attitude control system? What would
need to be done to the attitude control system in ¢ above to correct for this error
also?

A bullet-shaped toy rocket has a pressurized tank of volume ¥y, and is partly filled
with water (an incompressible liquid) and partly with compressed air at initial
pressure of 50 psia and initial ambient temperature Ty. Assume no water losses
during start. Also assume that the ambient air pressure is constant for the altitudes
attained by this toy rocket. The empty weight of the toy is 0.30 Ibf and it can carry
1.0 Ibm of water when the ¥ is half-filled with water. Make other assumptions to
suit the calculations.

(a) What type of nozzle is best for this application?
Answer: Converging nozzle.

(b) What are the desired nozzle dimensions to assure vertical takeoff with about
0.5 g acceleration?

(c) What is the specific impulse of the water at start and near propellant exhaus-
tion?

(d) What happens if only 50 psia air (no water) is ejected?

(e) What is the approximate proportion of water to air volume for maximum
altitude?

(f) Sketch a simple rocket release and thrust start device and comment on its design
and potential problems.

(g) About how high will it fly vertically?

Determine the payload for a single-stage vehicle in Example 4-3. Compare it with
the two-stage vehicle.
Answer: 50.7 kg, which is 18.4% of the payload for a two-stage vehicle.

Use the data given in Example 4-3, except that the payload is fixed at 250 kg and
the Au is not given but has to be determined for both cases, namely equal-sized
stages and stages of equal mass ratio. What can be concluded from these results and
the results in the example?

An airplane that is flying horizontally at a 7000 m altitude, at a speed of 700 km/hr
over flat country, releases an unguided missile with four small tail fins for flight
stability. Determine the impact location (relative to the release point as projected
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onto the earth surface), the impact angle, and the time from release to target.
Assume that the drag causes an average of about 8% reduction in flight velocities.

An earth satellite is in an elliptical orbit with the perigee at 600 km altitude and an
eccentricity of e = 0.866. Determine the parameters of the new satellite trajectory, if
a rocket propulsion system is fired in the direction of flight giving an incremental
velocity of 200 m/sec (a) when fired at apogee, (b) when fired at perigee, and (c)
when fired at perigee, but in the opposite direction, reducing the velocity.

A sounding rocket (75 kg mass, 0.25 m diameter) is speeding vertically upward at an
altitude of 5000 m and a velocity of 700 m/sec. What is the deceleration in multiples
of g due to gravity and drag? (Use Cp from Fig. 4-3 and use Appendix 2).

A single-stage weather sounding rocket has a take-off mass of 1020 kg, a sea-level
initial acceleration of 2.00 g, carries 799 kg of useful propellant, has an average
specific gravity of 1.20, a burn duration of 42 sec, a vehicle body shaped like a
cylinder with an L/D ratio of 5.00 with a nose cone having a half angle of 12
degrees. Assume the center of gravity does not change during the flight. The vehicle
tumbled (rotated in an uncontrolled manner) during the flight and failed to reach its
objective. Subsequent evaluation of the design and assembly processes showed that
the maximum possible thrust misalignment was 1.05 degrees with a maximum
lateral off-set of 1.85 mm. Assembly records show it was 0.7 degrees and 1.1 mm
for this vehicle. Since the propellant flow rate was essentially constant, the thrust at
altitude cutoff was 16.0% larger than at take-off. Determine the maximum torque
applied by the thrust at start and at cutoff. Then determine the approximate max-
imum angle through which the vehicle will rotate during powered flight, assuming
no drag. Discuss the result.

SYMBOLS

a major axis of ellipse, m, or acceleration, m/sec? (ft/sec?)
A area, m?

b minor axis of ellipse, m

B numerical value of drag integral

¢ effective exhaust velocity, m/sec (ft/sec)
< average effective exhaust velocity, m/sec
Cp drag coefficient

Cy lift coefficient

d total derivative

D drag force, N (Ibf)

e eccentricity of ellipse, e = /1 — b?/a?

e base of natural logarithm (2.71828)

E energy, J

F thrust force, N (1bf)

Fy final thrust, N

F Gravitational attraction force, N

initial thrust force, N
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gravitational acceration, m/sec’

gravitational acceleration at sea level, 9.8066 m/sec?

average gravitational attraction, m/sec’

universal or Newton’s gravity constant, 6.6700 x 101 m3/kg-sec2
altitude, m

altitude of rocket at power cutoff, m

specific impulse, sec

diffuse coefficient of reflectivity

specular coefficient of reflectivity

distance of moment arm, m

lift force, N (Ibf)

instantaneous mass, kg (Ibm)

final mass after rocket operation, kg

propellant mass, kg

initial launching mass, kg

mass flow rate of propellant, kg/sec

angular moment of inertia, kg-m?

mass ratio of vehicle = m,/my

number of stages

pressure, N/m’ or Pa (psi)

radius, m, or distance between the centers of two attracting masses, m
instantaneous radius from vehicle to center of Earth, m
Effective earth radius, 6.3742 x 10° m

range, m

time, sec

time from launching to power cutoff or time from propulsion start to
thrust termination, sec

time to target, sec

torque, N-m (ft-1bf)

u vehicle flight velocity, m/sec (ft/sec)

u, orbital velocity at apogee, m/sec

u, velocity at power cutoff, m/sec, or orbital velocity at perigee, m/sec
Uy initial or launching velocity, m/sec

w weight, N (in some problems, 1bf)

ﬁbb@%lfg%
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Greek Letters

o angle of attack, or angular acceleration, angle/sec’
¢ propellant mass fraction (¢ = m,/my)
7 angle between flight direction and horizontal, or angle of incident

radiation, deg or rad
“ gravity constant for earth, 3.98600 x 10" m3/sec2
0 mass density, kg/m’
T period of revolution, sec
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¥ angle of thrust direction with horizontal
) angular speed, deg/sec (rad/sec)
Subscripts

e escape condition

f final condition at rocket thrust termination
max maximum

p power cutoff or propulsion termination
s satellite

z zenith

0 initial condition or takeoff condition
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CHAPTER 5

CHEMICAL ROCKET PROPELLANT
PERFORMANCE ANALYSIS

In Chapter 3, simplified one-dimensional performance relations were devel-
oped. They require a knowledge of the composition of the hot rocket gas
and the properties of the propellant reaction products, such as their combus-
tion temperature 7, average molecular mass I, the specific heat ratio or the
enthalpy change (#; —h,). This chapter discusses several theoretical
approaches to determine these thermochemical properties for a given composi-
tion of propellant, chamber pressure, nozzle shape, and nozzle exit pressure.
This then allows the determination of performance parameters, such as theo-
retical specific impulse or exhaust velocity values for chemical rockets.

By knowing the calculated gas temperature, pressure, and gas composition
(e.g., whether reducing or oxidizing species) it is possible to calculate other gas
properties. This knowledge also allows a more intelligent analysis and selection
of materials for chamber and nozzle structures. Heat transfer analyses require
the determination of the specific heats, thermal conductivity, and specific heat
ratio for the gas mixture. The calculated exhaust gas composition forms the
basis for estimating environmental effects, such as the potential spreading of a
toxic cloud near a launch site, as discussed in Chapter 20. The exhaust gas
parameters also form the basis for the analysis of exhaust plumes (Chapter 18)
or flames external to the nozzle.

With the advent of digital computers it has been possible to solve the set of
equations involving mass balance, energy balance, or thermodynamic and che-
mical equilibria of complex systems with a variety of propellant ingredients.
This chapter is intended to introduce the basic approach to this theoretical
analysis, so the reader can understand the thermodynamic and chemical basis
of the several computer programs that are in use today. This chapter does not

160
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describe any specific computer analysis programs. However, it discusses which
of the physical phenomena or chemical reactions can or cannot be adequately
simulated by computer analysis.

The reader is referred to Refs. 5-1 to 5-5 for general chemical and thermo-
dynamic background and principles. For a detailed description of the properties
of each of the possible reactant and reaction products, see Refs. 5-6 to 5-12.

All of these theoretical analyses are only approximations of what really
happens in rocket combustion and nozzle flow, and they all require some
simplifying assumptions. As more of the different phenomena are understood
and mathematically simulated, the analysis approach and the computer imple-
mentation become more sophisticated, but also more complex. The 11 assump-
tions made in Section 3.1 for an ideal rocket are valid here also, but only for a
quasi-one-dimensional flow. However, some of the more sophisticated analyses
can make one or more of these assumptions unnecessary. The analysis is
usually divided into two somewhat separate sets of calculations:

1. The combustion process is the first part. It usually occurs in the combus-
tion chamber at essentially constant chamber pressure (isobaric) and the
resulting gases follow Dalton’s law. The chemical reactions or the com-
bustions occur very rapidly. The chamber volume is assumed to be large
enough and the residence time in the chamber long enough for attaining
chemical equilibrium in the chamber.

2. The nozzle gas expansion process constitutes the second set of calcula-
tions. The fully reacted, equilibrated gas combustion products enter the
nozzle and undergo an adiabatic expansion in the nozzle. The entropy
remains constant during a reversible (isentropic) nozzle expansion, but
in real nozzle flows it increases slightly.

The principal chemical reactions occur inside the combustion chamber of a
liquid propellant rocket engine or inside the grain cavity of a solid propellant
rocket motor, usually within a short distance from the burning surface. These
chamber combustion analyses are discussed further in Chapters 9 and 13.
However, some chemical reactions also occur in the nozzle as the gases expand;
the composition of the reaction products can therefore change in the nozzle, as
described in this chapter. A further set of chemical reactions can occur in the
exhaust plume outside the nozzle, as described in Chapter 18; many of the same
basic thermochemical analysis approaches described in this chapter also apply
to exhaust plumes. :

5.1. BACKGROUND AND FUNDAMENTALS

The principle of chemical reaction or combustion of one or more fuels with one
or more oxidizing reactants is the basis of chemical rocket propulsion. The heat
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liberated in this reaction transforms the propellants (reactants) into hot gas-
eous reaction products, which in turn are thermodynamically expanded in a
nozzle to produce thrust.

The chemical reactants or propellants can initially be either liquid or solid
and occasionally also gaseous. The reaction products are usually gaseous, but
with some propellants one or more reactant species remain in the solid or liquid
phase. For example, with aluminized solid propellants, the chamber reaction
gases contain liquid aluminum oxide and the colder gases in the nozzle exhaust
contain solid, condensed aluminum oxide particles. For some of the chemical
species, therefore, the analysis must consider as many as all three phases and
the energy changes for the phase transitions must be included. If the amount of
solid or liquid in the exhaust is small and the particles are small, then to assume
a perfect gas introduces only small errors.

It is necessary to accurately know the chemical composition of the propel-
lants and their relative proportion. In liquid propellant this means the mixture
ratio and the major propellant impurities; in gelled or slurried liquid propel-
lants it also includes suspended or dissolved solid materials; and in solid pro-
pellants it means all the ingredients, their proportions and impurities and phase
(some ingredients, such as plasticizers, can be in a liquid state).

Dalton’s law applies to the gas resulting from the combustion. It states that
a mixture of gases at equilibrium exerts a pressure that is the sum of the partial
pressures of the individual gases, all at the same temperature. The subscripts a,
b, ¢, etc. refer to individual gas constituents.

P=ps+py+p .+ (-1
T=T,=Ty=T,=--- (5-2)

The perfect gas equation p¥ = RT applies very closely to high temperature
gases. Here V is the specific volume or the volume per unit mass of gas mixture,
and the gas constant R for the mixture is obtained by dividing the universal gas
constant R’ (8314.3 J/kg-mol-K) by the average molecular mass It (often erro-
neously called the molecular weight) of the gas mixture. Using Dalton’s law,
Eq. 5-1 can be rewritten

p= RaT/Va + RbT/Vb + RCT/VC +-= R/T/(EIRVmix) (5_3)
The volumetric proportions of gas species in a gas mixture are determined from
the molar concentration or molar fractions, n;, expressed as kg-mol for a parti-

cular species j per kg of mixture. If # is the total number of kg-mol of species j
per kilogram of uniform gas mixture, then

j=m
n=Yy n (54)
j=1
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where n; is the kg-mol of species j per kilogram of mixture, m is the number of
different gaseous species present in the equilibrium combustion gas products.
The effective average molecular mass M of a gas mixture is then

M= > W (5-5)
Zj”;l n;

There are n possible species which enter into the relationship and of these
only m are gases, so n — m represents the number of condensed species. The
molar specific heat for a gas mixture at constant pressure C, can be determined
from the individual gas molar fractions n; and their molar specific heats as
shown by Eq. 5-6. The specific heat ratio k of the mixture can be determined by
a similar summation or from Eq. 5-7.

_2m(Gy)

Clumix = 5-6

( P)mxx Zj:l nj ( )
(C )mix

Kmix = —(Cp)mi Y (5-7)

When a chemical reaction goes to completion, that is, all of the reactants are
consumed and transformed into reaction products, the reactants are in stoichio-
metric proportions. For example, consider this reaction:

H2 + %02 - Hzo (5—8)

All the hydrogen and oxygen are fully consumed to form the single product—
water vapor—without any reactant residue of either hydrogen or oxygen. In
this case it requires 1 mol of the H, and % mole of the O, to obtain 1 mol of
H,0. On a mass basis this stoichiometric mixture requires half of 32.0 kg of O,
and 2kg of H,, which are in the stoichiometric mixture mass ratio of 8:1. The
release of energy per unit mass of propellant mixture and the combustion
temperature are highest at or near the stoichiometric mixture.

Rocket propulsion systems usually do not operate with the proportion of
their oxidizer and fuel in the stoichiometric mixture ratio. Instead, they usually
operate fuel-rich because this allows lightweight molecules such as hydrogen to
remain unreacted; this reduces the average molecular mass of the reaction
products, which in turn increases the specific impulse (see Eq. 3-16). For rock-
ets using H, and O, propellants the best operating mixture mass ratio for high-
performance rocket engines is typically between 4.5 and 6.0, not at the stoi-
chiometric value of 8.0.
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Equation 5-8 is a reversible chemical reaction; by adding energy to the H,O
the reaction can be made to go backward to create H, and O, and the arrow in
the equation would be reversed. The decompositions of solid propellants into
reaction product gases are irreversible chemical reactions, as is the reaction of
liquid propellants burning to create gases. However, reactions among combus-
tion product gases are usually reversible.

Chemical equilibrium exists in reversible chemical reactions when the rate of
forming products is exactly equal to the reverse reaction of forming reactants
from the products. Once this equilibrium is reached, no further changes in
concentration can take place. In Equation 5-8 all three gases would be present
and their relative proportions would depend on the pressure, temperature, and
Initial mixture.

The heat of formation A/-HO is the energy released (or absorbed), or the
value of enthalpy change, when 1 mole of a chemical compound is formed
from its constituent atoms or elements at 1 bar (100,000 Pa) and isothermally at
298.15K or 25°C. The A implies that it is an energy change. The subscript f
refers to formation and the superscript ° means that each product or reactant
substance is at its thermodynamic standard state and at the reference pressure
and temperature. By convention, the heat of formation of the gaseous elements
(e.g., Hy, O,, Ar, Xe, etc.) is set to zero at these standard conditions of tem-
perature and pressure. Typical values of AfHO and other properties are given
in Table 5-1 for selected species. When heat is absorbed in the formation of a
product, then ArH % hasa negative value. Earlier analyses have been made with
the standard temperature at other values, such as 273.15 K and a slightly higher
standard reference pressure of 1 atm (101,325 Pa).

The heat of reaction A,H is the energy released or absorbed when products
are formed from its reactants at standard reference conditions, namely at [ bar
and 25°C. The heat of reaction can be negative or positive, depending on
whether the reaction is exothermic or endothermic. The heat of reaction at
other temperatures or pressures has to be corrected in accordance with the
change in enthalpy. When a species changes from one state to another (e.g.,
liquid becomes gas or vice versa), it may lose or gain energy. In most rocket
propulsion the heat of reaction is determined for a constant-pressure combus-
tion process. In general the heat of reaction can be determined from sums of
the heats of formation of the products and the reactants, namely

AH® =Y (A HO)doroducrs = 2 1P(A7HO) heactaans (59

Here #; is the molar fraction of each particular species j. In a typical rocket
propellant there are a number of different chemical reactions going on simul-
taneously; Equation 5-9 provides the heat of reaction for all of these simulta-
neous reactions. For data on heats of formation and heats of reaction, see Refs.
5-7 to 5-13.



TABLE 5-1. Chemical Thermodynamic Properties of Selected Substances at 298.15K (25°C) and 0.1 MPa (1 bar)

Molar Mass AfHO AfGO log K s° C,
Substance Phase* (g/mol) (kJ/mol) (kJ/mol) (J/mol-K) (J/mol-K)
Al (crystal) s 29.9815 0 0 0 28.275 24.204
AL O 1 101.9612 —1620.567 —1532.025 268.404 67.298 79.015
C (graphite) s 12.011 0 0 0 5.740 8.517
CH, g 16.0476 —74.873 —50.768 8.894 186.251 35.639
CcO g 28.0106 —110.527 —137.163 24.030 197.653 29.142
CO, g 44.010 —393.522 —394.389 69.095 213.795 37.129
H, g 2.01583 0 0 0 130.680 28.836
HCI g 36.4610 —92.312 —95.300 16.696 186.901 29.136
HF g 20.0063 —272.546 —274.646 48.117 172.780 29.138
H,O 1 18.01528 —285.830 —237.141 41.546 69.950 75.351
H,0 g 18.01528 —241.826 —228.582 40.047 188.834 33.590
N,H, 1 32.0451 +50.626 149.440 —28.181 121.544 98.840
N,H, g 32.0451 +95.353 +159.232 —27.897 238.719 50.813
NH,ClO,4 s 117.485 —295.767 —88.607 15.524 184.180 128.072
CIF; g 130.4450 —238.488 —146.725 25.706 310.739 97.165
CIF; g 92.442 —158.866 —118.877 20.827 281.600 63.845
N,Oq4 1 92.011 —19.564 +97.521 —17.085 209.198 142.509
N,Oq g 92.011 9.079 97.787 —17.132 304.376 77.256
NO, g 46.0055 33.095 51.258 —8.980 240.034 36.974
HNO, g 63.0128 —134.306 —73.941 12.954 266.400 53.326
N, g 28.0134 0 0 0 191.609 29.125
0, g 31.9988 0 0 0 205.147 29.376
NH; g 17.0305 —45.898 —16.367 2.867 192.774 35.652

*s = solid, 1 = liquid, g = gas. Several species are listed twice, as a liquid and as a gas; the difference is due to evaporation or condensation.

Source: Refs. 5-8 and 5-9.

o The molar mass can be in g/g-mol or kg/kg-mol and C, can be in J/g-mol-K or kJ/kg-mol-K.
[=2] 14
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Various thermodynamic criteria that represent the necessary and sufficient
conditions for an equilibrium to be stable were first advanced by J. W. Gibbs
early in the 20th century; they are based on minimizing the free energy. The
Gibbs free energy G (often called the chemical potential) is a convenient derived
function or property of the state of a chemical material describing its thermo-
dynamic potential and is directly related to the internal energy U, the pressure
p, molar volume ¥, enthalpy 4, temperature T, and entropy S. For a single
species j the free energy is defined as Gj; it can be determined for specific
thermodynamic conditions, for mixtures of gas as well as an individual gas
species.

G=U+pV-TS=hr-TS (5—-10)

For most materials used as rocket propellant the free energy has been deter-
mined and tabulated as a function of temperature. It can be corrected for
pressure. Its units are J/kg-mol. For a series of different species the mixture
free energy G is

G=) Gmn (5-11)
j=1

The free energy is a function of temperature and pressure. It is another prop-
erty of a material, just like enthalpy or density; only two such independent
parameters are required to characterize a gas condition. The free energy may be
thought of as the tendency or driving force for a chemical material to enter into
a chemical (or physical) change. Although it cannot be measured directly,
differences in chemical potential can be measured. When the chemical potential
of the reactants is higher than that of the likely products, a chemical reaction
can occur and the chemical composition can change. The change in free energy
AG for reactions at constant temperature and pressure is the chemical potential
of the products less that of the reactants.

m n

Z n; (AfG ) products Z[nj(AfGo)j]reactants (5_12)

= j=1

Here the superscript m gives the number of gas species in the combustion
products, the superscript n gives the number of gas species in the reactants,
and the AG represents the maximum energy that can be “freed” to do work on
an “open” system where mass enters and leaves the system. At equilibrium the
free energy is a minimum; at its minimum a small change in mixture fractions
causes almost no change in AG and the free energies of the products and the
reactants are essentially equal. Then

d AG/dn =0 (5-13)
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and a curve of molar concentration n versus AG would have a minimum.

If reacting propellants are liquid or solid materials, energy will be needed to
change phase, vaporize them, or break them down into other gaseous species.
This energy has to be subtracted from the heat or the energy available to heat
the gases from the reference temperature to the combustion temperature.
Therefore, the values of AH® and AG® for liquid and solid species are different
from those of the same species in a gaseous state. The standard firee energy of
formation AfGO is the increment in free energy associated with the reaction of
forming a given compound or species from its elements at their reference state.
Table 5-2 gives values of AfHO and AfGO and other properties of carbon
monoxide as a function of temperature. Similar data for other species can be
obtained from Refs. 5-7 and 5-13. The entropy is another thermodynamic
property of matter that is relative, which means that it is determined as a
change in entropy. In the analysis of isentropic nozzle flow, it is assumed
that the entropy remains constant. It is defined as

du pdv ar  _dp
as =242 _c - _Rr%E 5-14
Tt T r T » (5-14)

and the corresponding integral is

T p
S—S,=C,In——Rln— 5-15
0 pnTo n[’o ( )

where the zero applies to the reference state. In an isentropic process, entropy is
constant. For a mixture the entropy is

TABLE 5-2. Variation of Thermochemical Data with Temperature for Carbon
Monoxide (CO) as an Ideal Gas

Temp. Cg s° H° — HYT) AfH0 AfGO log K,
(K) (J/mol-K) (kJ/mol)  (kJ/mol)

0 0 0 -8.671  —113.805 —113.805 00
298.15  29.142 197.653 0 —110.527 —137.163 24.030
500 29.794 212.831 5.931 —110.003 —155.414 16.236

1000 33.183 234.538 21.690 —111.983 -200.275 10.461
1500 35.217 248.426 38.850 —115.229 —243.740 8.488
2000 36.250 258.714 56.744  —118.896 —286.034 7.470
2500 36.838 266.854 74985  —122.994 327356 6.840
3000 37.217 273.605 93.504  —127.457 -—367.816 6.404
3500 37.493 279.364 112.185  —132.313 —407.497 6.082
4000 37.715 284.386 130.989  —137.537 —446.457 5.830

Source: Refs. 5-8 and 5-9.



168 CHEMICAL ROCKET PROPELLANT PERFORMANCE ANALYSIS

S=Y S (5-16)
j=1
Here entropy is in J/kg-mol-K. The entropy for each gaseous species is
= (% )i —Rln——Rlnp (5-17)

For solid and liquid species the last two terms are zero. Here (S%) refers to the
standard state entropy at temperature T'. Typical values for entropy are listed
in Tables 5-1 and 5-2.

When a chemical reaction is in equilibrium, an equilibrium constant has been
devised which relates the partial pressures and the molar fractions of the spe-
cies. For example, in the general reaction

aA +bB = cC+dD (5-18)

a, b, ¢, and d are the stoichiometric molar concentration coefficients of the
chemical molecules (or atoms) A, B, C, and D. The equilibrium constant K,
when expressed as partial pressures, is a function of temperature.

p —c—d+a
= p(CI I}?p() —d+a+b (5_19)
PAPB

Here pq is the reference pressure. All pressures are in bars or 10° Pa. When
a+b =c+d, then K, is independent of pressure. This condition is not valid
for a reaction like Eq. 5-8. In this case the pressure increase will drive the
equilibrium reaction into the direction of fewer moles and in the direction of
absorbing heat if the temperature is increased. For Eq. 5-8 the hydrogen and
oxygen equilibrium relation would be

K . pH205p—1+1+05 (5_20)

" pupl:

The equilibrium constant can also be expressed as a function of the molar
fractions n; because each partial pressure p, is equal to the actual pressure p
at which the reaction occurs multiplied by its molar fraction (p; = pn;). From
Equation 5-19 the equilibrium constant K can also be expressed as

¢ d ct+d—a—bh
K, = "j”‘,? (ﬁ) (5-21)
nang \Po

The equilibrium constant for the chemical formation of a given species from its
elements is K. Typical values of K, are shown in Tables 5-1 and 5-2. The free
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energy and the equilibrium constant for the formation of a particular species at
standard conditions from its atomic elements are related, namely

AG’ = —RTInK; (5-22)

Equations 5-19, 5-20, and 5-22 are often used together with mass balance
and energy balance relations to solve the simultaneous equations; the equili-
brium constant K is primarily used when chemical compounds are formed
from their elements.

5.2. ANALYSIS OF CHAMBER OR MOTOR CASE CONDITIONS

The objectives here are to determine the theoretical combustion temperature
and the theoretical composition of the resulting reaction products, which in
turn will allow the determination of the physical properties of the combustion
gases (C,, k, or p). Before we can make this analysis, some basic data (e.g.,
propellants, their ingredients, desired chamber pressure, or all likely reaction
products) have to be known or postulated. Although the combustion process
really consists of a series of different chemical reactions that occur almost
simultaneously and includes the breakdown of chemical compounds into inter-
mediate and subsequently into final products, the analysis is only concerned
with the initial and final conditions, before and after combustion. We will
mention several approaches to the analysis of chamber conditions. In this
section we will first give some definitions of key terms and explain some con-
cepts and principles. The first principle concerns the conservation of energy. The
heat created by the combustion is equal to the heat necessary to raise the
resulting gases adiabatically to their final combustion temperature. The heat
of reaction of the combustion A, H has to equal the enthalpy change AH of the
gases.

The energy balance can be thought of as a two-step process. The chemical
reaction occurs instantaneously but isothermally at the reference temperature,
and the resulting energy release then heats the gases from this reference tem-
perature to the final combustion temperature. The heat of reaction is

n T, n
AH = anJ C,dT =y mAh|] (5-23)

1 ref 1

Here Al is the increase in enthalpy for each species multiplied by its molar
fraction, and C, is the molar specific heat at constant pressure.

The second principle is the conservation of mass. The mass of any of the
atomic species present in the reactants before the chemical reaction must be
equal to the mass of the same species in the products. This can be illustrated by



170 CHEMICAL ROCKET PROPELLANT PERFORMANCE ANALYSIS

a more general case of the reaction of Equation 5-8. In this case the reactants
are not in stoichiometric proportion.

In the combustion of hydrogen with oxygen it is possible to form six pro-
ducts: water, hydrogen, oxygen, hydroxyl, atomic oxygen, and atomic hydro-
gen. In this case all the reactants and products are gaseous. Theoretically, there
could be two additional products: ozone O; and hydrogen peroxide H,O,;
however, these are unstable materials that do not readily exist at high tempera-
ture, and they can be ignored. In chemical notation this can be stated by

aH2 + b02 —> nH20H2O + nHz H2 + }’l0202 + nOO -+ nHH + nOHOH (5—24)

The left side shows the condition before and the right side after the reaction.
Since H, and O, can be found on both sides, it means that not all of these
species are consumed and a portion, namely ny, and ng,, will remain
unreacted. With chemical equilibrium at a particular temperature and pressure
the molar concentrations on the right side will remain fixed. Here a, b, ny,o,
ny,, Mo, o, Ny, and noy are the respective molar fractions or molar quantities
of these substances before and after the reaction, and they can be expressed in
kg-mol per kilogram of propellant reactants or reaction products. The initial
proportions of a and & are usually known. The number of kg-mol per kilogram
of mixture of each element can be established from this initial mix of oxidizer
and fuel ingredients. For the hydrogen—oxygen relation above, the mass bal-
ances would be

for hydrogen: 2a = 2ny,o + 2ny, + 7y +fon

(5-25)
for oxygen:  2b = ny,o + 2np, + 1o + Hon

The mass balance of Eq. 5-25 provides two more equations for this reaction
(one for each atomic species) in addition to the energy balance equation. There
are six unknown product percentages and an unknown combustion or equili-
brium temperature. However, three equations provide a solution for only three
unknowns, say the combustion temperature and the molar fractions of two of
the species. If, for example, it is known that the initial mass mixture ratio of b/a
is fuel rich, so that the combustion temperature will be relatively low, the
percentage of remaining O, and the percentage of the dissociation products
(O, H, and OH) would all be very low and can be neglected. Thus ng, 1y, 7oy,
and ng, are set to be zero. The solution requires knowledge of the enthalpy
change of each of the species, and that information can be obtained from
existing tables, such as Table 5-2 or Refs. 5-8 and 5-9.

In more general form, the mass for any given element must be the same
before and after the reaction. The number of kg-mol of a given element per
kilogram of reactants and product is equal, or their difference is zero. For any
one atomic species, such as the H or the O in Eq. 5-25,
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m n
> agn; = ayn, =0 (5-26)
j=1 products j=1 propellants

Here the atomic coefficients a;; are the number of kilogram atoms of element i
per kg-mol of species j, and m and » are as defined above. The average mole-
cular mass of the products in Eq. 5-5 would be

M = 2nH2 =+ 32)’102 + 18nH20 + 16)’10 + ny + 177’!0}{
ny, + no, + hy,o + 1o + Ay + Hou

(5-27)

Another way to determine the molar fractions for the equilibrium composition
is to use a factor 4 that represents the degree of advancement of the chemical
reaction. This factor 4 has the value of zero for the initial conditions before the
reaction starts and 1.0 for the final conditions, when the reaction is completed
and all the reaction gases are converted to product gases. For the reaction
described by Eq. 5-24, A can be used in this way:

Number of moles of A: ny = al (5-28)
Number of moles of B: ng = b4
Number of moles of C: nc = ¢(1 — 1) (5-29)

Number of moles of D: np = d(1 — 1)

By substituting these molar fractions into the Gibbs free energy equation (Eq.
5-12), then differentiating the expression with respect to A and setting the
derivative dG/dA = 0, one can determine the value of A at which G is a mini-
mum for the gas mixture. The degree of advancement A then determines the
values of nu, ng, nc, and np at equilibrium.

The approach used in Ref. 5-13 is commonly used today for thermochemi-
cal analysis. It relies on the minimization of the Gibbs free energy and on mass
balance and energy balance equations. As was explained in Eq. 5-12, the
change in the Gibbs free energy function is zero at equilibrium (AG = 0):
the chemical potential of the gaseous propellants has to equal that of the
gaseous reaction products, which is Eq. 5-12:

AG = Z(njAGj)products - Z(njAGj)reactants =0 (5-30)

To assist in solving this equation a Lagrangian multiplier or a factor of the
degree of the completion of the reaction is often used. An alternative method
for solving for the gas composition, temperature, and gas properties is to use
the energy balance (Eq. 5-23) together with several mass balances (Eq. 5-26)
and equilibrium relationships (Eq. 5-21).

After assuming a chamber pressure and setting up the energy balance, mass
balances, and equilibrium relations, one method of solving all the equations is
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to estimate a combustion temperature and then solve for the various values of
n;. Then a balance has to be achieved between the heat of reaction A,HO and
the heat absorbed by the gases, Hy — HY, to go from the reference temperature
to the combustion temperature. If they do not balance, another value of the
combustion temperature is chosen until there is convergence and the energy
balances.

The energy release efficiency, sometimes called the combustion efficiency, can
now be defined as the ratio of the actual change in enthalpy per unit propellant
mixture to the calculated change in enthalpy necessary to transform the pro-
pellants from the initial conditions to the products at the chamber temperature
and pressure. The actual enthalpy change can be evaluated if the initial pro-
pellant condition and the actual composition and the temperature of the com-
bustion gases are measured. Experimental measurements of combustion
temperature and gas composition are difficult to perform accurately, and the
combustion efficiency is therefore actually evaluated only in rare instances. The
combustion efficiency in liquid propellant rocket thrust chambers depends on
the method of injection and mixing and increases with increased combustion
temperature. In solid propellants the combustion efficiency is a function of the
grain design, the propellant, and the degree of mixing between the several solid
constituents. Actual measurements on well designed rocket propulsion systems
indicate efficiency values of 94 to 99%. These high values indicate that the
combustion is essentially complete, that very little, if any, unreacted propellant
remains, and that chemical equilibrium is indeed established.

The number of compounds or species in the exhaust can be 50 or more with
solid propellants or with liquid propellants that have certain additives. The
number of nearly simultaneous chemical reactions that have to be considered
can easily exceed 150. Fortunately, many of these chemical species are present
only in very small amounts and can usually be neglected.

5.3. ANALYSIS OF NOZZLE EXPANSION PROCESSES

There are several methods for analyzing the nozzle flow, depending on the
assumptions made for chemical equilibrium, nozzle expansion, particulates,
or energy losses. Several are outlined in Table 5-3.

Once the gases reach the nozzle, they experience an adiabatic, reversible
expansion process which is accompanied by a drop in temperature and pressure
and a conversion of thermal energy into kinetic energy. Several increasingly
more complicated methods have been used for the analysis of the process. For
the simple case of frozen equilibrium and one-dimensional flow the state of the
gas throughout expansion in the nozzle is fixed by the entropy of the system,
which is presumed to be invariant as the pressure is reduced to the value
assigned to the nozzle exit plane. All the assumptions listed in Chapter 3 for
an ideal rocket are also valid here. Again, the effects of friction, divergence
angle, heat exchange, shock waves, or nonequilibrium are neglected in the
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simple cases, but are considered in the more sophisticated solutions. The con-
densed (liquid or solid) phases are again assumed to have zero volume and to
be in kinetic as well as thermal equilibrium with the gas flow. This implies that
particles or droplets are very small in size, move at the same velocity as the gas
stream, and have the same temperature as the gas at all places in the nozzle.

The chemical equilibrium during expansion in the nozzle can be analytically
regarded in the following ways:

1. When the composition is invariant throughout the nozzle, there are no
chemical reactions or phase changes and the product composition at the
nozzle exit is identical to that of its chamber condition. The results are
known as frozen equilibrium rocket performance. This method usually is
simple, but underestimates the performance, typically by 1 to 4%.

2. Instantaneous chemical equilibrium among all molecular species is
maintained under the continuously variable pressure and temperature
conditions of the nozzle expansion process. Thus the product composi-
tion shifts; similarly, instantaneous chemical reactions, phase changes or
equilibria occur between gaseous and condensed phases of all species in
the exhaust gas. The results so calculated are called shifting equilibrium
performance. The gas composition mass percentages are different in the
chamber and the nozzle exit. This method usually overstates the perfor-
mance values, such as ¢* or I, typically by 1 to 4%. Here the analysis is
more complex.

3. The chemical reactions do not occur instantaneously, but even though
the reactions occur rapidly they require a finite time. The reaction rates
of specific reactions can be estimated; the rates are usually a function of
temperature, the magnitude of deviation from the equilibrium molar
composition, and the nature of the chemicals or reactions involved.
The values of T, ¢*, or I for these types of equilibrium analysis usually
are between those of frozen and instantaneously shifting equilibria. This
approach is almost never used, because of the lack of good data on
reaction rates with multiple simultaneous chemical reactions.

For an axisymmetric nozzle, both one- and two-dimensional analyses can be
used. The simplest nozzle flow analysis is one-dimensional, which means that
all velocities and temperatures or pressures are equal at any normal cross
section of an axisymmetric nozzle. It is often satisfactory for preliminary esti-
mates. In a two-dimensional analysis the velocity, temperature, density, and/or
Mach number do not have a flat profile and vary somewhat over the cross
sections. For nozzle shapes that are not bodies of revolution (e.g., rectangular,
scarfed, or elliptic) a three-dimensional analysis can be performed.

If solid particles or liquid droplets are present in the nozzle flow and if the
particles are larger than about 0.1 um average diameter, there will be a thermal
lag and velocity lag. The solid particles or liquid droplets do not expand like a
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TABLE 5-3. Typical Steps and Alternatives in the Analysis of Rocket
Thermochemical Processes in Nozzles

Step

Process

Method/Implication/Assumption

Nozzle inlet
condition

Nozzle
expansion

Same as chamber exit; need to know
1y, py, v, H, ¢*, py, etc.

An adiabatic process, where flow is
accelerated and thermal energy is
converted into kinetic energy.
Temperature and pressure drop
drastically. Several different
analyses have been used with
different specific effects. Can use
one-, two-, or three-dimensional
flow pattern.

For simpler analyses assume the
flow to be uniformly mixed and
steady.

. Simplest method is inviscid

isentropic expansion flow with
constant entropy.

. Include internal weak shock waves;

no longer a truly isentropic
process.

. If solid particles are present, they

will create drag, thermal lag, and a
hotter exhaust gas. Must assume an
average particle size and optical
surface properties of the
particulates. Flow is no longer
isentropic.

. Include viscous boundary layer

effects and/or non-uniform velocity
profile.

Often a simple single correction factor is used with one-dimensional analyses to correct the
nozzle exit condition for items 2, 3, and/or 4 above. Computational fluid dynamic codes with
finite element analyses have been used with two- and three-dimensional nozzle flow.

Chemical
equilibrium
during nozzle
expansion

Due to rapid decrease in 7" and p,
the equilibrium composition can
change from that in the chamber.
The four processes listed in the
next column allow progressively
more realistic simulation and
require more sophisticated
techniques.

1. Frozen equilibrium; no change in

gas composition; usually gives low
performance.

. Shifting equilibrium or

instantaneous change in
composition; usually overstates the
performance slightly.

. Use reaction time rate analysis to

estimate the time to reach
equilibrium for each of the several
chemical reactions; some rate
constants are not well known;
analysis is more complex.

. Use different equilibrium analysis

for boundary layer and main
inviscid flow; will have nonuniform
gas temperature, composition, and
velocity profiles.
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TABLE 5-3. (Continued)

Step

Process

Method/Implication/Assumption

Heat release in

nozzle

Nozzle shape

and size

Gas properties

Nozzle exit

conditions

Calculate specific

impulse

Recombination of dissociated
molecules (e.g., H + H = H,) and
exothermic reactions due to
changes in equilibrium
composition cause an internal
heating of the expanding gases.
Particulates release heat to the
gas.

Can use straight cone, bell-shaped,
or other nozzle contour; bell can
give slightly lower losses. Make
correction for divergence losses
and nonuniformity of velocity
profile.

The relationships governing the
behavior of the gases apply to
both nozzle and chamber
conditions. As gases cool in
expansion, some species may
condense.

Will depend on the assumptions
made above for chemical
equilibrium, nozzle expansion,
and nozzle shape/contour.
Assume no jet separation.
Determine velocity profile and the
pressure profile at the nozzle exit
plane. If pressure is not uniform
across a section it will have some
cross flow.

Can be determined for different
altitudes, pressure ratios, mixture
ratios, nozzle area ratios, etc.

Heat released in subsonic portion of

nozzle will increase the exit velocity.
Heating in the supersonic flow
portion of nozzle can increase the
exit temperature but reduce the exit
Mach number.

Must know or assume a particular

nozzle configuration. Calculate bell
contour by method of
characteristics. Use Eq. 3-34 for
divergence losses in conical nozzle.
Most analysis programs are one- or
two-dimensional. Unsymmetrical
non-round nozzles may need three-
dimensional analysis.

Either use perfect gas laws or, if some

of the gas species come close to
being condensed, use real gas
properties.

Need to know the nozzle area ratio or

nozzle pressure ratio. For quasi-
one-dimensional and uniform
nozzle flow, see Eqs. 3-25 and 3-
26. If v, is not constant over the
exit area, determine effective
average values of v, and p,. Then
calculate profiles of T, p, etc. For
nonuniform velocity profile, the
solution requires an iterative
approach. Can calculate the gas
conditions (7, p, etc.) at any point
in the nozzle.

Can be determined for average values

of vy, py, and p; based on Egs. 2-6,
3-35, and/or 2-14.
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gas; their temperature decrease depends on losing energy by convection or
radiation, and their velocity depends on the drag forces exerted on the particle.
Larger-diameter droplets or particles are not accelerated as rapidly as the
smaller ones and flow at a velocity lower than that of the adjacent accelerating
gas. Also, the particulates are hotter than the gas and provide heat to the gas.
While these particles contribute to the momentum of the exhaust mass, they are
not as efficient as an all-gaseous exhaust flow. For composite solid propellants
with aluminum oxide particles in the exhaust gas, the loss due to particles could
typically be 1 to 3%. The analysis of a two- or three-phase flow requires
knowledge of or an assumption about the nongaseous matter, the sizes (dia-
meters), size distribution, shape (usually assumed to be spherical), optical sur-
face properties (for determining the emission/absorption or scattering of
radiant energy), and their condensation or freezing temperatures. Some of
these parameters are not well known. Performance estimates of flows with
particles are explained in Section 3-5.

The viscous boundary layer next to the nozzle wall has velocities substan-
tially lower than that of the inviscid free stream. The slowing down of the gas
flow near the wall due to the viscous drag actually causes the conversion of
kinetic energy into thermal energy, and thus some parts of the boundary layer
can be hotter than the local free-stream static temperature. A diagram of a two-
dimensional boundary layer is shown in Figure 3-16. With turbulence this
boundary layer can be relatively thick in large-diameter nozzles. The boundary
layer is also dependent on the axial pressure gradient in the nozzle, the nozzle
geometry, particularly in the throat region, the surface roughness, or the heat
losses to the nozzle walls. Today, theoretical boundary layer analyses with
unsteady flow are only approximations, but are expected to improve in the
future as our understanding of the phenomena and computational fluid
dynamics (CFD) techniques are validated. The net effect is a nonuniform
velocity and temperature profile, an irreversible friction process in the viscous
layers, and therefore an increase in entropy and a slight reduction (usually less
than 5%) of the kinetic exhaust energy. The slower moving layers adjacent to
the nozzle walls have laminar and subsonic flow.

At the high combustion temperatures a small portion of the combustion gas
molecules dissociate (split into simpler species); in this dissociation process
some energy is absorbed. When energy is released during reassociation (at
lower pressures and temperatures in the nozzle), this reduces the kinetic energy
of the exhaust gas at the nozzle exit. This is discussed further in the next
section.

For propellants that yield only gaseous products, extra energy is released in
the nozzle, primarily from the recombination of free-radical and atomic spe-
cies, which become unstable as the temperature is decreased in the nozzle
expansion process. Some propellant products include species that condense
as the temperature drops in the nozzle expansion. If the heat release on con-
densation is large, the difference between frozen and shifting equilibrium per-
formance can be substantial.
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In the simplest method the exit temperature 7, is determined for an isen-
tropic process (frozen equilibrium) by considering the entropy to be constant.
The entropy at the exit is the same as the entropy in the chamber. This deter-
mines the temperature at the exit and thus the gas condition at the exit. From
the corresponding change in enthalpy it is then possible to obtain the exhaust
velocity and the specific impulse. For those analysis methods where the nozzle
flow is not really isentropic and the expansion process is only partly reversible,
it is necessary to include the losses due to friction, shock waves, turbulence, and
so on. The result is a somewhat higher average nozzle exit temperature and a
slight loss in /. A possible set of steps used for the analysis of nozzle processes
is given in Table 5-3.

When the contraction between the combustion chamber (or the port area)
and the throat area is small (4,/4, < 3), the acceleration of the gases in the
chamber causes a drop in the effective chamber pressure at the nozzle entrance.
This pressure loss in the chamber causes a slight reduction of the values of ¢
and I;. The analysis of this chamber configuration is treated in Ref. 5-14 and
some data are briefly shown in Tables 3-2 and 6-4.

Example 5-1. Various experiments have been conducted with a liquid monopropellant
called nitromethane (CH;NO,), which can be decomposed into gaseous reaction pro-
ducts. Determine the values of T, M, k, ¢*, Cr, and /; using the water—gas equilibrium
conditions. Assume no dissociations and no O,.

SOLUTION. The chemical reaction for 1 mol of reactant can be described as
1.0 CH3N02 — nCoCO + nCOZCOZ + nH3H2 + nHonzo + N, N2
Neglect other minor products. The mass balances are obtained for each atomic element.

1 = neo + neo,

3 =2ny, + 2ny,0

2 = nco + 2nco, + M0
l =2ny, or ny,=0.5

Z O T O

The reaction commonly known as the water—gas reaction is
H, + CO, = H,0 + CO

Its equilibrium constant K, expressed as molar concentrations, is a function of tempera-
ture.

ny,0Mco
K=—"——"—
ny,Hco,

The five equations above have six unknowns: namely, the five molar concentrations and
K, which is a function of temperature. Solving for ny, and K:
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(K — Dy, + (3 — K/2)ny, = 2.25

K can be obtained from a table of the water—gas reaction as a function of temperature.
Try T =2500K and K = 6.440 and substitute above.

5.440nm3;, —0.220my, —2.25 =10
then

ny, = 0.664
Mo = 1.500 — my, = 0.836
f’lCO2 =0.164 Heo = 0.836

The heats of formation AfHO for the various species are listed in the table below [from
the JANAF thermochemical tables (Refs. 5-7 and 5-9)]. The heat of reaction is
obtained from Eq. 5-9 in kilojoules per mole. By definition, the heat of formation of
H, or N, is zero. From Eq. 5-9,

ArHO = Z(nAfH)producls - (A_/"Ho)reaclam
= 0.836(—241.8) + 0.164(—393.5) + 0.836(—110.5) — 1.0(—113.1)
— —246kJ/mol

The enthalpy change of the gases going from the reference conditions to the combustion
temperature can also be obtained from tables in Refs. 5-7 and 5-8 and is again listed
below.

Molecular

Species A/HO Ah_,mo Weight n;

N; 0 74.296 28 0.500
H,0 —241.826 99.108 18 0.836
H, 0 70.498 2 0.664
CcO —110.53 74.985 28 0.836
CO, —393.522 121.917 44 0.164
CH;NO, —113.1 61 1.000

The gas enthalpy change of the hot gas in the combustion chamber is numerically equal
to the heat of formation. Using data from the table,

AHZ = Ak =249.5k] /mol

This is not identical to the 246 kJ/mol obtained previously, and therefore a lower tem-
perature is to be tried. After one or two iterations the final combustion temperature of
2470 K will be found where the heat of reaction balances the enthalpy rise. The above-
mentioned composition will be approximately the same at the new temperature. The
molecular weight can then be obtained from Eq. 5-5:
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2 28 x 0.5+ 18 x 0.836 + 2 x 0.664 + 28 x 0.836 + 44 x 0.164

m=
Y 2 x (0.836) + 0.664 + 0.164 + 0.500

=203

The specific heat varies with temperature, and average specific heat values ¢, can be
obtained from each species by integrating

2470
~_ Jog pdT
T

Cp = "m0 d
298

Values of ¢, can be obtained from tables in Ref. 5-7 and, if not done by computer, the
integration can be done graphically. The result is

¢, = 41,440 kJ/K-kg-mol/20.3
= 2040 kJ/kg-K

The specific heat ratio is, from Eq. 5-7,

G, 41,440

C,— R~ 41440 — 8314

k= =1.25

With M, k, and T now determined, the ideal performance of a nitromethane rocket
engine can be established from Egs. 3-16, 3-30, and 3-32 for p; = 69atm and
py = 1.0atm. The results are

¢* = 1525m/sec

Cr = 1.57 (from Fig. 3-6)
c¢=1.57 x 1525 = 2394 m/sec
I, = 2394/9.80 = 244 sec

5.4. COMPUTER ANALYSIS

All the analysis discussed in this chapter is done today by computer programs.
Most are based on minimizing the free energy. This is a simpler approach than
relying on equilibrium constants, which was used some years ago. Once the
values of n; and T are determined, it is possible to calculate the molecular
mass of the gases (Eq. 5-5), the average molar specific heats C,, by a similar
formula, and the specific heat ratio k from Eqs. 36 and 5-7. This then char-
acterizes the thermodynamic conditions in the combustion chamber. With
these data we can calculate ¢*, R, and other parameters of the chamber com-
bustion. The nozzle expansion process simulated by computer gives the per-
formance (such as I, ¢, or 4,/4,) and the gas conditions in the nozzle; it
usually includes several of the corrections mentioned in Chapter 3. Programs
exist for one-, two-, and three-dimensional flow patterns.
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More sophisticated solutions include a supplementary analysis of combus-
tion chamber conditions where the chamber velocities are high (see Ref. 5-14),
a boundary layer analysis, a heat transfer analysis, or a two-dimensional axi-
symmetric flow with nonuniform flow properties across any cross section of the
nozzle. Time-dependent chemical reactions in the chamber are usually
neglected, but they can be analyzed by estimating the time rate at which the
reaction occurs; one way is to calculate the time derivative of the degree of
advancement d1/dr and then to set this derivative to zero. This is described in
Ref. 5-3.

An example of a commonly used computer program, based on chemical
equilibrium compositions, was developed at the NASA Lewis Laboratory. It
is described in Ref. 5-13, Vols. 1 and 2. The key assumptions for this
program are one-dimensional forms of the continuity, energy, and momen-
tum equations, zero velocity at the forward end of the chamber, isentropic
expansion in the nozzle, using ideal gas laws, and chemical equilibrium in
the combustion chamber. It includes options to use frozen equilibrium and
narrow chambers (for liquid propellant combustion) or port areas with
small cross sections (for solid propellant grains), where the chamber flow
velocities are high, causing an extra pressure loss and a slight loss in
performance.

Table 54 shows calculated data for a liquid oxygen, liquid hydrogen thrust
chamber taken from an example of this reference. It has shifting equilibrium in
the nozzle flow. The narrow chamber has a cross section that is only a little
larger than the throat area. The large pressure drop in the chamber (approxi-
mately 126 psi) is due to the energy needed to accelerate the gas, as discussed in
Section 3.3 and Table 3-2.

5.5. RESULTS OF THERMOCHEMICAL CALCULATIONS

Voluminous results of these machine calculations are available and only a few
samples are indicated here to illustrate typical effects of the variations of
various parameters. In general, high specific impulse or high values of ¢* can
be obtained if the average molecular weight of the reaction products is low
(usually this implies a formulation rich in hydrogen) or if the available chemi-
cal energy (heat of reaction) is large, which means high combustion tempera-
tures (see Eq. 3-16).

Values of calculated specific impulse will be higher than those obtained from
firing actual propellants in rocket units. In practice it has been found that the
experimental values are, in general, 3 to 12% lower than those calculated by
the method explained in this chapter. Because the nozzle inefficiencies
explained in Chapter 3 must be considered, only a portion of this correction
(perhaps 1 to 4%) is due to combustion inefficiencies.

Figures 5-1 to 5-6 indicate the results of performance calculations for the
liquid propellant combination, liquid oxygen—RP-1. These data are taken from
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TABLE 5-4. Calculated Parameters for Liquid Oxygen and Liquid Hydrogen Rocket Engine for Four Different Nozzle Expansions

Chamber pressure at injector 773.3 psia or 53.317 bar; ¢* = 2332.1 m/sec; shifting equilibrium nozzle flow mixture ratio O,/H; = 5.551;
chamber to throat area ratio 4,/A4, = 1.580.

Parameters
Location Injector face Comb. end Throat Exit Exit Exit Exit
Pini/P 1.00 1.195 1.886 10.000 100.000 282.15 709.71
T (K) 3389 3346 3184 2569 1786 1468 1219
M (molec. mass) 12.7 12.7 12.8 13.1 13.2 13.2 13.2
k (spec. heat ratio) 1.14 1.14 1.15 1.17 1.22 1.24 1.26
C, (spec. heat, kJ/kg-K) 8.284 8.250 7.530 4.986 3.457 3.224 3.042
M (Mach number) 0.00 0413 1.000 2.105 3.289 3.848 4.379
A/ A, 1.580¢ 1.580* 1.000 2.227 11.52 25.00 50.00
¢ (m/sec) NA NA 2879" 3485 4150 4348 4487
vy (m/sec) NA NA 1537 2922 3859 4124 4309

Mole fractions of gas mixture

H 0.03390 0.03336 0.02747 0.00893 0.00024 0.00002 0.00000
HO, 0.00002 0.00001 0.00001 0.00000 0.00000 0.00000 0.00000
H, 0.29410 0.29384 0.29358 0.29659 0.30037 0.30050 0.30052
H,O 0.63643 0.63858 0.65337 0.68952 0.69935 0.69948 0.69948
H,0, 0.00001 0.00001 0.00000 0.00000 0.00000 0.00000 0.00000
O 0.00214 0.00204 0.00130 0.00009 0.00000 0.00000 0.00000
OH 0.03162 0.03045 0.02314 0.00477 0.00004 0.00000 0.00000
0, 0.00179 0.00172 0.00113 0.00009 0.00000 0.00000 0.00000

“Chamber contraction ratio 4;/4,.

bIf cut off at throat.

¢ is the effective exhaust velocity in a vacuum.

v, 1s the nozzle exit velocity at optimum nozzle expansion.
NA means not applicable.
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FIGURE 5-1. Calculated performance analysis of liquid oxygen and hydrocarbon fuel
as a function of mixture ratio.

Refs. 5-7 and 5-8. The RP-1 fuel is a narrow-cut hydrocarbon similar to
kerosene with an average of 1.953 mol of hydrogen for each mole of carbon;
thus it has a nominal formula of CH,gs;. The calculation is limited to a
chamber pressure of 1000 psia. Most of the curves are for optimum area
ratio expansion to atmospheric pressure, namely, 1 atm or 14.696 psia, and a
limited range of oxidizer-to-fuel mixture ratios.

For maximum specific impulse, Figs. 5-1 and 5-4 show an optimum mixture
ratio of approximately 2.3 (kg/sec of oxidizer flow divided by kg/sec of fuel
flow) for frozen equilibrium expansion and 2.5 for shifting equilibrium with gas
expansion to sea level pressure. The maximum values of ¢* are at slightly
different mixture ratios. This optimum mixture ratio is not the value for high-
est temperature, which is usually fairly close to the stoichiometric value. The
stoichiometric mixture ratio is more than 3.0; much of the carbon is burned to
CO, and almost all of the hydrogen to H,O.
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FIGURE 5-2. Calculated chamber gas composition for liquid oxygen and hydrocarbon
fuel as a function of mixture ratio. Aggressive gases, such as O,, O, or OH, can cause
oxidation of the wall materials in the chamber and the nozzle.

Because shifting equilibrium makes more enthalpy available for conversion
to kinetic energy, it gives higher values of performance (higher /; or ¢*) and
higher values of nozzle exit temperature for the same exit pressure (see Fig. 5
1). The influence of mixture ratio on chamber gas composition is evident from
Fig. 5-2. A comparison with Fig. 5-3 indicates the marked changes in the gas
composition as the gases are expanded under shifting equilibrium conditions.
The influence of the degree of expansion, or of the nozzle exit pressure on the
gas composition, is shown in Fig. 5-6. As the gases are expanded to higher area
ratios and lower exit pressure (or higher pressure ratios) the performance
increases, however, the relative increase diminishes as the pressure ratio is
further increased (see Figs. 5-5 and 5-6).

Dissociation of molecules requires considerable energy and causes a decrease
in the combustion temperature, which in turn can reduce the specific impulse.
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FIGURE 5-3. Calculated nozzle exit gas composition for shifting equilibrium condi-
tions as a function of mixture ratio. Breakdown into O, OH, or H and free O, occurs
only at the higher temperatures or higher mixture ratios.

Dissociation of the reaction products increases as the chamber temperature
rises, and decreases with increasing chamber pressure. Atoms or radicals
such as monatomic O or H and OH are formed, as can be seen from Fig. 5-
2; some unreacted O, also remains at the higher mixture ratios and very high
combustion temperatures. As the gases are cooled in the nozzle expansion, the
dissociated species react again to form molecules and release heat into the
flowing gases. As can be seen from Fig. 5-3, only a small percentage of dis-
sociated species persists at the nozzle exit and only at the high mixture ratio,
where the exit temperature is relatively high. (See Fig. 5-1 for exit temperatures
with shifting equilibria). Heat released in a supersonic flow actually reduces the
Mach number.

Results of calculations for several different liquid and solid propellant com-
binations are given in Tables 5-5 and 5-6. For the liquid propellant combina-
tions, the listed mixture ratios are optimum and their performance is a



5.5. RESULTS OF THERMOCHEMICAL CALCULATIONS 185

g

T I
340 p,/p, = 2000
— i
320 / %
|
l | ]
-_g_ 300 —~4 pyp,= 100
3 ’ | e — S
: |
5 280|—
3 p/p,=34.02
g 200/ —
Q /
2‘5
&
[75]

5

pllp,‘,:lO
T N

p = 1000 psia

Liquid oxygen-RP-1(CH )

200 I I T T
1.8 20 22 24 26 28 30

Mixture ratio (oxidizer/fuel)

8

FIGURE 54. Variation of theoretical specific impulse with mixture ratio and pressure
ratio, calculated for frozen equilibrium.

maximum. For solid propellants, practical considerations (such as propellant
physical properties) do not always permit the development of a satisfactory
propellant grain when the ingredients are mixed in optimum performance
proportions (insufficient binder); therefore the values listed for solid propel-
lants in Table 5-6 correspond in part to practical formulations with reasonable
physical and ballistic properties.

Calculated data obtained from Ref. 5-13 are presented in Tables 5-7 to 5-9
for a specific solid propellant to indicate typical variations in performance or
gas composition. This particular propellant consists of 60% ammonium per-
chlorate (NH4ClOy), 20% pure aluminum powder, and 20% of an organic
polymer of an assumed chemical composition, namely, C; ;ONg34Hsg. Table
5-7 shows the variation of several performance parameters with different
chamber pressures expanding to atmospheric exit pressure. The area ratios
listed are optimum for this expansion with shifting equilibrium. The exit
enthalpy, exit entropy, thrust coefficient, and the specific impulse also consider
shifting equilibrium conditions. The characteristic velocity ¢* and the chamber
molecular mass are functions of chamber conditions only. Table 5-8 shows the
variation of gas composition with chamber pressure. Some of the reaction
products are in the liquid phase, such as Al,O5. Table 5-9 shows the variation
of nozzle exit characteristics and composition for shifting equilibria as a func-
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a fixed mixture ratio and for shifting equilibrium. For frozen equilibrium the composi-
tion would be the same as in the chamber, as shown in Fig. 5-2.

tion of exit pressure or pressure ratio for a fixed value of chamber pressure.
Table 5-9 shows how the composition is shifted during expansion in the nozzle
and how several of the species present in the chamber have disappeared at the
nozzle exit. These three tables show theoretical results calculated on a compu-
ter; some of the thermodynamic properties of the reactants and reaction pro-
ducts probably do not warrant the indicated high accuracy of five significant
figures which are obtained from the computer. In the analysis for chemical
ingredients of this solid propellant, approximately 76 additional reaction pro-
ducts were considered in addition to the major product species. This includes,
for example, CN, CH, CCl, Cl, NO, and so on. Their calculated mole fractions
were very small and therefore they have been neglected and are not included in
Table 5-8 or 5-9.

Calculations of this type are useful in estimating performance ([, ¢*, Cp, e,
etc.) for a particular chamber pressure and nozzle exit pressure, and knowledge
of the gas composition, as indicated by the previous figures and tables, permits
a more detailed estimate of other design parameters, such as gas-film properties
for heat transfer determination, radiation characteristics of the flame inside
and outside the thrust chambers, and the acoustic characteristics of the
gases. Performance data calculated for hybrid propellants are presented briefly
in Chapter 15.



§ TABLE 5-5. Theoretical Performance of Liquid Rocket Propellant Combinations

Mixture Ratio Average Chamber Chamber I (sec)
Specific Temp. & m
Oxidizer Fuel By Mass By Volume Gravity (K) (m/sec) (kg/mol) Shifting Frozen k
Oxygen Methane 3.20 1.19 0.81 3526 1835 296
3.00 1.11 0.80 3526 1853 311
Hydrazine 0.74 0.66 1.06 3285 1871 18.3 301 1.25
0.90 0.80 1.07 3404 1892 19.3 313
Hydrogen 3.40 0.21 0.26 2959 2428 8.9 386 1.26
4.02 0.25 0.28 2999 2432 10.0 389.5
RP-1 2.24 1.59 1.01 3571 1774 21.9 285.4 1.24
2.56 1.82 1.02 3677 1800 23.3 300
UDMH .39 0.96 0.96 3542 1835 19.8 295 1.25
1.65 1.14 0.98 3594 1864 21.3 310
Fluorine Hydrazine 1.83 1.22 1.29 4553 2128 18.5 334 1.33
2.30 1.54 1.31 4713 2208 19.4 365
Hydrogen 4.54 0.21 0.33 3080 2534 8.9 389 1.33
7.60 0.35 045 3900 2549 11.8 410
Nitrogen Hydrazine 1.08 0.75 1.20 3258 1765 19.5 283 1.26
tetroxide 1.34 0.93 1.22 3152 1782 20.9 292
50% UDMH- 1.62 1.01 1.18 3242 1652 21.0 278 1.24
50% hydrazine 2.00 1.24 1.21 3372 1711 22.6 289
RP-1 34 1.05 1.23 3290 241 297 1.23
MMH 2.15 1.30 1.20 3396 1747 22.3 289
1.65 1.00 1.16 3200 1591 217 278
Red fuming RP-1 4.1 2.12 1.35 3175 1594 24.6 258
nitric acid 4.8 248 1.33 3230 1609 25.8 269
50% UDMH- 1.73 1.00 1.23 2997 1682 20.6 272 1.22
50% hydrazine 2.20 1.26 1.27 3172 1701 224 279
Hydrogen peroxide
(90%) RP-1 7.0 4.01 1.29 2760 21.7 297 1.19

Notes:

Combustion chamber pressure—1000 psia (6895 kN/m?); nozzle exit pressure—14.7 psia (I atm): optimum expansion.
Adiabatic combustion and isentropic expansion of ideal gas

The specific gravity at the boiling point was used for those oxidizers or fuels that boil below 20°C at 1 atm pressure.
Mixture ratios are for approximate maximum value of /.
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TABLE 5-6. Theoretical Performance of Typical Solid Rocket Propellant
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Combinations
O T, c* M L k
Oxidizer Fuel (g/cm3)” K) (m/sec)b (kg/kg—mol) (sec)b
Ammonium 11% binder and 1.51 1282 1209 20.1 192 1.26
nitrate 7% additives
Ammonium 18% organic 1.69 2816 1590 25.0 262 121
perchlorate polymer binder
78-66% and 4-20%
aluminum
Ammonium 12% polymer 1.74 3371 1577 293 266 1.17
perchlorate binder and 4 to
84 to 68% 20% aluminum

b Conditions for I, and ¢*:
Combustion chamber pressure: 1000 psia
Nozzle exit pressure: 14.7 psia
Optimum nozzle expansion ratio
Frozen equilibrium

“ Average specific gravity of solid propellant.

In gas generators and preburners (see Section 10.5), for staged combustion
cycle rocket engines (explained in Section 6.5) the gas temperatures are much
lower, to avoid damage to the turbine blades. Typically, the combustion reac-
tion gases are at 900 to 1200K, which is lower than the gas in the thrust
chamber (2900 to 3600K). The thermochemical analysis of this chapter can
also be applied to gas generators; the results (such as gas temperature T, the
specific heat c,, specific heat ratio k, or composition) are used for estimating
turbine inlet conditions or turbine power. Examples are listed in Table 5-10 for
a chamber pressure of 1000 psia. Some species in the gases will not be present
(such as atomic oxygen or hydroxyl), and often real gas properties will need to
be used because some of these gases do not behave as a perfect gas at these
temperatures.
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TABLE 5-7. Variation of Calculated Performance Parameters for an Aluminized Ammonium Perchlorate Propellant as a Function of
Chamber Pressure for Expansion to Sea Level (1 atm) with Shifting Equilibrium

Chamber pressure (psia)

Chamber pressure (atm) or pressure ratio p; /p,

Chamber temperature (K)

Nozzle exit temperature (K)
Chamber enthalpy (cal/g)

Exit enthalpy (cal/g)

Entropy (cal/g-K)

Chamber molecular mass (kg/mol)
Exit molecular mass (kg/mol)

Exit Mach number

Specific heat ratio—chamber, k
Specific impulse, vacuum (sec)
Specific impulse, sea level expansion (sec)
Characteristic velocity, ¢* (m/sec)
Nozzle area ratio, A,/ A4,°

Thrust coefficient, Cp?

1500
102.07
3346.9
2007.7
—572.17
—1382.19
2.1826
29.303
29.879
3.20
1.1369
2874
265.5
1532
14.297
1.700

1000
68.046
33227
2135.6
—572.17
—1325.15
2.2101
29.215
29.853
3.00
1.1351
280.1
256.0
1529
10.541
1.641

750
51.034
3304.2
2226.8
—572.17
—1282.42
2.2297
29.149
29.820
2.86
1.1337
274.6
248.6
1527
8.507
1.596

500
34.023
3276.6
2327.0
—572.17
—1219.8
2.2574
29.050
29.763
2.89
1.1318
265.7
2373
1525
8.531
1.597

200
13.609
3207.7
2433.6
—572.17
—1071.2
2.320
28.908
29.668
2.32
1.1272
2424
208.4
1517
6.300
1.529

“At optimum expansion.
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TABLE 5-8. Mole Fraction Variation of Chamber Gas Composition with
Combustion Chamber Pressure for a Solid Propellant

Pressure (psia) 1500 1000 750 500 200

Pressure (atm) or 102.07 68.046 51.034 34.023 13.609
pressure ratio

Ingredient
Al 0.00007 0.00009  0.00010 0.00012 0.00018
AICI 0.00454 0.00499  0.00530 0.00572 0.00655
AlCl, 0.00181 0.00167  0.00157 0.00142 0.00112
AlCI; 0.00029 0.00023  0.00019 0.00015 0.00009
AlH 0.00002 0.00002  0.00002 0.00002 0.00002
AlO 0.00007 0.00009  0.0001! 0.00013 0.00019
AlOClI 0.00086 0.00095  0.00102 0.00112 0.00132
AIOH 0.00029 0.00032  0.00034 0.00036 0.00041
AlOH 0.00024 0.00026  0.00028 0.0003! 0.00036
AlL,O 0.00003 0.00004  0.00004 0.00005 0.00006
Al,05 (solid) 0.00000 0.00000  0.00000 0.00000 0.00000
AlLO; (liquid) 0.09425 0.09378  0.09343 0.09293 0.09178
CO 0.22434 0.22374  0.22328 0.22259 0.22085
COCl1 0.00001 0.00001  0.00001 0.00001 0.00000
CO, 0.00785 0.00790  0.00793 0.00799 0.00810
Cl 0.00541 0.00620  0.0068! 0.00772 0.01002
Cl, 0.00001 0.00001  0.00001 0.00001 0.00001
H 0.02197 0.02525 0.02776 0.03157 0.04125
HC! 0.12021 0.11900  0.11808 0.11668 0.11321
HCN 0.00003 0.00002  0.0000! 0.00001 0.00000
HCO 0.00003 0.00002  0.00002 0.00002 0.00001
H, 0.32599 0.32380  0.32215 0.31968 0.31362
H,0 0.08960 0.08937  0.08916 0.08886 0.08787
NH, 0.00001 0.00001  0.00001 0.00000 0.00000
NH; 0.00004 0.00003  0.00002 0.00001 0.00001
NO 0.00019 0.00021  0.00023 0.00025 0.00030
N, 0.09910 0.09886  0.09867 0.09839 0.09767
(@) 0.00010 0.00014  0.00016 0.00021 0.00036
OH 0.00262 0.00297  0.00324 0.00364 0.00458

0O, 0.00001 0.00001  0.00002 0.00002 0.00004
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TABLE 5-9. Calculated Variation of Thermodynamic Properties and Exit Gas Composition for an Aluminized Perchlorate Propellant
with p; = 1500 psia and Various Exit Pressures at Shifting Equilibrium and Optimum Expansion

Chamber Throat Nozzle Exit
Pressure (atm) 102.07 58.860 2.000 1.000 0.5103 0.2552 0.1276
Pressure (MPa) 10.556 5.964 0.2064 0.1032 0.0527 0.0264 0.0132
Nozzle area ratio >0.2 1.000 3.471 14.297 23.972 41.111 70.888
Temperature (K) 3346.9 3147.3 2228.5 2007.7 1806.9 1616.4 1443.1
Ratio chamber pressure/local pressure 1.000 1.7341 51.034 102.07 200.00 400.00 800.00
Molecular mass (kg/mol) 29.303 29.453 29.843 29.879 29.894 29.899 29.900
Composition (mol %)
Al 0.00007 0.00003 0.00000 0.00000 0.00000 0.00000 0.00000
AlCl 0.00454 0.00284 0.00014 0.00008 0.00000 0.00000 0.00000
AlCl, 0.00181 0.00120 0.00002 0.00000 0.00000 0.00000 0.00000
AlCh 0.00029 0.00023 0.00002 0.00000 0.00000 0.00000 0.00000
AlOCI 0.00086 0.00055 0.00001 0.00000 0.00000 0.00000 0.00000
AIOH 0.00029 0.00016 0.00000 0.00000 0.00000 0.00000 0.00000
AIOH 0.00024 0.00013 0.00000 0.00000 0.00000 0.00000 0.00000
AlLO 0.00003 0.00001 0.00000 0.00000 0.00000 0.00000 0.00000
Al O5 (solid) 0.00000 0.00000 0.09955 0.09969 0.09974 0.09976 0.09976
Al O; (liquid) 0.09425 0.09608 0.00000 0.00000 0.00000 0.00000 0.00000
CO 0.22434 0.22511 0.22553 0.22416 0.22008 0.21824 0.21671
CO, 0.00785 0.00787 0.00994 0.01126 0.01220 0.01548 0.01885
Cl 0.00541 0.00441 0.00074 0.00028 0.00009 0.00002 0.00000
H 0.02197 0.01722 0.00258 0.00095 0.00030 0.00007 0.00001
HCl 0.12021 0.12505 0.13635 0.13707 0.13734 0.13743 0.13746
H, 0.32599 0.33067 0.34403 0.34630 0.34842 0.35288 0.35442
H,O 0.08960 0.08704 0.08091 0.07967 0.07796 0.07551 0.07214
NO 0.00019 0.00011 0.00001 0.00000 0.00000 0.00000 0.00000
N, 0.09910 0.09950 0.10048 0.10058 0.10063 0.10064 0.10065
(0] 0.00010 0.00005 0.00000 0.00000 0.00000 0.00000 0.00000

OH 0.00262 0.00172 0.00009 0.00005 0.00002 0.00000 0.00000
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TABLE 5-10. Typical Gas Characteristics for Fuel-rich Liquid Propellant Gas
Generators

Gas Oxidizer-  Specific

Constant R to-fuel heat ¢,
Propellant T (K) k (ft-1bf/lbm-R)  ratio  (kcal/kg-K)

Liquid oxygen and liquid 900 1.370 421 0919 1.99
liquid hydrogen 1050 1.357 375 1.065 1.85
1200 1.338 347 1.208 1.78

Liquid oxygen and 900 1.101 45.5 0.322 0.639

kerosene 1050 1.127 55.3 0.423 0.654

1200 1.148 64.0 0.516 0.662

Nitrogen tetroxide and 1050 1.420 87.8 0.126 0.386

dimethyl hydrazine 1200 1.420 99.9 0.274 0.434

PROBLEMS

1. Explain the physical or chemical reasons for a maximum value of specific impulse at
a particular mixture ratio of oxidizer to fuel.

2. Explain why, in Table 5-8, the relative proportion of monatomic hydrogen and
monatonic oxygen changes markedly with different chamber pressures and exit
pressures.

3. This chapter contains several charts for the performance of liquid oxygen and RP-1
hydrocarbon fuel. By mistake the next shipment of cryogenic oxidizer contains at
least 15% liquid nitrogen. Explain what general trends should be expected in the
results of the next test in the performance values, the composition of the exhaust gas
under chamber and nozzle conditions, and the optimum mixture ratio.

4. A mixture of perfect gases consists of 3kg of carbon monoxide and 1.5kg of
nitrogen at a pressure of 0.1 MPa and a temperature of 298.15K. Using Table 5-
1, find (a) the effective molecular mass of the mixture, (b) its gas constant, (c)
specific heat ratio, (d) partial pressures, and (e) density.

Answers: (a) 28 kg/kg-mol, (b) 297 J/kg-K, (c) 140, (d) 0.0666 and 0.0333 MPa, (e)
1.13 kg/m?.

5. Using information from Table 5-2, plot the value of the specific heat ratio for
carbon monoxide (CO) as a function of temperature. Notice the trend of this
curve; it is typical of the temperature behavior of other diatomic gases.

Answers: k = 1.28 at 3500K, 1.30 at 2000 K, 1.39 at 500K.

6. Modify and tabulate two entries in Table 5-5 for operation in the vacuum of space,
namely oxygen/hydrogen and nitrogen tetroxide/hydrazine. Assume the data in the
table represents the design condition.
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7. The figures in this chapter show several parameters and gas compositions of liquid
oxygen burning with RP-1, which is a kerosene-type material. For a mixture ratio of
2.0, use the compositions to verify the molecular mass in the chamber and the

CHEMICAL ROCKET PROPELLANT PERFORMANCE ANALYSIS

specific impulse (frozen equilibrium flow in nozzle) in Fig. 5-1.

SYMBOLS

(Symbols referring to chemical elements, compounds, or mathematical opera-
tors are not included in this list.)

=

~

S Ny RS

number of kilogram atoms

throat area, m?

characteristic velocity, m/sec
specific heat per unit mass, J/kg-K

molar specific heat at constant pressure of gas mixture, J/kg-mol-K

acceleration of gravity at sea level, 9.8066 m/sec2

Gibbs free energy for a propellant combustion gas mixture, J/kg

change in free energy of formation at 298.15K and 1 bar

free energy for a particular species j, J/kg

overall enthalpy change, J/kg or J/kg-mol

enthalpy change for a particular species j, J/kg

heat of reaction at reference 298.15K and 1 bar, J/kg

heat of formation at reference 298.15K and 1 bar, J/kg

enthalpy for a particular species, J/kg or J/kg-mol

specific impulse, N-sec? /kg;m2 (Ibf-sec/lbm)

specific heat ratio

equilibrium constant when a compound is formed from its
elements

equilibrium constant as a function of molar fractions

equilibrium constant as a function of partial pressure

number of gaseous species

mass flow rate, kg/sec

molecular mass (also called molecular weight) of gas mixture,
kg/mol

total number of species or moles per unit mass (kg-mol/kg) of
mixture

mole fraction or volume percent of species j, kg-mol/kg-mixture

pressure of gas mixture, N/m2

gas constant, J/kg-K

universal gas constant, 8314.3J/kg mol-K

entropy, J/kg mol-K

absolute temperature, K

internal energy, J/kg-mol

gas velocity, m/sec

specific volume, m>/kg
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Greek Letters

€ nozzle exit area ratio (exit/throat area)

A Lagrange multiplier, or factor for the degree of advancement of a
chemical reaction

p density, kg/m®

Subscripts

a,b molar fractions of reactant species A or B

¢, d molar fractions of product species C or D

i atomic species in a specific propellant

J constituents or species in reactants or products

mix mixture of gases

ref at reference condition (also superscript %)

1 chamber condition

2 nozzle exit condition

3 ambient atmospheric condition
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CHAPTER 6

LIQUID PROPELLANT ROCKET
ENGINE FUNDAMENTALS

This is the first of five chapters devoted to liquid propellant rocket engines. It
gives an overview of the engines (a definition of various propellants, engine
performance, propellant budget), and of the smaller reaction control engines. It
also presents several of their principal subsystems, such as two types of feed
systems (including engine cycles), propellant tanks and their pressurization
subsystems, valves and piping systems, and engine structures. Chapter 7 covers
liquid propellants in more detail, Chapter 8 deals with thrust chambers (and
nozzles), Chapter 9 with combustion, and Chapter 10 discusses turbopumps,
engine design, engine controls, propellant budgets, engine balance and calibra-
tion, overall engine systems.

A liquid propellant rocket propulsion system is commonly called a rocket
engine. It has all the hardware components and propellants necessary for its
operation, that is, for producing thrust. It consists of one or more thrust
chambers, one or more tanks® to store the propellants, a feed mechanism to
force the propellants from the tanks into the thrust chamber(s), a power source
to furnish the energy for the feed mechanism, suitable plumbing or piping to
transfer the liquids, a structure® to transmit the thrust force, and control devices
to initiate and regulate the propellant flow and thus the thrust. In some appli-
cations an engine may also include a thrust vector control system, various
instrumentation and residual propellant (trapped in pipes, valves, or wetting
tank walls). It does not include hardware for non-propulsive purposes, such

*The tanks and some or all of the engine structure and piping are sometimes considered to be part of
the vehicle or the test facility and not the engine, depending on the preference of the organizations
working on the project.
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as aerodynamic surfaces, guidance, or navigation equipment, or the useful
payload, such as a scientific space exploration package or a missile warhead.

Figures 1-3 and 1-4 show the basic flow diagrams for simple rocket engines
with a pressurized and a turbopump feed system. Figure 61 shows a complex,
sophisticated, high-performance liquid propellant rocket engine. References
6-1 and 6-2 give general liquid propellant rocket engine information.
Additional data and figures on other rocket engines can be found in Chapter 10.

The design of any propulsion system is tailored to fit a specific application
or mission requirement. These requirements are usually stated in terms of the
application (anti-aircraft rocket, upper stage launch vehicle propulsion, or
projectile assist), mission velocity, the desired flight trajectories (surface launch,
orbit transfer, altitude—performance profile), vulnerability, attitude control tor-
ques and duty cycle, minimum life (during storage or in orbit), or number of
units to be built and delivered. They include constraints on cost, schedule,
operating conditions (such as temperature limits), storage conditions, or safety
rules. Additional criteria, constraints, and the selection process are explained in
Chapter 17.

The mission requirements can be translated into rocket engine requirements in
terms of thrust—time profile, propellants, number of thrust chambers, total
impulse, number of restarts, minimum reliability, likely propellant, and engine
masses and their sizes or envelopes. We can do this only if we select several of
the key engine features, such as the feed system, chamber pressure, the method
of cooling the thrust chambers, thrust modulation (restart, throttle, thrust
vector control), engine cycle (if using turbopump feed), and other key design
features. We can arrive at one or more engine concepts and their preliminary or
conceptual designs. Tables 1-3 to 1-5 give typical data. Many different types of
rocket engines have been built and flown, ranging in thrust size from less than
0.01 Ibf to over 1.75 million pounds, with one-time operation or multiple starts
(some have over 150,000 restarts), with or without thrust modulation (called
throttling), single use or reusable, arranged as single engines or in clusters of
multiple units.

One way to categorize liquid propellant rocket engines is described in Table
6-1. There are two categories, namely those used for boosting a payload and
imparting a significant velocity increase to a payload, and auxiliary propulsion
for trajectory adjustments and attitude control. Liquid propellant rocket engine
systems can be classified in several other ways. They can be reusable (like the
Space Shuttle main engine or a booster rocket engine for quick ascent or
maneuvers of fighter aircraft) or suitable for a single flight only (as the engines
in the Atlas or Titan launch vehicles) and they can be restartable, like a reac-
tion control engine, or single firing, as in a space launch vehicle. They can also
be categorized by their propellants, application, or stage, such as an upper stage
or booster stage, their thrust level, and by the feed system type (pressurized or
turbopump).

The thrust chamber or thruster is the combustion device where the liquid
propellants are metered, injected, atomized, mixed, and burned to form hot
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FIGURE 6-1. Two views of the Space Shuttle Main Engine (SSME). Its flowsheet is in Figure 6-12 and some component data are in Chapter
10. (Courtesy of The Boeing Company, Rocketdyne Propulsion and Power.)
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TABLE 6-1. Characteristics of Two Categories of Liquid Propellant Rocket Engines

Purpose Boost Propulsion Auxiliary Propulsion
Mission Impart significant velocity to propel  Attitude control, minor space
a vehicle along its flight path maneuvers, trajectory
corrections, orbit maintenance
Applications Booster stage and upper stages of Spacecraft, satellites, top stage of

Total impulse
Number of thrust
chambers per
engine
Thrust level

Feed system

Propellants

Chamber pressure
Number of starts
during a single

launch vehicles, large missiles

High
Usually 1; sometimes 4, 3, or 2

High; 4500 N up to 7,900,000 N or
1000-1,770,000 Ibf

Mostly turbopump type; occasionally
pressurized feed system for smaller
thrusts

Cryogenic and storable liquids
(see next section)

2.4-21 MPa or 350-3600 psi

Usually no restart; sometimes one,
but up to four in some cases

anti-ballistic missile, space
rendezvous

Low

Between 4 and 24

Small; 0.001 up to 4500 N, a few
go up to 1000 Ibf

Pressurized feed system with high-
pressure gas supply

Storable liquids, monopropellants,
and/or stored cold gas

0.14-2.1 MPa or 20-300 psi

Several thousand starts are typical
for small thrusters; fewer for

mission larger thrust chambers, perhaps
up to 10 starts

Cumulative Up to several hours

Up to a few minutes
duration of
firing

Shortest firing Typically 5-40 sec 0.02 sec typical for small thrusters
duration

Time elapsed to
reach full thrust

Life in space

Up to several seconds Usually very fast, 0.004-0.080 sec

Hours, days, or months 10 years or more in space

gaseous reaction products, which in turn are accelerated and ejected at a high
velocity to impart a thrust force. A thrust chamber has three major parts: an
injector, a combustion chamber, and a nozzle. In a cooled thrust chamber, one of
the propellants (usually the fuel) is circulated through cooling jackets or a
special cooling passage to absorb the heat that is transferred from the hot
reaction gases to the thrust chamber walls (see Figs 8-2 and 8-3). A radia-
tion-cooled thrust chamber uses a special high-temperature material, such as
niobium metal, which can radiate away its excess heat. There are uncooled or
heat-absorbing thrust chambers, such as those using ablative materials. Thrust
chambers are discussed in Chapter 8.

There are two types of feed systems used for liquid propellant rocket
engines: those that use pumps for moving the propellants from their flight
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vehicle tanks to the thrust chamber, and those that use high-pressure gas for
expelling or displacing their propellants from their tanks. They are discussed
further in Chapter 10 and in Section 6.2 of this chapter.

Tables 17-1 to 17-4 compare the advantages and disadvantages of liquid
propellant rocket engines and solid propellant rocket motors.

6.1. PROPELLANTS

The propellants, which are the working substance of rocket engines, constitute
the fluid that undergoes chemical and thermodynamic changes. The term liguid
propellant embraces all the various liquids used and may be one of the
following:

1. Oxidizer (liquid oxygen, nitric acid, etc.)
2. Fuel (gasoline, alcohol, liquid hydrogen, etc.).

3. Chemical compound or mixture of oxidizer and fuel ingredients, capable
of self-decomposition.

4. Any of the above, but with a gelling agent.

All are described in Chapter 7.

A bipropellant rocket unit has two separate liquid propellants, an oxidizer
and a fuel. They are stored separately and are not mixed outside the combus-
tion chamber. The majority of liquid propellant rockets have been manufac-
tured for bipropellant applications.

A monopropellant contains an oxidizing agent and combustible matter in a
single substance. It may be a mixture of several compounds or it may be a
homogeneous material, such as hydrogen peroxide or hydrazine.
Monopropellants are stable at ordinary atmospheric conditions but decompose
and yield hot combustion gases when heated or catalyzed.

A cold gas propellant (e.g., nitrogen) is stored at very high pressure, gives a
low performance, allows a simple system and is usually very reliable. It has
been used for roll control and attitude control.

A cryogenic propellant is liquified gas at low temperature, such as liquid
oxygen (—183°C) or liquid hydrogen (—253°C). Provisions for venting the
storage tank and minimizing vaporization losses are necessary with this type.

Storable propellants (e.g., nitric acid or gasoline) are liquid at ambient tem-
perature and can be stored for long periods in sealed tanks. Space storable
propellants are liquid in the environment of space; this storability depends on
the specific tank design, thermal conditions, and tank pressure. An example is
ammonia.

A gelled propellant is a thixotropic liquid with a gelling additive. It behaves
like a jelly or thick paint. It will not spill or leak readily, can flow under
pressure, will burn, and is safer in some respects. It is described in a separate
section of Chapter 7.
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The propellant mixture ratio for a bipropellant is the ratio at which the
oxidizer and fuel are mixed and react to give hot gases. The mixture ratio r
is defined as the ratio of the oxidizer mass flow rate m, and the fuel mass flow
rate my or

r=m,/ty (6-1)

The mixture ratio defines the composition of the reaction products. It is usually
chosen to give a maximum value of specific impulse or T/, where T is the
combustion temperature and 9t is the average molecular mass of the reaction
gases (see Eq. 3-16 or Fig. 3-2). For a given thrust F and a given effective
exhaust velocity ¢, the total propellant flow is given by Eq. 2-6; namely,
m = w/gy = F/c. The relationships between r, m, m,, and m; are

1, + iy = (6-2)
m, = rif(r + 1) (6-3)
my =m/(r + 1) (64)

These same four equations are valid when w and w (weight) are substituted for
m and m. Calculated performance values for a number of different propellant
combinations are given for specific mixture ratios in Table 5-5. Physical prop-
erties and a discussion of several common liquid propellants and their safety
concerns are described in Chapter 7.

Example 6-1. A liquid oxygen-liquid hydrogen rocket thrust chamber of 10,000-1bf
thrust operates at a chamber pressure of 1000 psia, a mixture ratio of 3.40, has exhaust
products with a mean molecular mass of 8.9 Ibm/lb-mol, a combustion temperature of
4380°F, and a specific heat ratio of 1.26. Determine the nozzle area, exit area for
optimum operation at an altitude where p; = p, = 1.58 psia, the propellant weight
and volume flow rates, and the total propellant requirements for 2 min of operation.
Assume that the actual specific impulse is 97% of the theoretical value.

SOLUTION. The exhaust velocity for an optimum nozzle is determined from Eq. 3-16,
but with a correction factor of g, for the foot-pound system.

vy = Zgok R/Tl 1— [2 tk=1)/k
2 k—1 M |

_ \/2 x 32.2 x 1.26 1544 x 4840
B 0.26 8.9

(1 —0.00158°2%%) = 13,900 ft/ sec

The theoretical specific impulse is ¢/gg, or in this case v,/gy or 13,900/32.2 = 431 sec.
The actual specific impulse is 0.97 x 431 = 418 sec. The theoretical or ideal thrust
coefficient can be found from Eq. 3-30 or from Fig. 3-6 (p, = p3) to be Cr = 1.76.
The actual thrust coefficient is slightly less, say 98% or Cr = 1.72. The throat area
required is found from Eq. 3-31.
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A, = F/(Cepy) = 10,000/(1.72 x 1000) = 5.80 in.? (2.71 in. diameter)

The optimum area ratio can be found from Eq. 3-25 or Fig. 3-5 to be 42. The exit area
is 5.80 x 42 =244 in.? (17.6 in. diameter). The weight density of oxygen is 71.1 Ibf/ft®
and of hydrogen is 4.4 Ibf/ft>. The propellant weight flow rate is (Equation 2-5)

Ww=F/I, =10,000/418 = 24.0 1bf/ sec
The oxygen and fuel weight flow rates are, from Eqgs. 6-3 and 64,

W, = wr/(r + 1) = 24.0 x 3.40/4.40 = 18.55 1bf/ sec
wp =Ww/(r + 1) = 24/4.40 = 5.45 1bf/ sec

The volume flow rates are determined from the densities and the weight flow rates.

V, =w,/p, = 18.55/71.1 = 0.261 ft*/ sec
Vi =viy/p; = 5.45/4.4 = 1.24 ft’/ sec

For 120 sec of operations (arbitrarily allow the equivalent of two additional seconds for
start and stop transients and unavailable propellant), the weight and volume of required
propellant are

w, = 18.55 x 122 = 2260 Ibf of oxygen
wy = 5.45 x 122 = 665 Ibf of hydrogen

¥, =0.261 x 122 = 31.8 ft> of oxygen
Vy =124 x 122 = 151 ft’ of hydrogen

Note that, with the low-density fuel, the volume flow rate and therefore the tank volume
of hydrogen are large compared to that of the oxidizer.

6.2. PROPELLANT FEED SYSTEMS

The propellant feed system has two principal functions: to raise the pressure of
the propellants and to feed them to one or more thrust chambers. The energy
for these functions comes either from a high-pressure gas, centrifugal pumps,
or a combination of the two. The selection of a particular feed system and its
components is governed primarily by the application of the rocket, the require-
ments mentioned at the beginning of this chapter, duration, number or type of
thrust chambers, past experience, mission, and by general requirements of
simplicity of design, ease of manufacture, low cost, and minimum inert mass.
A classification of several of the more important types of feed system is shown
in Fig. 6-2 and some are discussed in more detail below. All feed systems have
piping, a series of valves, provisions for filling and removing (draining and
flushing) the liquid propellants, and control devices to initiate, stop, and reg-
ulate their flow and operation.
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In general, a pressure feed system gives a vehicle performance superior to a
turbopump system when the total impulse or the mass of propellant is rela-
tively low, the chamber pressure is low, the engine thrust-to-weight ratio is low
(usually less than 0.6), and when there are repeated short-duration thrust
pulses; the heavy-walled tanks for the propellant and the pressurizing gas
usually constitute the major inert mass of the engine system. In a turbopump
feed systems the propellant tank pressures are much lower (by a factor of 10 to
40) and thus the tank masses are much lower (again by a factor of 10 to 40).
Turbopump systems usually give a superior vehicle performance when the total
impulse is large (higher Au) and the chamber pressure is higher.

The pressurized feed system can be relatively simple, such as for a single-
operation, factory-preloaded, simple unit (with burst diaphragms instead of
some of the valves), or quite complex, as with multiple restartable thrusters or
reusable systems. Table 6-2 shows typical features that have been designed into
pressurized feed systems in order to satisfy particular design goals. Figures 1-3,
6-3, 64, and 6-13 show some of these features. If the propulsion system is to
be reusable or is part of a manned vehicle (where the reliability requirements
are very high and the vehicle’s crew can monitor and override automatic com-
mands), the feed system becomes more complex (with more safety features and
redundancies) and more expensive.

The pneumatic (pressurizing gas) and hydraulic (propellant) flows in a liquid
propellant engine can be simulated in a computer analysis that provides for a
flow and pressure balance in the oxidizer and the fuel flow paths through the
system. One approach is shown in Ref. 6-3. Some of these analyses can provide
information on transient conditions (filling up of passages) during start, flow
decays at cutoff, possible water hammer, or flow instabilities. The details of
such analyses are not described in this book, but the basic mathematical simu-
lation is relatively straightforward.

6.3. GAS PRESSURE FEED SYSTEMS

One of the simplest and most common means of pressurizing the propellants is
to force them out of their respective tanks by displacing them with high-pres-
sure gas. This gas is fed into the propellant tanks at a controlled pressure,
thereby giving a controlled propellant discharge. Because of their relative sim-
plicity, the rocket engines with pressurized feed systems can be very reliable.
Reference 6-3 includes a design guide for pressurized gas systems.

A simple pressurized feed system is shown schematically in Fig. 1-3. It
consists of a high-pressure gas tank, a gas starting valve, a pressure regulator,
propellant tanks, propellant valves, and feed lines. Additional components,
such as filling and draining provisions, check valves, filters, flexible elastic
bladders for separating the liquid from the pressurizing gas, and pressure
sensors or gauges, are also often incorporated. After all tanks are filled, the
high-pressure gas valve in Fig. 1-3 is remotely actuated and admits gas through
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TABLE 6-2. Typical Features of Liquid Propellant Feed Systems

Enhance Safety

Sniff devices to detect leak of hazardous vapor; used on Space Shuttle orbiter

Check valves to prevent backflow of propellant into the gas tank and inadvertent mixing of
propllants inside flow passages

Features that prevent an unsafe condition to occur or persist and shut down engine safely, such
as relief valves or relief burst diaphragms to prevent tank overpressurization), or a vibration
monitor to shut off operation in the case of combustion instability

Isolation valves to shut off a section of a system that has a leak or malfunction

Burst diaphragms or isolation valves to isolate the propellants in their tanks and positively
prevent leakage into the thrust chamber or into the other propellant tank during storage

Inert pressurizing gas

Provide Control

Valves to control pressurization and flow to the thrust chambers (start/stop/throttle)

Sensors to measure temperatures, pressures, valve positions, thrust, etc., and computers to
monitor/analyze system status, issue command signals, and correct if sensed condition is
outside predetermined limits

Manned vehicle can require system status display and command signal override

Fault detection, identification, and automatic remedy, such as shut-off isolation valves in
compartment in case of fire, leak, or disabled thruster

Control thrust (throttle valve) to fit a desired thrust-time profile

Enhance Reliability

Fewest practical number of components/subassemblies

Ability to provide emergency mode engine operation, such as return of Space Shuttle vehicle to
landing

Filters to catch dirt in propellant lines, which could prevent valve from closing or small injector
holes from being plugged up or bearings from galling.

Duplication of unreliable key components, such as redundant small thrusters, regulators, check
valves, or isolation valves

Heaters to prevent freezing of moisture or low-melting-point propellant

Long storage life—use propellants with little or no chemical deterioration and no reaction with
wall materials

Provide for Reusability

Provisions to drain remaining propellants or pressurants

Provision for cleaning, purging, flushing, and drying the feed system and refilling propellants
and pressurizing gas in field

Devices to check functioning of key components prior to next operation

Features to allow checking of engine calibration and leak testing after operation

Features for access of inspection devices for visual inspection at internal surfaces or components

Enable Effective Propellant Utilization

High tank expulsion efficiency with minimum residual, unavailable propellant

Lowest possible ambient temperature variation or matched propellant property variation with
temperature so as to minimize mixture ratio change and residual propellant

Alternatively, measure remaining propellant in tanks (using a special gauge) and automatically
adjust mixture ratio (throttling) to minimize residual propellant

Minimize pockets in the piping and valves that cannot be readily drained
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the pressure regulator at a constant pressure to the propellant tanks. The check
valves prevent mixing of the oxidizer with the fuel when the unit is not in an
upright position. The propellants are fed to the thrust chamber by opening
valves. When the propellants are completely consumed, the pressurizing gas
can also scavenge and clean lines and valves of much of the liquid propellant
residue. The variations in this system, such as the combination of several valves
into one or the elimination and addition of certain components, depend to a
large extent on the application. If a unit is to be used over and over, such as
space-maneuver rocket, it will include several additional features such as, pos-
sibly, a thrust-regulating device and a tank level gauge; they will not be found
in an expendable, single-shot unit, which may not even have a tank-drainage
provision. Different bipropellant pressurization concepts are evaluated in Refs.
6-3, 6-4, and 6-5. Table 6-2 lists various optional features. Many of these
features also apply to pump-fed systems, which are discussed in Section 6..6.
With monopropellants the gas pressure feed system becomes simpler, since
there is only one propellant and not two, reducing the number of pipes, valves,
and tanks.

A complex man-rated pressurized feed system, the combined Space Shuttle
Orbital Maneuver System (OMS) and the Reaction Control System (RCS), is
described in Figs 6-3 and 64, Ref. 6-6, and Table 6-3. There are three loca-
tions for the RCS, as shown in Fig. 1-13: a forward pod and a right and left aft
pod. Figures 6-3 and 64 refer to one of the aft pods only and show a com-
bined OMS and RCS arrangement. The OMS provides thrust for orbit inser-
tion, orbit circularization, orbit transfer, rendezvous, deorbit, and abort. The
RCS provides thrust for attitude control (in pitch, yaw, and roll) and for small-
vehicle velocity corrections or changes in almost any direction (translation
maneuvers), such as are needed for rendezvous and docking; it can operate
simultaneously with or separate from the OMS.

The systems feature various redundancies, an automatic RCS thruster selec-
tion system, various safety devices, automatic controls, sensors to allow a
display to the Shuttle’s crew of the system’s status and health, and manual
command overrides. The reliability requirements are severe. Several key com-
ponents, such as all the helium pressure regulators, propellant tanks, some
valves, and about half the thrusters are duplicated and redundant; if one
fails, another can still complete the mission. It is possible to feed up to 1000
Ibm of the liquid from the large OMS propellant tanks to the small RCS ones,
In case it is necessary to run one or more of the small reaction control thrusters
for a longer period and use more propellant than the smaller tanks allow; it is
also possible to feed propellant from the left aft system to the one on the
vehicle’s right side, and vice versa. These features allow for more than nominal
total impulse in a portion of the thrusters, in case it is needed for a particular
mission mode or an emergency mode.

The compartmented steel propellant tanks with antislosh and antivortex
baffies, sumps, and a surface tension propellant retention device allow propel-
lant to be delivered independent of the propellant load, the orientation, or the
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FIGURE 6-3. Simplified sketch at the left aft pod of the Space Shuttle’s Orbiting
Maneuvering System (OMS) and the Reaction Control System (RCS). (Source: NASA.)

acceleration environment (some of the time in zero-g). Gauges in each tank
allow a determination of the amount of propellant remaining, and they also
indicate a leak. Safety features include sniff lines at each propellant valve
actuator to sense leakage. Electrical heaters are provided at propellant valves,
certain lines, and injectors to prevent fuel freezing or moisture forming into ice.

A typical RCS feature that enhances safety and reliability is a self-shutoff
device is small thrusters that will cause a shutdown in case they should experi-
ence instability and burn through the walls. Electrical lead wires to the pro-
pellant valves are wrapped around the chamber and nozzle; a burnout will
quickly melt the wire and cut the power to the valve, which will return to
the spring-loaded closed position and shut off the propellant flow.

The majority of pressurized feed systems use a pressure regulator to main-
tain the propellant tank pressure and thus also the thrust at constant values.
The required mass of pressurizing gas can be significantly reduced by a blow-
down system with a “tail-off” pressure decay. The propellants are expelled by
the expansion of the gas already in the enlarged propellant tanks. The tank
pressure and the chamber pressure decrease or progressively decay during this
adiabatic expansion period. The alternatives of either regulating the inert gas
pressure or using a blowdown system are compared in Table 6-4; both types
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TABLE 6-3. Characteristics of the Orbital Maneuver System (OMS) and the
Reaction Control System (RCS) of the Space Shuttle in One of the Aft Side Podes

Item OMS Primary RCS Vernier RCS

Thrust (per nozzle) (1bf) 6000 870 25

Number of thrusters per pod 1 12 2

Thrust chamber cooling Regenerative Radiation cooling
and radiation

Chamber pressure, nominal (psi) 125 152 110

Specific impulse (vacuum nominal) (sec) 313 280° 265°

Nozzle area ratio 55 22-30° 20-50°

Mixture ratio (oxide/fuel mass flow) 1.65 1.6 1.6

Burn time, minimum (sec) 2 0.08 0.08

Burn time, maximum (sec) 160 150 125

Burn time, cumulative (sec) 54,000 12,800 125,000

Number of starts, cumulative (sec) 1000 20,000 330,000

Oxidizer (N,O,) weight in tank (Ib) 14,866 1464

Fuel (MMH) weight in tank (Ib) 9010 923

Number of oxidizer/fuel tanks 1/1 1/1

Propellant tank volume, each tank (ft®) 90 17.9

Ullage volume, nominal (full tank) (ft*) 7.8 1.2-1.5

Tank pressure, nominal (psi) 250 280

Helium storage tank pressure (psi) 4700 3600

Number of helium tanks 1 2

Volume of helium tanks (ft*) 17 1.76

“Depends on specific vehicle location and scarfing of nozzle.
Sources: NASA, Aerojet Propulsion Company and Kaiser Marquardt Company.

are currently being used. The selection depends on specific application require-
ments, cost, inert mass, reliability, and safety considerations (see Refs. 64 and
6-5).

Some pressure feed systems can be prefilled with propellant and pressurizing
agent at the factory and stored in readiness for operation. Compared to a solid
propellant rocket unit, these storable prepackaged liquid propellant pressur-
ized feed systems offer advantages in long-term storability and resistance to
transportation vibration or shock.

The thrust level of a rocket propulsion system with a pressurized gas feed
system is determined by the magnitude of the propellant flow which, in turn, is
determined by the gas pressure regulator setting. The propellant mixture ratio
in this type of feed system is controlled by the hydraulic resistance of the liquid
propellant lines, cooling jacket, and injector, and can usually be adjusted by
means of variable or interchangeable restrictors. Further discussion of the
adjusting of thrust and mixture ratio can be found in Section 10.6 and in
Example 10-3.
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TABLE 6-4. Comparison of Two Types of Gas Pressurization Systems

Type

Regulated Pressure

Blowdown

Pressure/thrust
Gas storage

Stays essentially constant
In separate high-pressure tanks

Decreases as propellant is consumed
Gas is stored inside propellant tank with
large ullage volume (30 to 60%)

Required Needs regulator, filter, gas valve, Larger, heavier propellant tanks
components and gas tank
Advantages Constant-pressure feed gives Simpler system
essentially constant propellant Less gas required
flow and approximately Can be less inert mass
constant thrust, constant /;
and r
Better control of mixture
ratio
Disadvantages Slightly more complex Thrust decreases with burn duration

Regulator introduces a small
pressure drop

Gas stored under high pressure

Shorter burning time

Somewhat higher residue propellant due
to less accurate mixture ratio control
Thruster must operate and be stable over

wide range of thrust values and modest

range of mixture ratio
Propellants stored under pressure; slightly
lower [; toward end of burning time

6.4. PROPELLANT TANKS

In liquid bipropellant rocket engine systems propellants are stored in one or
more oxidizer tanks and one or more fuel tanks; monopropellant rocket engine
systems have, of course, only one set of propellant tanks. There are also one or
more high-pressure gas tanks, the gas being used to pressurize the propellant
tanks. Tanks can be arranged in a variety of ways, and the tank design can be
used to exercise some control over the change in the location of the vehicle’s
center of gravity. Typical arrangements are shown in Fig. 6-5. Because the
propellant tank has to fly, its mass is at a premium and the tank material is
therefore highly stressed. Common tank materials are aluminum, stainless
steel, titanium, alloy steel, and fiber-reinforced plastics with an impervious
thin inner liner of metal to prevent leakage through the pores of the fiber-
reinforced walls.

The extra volume of gas above the propellant in sealed tanks is called u/lage.
It is necessary space that allows for thermal expansion of the propellant liquids,
for the accumulation of gases that were originally dissolved in the propellant,
or for gaseous products from slow reactions within the propellant during
storage. Depending on the storage temperature range, the propellants’ coeffi-
cient of thermal expansion, and the particular application, the ullage volume is
usually between 3 and 10% of the tank volume. Once propellant is loaded into
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FIGURE 6-5. Typical tank arrangements for large turbopump-fed liquid propellant
rocket engines.

a tank, the ullage volume (and, if it is sealed, also its pressure) will change as
the bulk temperature of the propellant varies.

The expulsion efficiency of a tank and/or propellant piping system is the
amount of propellant expelled or available divided by the total amount of
propellant initially present. Typical values are 97 to 99.7%. The losses are
unavailable propellants that are trapped in grooves or corners of pipes, fittings,
and valves, are wetting the walls, retained by surface tension, or caught in
instrument taps. This residual propellant is not available for combustion and
must be treated as inert mass, causing the vehicle mass ratio to decrease
slightly. In the design of tanks and piping systems, an effort is made to mini-
mize the residual propellant.

The optimum shape of a propellant tank (and also a gas pressurizing tank) is
spherical, because for a given volume it results in a tank with the least weight.
Small spherical tanks are often used with reaction control engine systems,
where they can be packaged with other vehicle equipment. Unfortunately,
the larger spheres, which are needed for the principal propulsion systems,
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are not very efficient for using the space in a vehicle. These larger tanks are
often made integral with the vehicle fuselage or wing. Most are cylindrical with
half ellipses at the ends, but they can be irregular in shape. A more detailed
discussion of tank pressurization is given in the next section.

Cryogenic propellants cool the tank wall temperature far below the ambient
air temperature. This causes condensation of moisture on the outside of the
tank and usually also formation of ice during the period prior to launch. The
ice is undesirable, because it increases the vehicle inert mass and can cause
valves to malfunction. Also, as pieces of ice are shaken off or break off during
the initial flight, these pieces can damage the vehicle; for example, the ice from
the Shuttle’s cryogenic tank can hit the orbiter vehicle.

For an extended storage period, cryogenic tanks are usually thermally insu-
lated; porous external insulation layers have to be sealed to prevent moisture
from being condensed inside the insulation layer. With liquid hydrogen it is
possible to liquify or solidify the ambient air on the outside of the fuel tank.
Even with heavy insulation and low-conductivity structural tank supports, it is
not possible to prevent the continuous evaporation of the cryogenic fluid. Even
with good thermal insulation, all cryogenic propellants evaporate slowly dur-
ing storage and therefore cannot be kept in a vehicle for more than perhaps a
week without refilling of the tanks. For vehicles that need to be stored or to
operate for longer periods, a storable propellant combination must be used.

Prior to loading very cold cryogenic propellant into a flight tank, it is
necessary to remove or evacuate the air to avoid forming solid air particles
or condensing any moisture as ice. These frozen particles would plug up injec-
tion holes, cause valves to freeze shut, or prevent valves from being fully closed.
Tanks, piping, and valves need to be chilled or cooled down before they can
contain cryogenic liquid without excessive bubbling. This is usually done by
letting the initial amount of cryogenic liquid absorb the heat from the relatively
warm hardware. This initial propellant is vaporized and vented through appro-
priate vent valves.

If the tank or any segment of piping containing low-temperature cryogenic
liquid is sealed for an extended period of time, heat from ambient-temperature
hardware will result in evaporation and this will greatly raise the pressure until
it exceeds the strength of the container (see Ref. 6~7). This self-pressurization
will cause a failure, usually a major leak or even an explosion. All cryogenic
tanks and piping systems are therefore vented during storage on the launch
pad, equipped with pressure safety devices (such as burst diaphragms or relief
valves), and the evaporated propellant is allowed to escape from its container.
For long-term storage of cryogenic propellants in space vacuum (or on the
ground) some form of a powered refrigeration system is needed to recondense
the vapors and minimize evaporation losses. The tanks are refilled or topped
off just before launch to replace the evaporated vented propellant. When the
tank is pressurized, just before launch, the boiling point is usually raised
slightly and the cryogenic liquid can usually absorb the heat transferred to it
during the several minutes of rocket firing.
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There are several categories of tanks in liquid propellant propulsion systems:

1. For pressurized feed systems the propellant tanks typically operate at an
average pressure between 1.3 and 9 MPa or about 200 to 1800 Ibf/in.2.
These tanks have thick walls and are heavy.

2. For high-pressure gas (used to expel the propellants) the tank pressures
are much higher, typically between 6.9 and 69 MPa or 1000 to 10,000 Ibf/
in.2. These tanks are usually spherical for minimum inert mass. Several
small spherical tanks can be connected together and then they are rela-
tively easy to place within the confined space of a vehicle.

3. For turbopump feed systems it is necessary to pressurize the propellant
tanks slightly (to suppress pump cavitation as explained in Section 10.1)
to average values of between 0.07 and 0.34 MPa or 10 to 50 lbf/inz. These
low pressures allow thin tank walls, and therefore turbopump feed sys-
tems have relatively low tank weights.

Liquid propellant tanks can be difficult to empty under side accelerations, zero-
g, or negative-g conditions during flight. Special devices and special types of
tanks are needed to operate under these conditions. Some of the effects that
have to be overcome are described below.

The oscillations and side accelerations of vehicles in flight can cause sloshing
of the liquid in the tank, very similar to a glass of water that is being jiggled. In
an antiaircraft missile, for example, the side accelerations can be large and can
initiate sloshing. Typical analysis of sloshing can be found in Refs. 6-8 and
6-9. When the tank is partly empty, sloshing can uncover the tank outlet and
allow gas bubbles to enter into the propellant discharge line. These bubbles can
cause major combustion problems in the thrust chambers; the aspirating of
bubbles or the uncovering of tank outlets by liquids therefore needs to be
avoided. Sloshing also causes shifts in the vehicle’s center of gravity and
makes flight control difficult.

Vortexing can also allow gas to enter the tank outlet pipe; this phenomenon
is similar to the Coriolis force effects in bath tubs being emptied and can be
augmented if the vehicle spins or rotates in fight. Typically, a series of internal
baffles is often used to reduce the magnitude of sloshing and vortexing in tanks
with modest side accelerations. A positive expulsion mechanism can prevent
gas from entering the propellant piping under multidirectional major accelera-
tions or spinning (centrifugal) acceleration. Both the vortexing and sloshing
can greatly increase the unavailable or residual propellant, and thus cause a
reduction in vehicle performance.

In the gravity-free environment of space, the stored liquid will float around
in a partly emptied tank and may not always cover the tank outlet, thus
allowing gas to enter the tank outlet or discharge pipe. Figure 6-6 shows
that gas bubbles have no orientation. Various devices have been developed
to solve this problem: namely, positive expulsion devices and surface tension
devices. The positive expulsion tank design include movable pistons, inflatable
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flexible bladders, or thin movable, flexible metal diaphragms. Surface tension
devices rely on surface tension forces to keep the outlet covered with liquid.

Several basic types of positive expulsion devices have been used successfully
in propellant tanks of pressurized feed systems. They are compared in Table
6-5 and shown in Fig. 6-7 for simple tanks. These devices mechanically separate
the pressurizing gas from the liquid propellant in the propellant tank.
Separation is needed for these reasons:

1. It prevents pressurizing gas from dissolving in the propellant. Dissolved
pressurizing gas dilutes the propellant, reduces its density as well as its
specific impulse, and makes the pressurization inefficient.

2. Tt allows hot and reactive gases (generated by gas generators) to be used
for pressurization, and this permits a reduction in pressurizing system
mass and volume. The mechanical separation prevents a chemical reac-
tion between the hot gas and the propellant, prevents gas from being
dissolved in the propellant, and reduces the heat transfer to the liquid.

3. In some cases tanks containing toxic propellant must be vented without
spilling any toxic liquid propellant or its vapor. For example, in servicing
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TABLE 6-5. Comparison of Propellant Expulsion Methods for Spacecraft Hydrazine Tanks

Positive Expulsion Devices

Single Inflatable Dual Foldable
Elastomeric Elastomeric Metallic Surface
Diaphragm Bladder Diaphragm Piston or Rolling Tension
Selection Criteria (Hemispherical) (Spherical) (Hemispherical) Bellows Diaphragm Screens
Application history Extensive Extensive Limited Extensive in high Limited Extensive
acceleration
vehicles
Weight (normalized) 1.0 1.1 1.25 1.2 1.0 0.9
Expulsion efficiency Excellent Good Good Excellent Very good Good or fair
Maximum side Low Low Medium High Medium Lowest
acceleration
Control of center of Poor Limited Good Excellent Good Poor
gravity
Long service life Excellent Excellent Excellent Very good Unproven Excellent
Preflight check Leak test Leak test Leak test Leak test Leak test None
Disadvantages Chemical Chemical High-pressure drop;  Potential seal failure; Weld inspection is Limited to low
deterioration deterioration; fits fits only certain critical tolerances difficult; adhesive accelerations

only into a few
tank geometries

tank geometries;
high weight

on piston seal;
heavy

(for bonding to
wall) can
deteriorate)
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e Single diaphragm,
Pressurizing gas glued to wall, peeled
off by pressure
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double tank position
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FIGURE 6-7. Three concepts of propellant tanks with positive expulsion: (a) inflatable
dual bladder; (b) rolling, peeling diaphragm; (c) sliding piston. As the propellant volume
expands or contracts with changes in ambient temperature, the piston or diaphragm will
also move slightly and the ullage volume will change during storage.

a reusable rocket, the tank pressure needs to be relieved without venting
or spilling potentially hazardous material.

A piston expulsion device permits the center of gravity {CG) to be accurately
controlled and its location to be known. This is important in rockets with high
side accelerations such as antiaircraft missiles or space defense missiles, where
the thrust vector needs to go through the CG; if the CG is not well known,
unpredictable turning moments may be imposed on the vehicle. A piston also
prevents sloshing or vortexing.

Surface tension devices use capillary attraction for supplying liquid propel-
lant to the tank outlet pipe. These devices (see Fig. 6-6) are often made of very
fine (300 mesh) stainless steel wire woven into a screen and formed into tunnels
or other shapes (see Refs. 6-10 and 6-11). These screens are located near the
tank outlet and, in some tanks, the tubular galleries are designed to connect
various parts of the tank volume to the outlet pipe sump. These devices work
best in a relatively low-acceleration environment, when surface tension forces
can overcome the inertia forces.
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The combination of surface tension screens, baffles, sumps, and traps is
called a propellant management device. Although not shown in any detail,
they are included inside the propellant tanks of Figs. 6-6 and 6-13.

High forces can be imposed on the tanks and thus on the vehicle by strong
sloshing motions of the liquid and also by sudden changes in position of liquid
mass in a partly empty tank during a gravity-free flight when suddenly accel-
erated by a relatively large thrust. These forces can be large and can cause tank
failure. The forces will depend on the tank geometry, baffles, ullage volume,
and its initial location and the acceleration magnitude and direction.

6.5. TANK PRESSURIZATION

Subsystems for pressurizing tanks are needed for both of the two types of feed
systems, namely pressure feed systems and pump feed systems. The tank pres-
sures for the first type are usually between 200 and 1800 psi and for the second
between 10 and 50 psig. Refs. 6-1, 6-3 to 6-5 give further descriptions. Inert
gases such as helium or nitrogen are the most common method of pressuriza-
tion. In pump feed systems a small positive pressure in the tank is needed to
suppress pump cavitation. For cryogenic propellants this has been accom-
plished by heating and vaporizing a small portion of the propellant taken
from the high-pressure discharge of the pump and feeding it into the propellant
tank, as shown in Fig. 1-4. This is a type of low-pressure gas feed system.

The pressurizing gas must not condense, or be soluble in the liquid propel-
lant, for this can greatly increase the mass of required pressurant and the inert
mass of its pressurization system hardware. For example, nitrogen pressurizing
gas will dissolve in nitrogen tetroxide or in liquid oxygen and reduce the con-
centration and density of the oxidizer. In general, about 2% times as much
nitrogen mass is needed for pressurizing liquid oxygen if compared to the
nitrogen needed for displacing an equivalent volume of water at the same
pressure. Oxygen and nitrogen tetroxide are therefore usually pressurized
with helium gas, which dissolves only slightly. The pressurizing gas must not
react chemically with the liquid propellant. Also, the gas must be dry, since
moisture can react with some propellants or dilute them.

The pressurizing gas above a cryogenic liquid is usually warmer than the
liquid. The heat transfer to the liquid cools the gas and that increases the
density; therefore a larger mass of gas is needed for pressurization even if
none of the gas dissolves in the liquid propellant. If there is major sloshing
and splashing in the tank during flight, the gas temperature can drop quickly,
causing irregularities in the tank pressure.

Chemical pressurization permits the injection of a small amount of fuel or
other suitable spontaneously ignitable chemical into the oxidizer tank (or vice
versa) which creates the pressurizing gas by combustion inside the propellant
tank. While ideally this type of pressurization system is very small and light, in
practice it has not usually given reproducible tank pressures, because of irre-
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gular combustion the sloshing of propellant in the tank during vehicle man-
cuvers has caused sudden cooling of the hot pressurizing gas and thus some
erratic tank pressure changes. This problem can be avoided by physically
separating the hot reactive gas from the liquid propellant by a piston or a
flexible bladder. If hot gas from a solid propellant gas generator of from the
decomposition of a monopropeliant is used (instead of a high-pressure gas
supply), a substantial reduction in the gas and inert mass of the pressurizing
system can be achieved. For example, the pressurizing of hydrazine monopro-
pellant by warm gas (from the catalytic decomposition of hydrazine) has been
successful for moderate durations.

The prepackaged compact experimental liquid propellant rocket engine
shown in Fig. 6-8 is unique. It uses a gelling agent to improve propellant safety
and density (see Section 7.5 and Ref. 7-11), a solid propellant for pressuriza-
tion of propellant tanks, two concentric annular pistons (positive expulsion),
and a throttling and multiple restart capability. It allows missiles to lock on to
targets before or after launch, slow down and search for targets, loiter, man-
euver, or speed up to a high terminal velocity. This particular experimental
engine, developed by TRW, has been launched from a regular Army mobile
launcher.

Graphite fiber
overwrapped
propellant tank

Electronic :
controls ——

Thrust chamber with
ablative liner and face

Gas s
shutoff valve in injector
|

generator

Pistons Hydraulic

R /pilotvalve
Cable/waveguide ' \'&
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Fuel tank //

/
Oxidizer tank
Fill valves

FIGURE 6-8. Simplified diagram of a compact pre-loaded, pressure-fed, bipropellant
experimental rocket engine aimed at propelling smart maneuvering ground-to-ground
missiles. It uses gelled red fuming nitric acid and gelled monomethylhydrazine as pro-
pellants. A solid propellant gas generator provides the gas for tank pressurization and
the hot gases are isolated from the propellants by pistons. The concentric spray injector
allows restart, throttling, and flow shut-off at the injector face. The rocket engine is 6 in.
diameter and 23.5 in. long. (Courtesy of Space and Electronics Group, TRW, Inc.)
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Estimating the Mass of the Pressurizing Gas

The major function of the pressurizing gas is to expel the propellants from their
tanks. In some propulsion system installations, a small amount of the pressur-
ized gas also performs other functions such as the operation of valves and
controls. The first part of the gas leaving the high-pressure-gas storage tank
is at ambient temperature. If the high-pressure gas expands rapidly, then the
gas remaining in the tank undergoes essentially an isentropic expansion, caus-
ing the temperature of the gas to decrease steadily; the last portions of the
pressurizing gas leaving the tank are very much colder than the ambient tem-
perature and readily absorb heat from the piping and the tank walls. The
Joule-Thomson effect causes a further small temperature change.

A simplified analysis of the pressurization of a propellant tank can be made
on the basis of the conservation of energy principle by assuming an adiabatic
process (no heat transfer to or from the walls), an ideal gas, and a negligibly
small initial mass of gas in the piping and the propellant tank. Let the initial
condition in the gas tank be given by subscript 0 and the instantaneous con-
ditions in the gas tank by subscript g and in the propellant tank by subscript p.
The gas energy after and before propellant expulsion is

My, Ty + mpe, T, + p,V, = moc, Ty (6--5)

The work done by the gas in displacing the propellants is given by p,V/,. Using
Egs. 3-3 to 3-5, the initial storage gas mass my may be found.

CyDg Vo/R+ CoDp Vp/R +pp Vp =myc, Ty

66
my = (P Vo + pp,Vpk)/(RTy) ¢-6)

This may be expressed as

V V k
mo :pgmo +pp pk :pp P ( ) (6—7)
po  RT, RTy \1 = pg/po

The first term in this equation expresses the mass of gas required to empty a
completely filled propellant tank if the gas temperature is maintained at the
initial storage temperature 7. The second term expresses the availability of the
storage gas as a function of the pressure ratio through which the gas expands.

Heating of the pressurizing gas reduces the storage gas and tank mass
requirements and can be accomplished by putting a heat exchanger into the
gas line. Heat from the rocket thrust chamber, the exhaust gases, or from other
devices can be used as the energy source. The reduction of storage gas mass
depends largely on the type and design of the heat exchanger and the duration.

If the expansion of the high-pressure gas proceeds slowly {e.g., with an
attitude control propulsion system with many short pulses over a long period
of time), then the gas expansion comes close to an isothermal process; heat is



6.6. TURBOPUMP FEED SYSTEMS AND ENGINE CYCLES 221

absorbed from the vehicle and the gas temperature does not decrease appreci-
ably. Here Ty = T, = T,. The actual process is between an adiabatic and an
isothermal process and may vary from flight to flight.

The heating and cooling effects of the tank and pipe walls, the liquid pro-
pellants, and the values on the pressurizing gas require an iterative analysis.
The effects of heat transfer from sources in the vehicle, changes in the mission
profile, vaporization of the propellant in the tanks, and heat losses from the
tank to the atmosphere or space have to be included and the analyses can
become quite complex. The design of storage tanks therefore allows a reason-
able excess of pressurizing gas to account for these effects, for ambient tem-
perature variations, and for the absorption of gas by the propellant. Equation
67 is therefore valid only under ideal conditions.

Example 6-2. What air tank volume is required to pressurize the propellant tanks of a
9000-N thrust rocket thrust chamber using 90% hydrogen peroxide as a monopropel-
lant at a chamber pressure of 2.00 MPa for 30 sec in conjunction with a solid catalyst?
The air tank pressure is 14 MPa and the propellant tank pressure is 3.0 MPa. Allow for
1.20% residual propellant.

SOLUTION. The exhaust velocity is 1300 m/sec and the required propellant flow can
be found from Eq. 3-42 (¢; = 1.06):

= ¢yF/c = 1.06 x 9000/1300 — 7.34 kg/sec

The total propellant required is m = 7.34 kgfsec x 30 sec x1.012=222.6 kg. The
density of 90% hydrogen peroxide is 1388 kg/m3. The propellant volume
is 222.6/1388 = 0.160 m>. With 5% allowed for ullage and excess propellants, Eq. 6-7
gives the required weight of air (R = 289 J/kg-K; Ty = 298 K; k = 1.40) for displacing
the liquid.

AL k _3.0x10°x0.16 x 1.05 x 1.4
CRTy[1—(p/po)] 289 x 298 x [1 — (3/14)]
= 10.4 kg of compressed air

my

With an additional 5% allowed for excess gas, the high-pressure tank volume will be

Vo =myRTo/po = 1.05 x 10.4 x 289 x 298/(14 x 10%)
=0.067 m>.

6.6. TURBOPUMP FEED SYSTEMS AND ENGINE CYCLES

The principal components of a rocket engine with one type of turbopump
system are shown in the simplified diagram of Fig. 1-4. Here the propellants
are pressurized by means of pumps, which in turn are driven by furbines. These
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turbines derive their power from the expansion of hot gases. Engines with
turbopumps are preferred for booster and sustainer stages of space launch
vehicles, long-range missiles, and in the past also for aircraft performance
augmentation. They are usually lighter than other types for these high thrust,
long duration applications. The inert hardware mass of the rocket engine
(without tanks) is essentially independent of duration. Examples can be seen
In Figs. 6-1 and 6-9 and also in Refs. 6-1, 6-2, and 6-6. For aircraft perfor-
mance augmentation the rocket pump can be driven directly by the jet engine,
asin Ref. 6-12. From the turbopump feed system options depicted in Fig. 6-2,
the designer can select the most suitable concept for a particular application.

An engine cycle for turbopump-fed engines describes the specific propellant
flow paths through the major engine components, the method of providing the
hot gas to one or more turbines, and the method of handling the turbine
exhaust gases. There are open cycles and closed cycles. Open denotes that the
working fluid exhausting from the turbine is discharged overboard, after hav-
ing been expanded in a nozzle of its own, or discharged into the nozzle of the
thrust chamber at a point in the expanding section far downstream of the nozle
throat. In closed cycles or topping cycles all the working fluid from the turbine
is injected into the engine combustion chamber to make the most efficient use
of its remaining energy. In closed cycles the turbine exhaust gas is expanded
through the full pressure ratio of the main thrust chamber nozzle, thus giving a
little more performance than the open cycles, where these exhaust gases expand
only through a relatively small pressure ratio. The overall engine performance
difference is typically between 1 and 8% of specific impulse and this is reflected
in even larger differences in vehicle performance.

Figure 6-9 shows the three most common cycles in schematic form.
Reference 613 shows variations of these cycles and also other cycles. The
gas generator cycle and the staged combustion cycle can use most of the
common liquid propellants. The expander cycle works best with vaporized
cryogenic hydrogen as the coolant for the thrust chamber, because it is an
excellent heat absorber and does not decompose. The schematic diagrams of
Fig. 6-9 show each cycle with a separate turbopump for fuel and for oxidier.
However, an arrangement with the fuel and oxdizer pump driven by the same
turbine is also feasible and sometimes reduces the hardware mass, volume, and
cost. The “best” cycle has to be selected on the basis of the mission, the
suitability of existing engines, and the criteria established for the particular
vehicle. There is an optimum chamber pressure and an optimum mixture
ratio for each application, engine cycle, or optimization criterion, such as
maximum range, lowest cost, or highest payload.

In the gas generator cycle the turbine inlet gas comes from a separate gas
generator. Its propellants can be supplied from separate propellant tanks or
can be bled off the main propellant feed system. This cycle is relatively simple;
the pressures in the liquid pipes and pumps are relatively low (which reduces
inert engine mass). It has less engine-specific impulse than an expander cycle or
a staged combustion cycle. The pressure ratio across the turbine is relatively
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FIGURE 6-9. Simplified diagrams of three engine cycles for liquid propellant rocket
engines. The spirals are a symbol for an axisymmetric cooling jacket where heat is
absorbed.

high, but the turbine or gas generator flow is small (1 to 4% of total propellant
flow) if compared to closed cycles. Some early engines used a separate mono-
propellant for creating the generator gas. The German V-2 missile engine used
hydrogen peroxide, which was decomposed by a catalyst. Typically, the turbine
exhaust gas is discharged overboard through one or two separate small low-
area-ratio nozzles (at relatively low specific impulse), as shown schematically in
Fig. 14 and in the Vulcain engine or RS-68 engine listed in Table 10-3.
Alternatively, this turbine exhaust can be aspirated into the main flow through
openings in the diverging nozzle section, as shown schematically in Fig. 6-9.
This gas then protects the walls near the nozzle exit from high temperatures.
Both methods can provide a small amount of additional thrust. The gas gen-
erator mixture ratio is usually fuel rich (in some engine it is oxidizer rich) so
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that the gas temperatures are low enough (typically 900 to 1350 K) to allow the
use of uncooled turbine blades and uncooled nozzle exit segments. The RS-68
rocket engine, shown in Fig. 6-10, has a simple gas generator cycle. This engine
is the largest liquid hydrogen/liquid oxygen rocket engine built to date. As can
be seen from the data in the figure, with a gas generator cycle the specific
impulse of the thrust chamber by itself is always a little higher than that of
the engine and the thrust of the thrust chamber is always slightly lower than
that of the engine.

In the expander cycle most of the engine coolant (usually hydrogen fuel) is
fed to low-pressure-ratio turbines after having passed through the cooling
jacket where it picked up energy. Part of the coolant, perhaps 5 to 15%,
bypasses the turbine (not shown in Fig. 6-9) and rejoins the turbine exhaust
flow before the entire coolant flow is injected into the engine combustion
chamber where it mixes and burns with the oxidizer (see Refs. 6-2 and
6-14). The primary advantages of the expander cycle are good specific impulse,
engine simplicity, and relatively low engine mass. In the expander cycle all the
propellants are fully burned in the engine combustion chamber and expanded
efficiently in the engine exhaust nozzle.

This cycle is used in the RL10 hydrogen/oxygen rocket engine, and dif-
ferent versions of this engine have flown successfully in the upper stages of
several space launch vehicles. Data on the RL10-A3-3A are given in Table
10-3. A recent modification of this engine, the RL10B-2 with an extendible
nozzle skirt, can be seen in Fig. 8-19 and data on this engine are contained in
Table 8-1. It delivers the highest specific impulse of any chemical rocket
engine to date. The RL10B-2 flow diagram in Fig. 6-11 shows its expander
cycle. Heat absorbed by the thrust chamber cooling jacket gasifies and raises
the gas temperature of the hydrogen so that it can be used to drive the
turbine, which in turn drives a single-stage liquid oxygen pump (through a
gear case) and a two-stage liquid hydrogen pump. The cooling down of the
hardware to cryogenic temperatures is accomplished by flowing (prior to
engine start) cold propellant through cooldown valves. The pipes for dischar-
ging the cooling propellants overboard are not shown here, but can be seen
in Fig. 8-19. Thrust is regulated by controlling the flow of hydrogen gas to
the turbine, using a bypass to maintain constant chamber pressure. Helium is
used as a means of power boost by actuating several of the larger valves
through solenoid-operated pilot valves.

In the staged combustion cycle, the coolant flow path through the cooling
jacket is the same as that of the expander cycle. Here a high-pressure pre-
combustor (gas generator) burns all the fuel with part of the oxidizer to
provide high-energy gas to the turbines. The total turbine exhaust gas flow
is injected into the main combustion chamber where it burns with the remain-
ing oxidizer. This cycle lends itself to high-chamber-pressure operation, which
allows a small thrust chamber size. The extra pressure drop in the precom-
bustor and turbines causes the pump discharge pressures of both the fuel and
the oxidizer to be higher than with open cycles, requiring heavier and more
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FIGURE 6-10. Simplified view of the RS—68 rocket engine with a gas generator cycle.
For engine data see Table 10-3. (Courtesy of The Boeing Company, Rocketdyne
Propulsion and Power.)
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FIGURE 6-11. Schematic flow diagram of the RL10B-2 upper stage rocket engine. For
data see Table 8-1. (Courtesy of Pratt & Whitney, a division of United Technologies.)

complex pumps, turbines, and piping. The turbine flow is relatively high and
the turbine pressure drop is low, when compared to an open cycle. The
staged combustion cycle gives the highest specific impulse, but it is more
complex and heavy. In contrast, an open cycle can allow a relatively simple
engine, lower pressures, and can have a lower production cost. A variation of
the staged combustion cycle is used in the Space Shuttle main engine, as
shown in Figs. 6-1 and 6-12. This engine actually uses two separate precom-
bustion chambers, each mounted directly on a separate main turbopump. In
addition, there are two more turbopumps for providing a boost pressure to
the main pumps, but their turbines are not driven by combustion gases;
instead, high-pressure liquid oxygen drives one booster pump and evaporated
hydrogen drives the other. The injector of this reusable liquid propellant
high-pressure engine is shown in Fig. 9-6 and performance data are given
in Tables 10-1 and 10-3. While the space shuttle main engine (burning
hydrogen with oxygen) has fuel-rich preburners, oxidizer-rich preburners
are used in the RD120 engine (kerosene/oxygen) and other Russian rocket
engines. See Table 10-5. Another example of a staged combustion cycle is the
Russian engine RD253; all of the nitrogen tetroxide oxidizer and some of the
unsymmetrical dimethyl hydrazine fuel are burned in the precombustor, and
the remaining fuel is injected directly into the main combustion chamber, as
shown in Table 10-5.
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FIGURE 6-12. Flow diagram for the staged combustion cycle of the Space Shuttle
Main Engine (SSME) using liquid oxygen and a liquid hydrogen fuel. (Courtesy of
The Boeing Company, Rocketdyne Propulsion and Power.)

6.7. FLOW AND PRESSURE BALANCE

From an inspection of the schematic flow diagram of an engine with a gas
generator in Fig. 1-4, the following basic feed system relationships are readily
deduced. The flow through both pumps 7, and i, must equal the respective
propellant flow through the gas generator m,, and one or more thrust cham-
bers m,. With some cycles 7., is zero. See equation on Section 10-2.

1y = (M,)gq + (M15), (6-8)
my = (y)ge + (1),
m, = (m,), + (my), 69

Mgy = (m0)gg + (711 gq (6-10)
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In the turbopump the torques, powers, and shaft speeds must match. The
balance of shaft speeds N can be simply written as

N,=a,N, =asN; (6-11)

where a, and a; are gear ratios. If no gears are used, a, = ar = 1. The power
balance implies that the power of turbine P; equals the power consumed by
pumps and auxiliaries. The power is expressed as the product of torque L and
shaft speed N:

Pr=LyNr=L,N,+ LNy +P, (6-12)

where P, represents the bearing, seal, friction, and transmission power losses.
If there are no gears in a particular turbopump, then

Ny =N, =N, (6-13)
Lr=L,+L +L (6-14)

The pressure balance equations for the fuel line at a point downstream of
the fuel pump can be written as

(pf)d = (pf)s + (Ap)pump
= (AP)main fuel system T D1 (6-15)

= (A)generator fuel system T Pgg

Here the fuel pump discharge pressure (ps), equals the fuel pump suction
pressure (py), plus the pressure rise across the pump (Ap),mp; this in turn
equals the chamber pressures p; plus all the pressure drops in the main fuel
system downstream of the pump, and this is further equal to the chamber
pressure in the gas generator combustion chamber p,, augmented by all the
pressure losses in the fuel piping between the generator and the downstream
side of the fuel pump. The pressure drop in the main fuel system usually
includes the losses in the cooling jacket and the pressure decrease in the injec-
tor. Equations 6-8 to 6—15 relate to a steady-state condition. A similar pressure
balance is needed for the oxidizer flow. The transients and the dynamic change
conditions are rather complex but have been analyzed using iterative proce-
dures and digital computers.

6.8. ROCKET ENGINES FOR MANEUVERING, ORBIT ADJUSTMENTS,
OR ATTITUDE CONTROL

These engines have usually a set of small thrusters, that are installed at various
places in a vehicle, and a common pressurized feed system, similar to Figures
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1-3, 4-13, or 6-13. They are called reaction control systems or auxiliary rockets
as contrasted to higher-thrust primary or boost propulsion systems in Table 6-1.
Most use storable liquid propellants, require a highly accurate repeatability of
pulsing, a long life in space, and/or a long-term storage with loaded propellants
in flight tanks. Figure 4-13 shows that it requires 12 thrusters for the applica-
tion of pure torques about three vehicle axes. If a three-degree-of-rotation
freedom is not a requrement, or if torques can be combined with some transla-
tion maneuvers, fewer thrusters will be needed. These auxiliary rocket engines
are commonly used in spacecraft or missiles for the accurate control of flight
trajectories, orbit adjustments, or attitude control of the vehicle. References 6-1
and 6-2 give information on several of these. Figure 6-13 shows a simplified
flow diagram for a post-boost control rocket engine, with one larger rocket
thrust chamber for changing the velocity vector and eight small thrusters for
attitude control.

Section 4.6 describes various space trajectory correction maneuvers and
satellite station-keeping maneuvers that are typically performed by these
small auxiliary liquid propellant rocket engines with multiple thrusters.
Attitude control can be provided both while a primary propulsion system (of
a vehicle or of a stage) is operating and while its auxiliary rocket system
operates by itself. For instance, this is done to point satellite’s telescope into
a specific orientation or to rotate a spacecraft’s main thrust chamber into the
desired direction for a vehicle turning maneuver.

A good method for achieving accurate velocity corrections or precise angu-
lar positions is to use pure modulation, that is, to fire some of the thrusters in a
pulsing mode (for example, fire repeatedly for 0.020 sec, each time followed by a
pause of perhaps 0.020 to 0.100 sec). The guidance system determines the
maneuver to be undertaken and the vehicle control system sends command
signals to specific thrusters for the number of pulses needed to accomplish this
maneuver. Small liquid propellant engine systems are uniquely capable of these
pulsing operations. Some thrusters have been tested for more than 300,000
pulses. For very short pulse durations the specific impulse is degraded by 5
to 25%, because the performance during the thrust build-up and thrust decay
period (at lower chamber pressure) is inferior to operating only at the rated
chamber pressure and the transient time becomes a major portion of the total
pulse time. -

Ballistic missile defense vehicles usually have highly maneuverable upper
stages. These require substantial side forces (200 to 6000 N) during the final
closing maneuvers just prior to reaching the target. In concept the system is
similar to that of Fig. 6-13, except that the larger thrust chamber would be at
right-angles to the vehicle axis. A similar system for terminal maneuvers, but
using solid propellants, is shown in Fig. 11-28.

The Space Shuttle performs its reaction control with 38 different thrusters,
as shown schematically in Figs. 1-13 and 6-4; this includes several duplicate
(spare or redundant) thrusters. Selected thrusters are used for different man-
euvers, such as space orbit corrections, station keeping, or positioning the
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Space Shuttle for reentry or visual observations. These small restartable rocket
engines are also used for space rendezvous or docking maneuvers, where one
spacecraft slowly approaches another and locks itself to the other, without
causing excessive impact forces during this docking manuever. This docking
operation requires rotational and translational maneuvers from a series of
rocket engines.

Broadly, the application of pure torque to spacecraft can be divided into
two classes, mass expulsion types (rockets) and nonmass expulsion types.
Nonmass expulsion types include momentum storage, gravity gradient, solar
radiation, and magnetic systems. Some space satellites are equipped with both
the mass and nonmass expulsion types. Reaction wheels or flywheels, a momen-
tum storage device, are particularly well suited to obtaining vehicle angular
position control with high accuracies of less than 0.01° deviation and low
vehicle angular rates of less than 107> degrees/sec with relatively little expen-
diture of energy. The vehicle angular momentum is changed by accelerating (or
decelerating) the wheel. Of course, when the wheel speed reaches the maximum
(or minimum) permissible, no further electrical motor torquing is possible; the
wheel must be decelerated (or accelerated) to have its momentum removed (or
augmented), a function usually accomplished through the simultaneous use of
small attitude control rockets, which apply a torque to the vehicle in the
opposite direction.

The propellants for auxiliary rockets fall into three categories: cold gas jets
(also called inert gas jets), warm or heated gas jets, and chemical combustion
rockets, such as bipropellant liquid propellant rockets. The specific impulse is
typically 50 to 120 sec for cold gas systems and 105 to 250 sec for warm gas
systems. Warm gas systems can use inert gas with an electric heater or a
monopropellant which is catalytically and/or thermally decomposed.
Bipropellant attitude control thrust chambers allow an I; of 220 to 325 sec
and have varied from 5 to 4000 N thrust; the highest thrusts apply to large
spacecraft. All basically use pressurized feed systems with multiple thrusters
or thrust chambers equipped with fast-acting, positive-closing precision
valves. Many systems use small, uncooled, metal-constructed supersonic
exhaust nozzles strategically located on the periphery of the spacecraft. Gas
Jets are used typically for low thrust (up to 10 N) and low total impulse (up
to 4000 N-sec). They have been used on smaller satellites and often only for
roll control.

Small liquid monopropellant and liquid bipropellant rocket units are
common in auxiliary rocket systems for thrust levels typically above 2 N
and total impulse values above 3000 N-sec. Hydrazine is the most common
monopropellant used in auxiliary control rockets; nitrogen tetroxide and
monomethylhydrazine is a common bipropellant combination. The next
chapter contains data on all three categories of these propellants, and
Chapter 10 shows diagrams of small auxiliary rocket engines and their
thrusters.
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Combination systems are also in use. Here a bipropellant with a relatively
high value of I, such as N,O, and N,H,, is used in the larger thrusters,
which consume most of the propellant; then several simple monopropellant
thrusters (with a lower I;), used for attitude control pulsing, usually consume
a relatively small fraction of the total fuel. Another combination system is to
employ bipropellant or monopropellant thrusters for adding a velocity incre-
ment to a flight vehicle or to bleed or pulse some of the pressurizing gas, such
as helium, through small nozzles controlled by electromagnetic valves to
provide roll control. The specific mission requirements need to be analyzed
to determine which type or combination is most advantageous for a parti-
cular application.

Special thruster designs exist which can be used in a bipropellant mode at
higher thrust and also in a monopropellant mode for lower thrust. This can
offer an advantage in some spacecraft applications. An example is the TRW
secondary combustion augmented thruster (SCAT), which uses hydrazine
and nitrogen tetroxide, is restartable, vaporizes the propellants prior to
injection and therefore has very efficient combustion (over 99%), can oper-
ate over a wide range of mixture ratios, and can be throttled from 5 to 15
Ibf thrust.

6.9. VALVES AND PIPE LINES

Valves control the flows of liquids and gases and pipes conduct these fluids to
the intended components. There are no rocket engines without them. There are
many different types of valves. All have to be reliable, lightweight, leakproof,
and must withstand intensive vibrations and very loud noises. Table 6-6 gives
several key classification categories for rocket engine valves. Any one engine
will use only some of the valves listed here.

The art of designing and making valves is based, to a large extent, on
experience. A single chapter cannot do justice to it by describing valve design
and operation. References 6-1 and 6-2 decribe the design of specific valves,
lines, and joints. Often the design details, such as clearance, seat materials, or
opening time delay present development difficulties. With many of these valves,
any leakage or valve failure can cause a failure of the rocket unit itself. All
valves are tested for two qualities prior to installation; they are tested for
leaks—through the seat and also through the glands—and for functional
soundness or performance.

The propellant valves in high thrust units handle relatively large flows at
high service pressures. Therefore, the forces necessary to actuate the valves
are large. Hydraulic or pneumatic pressure, controlled by pilot valves,
operates the larger valves; these pilot valves are in turn actuated by a
solenoid or a mechanical linkage. Essentially this is a means of power
boost.
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TABLE 6-6. Classification of Valves Used in Liquid Propellant Rocket Engines

1. Fluid: fuel; oxidizer; cold pressurized gas; hot turbine gas.

2. Application or Use: main propellant control; thrust chamber valve (dual or single);
bleed; drain; fill; by-pass; preliminary stage flow; pilot valve; safety valve; overboard
dump; regulator; gas generator control; sequence control; isolation of propellant or
high-pressure gas prior to start.

3. Mode of Actuation: automatically operated (by solenoid, pilot valve, trip
mechanism, pyrotechnic, etc.); manually operated; pressure-operated by air, gas,
propellant, or hydraulic fluid (e.g., check valve, tank vent valve, pressure regulator,
relief valve), with or without position feedback, rotary or linear actuator.

4. The flow magnitude determines the size of the valve.

5. Duty cycle: single or multiple pulse operation; reusable for other flights; long or
short life.

6. Valve Type: normally open; normally closed; normally partly open; two-way;
three-way, with/without valve position feedback; ball valve, gate valve, butterfly type,
spring loaded.

7. Temperature and pressure allow classification by high, low, or cryogenic
temperature fluids, or high or low pressure or vacuum capability.

8. Accessible or not accessible to inspection, servicing, or replacement of valve or its
seal.

Two valves commonly used in pressurized feed systems are isolation
valves (when shut, they isolate or shut off a portion of the propulsion
system) and latch valves; they require power for brief periods during move-
ments, such as to open or shut, but need no power when latched or
fastened into position.

A very simple and very light valve is a burst diaphragm. It is essentially a
circular disk of material which blocks a pipeline and is designed so that it will
fail and burst at a predetermined pressure differential. Burst diaphragms are
positive seals and prevent leakage, but they can be used only once. The
German Wasserfall antiaircraft missile used four burst disks; two were in
high pressure air lines and two were in the propellant lines.

Figure 6-14 shows a main liquid oxygen valve. It is normally closed, rotary
actuated, cryogenic, high pressure, high flow, reusable ball valve, allowing
continuous throtting, a controlled rate of opening through a crank and hy-
draulic piston (not shown), with a position feedback and anti-icing controls.

Pressure regulators are special valves which are used frequently to regulate
gas pressures. Usually the discharge pressure is regulated to a predetermined
standard pressure value by continuously throttling the flow, using a piston,
flexible diaphragm, or electromagnet as the actuating mechanism. Regulators
can be seen in Figs. 1-3 and 6-13.

The various fluids in a rocket engine are conveyed by pipes or lines, usually
made of metal and joined by fittings or welds. Their design must provide for



234 LIQUID PROPELLANT ROCKET ENGINE FUNDAMENTALS

Hydraulic — \ _Coupling
actuator - ~—~7 with splines
housing rq i
: ' Shaft seal =
~“assembly bearing

L} |
Thermal = :
insulator i Closed

Intergral
8\ - ball/shaft/cams

Cam follower

Bearing Inlet pin and bearing

seal

Section A-A

FIGURE 6-14. The SSME main oxidizer valve is a low-pressure drop ball valve repre-
sentative of high-pessure large valves used in rocket engines. The ball and its integral
shaft rotate in two bearings. The seal is a machined plastic ring spring-loaded by a
bellows against the inlet side of the ball. Two cams on the shaft lift the seal a short
distance off the ball within the first few degrees of ball rotation. The ball is rotated by a
precision hydraulic actuator (not shown) through an insulating coupling. (Courtesy of
The Boeing Company, Rocketdyne Propulsion and Power.)

thermal expansion and provide support to minimize vibration effects. For
gimballed thrust chambers it is necessary to provide flexibility in the piping
to allow the thrust axis to be rotated through a small angle, typically £3 to
10°. This flexibility is provided by flexible pipe joints and/or by allowing
pipes to deflect when using two or more right-angle turns in the lines. The
high-pressure propellant feed lines of the SSME have both flexible joints and
right-angle bends, as shown in Figs 6-1 and 6-15. This joint has flexible
bellows as a seal and a universal joint-type mechanical linkage with two
sets of bearings for carrying the separating loads imposed by the high
pressure.

Sudden closing of valves can cause water hammer in the pipelines, leading to
unexpected pressure rises which can be destructive to propellant system com-
ponents. An analysis of this water hammer phenomenon will allow determina-
tion of the approximate maximum pressure (Refs. 6-15 and 6-16). The friction
of the pipe and the branching of pipelines reduce this maximum pressure.
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FIGURE 6-15. Flexible high-pressure joint with external gimbal rings for a high-pres-
sure hot turbine exhaust gas. (Courtesy of The Boeing Company, Rocketdyne
Propulsion and Power.)

Water hammer can also occur when admitting the initial flow of high-pressure
propellant into evacuated pipes. The pipes are under vacuum to remove air and
prevent the forming of gas bubbles in the propellant flow, which can cause
combustion problems.

Many liquid rocket engines have filrers in their lines. This is necessary to
prevent dirt, particles, or debris, such as small pieces from burst diaphragms,
from entering precision valves or regulators (where debris can cause a mal-
function) or from plugging small injection holes, which could cause hot streaks
in the combustion gases, in turn causing a thrust chamber failure.

Occasionally a convergent—divergent venturi section, with a sonic velocity at
its throat, is placed into one or both of the liquid propellant lines. The merits
are that it maintains constant flow and prevents pressure disturbances from
traveling upstream. This can include the propagating of chamber pressure
oscillations or coupling with thrust chamber combustion instabilities. The
venturi section can also help in minimizing some water hammer effects in a
system with multiple banks of thrust chambers.

6.10. ENGINE SUPPORT STRUCTURE

Most of the larger rocket engines have their own mounting structure or sup-
port structure. On it the major components are mounted. It also transmits the
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thrust force to the vehicle. Welded tube structures or metal plate/sheet metal
assemblies have been used. In some large engines the thrust chamber is used as
a structure and the turbopump, control boxes, or gimbal actuators are attached
to it.

In addition to the thrust load, an engine structure has to withstand forces
imposed by vehicle maneuvers (in some cases a side acceleration of 10 gg),
vibration forces, actuator forces for thrust vector control motions, and loads
from transportation over rough roads.

In low-thrust engines with multiple thrusters there often is no separate
engine mounting structure; the major components are in different locations
of the vehicle, connected by tubing, wiring, or piping, and each is usually
mounted directly to the vehicle or spacecraft structure.

PROBLEMS

1. Enumerate and explain the merits and disadvantages of pressurized and turbopump
feed systems.

2. In a turbopump it is necessary to do more work in the pumps if the thrust chamber
operating pressure is raised. This of course requires an increase in turbine gas flow
which, when exhausted, adds little to the engine specific impulse. If the chamber
pressure is raised too much, the decrease in performance due to an excessive portion
of the total propellant flow being sent through the turbine and the increased mass of
the turbopump will outweigh the gain in specific impulse that can be attained by
increased chamber pressure and also by increased thrust chamber nozzle exit area.
Outline in detail a method for determining the optimum chamber pressure where the
sea level performance will be a maximum for a rocket engine that operates in prin-
ciple like the one shown in Fig. 1-4.

3. The engine performance data for a turbopump rocket system are as follows:

Engine system specific impulse 272 sec

Engine system mixture ratio 2.52

Engine system thrust 40,000 N

Oxidizer vapor flow to pressurize oxidizer 0.003% of total
tank oxidizer flow

Propellant flow through turbine 2.1% of total

propellant flow
Gas generator mixture ratio 0.23
Gas generator specific impulse 85 sec

Determine performance of the thrust chamber I, r, F (see Sect. 10-2).

4. For a pulsing rocket engine, assume a simplified parabolic pressure rise of 0.005 sec,
a steady-state short period of full chamber pressure, and a parabolic decay of 0.007
sec approximately as shown in the sketch. Plot curves of the following ratios as a
function of operating time ¢ from 7 = 0.013 to 7 = 0.200 sec; (a) average pressure to
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ideal steady-state pressure (with zero rise or decay time); (b) average I; to ideal
steady-state I; (c) average F to ideal steady-state F.

. For a total impulse of 100 Ibf-sec compare the volume and system weights of a pulsed
propulsion system using different gaseous propellants, each with a single spherical
gas storage tank (at 3500 psi and 0°C). A package of small thrust nozzles with piping
and controls is provided which weighs 5.2 Ib. The gaseous propellants are hydrogen,
nitrogen, and argon (see Table 7-3).

. Compare several systems for a potential roll control application which requires four
thrusters of 1 1bf each to operate for a cumulative duration of 2 min each. Include the
following:

Pressurized helium Cold
Pressurized nitrogen Cold
Pressurized krypton Cold
Pressurized helium at 500°F (electrically heated)

The pressurized gas is stored at 5000 psi in a single spherical fiber-reinforced plastic
tank; use a tensile strength of 200,000 psi and a density of 0.050 lbm/in. with a 0.012
in. thick aluminum inner liner as a seal against leaks. Neglect the gas volume in the
pipes, valves, and thrusters, but assume the total hardware mass of these to be about
1.3 Ibm. Use Table 7-3. Make estimates of the tank volume and total system weight.
Discuss the relative merits of these systems.

. Make tables comparing the merits and disadvantages of engines using the gas gen-
erator cycle and engines having the staged combustion cycle.

. Prepare dimensioned rough sketches of the two propellant tanks needed for operat-
ing a single RD253 engine (Table 10-5) for 80 sec at full thrust and an auxiliary
rocket system using the same propellants, with eight thrust chambers, each of 100 kg
thrust, but operating on the average with only two of the eight firing at any one time,
with a duty cycle of 12 percent (fires only 12% of the time), but for a total flight time
of 4.00 hours. Describe any assumptions that were made with the propellant budget,
the engines, or the vehicle design, as they affect the amount of propellant.

. Table 10-5 shows that the RD 120 rocket engine can operate at 85% of full thrust
and with a mixture ratio variation of £10.0%. Assume a 1.0% unavailable residual
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propellant. The allowance for operational factors, loading uncertainties, off-nominal

rocket performance, and a contingency is 1.27% for the fuel and 1.15% for the

oxidizer.

(a) In a particular flight the average thrust was 98.0% of nominal and the mixture
ratio was off by +2.00% (oxidizer rich). What percent of the total fuel and
oxidizer loaded into the vehicle will remain unused at thrust termination?

(b) If we want to run at a fuel-rich mixture in the last 20% of the flight duration (in
order to use up all the intended flight propellant), what would the mixture ratio
have to be for this last period?

(¢) In the worst possible scenario with maximum throttling and extreme mixture
ratio excursion (but operating for the nominal duration), what is the largest
possible amount of unused oxidizer or unused fuel in the tanks?

SYMBOLS
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i

gear ratio

thrust, N (1bf)

acceleration of gravity at sea level, 9.8066 m/sec’
specific impulse, sec

specific heat ratio

shaft torque, m-N (ft-1bf)

propellant mass, kg (Ibm)

mass flow rate, kg/sec (1b/sec)

shaft speed, rpm (rad/sec)

pressure, N/m? (psi)

pressure drop, N/m? (psi)

power, W

mixture ratio (oxidizer to fuel mass flow rate)
time, sec

absolute temperature, K

vehicle velocity, m/sec (ft/sec)

volume flow rate, m®/sec (ft’/sec)

total propellant weight, N (Ibf)

weight flow rate, N/sec (1bf/sec)

nozzle divergence angle

Subscripts

b bearings, seals

¢ chamber or thrust chamber
d discharge side

f fuel

gg gas generator

oa overall
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oxidizer

suction side

tank pressurization

chamber (stagnation condition)
nozzle exit

ambient atmosphere
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CHAPTER 7

LIQUID PROPELLANTS

The classification of liquid propellants has been given in Section 6.1 of the
preceding chapter. In this chapter we discuss properties, performance, and
characteristics of selected common liquid propellants. These characteristics
affect the engine design, test facilities, propellant storage and handling.
Today we commonly use three liquid bipropellant combinations. Each of
their propellants will be described further in this chapter. They are: (1) the
cryogenic oxygen—hydrogen propellant system, used in upper stages and some-
times booster stages of space launch vehicles; it gives the highest specific
impulse for a non-toxic combination, which makes it best for high vehicle
velocity missions; (2) the liquid oxygen—hydrocarbon propellant combination,
used for booster stages (and a few second stages) of space launch vehicles;
its higher average density allows a more compact booster stage, when com-
pared to the first combination; also, historically, it was developed before the
first combination and was originally used for ballistic missiles; (3) several
storable propellant combinations, used in large rocket engines for first and
second stages of ballistic missiles and in almost all bipropellant low-thrust,
auxiliary or reaction control rocket engines (this term is defined below); they
allow long-term storage and almost instant readiness to start without the
delays and precautions that come with cryogenic propellants. In Russia the
nitric acid—-hydrocarbon combination was used in ballistic missiles many years
ago. Today Russia and China favor nitrogen tetroxide—unsymmetrical
dimethylhydrazine or UDMH for ballistic missiles and auxiliary engines. The
USA started with nitrogen tetroxide and a fuel mixture of 50% UDMH with
50% hydrazine in the Titan missile. For auxiliary engines in many satellites and
upper stages the USA has used the bipropellant of nitrogen tetroxide with

241
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monomethylhydrazine. The orbit maneuvering system of the Space Shuttle
uses it. Alternatively, many US satellites have used monopropellant hydrazine
for auxiliary engines.

A comparative listing of various performance quantities for a number of
propellant combinations is given in Table 5-5 and in Ref. 7-1. Some important
physical properties of various propellants are given in Table 7-1. For compar-
ison water is also listed. Specific gravities and vapor pressures are shown in
Figs. 7-1 and 7-2.

7.1. PROPELLANT PROPERTIES

It is important to distinguish between the characteristics and properties of the
liquid propellants (the fuel and oxidizer liquids in their unreacted condition)
and those of the hot gas mixture, which result from the reaction in the combus-
tion chamber. The chemical nature of the liquid propellants determines the
properties and characteristics of both of these types. Unfortunately, none of
the practical, known propellants have all the desirable properties, and the
selection of the propellant combination is a compromise of various factors,
such as those listed below.

Economic Factors

Availability in large quantity and a Jow cost are very important considerations
in the selection of a propellant. In military applications, consideration has to be
given to logistics of production, supply, and other possible military uses. The
production process should be simple, requiring only ordinary chemical equip-
ment and available raw materials. It is usually more expensive to use a toxic or
cryogenic propellant than a storable, non-toxic one, because it requires addi-
tional steps in the operation, more safety provisions, additional design features,
longer check-out procedures, and often more trained personnel.

Performance of Propellants

The performance can be compared on the basis of the specific impulse, the
effective exhaust velocity, the characteristic velocity, the specific propellant
consumption, the ideal exhaust velocity, or other engine parameters. They
have been explained in Chapter 3, 5 and 6. The specific impulse and exhaust
velocity are functions of pressure ratio, specific heat ratio, combustion tem-
perature, mixture ratio, and molecular mass. Values of performance para-
meters for various propellant combinations can be calculated with a high
degree of accuracy and several are listed in Table 5-5. Very often the per-
formance is expressed in terms of flight performance parameters for a given
rocket application, as explained in Chapter 4. Here the average density, the
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TABLE 7-1. Some Physical Properties of Several Common Liquid Propellants

Liquid Liquid Monomethyl-
Propeliant Fluorine Hydrazine =~ Hydrogen Methane hydrazine
Chemical formula F, N,H, H, CH, CH;NHNH,
Molecular mass 38.0 32.05 2.016 16.03 46.072
Melting or freezing 53.54 274.69 14.0 90.5 220.7
point (K)
Boiling point (K) 85.02 386.66 20.4 111.6 360.6
Heat of vaporization 166.26" 44.7° 446 s10° 875
(kJ/kg) (298.15 K)
Specific heat 0.368 0.736 1.75" 0.835 0.698
(kcal/kg-K) (85 K) (293 K) (20.4 K) (293 K)
0.357 0.758 — 0.735
(69.3 K) (338 K) (393 K)
Specific gravity® 1.636 1.005 0.071 0.424 0.8788
(66 K) (293 K) (204 K) (111.5K) (293 K)
1.440 0.952 0.076 0.857
(93 K) (350 K) (14 K) (311 K)
Viscosity 0.305 0.97 0.024 0.12 0.855
(centipoise) (776 K) (298 K) (143 K) (1116 K) (293 K)
0.397 0.913 0.013 0.22 0.40
(70 K) (330 K) (20.4 K) (90.5K) (344 K)
Vapor pressure 0.0087 0.0014 0.2026 0.033 0.0073
(MPa) (100 K) (293 K) (23 K) (100 K) (300 K)
0.00012 0.016 0.87 0.101 0.638
(66.5 K) (340 K) (30 K) (117 K) (428 K)

“Red fuming nitric acid (RFNA) has 5 to 20% dissolved NO; with an average molecular weight of
about 60, and a density and vapor pressure somewhat higher than those of pure nitric acid.

bAr boiling point.

“Reference for specific gravity ratio: 10° kg/m3 or 62.42 lbm/ft3.

specific impulse, and the engine mass ratio usually enter into a complex flight
relation equation.

For high performance a high content of chemical energy per unit of propel-
lant mixture is desirable because it permits a high chamber temperature. A low
molecular mass of the product gases of the propellant combination is also
desirable. It can be accomplished by using fuels rich in combined hydrogen,
which is liberated during the reaction. A low molecular mass is obtained if a
large portion of the hydrogen gas produced does not combine with oxygen. In
general, therefore, the best mixture ratio for many bipropellants is not neces-
sarily the stoichiometric one (whch results in complete oxidation and yields a
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Unsymmetrical
Dimethyl-
Nitric Acid? Nitrogen Liquid Rocket Fuel hydrazine
(99%) pure) Tetroxide Oxygen RP-1 (UDMH) Water
HNO, N,0O4 0O, Hydrocarbon (CH,),NNH, H,0
CH, ¢
63.016 92.016 32.00 ~ 175 60.10 18.02
231.6 261.95 54.4 225 216 273.15
355.7 294.3 90.0 460-540 336 373.15
480 413" 213 246" 542 2253
(298 K)
0.042 0.374 0.4 0.45 0.672 1.008
(311 K) (290 K) (65 K) (298 K) (298 K) (273.15 K)
0.163 0.447 0.71
(373 K) (360 K) (340 K)
1.549 1.447 1.14 0.58 0.856 1.002
(273.15 K) (293 K) (90.4 K) 422 K) (228 K) (373.15K)
1.476 1.38 1.23 0.807 0.784 1.00
(313.15 K) (322 K) (77.6 K) (289 K) (244 K) (293.4 K)
1.45 0.47 0.87 0.75 44 0.284
(273 K) (293 K) (53.7 K) (289 K) (220 K) (373.15K)
0.33 0.19 0.21 0.48 1.000
(315 K) (90. 4 K) (366 K) (300 K) 277 K)

0.0027 0.01014 0.0052 0.002 0.0384 0.00689
(273.15K) (293 K) (88.7 K) (344 K) (289 K) (312 K)
0.605 0.2013 0.023 0.1093 0.03447
(343 K) (328 K) (422 K) (339 K) (345 K)

high flame temperature) but usually a fuel-rich mixture containing a large
portion of low-molecular-mass reaction products, as shown in Chapter 5.

If very small metallic fuel particles of beryllium or aluminum are suspended
in the liquid fuel, it is theoretically possible to increase the specific impulse by
between 9 and 18%, depending on the particular propellant combination, its
mixture ratio and the metal powder additive. Gelled propellants with sus-
pended solid particles have been tested successfully with storable fuels. For
gelled propellants, see Section 7.5.

The chemical propellant combination that has the highest potential specific
impulse (approximately 480 sec at 1000 psia chamber pressure and expansion
to sea level atmosphere, and 565 sec in a vacuum with a nozzle area ratio of 50)
uses a toxic liquid fluorine oxidizer with hydrogen fuel plus suspended toxic
solid particles of beryllium; as yet a practical means for storing these propel-
lants and a practical rocket engine have not been developed.
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Common Physical Hazards

Although the several categories of hazards are described below, they do not all
apply to every propellant. The hazards are different for each specific propellant
and must be carefully understood before working with that propellant. The
consequences of unsafe operation or unsafe design are usually also unique to
several propellants.

Corrosion. Various propellants, such as nitrogen tetroxide or hydrogen per-
oxide, have to be handled in containers and pipelines of special materials. If the
propellant were permitted to become contaminated with corrosion products, its
physical and chemical properties could change sufficiently to make it unsuita-
ble for rocket operation. The corrosion of the gaseous reaction products is
important in applications in which the reaction products are likely to damage
structure and parts of the vehicle or affect communities and housing near a test
facility or launch site.

Explosion Hazard. Some propellants, such as hydrogen peroxide and nitro-
methane, are unstable and tend to detonate under certain conditions of impu-
rities, temperature, and shock. If liquid oxidizers (e.g., liquid oxygen) and fuels
are mixed together they can be detonated. Unusual, rare flight vehicle launch
or transport accidents have caused such mixing to occur (see Refs. 7-2 and
7-3).

Fire Hazard. Many oxidizers will start chemical reactions with a large variety
of organic compounds. Nitric acid, nitrogen tetroxide, fluorine, or hydrogen
peroxide react spontaneously with many organic substances. Most of the fuels
are readily ignitable when exposed to air and heat.

Accidental Spills. Unforeseen mishaps during engine operation and traffic
accidents on highways or railroads while transporting hazardous materials,
including propellants, have on occasion caused spills, which expose people to
unexpected fires, or potential health hazards. The U.S. Department of Trans-
portation has rules for marking and containing hazardous materials during
transport and also guidelines for emergency action (see Ref. 7-4).

Health Hazards. Many propellants are toxic or poisonous, and special pre-
cautions have to be taken to protect personnel. Fluorine, for example, is very
poisonous. Toxic propellant chemicals or poisonous exhaust species can enter
the human body in several ways. The resulting health disorders are propellant
specific. Nitric acid can cause severe skin burn and tissue disintegration. Skin
contact with aniline or hydrazine can cause nausea and other adverse health
effects. Hydrazine and its derivatives, such as dimethylhydrazine or hydrazine
hydrate, are known carcinogens (cancer-causing substances). Many propellant
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vapors cause eye irritation, even in very small concentration. Inadvertent swal-
lowing of many propellants can also cause severe health degradation.

The inhalation of certain toxic exhaust gases or gaseous or vaporized pro-
pellants is perhaps the most common health hazard. It can cause severe damage
if the exposure is for long duration or in concentrations that exceed established
maximum threshold values. In the United States the Occupational Safety and
Health Administration (OSHA) has established limits or thresholds on the
allowable exposure and concentration for most propellant chemicals. Several
of these propellant gas threshold limits are mentioned later in this chapter.
Toxic gases in the exhaust could include hydrofluoric acid (HF) gas; its OSHA
8-hr personnel exposure limit is 3 ppm (volumetric parts per million) and its
short-term (typically, 15 min) exposure limit is 6 ppm. A concentration of 3000
ppm or 0.3% can be fatal within a few seconds. Pentaborane, which is very
toxic and has been used in experimental engines, has an 8-hr personnel expo-
sure limit at a threshold of 0.005 ppm. References 7-2 and 7-5 give more
information on toxic effects.

The corrosion, explosion, and fire hazards of many propellants put severe
limitations on the materials, the handling, and the design of rocket-propelled
vehicles and their engine compartments. Not only is the rocket system itself
exposed to the hazardous propellant, but adjacent personnel, structural parts,
electrical and other vehicle equipment, and test and launch facilities have to be
properly protected against the effects of possible leaks, fumes, and fires or
explosions from propellant accumulations.

Material Compatibility. Many liquid propellants have only a limited number
of truly compatible materials, both metals and nonmetals, such as gaskets or
O-rings. There have been unfortunate failures (causing fires, leakage, corro-
sion, or malfunctions) when an improper or incompatible material was used in
the hardware of a rocket engine. Depending on the specific component and
loading conditions, these structural materials have to withstand high stresses,
stress corrosion, high temperatures, or abrasion. Several specific material lim-
itations are mentioned in the next section. Certain materials catalyze a self-
decomposition of stored hydrogen peroxide into water and oxygen, making
long-term storage difficult and, if confined, causing its container to explode.
Many structural materials, when exposed to cold, cryogenic propellants, can
become very brittle.

Desirable Physical Properties

Low Freezing Point. This permits operation of rockets in cold weather. The
addition of small amounts of special chemicals has been found to help depress
the freezing point of some liquid propellants which solidify readily at relatively
high temperature.
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High Specific Gravity. In order to accommodate a large mass of propellants
in a given vehicle tank space, a dense propellant is required. It permits a small
vehicle construction and, consequently, a relatively low structural vehicle mass
and low aerodynamic drag. Specific gravity, therefore, has an important effect
on the maximum flight velocity and range of any rocket-powered vehicle or
missile flying within the earth’s atmosphere, as explained in Chapter 4. Specific
gravities for various propellants are plotted in Fig. 7-1. A variation of the
temperature of stored propellant will cause change in liquid level in the tank.
For any given mixture ratio r, the average specific gravity of a propellant
combination §,, can be determined from the specific gravities of the fuel §, and
of the oxidizer §,. The average specific gravity is defined as the mass of the fuel
and oxidizer, divided by the sum of their volumes. Here the mixture ratio is
defined as the oxidizer mass flow rate divided by the fuel mass flow rate.

8,8:(1+ 1)
P A, 7-1
a l’3f +34, ( )
Values of §,, for various propellant combinations are listed in Table 5-5. The
value of §,, can be increased by adding heavy materials to the propellants,
either by solution or colloidal suspension. The identical type of equation can be
written for the average density p,, in terms of the fuel density and the oxidizer
density.

popr(l +1)
Pav = ‘—f—— (7-2)
ot + P,

In the SI system of units the specific gravity has the same numerical value as the
density expressed in units of grams per cubic centimeter or kg/liter. In some
performance comparisons the parameter density specific impulse I, is used. It is
defined as the product of the average specific gravity § and the specific impulse
I

Id = (Savls (7_3)

Stability. No deterioration and no decomposition with long-term (over 15
years) storage and minimal reaction with the atmosphere have been attained
with many propellants. Good chemical stability means no decomposition of the
liquid propellant during operation or storage, even at elevated temperature. A
good liquid propellant should also have no chemical deterioration when in
contact with piping, tank walls, valve seats, and gasket materials, even at
relatively high ambient temperatures. No appreciable absorption of moisture
and no adverse effects of small amounts of impurities are desirable properties.
There should be no chemical deterioration when liquid flows through the hot
cooling jacket passages. Some hydrocarbons (e.g., olefins) decompose and
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form carbonaceous deposits on the hot inside surfaces of the cooling passage.
These deposits can be hard, reduce the heat flow, increase the local metal
temperatures, and thus can cause the metal to weaken and fail. About 1%
per year of stored concentrated hydrogen peroxide decomposes in clean storage
tanks. Between 1 and 20% of a cryogenic propellant (stored in a vehicle)
evaporates every day in an insulated tank.

Heat Transfer Properties. High specific heat, high thermal conductivity, and a
high boiling or decomposition temperature are desirable for propellants that are
used for thrust chamber cooling (see Section 8.3).

Pumping Properties. A low vapor pressure permits not only easier handling
of the propellants, but also a more effective pump design in applications where
the propellant is pumped. This reduces the potential for cavitation, as ex-
plained in Chapter 10. If the viscosity of the propellant is too high, then
pumping and engine-system calibration become difficult. Propellants with high
vapor pressure, such as liquid oxygen, liquid hydrogen, and other liquefied
gases, require special design provisions, unusual handling techniques, and spe-
cial low-temperature materials.

Temperature Variation. The temperature variation of the physical properties
of the liquid propellant should be small. For example, a wide temperature
variation in vapor pressure and density (thermal coefficient of expansion) or
an unduly high change in viscosity with temperature makes it very difficult to
accurately calibrate a rocket engine flow system or predict its performance over
any reasonable range of operating temperatures.

Ignition, Combustion, and Flame Properties

If the propellant combination is spontaneously ignitable, it does not require an
ignition system. This means that burning is initiated as the oxidizer and the fuel
come in contact with each other. Spontaneously ignitable propellants are often
termed hypergolic propellants. Although an ignition system is not a very objec-
tionable feature, its elimination is usually desirable because it simplifies the
propulsion system. All rocket propellants should be readily ignitable and
have a small ignition time delay in order to reduce the potential explosion
hazard during starting. Starting and ignition problems are discussed further
in Section 8.4.

Nonspontaneously ignitable propellants have to be heated by external means
before ignition can begin. Igniters are devices that accomplish an initial slight
pressurization of the chamber and the initial heating of the propellant mixture
to the point where steady flow combustion can be self-sustained. The amount
of energy added by the igniter to activate the propellants should be small so
that low-power ignition systems can be used. The energy required for satisfac-
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tory ignition usually diminishes for increasing ambient temperature of the
propellant.

Certain propellant combinations burn very smoothly without combustion
vibration. Other propellant combinations do not demonstrate this combustion
stability and, therefore, are less desirable. Combustion is treated in Chapter 9.

Smoke formation is objectionable in many applications because of the
smoke deposits on the surrounding equipment and parts. Smoke and brilliantly
luminous exhaust flames are objectionable in certain military applications,
because they can be easily detected. In some applications the condensed species
in the exhaust gas can cause surface contamination on spacecraft windows or
optical lenses and the electrons in the flame can cause undesirable interference
or attenuation of communications radio signals. See Chapter 18 for information
on exhaust plumes.

Property Variations and Specifications

The propellant properties and quality must not vary, because this can affect
engine performance, combustion, and physical or chemical properties. The
same propellant must have the same composition, properties, and storage or
rocket operating characteristics if manufactured at different times or if made
by different manufacturers. For these reasons propellants are purchased
against specifications which define ingredients, maximum allowable impurities,
packaging methods or compatible materials, allowable tolerances on physical
properties (such as density, boiling point, freezing point, viscosity, or vapor
pressure), quality control requirements, cleaning procedures for containers,
documentation of inspections, laboratory analyses, or test results. A careful
chemical analysis of the composition aand impurities is necessary. Reference 7—
6 describes some of these methods of analysis.

Additive

Altering and tailoring propeliant properties can be achieved with additives. For
example, to make a non-hypergolic fuel become hypergolic (readily ignited), a
reactive ingredient has been added. To desensitize concentrated hydrogen per-
oxide and reduce self-decomposition, it is diluted with 3 to 15% water. To
increase density or to alleviate certain combustion instabilities, a fine powder of
a heavy solid material can be suspended in the propellant.

7.2. LIQUID OXIDIZERS

Many different types of storable and cryogenic liquid oxidizer propellants have
been used, synthesized, or proposed. For high specific impulse this includes
boron—oxygen—fluorine compounds, oxygen-fluorine compounds, nitrogen—
fluorine formulations, and fluorinated hydrocarbons; however, they all have
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some undesirable characteristics and these synthetic oxidizers have not been
proven to be practical. Oxidizer liquids that have been used in experimental
liquid rocket engines include mixtures of liquid oxygen and liquid fluorine,
oxygen difluoride (OF,), chlorine trifluoride (CIF3), or chlorine pentafluoride
(ClIF5). All of these are highly toxic and very corrosive. Several commonly used
oxidizers are listed below.

Liquid Oxygen (O-)

Liquid oxygen, often abbreviated as LOX, boils at 90 K at atmospheric pres-
sure; at these conditions it has a specific gravity of 1.14 and a heat of vapor-
ization of 213 kJ/kg. It is widely used as an oxidizer and burns with a bright
white-yellow flame with most hydrocarbon fuels. It has been used in combina-
tion with alcohols, jet fuels (kerosene-type), gasoline, and hydrogen. As shown
in Table 5-5, the attainable performance is relatively high, and liquid oxygen is
therefore a desirable and commonly used propellant in large rocket engines.
The following missiles and space launch vehicles use oxygen: (1) with jet fuel—
Atlas, Thor, Jupiter, Titan I, Saturn booster; (2) with hydrogen—Space Shuttle
and Centaur upper stage; (3) with alcohol—V-2 and Redstone. Figures -4 and
6-1 show units that use oxygen. Figures 5-1 to 5-6 give theoretical perfor-
mance data for liquid oxygen with a kerosene-type fuel.

Although it usually does not burn spontaneously with organic materials at
ambient pressures, combustion or explosions can occur when a confined mix-
ture of oxygen and organic matter is suddenly pressurized. Impact tests show
that mixtures of liquid oxygen with many commercial oils or organic materials
will detonate. Liquid oxygen supports and accelerates the combustion of other
materials. Handling and storage are safe when contact materials are clean.
Liquid oxygen is a noncorrosive and nontoxic liquid and will not cause the
deterioration of clean container walls. When in prolonged contact with human
skin, the cryogenic propellant causes severe burns. Because liquid oxygen eva-
porates rapidly, it cannot be stored readily for any great length of time. If
liquid oxygen is used in large quantities, it is often produced very close to its
geographical point of application. Liquid oxygen can be obtained in several
ways, such as by boiling liquid nitrogen out of liquid air.

It is necessary to insulate all lines, tanks, valves, and so on, that contain
liquid oxygen in order to reduce the evaporation loss. Rocket propulsion sys-
tems which remain filled with liquid oxygen for several hours and liquid oxygen
storage systems have to be well insulated against absorbing heat from the
surroundings. External drainage provisions have to be made on all liquid
oxygen tanks and lines to eliminate the water that condenses on the walls.

Example 7-1. Estimate the approximate temperature and volume change of liquid
oxygen if an oxygen tank is pressurized to 8.0 atmospheres for a long time before engine
start. Assume the tank is 60% full and the evaporated oxygen is refrigerated and
recondensed (constant mass).
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SOLUTION. Using Table 7-1 and Figs. 7-1 and 7-2, the vapor pressure goes from 1.0
atm (0.1 MPa) to 8 atm (about 0.8 MPa) and the equilibrium temperature goes from the
boiling point of 90 K at 1.0 atm to about 133 K. The corresponding specific gravities are
1.14 and 0.88 respectively. This is an increase of 1.14/0.88 = 1.29 or about 77% full
(29% more volume).

In tanks with turbopump feed systems the actual tank pressures are lower (typically 2
to 4 atm) and the evaporated oxygen is vented, causing a cooling effect on the liquid
surface. So the numbers calculated above are too large (8 atm was selected to clearly
show the effect). The warming occurs when there is a long hold period of a pressurized
cryogenic propellant tank and is most pronounced when the final portion of the pro-
pellant is being emptied. Nevertheless the higher temperature, higher vapor pressure,
and lower density can cause changes in mixture ratio, required tank volume, and pump
suction condition (see Section 10.1). Therefore tanks with cryogenic propellant are
insulated (to minimize heat transfer and density changes) and are pressurized only
shortly before engine start, so as to keep the propellant at its lowest possible
temperature.

Hydrogen Peroxide (H.0.)

In rocket application, hydrogen peroxide has been used in a highly concen-
trated form of 70 to 99%; the remainder is mostly water. Commercial peroxide
is approximately 30% concentrated. Concentrated hydrogen peroxide was used
in gas generator and rocket applications between 1938 and 1965 (X-1 and X~
15 research aircraft).

In the combustion chamber, the propellant decomposes according to the
following chemical reaction, forming superheated steam and gaseous oxygen:

H202 —> Hzo + %02 + heat

This decomposition is brought about by the action of catalysts such as various
liquid permanganates, solid manganese dioxide, platinum, and iron oxide. In
fact, most impurities act as a catalyst. H,0, is hypergolic with hydrazine and
will burn well with kerosene. The theoretical specific impulse of 90% hydrogen
peroxide is 154 sec, when used as a monopropellant with a solid catalyst bed.

Even under favorable conditions H,O, will often decompose at a slow rate
during storage, about one percent per year for 95%, and gas will bubble out of
the liquid. Contaminated liquid peroxide must be disposed of before it reaches
a danger point of about 448 K, when an explosion usually occurs.
Concentrated peroxide causes severe burns when in contact with human skin
and may ignite and cause fires when in contact with wood, oils, and many other
organic materials. In the past rocket engines with hydrogen peroxide oxidizer
have been used for aircraft boost (German Me 163, and U.S. F 104) and a
missile (Britain: Black Knight). It has not been used for a long time, partly
because of its long-term storage stability. However, there has been some
improvement and some renewed interest in this dense oxidizer, which produces
a nontoxic exhaust.
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Nitric Acid (HNO;)

There are several types of nitric acid mixtures that have been used as oxidizers
between 1940 and 1965, they are not used extensively today in the United
States. The most common type, red fuming nitric acid (RFNA), consists of
concentrated nitric acid (HNO;) that contains between 5 and 20% dissolved
nitrogen dioxide. The evaporating red-brown fumes are exceedingly annoying
and poisonous. Compared to concentrated nitric acid (also called white fuming
nitric acid), RFNA is more energetic, more stable in storage, and less corrosive
to many tank materials.

Nitric acid is highly corrosive. Only certain types of stainless steel, gold, and
a few other materials are satisfactory as storage containers or pipeline materi-
als. A small addition of fluorine ion (less than 1% of HF) inhibits the nitric
acid, causes a fluoride layer to form on the wall, and greatly reduces the
corrosion with many metals. It is called inkibited red fuming nitric acid
(IRFNA). In case of accident of spilling, the acid should be diluted with
water or chemically deactivated. Lime and alkali metal hydroxides and carbo-
nates are common neutralizing agents. However, nitrates formed by the neu-
tralization are also oxidizing agents and must be handled accordingly.

Nitric acid has been used with gasoline, various amines, hydrazine,
dimethylhydrazine, and alcohols. It ignites spontaneously with hydrazine, fur-
furyl alcohol, aniline, and other amines. The specific gravity of nitric acid
varies from 1.5 to 1.6, depending on the percentages of nitric oxide, water,
and impurities. This high density permits compact vehicle construction.

Vapors from nitric acid or red fuming nitric acid have an OSHA 8-hr
personnel exposure limit or a threshold work allowance of 2 ppm (parts per
million or about 5 mg/m®) and a short-term exposure limit of 10 ppm. Droplets
on the skin cause burns and sores which do not heal readily.

Nitrogen Tetroxide (N2O,)

This is a high-density yellow-brown liquid (specific gravity of 1.44). Although it
is the most common storable oxidizer used in the United States today, its liquid
temperature range is narrow and it is easily frozen or vaporized. It is only
mildly corrosive when pure, but forms strong acids when moist or allowed
to mix with water. It readily absorbs moisture from the air. It can be stored
indefinitely in sealed containers made of compatible material. It is hypergolic
with many fuels and can cause spontaneous ignition with many common
materials, such as paper, leather, and wood. The fumes are reddish brown
and are extremely toxic. Because of its high vapor pressure it must be kept
in relatively heavy tanks. The freezing point of N,O,4 can be lowered (by
adding a small amount of nitric oxide or NO) but at the penalty of a higher
vapor pressure. This mixture of NO and N, Oy is called mixed oxides of nitro-
gen (MON) and different grades have been 2 and 30% NO content.
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Nitrogen tetroxide is a storable propellant oxidizer and is used in the Titan
missile together with a fuel mixture consisting of hydrazine and unsymmetrical
dimethylhydrazine. It is also used with monomethylhydrazine fuel in the Space
Shuttle orbital maneuver system and reaction control system and in many
spacecraft propulsion systems. In many of these applications care must be
taken to avoid freezing this propellant. The OSHA 8-hr personnel exposure
limit is 5 ppm or 9 mg/m3.

7.3. LIQUID FUELS

Again, many different chemicals have been proposed, investigated, and tested.
Only a few have been used in production rocket engines. Liquid fuels other
than those listed below have been used in experimental rocket engines, in older
experimental designs, and in some older production engines. These include
aniline, furfuryl alcohcol, xylidine, gasoline, hydrazine hydrate, borohydrides,-
methyl and/or ethyl alcohol, ammonia, and mixtures of some of these with one
or more other fuels.

Hydrocarbon Fuels

Petroleum derivatives encompass a large variety of different hydrocarbon che-
micals, most of which can be used as a rocket fuel. Most common are those
types that are in use with other applications and engines, such as gasoline,
kerosene, diesel oil, and turbojet fuel. Their physical properties and chemical
composition vary widely with the type of crude oil from which they were
refined, with the chemical process used in their production, and with the accu-
racy of control exercised in their manufacture. Typical values are listed in
Table 7-2.

In general, these petroleum fuels form yellow-white, brilliantly radiating
flames and give good preformance. They are relatively easy to handle, and
there is an ample supply of these fuels available at low cost. A specifically
refined petroleum product particularly suitable as a rocket propellant has
been designated RP-1. It is basically a kerosene-like mixture of saturated
and unsaturated hydrocarbons with a somewhat narrow range of densities
and vapor pressure. Several hydrocarbon fuels can form carbon deposits on
the inside of cooling passages, impeding the heat transfer and raising wall
temperatures. Ref. 7-7 indicates that this carbon formation depends on fuel
temperature in the cooling jacket, the particular fuel, the heat transfer, and the
chamber wall material. RP-1 is low in olefins and aromatics, which can cause
carbonaceous deposits inside fuel cooling passages. RP-1 has been used with
liquid oxygen in the Atlas, Thor, Delta, Titan I, and Saturn rocket engines (see
Figs. 5-1 to 5-6).

Methane (CHy) is a cryogenic hydrocarbon fuel. It is denser than liquid
hydrogen and relatively low in cost. Compared to petroleum refined hydro-
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TABLE 7-2. Properties of Some Typical Hydrocarbon Fuels Made from Petroleum

Aviation
Gasoline Diesel
Jet Fuel  Kerosene 100/130 Fuel RP-1
Specific gravity at 289 K 0.78 0.81 0.73 0.85  0.80-0.815
Freezing point (K) 213 (max.) 230 213 250 239 (max.)
Viscosity at 289 K 1.4 1.6 0.5 2.0 16.5 (at 239 K)
{cP)
Flash point (K) (TCC) 269 331 244 333 316
ASTM distillation (K)
10% evaporated 347 — 337 — 458483
50% evaporated 444 — 363 — —
90% evaporated 511 — 391 617 —
Reid vapor pressure (psia) 2t03 Below 1 7 0.1 —
Specific heat (cal/kg-K) 0.50 0.49 0.53 0.47 0.50
Average molecular mass 130 175 90 — —
(kg/mol)

carbons it has highly reproducible properties. With liquid oxygen it is a candi-
date propellant combination for launch vehicle booster rocket engines and also
reaction engines control when oxygen is available from the main engines).
Experimental oxygen—-methane engines have been tested, but they have not
yet flown.

Liquid Hydrogen (H3)

Liquid hydrogen, when burned with liquid fluorine or liquid oxygen, gives a
high performance, as shown in Table 5-5. It also is an excellent regenerative
coolant. With oxygen it burns with a colorless flame; however, the shock waves
in the plume may be visible. Of all known fuels, liquid hydrogen is the lightest
and the coldest, having a specific gravity of 0.07 and a boiling point of about 20
K. The very low fuel density requires bulky fuel tanks, which necessitate very
large vehicle volumes. The extremely low temperature makes the problem of
choosing suitable tank and piping materials difficult, because many metals
become brittle at low temperatures.

Because of its low temperature, liquid hydrogen tanks and lines have to be
well insulated to minimize the evaporation of hydrogen or the condensation of
moisture or air on the outside with the subsequent formation of liquid or solid
air or ice. A vacuum jacket often has been used in addition to insulating
materials. All common liquids and gases solidify in liquid hydrogen. These
solid particles in turn plug orifices and valves. Therefore, care must be taken
to scavenge all lines and tanks of air and moisture (flush with helium or pull
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vacuum) before introducing the propellant. Mixture of liqmd hydrogen and
solid oxygen or solid air can be explosive.

Liquid hydrogen has two species, namely, orthohydrogen and parahydro-
gen, which differ in their nuclear spin state. As hydrogen is liquefied, the
relative equilibrium composition of ortho- and parahydrogen changes. The
transformation from one species to another is accompanied by a transfer of
energy. Liquid hydrogen is manufactured from gaseous hydrogen by successive
compression, cooling, and expansion processes.

Hydrogen gas, when mixed with air, is highly flammable and explosive over
a wide range of mixture ratios. To avoid this danger, hydrogen gas leakage (a
tank vent line) is often intentionally ignited and burned in the air. Liquid
hydrogen is used with liquid oxygen in the Centaur upper stage, the Space
Shuttle main engine, and upper stage space engines developed in Japan,
Russia, Europe, and China.

Hydrogen burning with oxygen forms a nontoxic exhaust gas. This propel-
lant combination has been applied successfully to space launch vehicles
because of its high specific impulse. Here the payload capability usually
increases greatly for relatively small increases in specific impulse. However,
the low density of hydrogen makes for a large vehicle and a relatively high
drag.

One method to increase the density of hydrogen is to use a subcooled
mixture of liquid hydrogen and suspended frozen small particles of solid
hydrogen, which is denser than the liquid. Experiments and studies on this
“slush” hydrogen have been performed; it is difficult to produce and maintain
a uniform mixture. It has not yet been used in a flight vehicle.

Some studies have shown that, when burned with liquid oxygen, a hydro-
carbon (such as methane or RP-1) can give a small advantage in space launch
vehicle first stages. Here the higher average propellant density allows a smaller
vehicle with lower drag, which compensates for the lower specific impulse of
the hydrocarbon when compared to a hydrogen fuel. Also, there are some
concepts for operating the booster-stage rocket engine initially with hydrocar-
bon fuel and then switching during flight to hydrogen fuel. As yet, engines
using two fuels, namely methane (or hydrocarbon) and hydrogen, have not yet
been fully developed or flown. Some work on an experimental engine was done
in Russia.

Hydrazine (NoH,)

Reference 7-8 gives a good discussion of this propellant, which is used as a
bipropellant fuel as well as a monopropellant. Hydrazine and its related liquid
organic compounds, monomethylhydrazine (MMH) and unsymmetrical
dimethylhydrazine (UDMH), all have similar physical and thermochemical
properties. Hydrazine is a toxic, colorless liquid with a high freezing point
(274.3 K). Hydrazine has a short ignition delay and is spontaneously ignitable
with nitric acid and nitrogen tetroxide.
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Its vapors may form explosive mixtures with air. If hydrazine is spilled on a
surface or a cloth, a spontaneous ignition with air can occur.

Pure anhydrous hydrazine is a stable liquid; it has been safely heated above
530 K. It has been stored in sealed tanks for over 15 years. With impurities or
at higher temperatures it decomposes and releases energy. Under pressure
shock (blast wave) it decomposes at temperatures as low as 367 K. Under
some conditions this decomposition can be a violent detonation, and this has
caused problems in cooling passages of experimental injectors and thrust
chambers. Harmful effects to personnel may result from ingestion, inhalation
of vapors, or prolonged contact with skin. The OSHA 8-hr personnel exposure
limit is 0.1 ppm or 0.13 mg/m*. Hydrazine is a known carcinogen.

Hydrazine reacts with many materials, and care must be exercised to avoid
storage contact with materials that cause a decomposition (see Ref 7-9).
Tanks, pipes, or valves must be cleaned and free of impurities. Compatible
materials include stainless steels (303, 304, 321, or 347), nickel, and 1100 and
3003 series of aluminum. Iron, copper and its alloys (such as brass or bronze),
monel, magnesium, zinc, and some types of aluminum alloy must be avoided.

Unsymmetrical Dimethylhydrazine [(CH3).NNH,]

A derivative of hydrazine, namely, unsymmetrical dimethylhydrazine
(UDMH), is often used instead of or in mixtures with hydrazine because it
forms a more stable liquid, particularly at higher temperatures. Furthermore, it
has a lower freezing point (215.9 K) and a higher boiling point (336.5 K) than a
hydrazine. When UDMH is burned with an oxidizer it gives only slightly lower
values of I than pure hydrazine. UDMH is often used when mixed with 30 to
50% hydrazine. This fuel is used in the Titan missile and launch vehicle and
spacecraft engines in 50% mixtures and has been used in the lunar landing and
take-off engines. UDMH is used in Russian and Chinese rocket engines.

Freezing does not affect UDMH, MMH, or hydrazine, but freezing of a
50:50 mixture of UDMH and hydrazine causes a separation into two distinct
layers; a special remixing operation is necessary for reblending if freezing
occurs in a space vehicle. The OSHA 8-hr personnel exposure limit for
vapor is 0.5 ppm, and UDMH is a carcinogen.

Monomethylhydrazine (CH;NHNH,)

Monomethylhydrazine (MMH) has been used extensively as a fuel in space-
craft rocket engines, particularly in small attitude control engines, usually with
N,Oy as the oxidizer. It has a better shock resistance to blast waves, better heat
transfer properties, and a better liquid temperature range than pure hydrazine.
Like hydrazine, its vapors are easily ignited in air; the flammability limits are
from 2.5 to 98% by volume at atmospheric sea level pressure and ambient
temperature. The materials compatible with hydrazine are also compatible



7.4. LIQUID MONOPROPELLANTS 259

with MMH. The specific impulse with storable oxidizers usually is 1 or 2%
lower with MMH than with N,Hy.

Both MMH an UDMH are soluble in many hydrocarbons; hydrazine is not.
All hydrazines are toxic materials, but MMH is the most toxic when inhaled,
and UDMH the least toxic. Atmospheric concentrations of all hydrazines
should be kept below 0.1 ppm for long periods of exposure.

Monomethylhydrazine, when added in relatively small quantities of 3 to
15% to hydrazine, has a substantial quenching effect on the explosive decom-
position of hydrazine. Monomethylhydrazine decomposes at 491 K, whereas
hydrazine explodes at 369 K when subjected to pressure shocks of identical
intensity. MMH is a suspected carcinogen and the OSHA personnel 8-hour
exposure Limit i1s 0.2 ppm.

7.4. LIQUID MONOPROPELLANTS

The propellant-feed and control-system simplicity associated with a monopro-
pellant makes this type of propellant attractive for certain applications.
Hydrazine is being used extensively as a monopropellant in small attitude
and trajectory control rockets for the control of satellites and other spacecraft
and also as a hot gas generator. (It is discussed in the preceding section.) Other
monopropellants (ethylene oxide or nitromethane) were tried experimentally,
but are no longer used today. Concentrated hydrogen peroxide was used for
monopropellant gas generation in the USA, Russia, and Germany in engines
designed before 1955.

Ignition of monopropellants can be produced thermally (electrical or flame
heat) or by a catalytic material. A monopropellant must be chemically and
thermally stable to insure good liquid storage properties, and yet it must be
easily decomposed and reactive to give good combustion properties.

Hydrazine as a Monopropellant

Hydrazine is not only an excellent storable fuel, but also an excellent mono-
propellant when decomposed by a suitable solid or liquid catalyst; this catalyst
often needs to be preheated for fast startup. Iridium is an effective catalyst at
room temperature. At elevated temperature (about 450 K) many materials
decompose hydrazine, including iron, nickel, and cobalt. See Ref. 7-8.
Different catalysts and different reaction volumes make the decomposition
reaction go to different products, resulting in gases varying in composition
or temperature. As a monopropellant, it is used in gas generators or in space
engine attitude control rockets.

Hydrazine has been stored in sealed tanks for over 15 years. A typical
hydrazine monopropellant thrust chamber, its injection pattern, and its decom-
position reaction are described in Chapter 10 and typical design parameters are
shown in Fig. 7-3 and a monopropellant structure in Fig. 8-16.
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FIGURE 7-3. Operating parameters for decomposed hydrazine at the exit of a catalytic
reactor as a function of the ammonia dissociation fraction. Adapted with permission
from Ref. 7-8.

The catalytic decomposition of hydrazine can be described ideally as a two-
step process; this ignores other steps and intermediate products. First, hydra-
zine (N,H,) decomposes into gaseous ammonia (NH;3) and nitrogen (N,); this
reaction is highly exothermic, i.e., it releases heat. Secondly, the ammonia
decomposes further into nitrogen and hydrogen gases, but this reaction is
endothermic and absorbs heat. These simplified reactions can be written as

3N,H, — 4(1 — x)NH; + (1 + 2x)N, + 6xH, (7-4)

Here x is the degree of ammonia dissociation; it is a function of the catalyst
type, size, and geometry, the chamber pressure, and the dwell time within the
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catalyst bed. Figure 7-3 shows several ideal rocket engine parameters for
hydrazine monopropellant as a function of x, the fraction of ammonia that
is decomposed. The values are for an ideal thruster at 1000 psia chamber
pressure with an area ratio of 50 expanding at high altitude. The best specific
impulse is attained when little ammonia is allowed to dissociate.

Hydrazine is manufactured in several grades of purity. The standard com-
mercial hydrazine has about 1.5% maximum by weight of water, less than
1.0% aniline, and no more than 10 mg/l of particulates, including carbon.
Monopropellant-grade hydrazine has less than 1% water, less than 0.5% ani-
line (whch is a material commonly used in the manufacture of hydrazine), and
traces of ammonia, carbon dioxide, chlorides, and iron- or carbon-containing
materials such as UDMH or MMH. Aniline and other organic impurities can
poison the catalyst used to decompose monopropellant hydrazine; as men-
tioned in Chapter 10, this can cause operating problems. There is also a highly
purified grade of hydrazine that has less water, less than 0.005% aniline, and
less than 0.003% carbon materials; it does not contaminate the catalyst and is
used now in many monopropellant applications.

Hydroxyl Ammonium Nitrate (NH,OH*NO3)

This is a relatively new, synthetic, propellant material rich in oxygen, but with
combined hydrogen and nitrogen (fuel ingredients), it is abbreviated as HAN.
It is an opaque hygroscopic solid when pure, and a clear colorless odorless
liquid in aqueous solutions. The solid HAN (specific gravity of 1.84) is a
potential solid propellant ingredient and the liquid HAN solution is a potential
monopropellant (a 13 molar solution has a specific gravity of 1.523). Both can
be made to burn smoothly and several catalysts have been effective in obtain-
ing controlled decomposition. The boiling point (110 to 145°C) and the freez-
ing point (—15 to —44°C) vary with the water content. HAN becomes more
viscous as the percentage of water is reduced. The liquid is corrosive, toxic,
denser than hydrazine monopropellant, and does not seem to be carcinogenic.
The liquid is incompatible with alkali materials, many metals, and other mate-
rials. Even with relatively very compatible materials HAN solutions decom-
pose slowly in storage; a satisfactory stabilizer has yet to be found. The
monopropellant’s specific impulse is between 200 and 265 sec, depending on
the water content and the mixing of the aqueous HAN with one of several
possible compatible organic fuel liquids. The HAN propellant formulation, its
rocket engines, and solid motors are still in their research and development
phase, as shown in Refs. 7-9 and 7-10.

7.5. GELLED PROPELLANTS

Gelled propellants have additives that make them thixotropic materials. They
have the consistency of thick paint or jelly when at rest, but they liquify and
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flow through pipes, valves, pumps, or injectors when an adequate shear stress is
applied. They offer these advantages.

Small aluminum particles can be suspended in the fuels where smoky
exhaust is not objectionable. Inert solid particles can be suspended in
oxidizer liquids. This increases propellant density, density impulse, and
thus reduces the size of tanks and vehicles. Smaller vehicles have reduced
drag and thus can allow an increase in the range or speed of tactical
missiles.

There is no plugging of injector orifices or valve passages and good flow
control has been demonstrated.

Individual gelled fuel propellants will be essentially nonflammable and will
not usually sustain an open fire.

There is reduced susceptibility of leakage or spill, reduced sloshing of liquids
in the tanks, and the boil-off rate is reduced.

Long-term storage without settling or separation is possible; more than 10
years has been demonstrated.

Explosions or detonations, which happen when a vehicle accident causes
liquid propellants to become inadvertently premixed, are much less likely
with gelled propellants, which are difficult to mix.

Many spilled gelled propellants can be diluted with water and disposed of
safely.

Short-duration pulsing is possible.

Most storable oxidizers, a few cryogenic propellants, and most liquid stor-
able fuels can be gelled.

Explosions are much less likely when a propellant tank is penetrated by a
bullet or when a missile is exposed to an external fire or a nearby detona-
tion.

These are some of the disadvantages:

There is a small decrease in specific impulse due to dilution with a gelling
agent, and less efficient atomization or combustion. For example, the
characteristic velocity ¢* of oxygen—kerosene propellant is decreased by
4 to 6% when the kerosene is gelled and aluminum is suspended in the
fuel. When both the fuel and a nitric acid oxidizer are gelled, the perfor-
mance loss (¢*) can be as high as 8%. Clever injector design and the
selection of good gelling agents can reduce this loss.

Loading or unloading of propellants is somewhat more complex.

Residual propellant quantity may be slightly higher, because the thixotropic
fluid layer on the walls of the tanks and pipes may be slightly thicker.
Changes in ambient temperature will cause slight changes in propellant
density and viscosity and therefore also in mixture ratio; this can result
in more leftover or residual propellant and thus in a slight reduction of



7.6. GASEOUS PROPELLANTS 263

available total impulse. This can be minimized by careful selection of
gelling agents so as to match the rheological property changes of oxidizer
and fuel over a particular temperature range.

Suspended metals can make the plume smoky and visible.

Some gelling agents have resulted in unstable gelled propellants; that is, they
separated or underwent chemical reactions.

Experimental rocket engines have shown these gelled propellants to be gen-
erally safer than ordinary liquid propellants and to have good performance and
operational characteristics (see Refs 7-11 and 7-12). This makes them less
susceptible to field accidents. A variety of different organic and inorganic
gelling agents have been explored with a number of different liquid propellants.

Experimental thrust chambers and rocket engine systems have been satis-
factorily demonstrated with several gelled propellant combinations. One
experimental engine is shown in Fig. 6-8. As far as is known, no such rocket
engine has yet been put into production or flight operation. An effort is under-
way to demonstrate this technology clearly and to qualify a rocket engine with
gelled propellants for an actual flight application.

7.6. GASEOUS PROPELLANTS

Cold gas propellants have been used successfully for reaction control systems
(RCS) for perhaps 50 years. The engine system is simple, consisting of one or
more high-pressure gas tanks, multiple simple metal nozzles (often aluminum
or plastic), an electrical control valve with each nozzle, a pressure regulator,
and provisions for filling and venting the gas. The tank size will be smaller if
the tank pressures are high. Pressures are typically between 300 and 1000 MPa
{about 300 to 10,000 psi). The mass of spherical storage tanks is essentially
independent of pressure if they contain the same mass of gas.

Typical cold gas propellants and some of their properties and characteristics
are listed in Table 7-3. Nitrogen, argon, dry air, krypton and Freon 14 have
been employed in spacecraft RCSs. With high-pressure hydrogen or helium as
cold gas, the specific impulse is much higher, but the densities of these gases are
much lower. This requires a much larger gas storage volume and heavier high-
pressure tanks. In most applications the extra inert mass outweighs the advan-
tage of better performance. In a few applications the gas (and its storage tank)
are heated electrically or chemically. This improves the specific impulse and
allows a smaller tank, but it also introduces complexity.

The selection of the gas propellant, the storage tanks, and RCS design
depend on many factors, such as volume and mass of the storage tanks, the
maximum thrust and total impulse, the gas density, required maneuvers, duty
cycle, and flight duration. Cold gas systems are used for total impulses of
perhaps 1200 N-sec or 5000 Ibf-sec. Higher values usually employ liquid pro-
pellants.
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TABLE 7-3. Properties of Gaseous Propellants Used for Auxiliary Propulsion

Theoretical
Molecular Density” Specific Impulse?
Propellant Mass (Ib/ft) k (sec)
Hydrogen 2.0 1.77 1.40 284
Helium 4.0 3.54 1.67 179
Methane 16.0 14.1 1.30 114
Nitrogen 28.0 24.7 1.40 76
Air 28.9 25.5 1.40 74
Argon 399 35.3 1.67 57
Krypton 83.8 74.1 1.63 50

“At 5000 psia and 20°C.
®In vacuum with nozzle area ratio of 50:1 and initial temperature of 20°C.

If the operation is short (only a few minutes, while the main engine is
running), the gas expansion will be adiabatic (no heat absorption by gas)
and often is analyzed as isentropic {constant stagnation presure). The tempera-
ture of the gas will drop (the pressure and specific impulse will also drop) as the
gas is consumed. For long intermittent operations (months or years in space)
the heat from the spacecraft is transfered to the gas and the tank temperature
stays essentially constant; the expansion will be nearly isothermal. An analysis
of gas expansion is given in Section 6.5.

The advantages and disadvantages of cold gas systems are described on
pages 303 and 304.

7.7. SAFETY AND ENVIRONMENTAL CONCERNS

To minimize the hazards and potential damage inherent in reactive propellant
materials, it is necessary to be very conscientious about the likely risks and
hazards (see Ref. 74). This concerns toxicity, explosiveness, fire or spill dan-
ger, and others mentioned in Section 7.1. Before an operator, assembler, main-
tenance mechanic, supervisor; or engineer is allowed to transfer or use a
particular propellant, he or she should receive safety training in the particular
propellant, its characteristics, its safe handling or transfer, potential damage to
equipment or the environment, and the countermeasures for limiting the con-
sequences in case of an accident. They must also understand the potential
hazards to the health of personnel, first aid, remedies in case of contact expo-
sure of the skin, ingestion, or inhaling, and the use of safety equipment.
Examples of safety equipment are protective clothing, detectors for toxic
vapors, remote controls, warning signals, or emergency water deluge. The
personnel working with or being close to highly toxic materials usually have
to undergo frequent health monitoring. Also rocket engines need to be
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designed for safety to minimize the occurrence of a leak, an accidental spill, an
unexpected fire, or other potentially unsafe conditions. Most organizations
have one or more safety specialists who review the safety of the test plans,
manufacturing operations, design, procedures, or safety equipment. With the
proper training, equipment, precautions, and design safety features, all propel-
lants can be handled safely.

If a safety violation occurs or if an operation, design, procedure, or practice
is found to be (or appears to be) unsafe, then a thorough investigation of the
particular item or issue should be undertaken, the cause of the lack of safety
should be investigated and identified, and an appropriate remedial action
should be selected and initiated as soon as possible.

The discharge of toxic exhaust gases to the environment and their dispersion
by the wind can cause exposure of operating personnel as well as the people in
nearby areas. This is discussed in Section 20.2. The dumping or spilling of toxic
ligquids can contaminate subterranean aquifers and surface waters, and their
vapors can pollute the air. Today the type and amount of gaseous and liquid
discharges are regulated and monitored by government authorities. These dis-
charges must be controlled or penalties will be assessed against violators.
Obtaining a permit to discharge can be a lengthy and involved procedure.

PROBLEMS

1. Plot the variation of the density specific impulse (product of average specific gravity
and specific impulse) with mixture ratio and explain the meaning of the curve. Use
the theoretical shifting specific impulse values of Figure 5-1 and the specific gravities
from Figure 7-1 or Table 7-1 for the liquid oxygen—RP-1 propellant combination.
Answers: Check point at r = 2.0; I, = 290; 1, = 303; §,, = 1.01.

2. Prepare a table comparing the relative merits of liquid oxygen and nitric acid as
rocket oxidizers.

3. Derive Eq. 7-1 for the average specific gravity.

4. A rocket engine uses liquid oxygen and RP-1 as propellants at a design mass mixture
ratio of 2.40. The pumps used in the feed system are basically constant-volume flow
devices. The RP-1 hydrocarbon fuel has a nominal temperature of 298 K and it can
vary at about £25°C. The liquid oxygen is nominally at its boiling point (90 K), but,
after the tank is pressurized, this temperature can increase by 30 K. What are the
extreme mixture ratios under unfavorable temperature conditions? If this engine has
a nominal mass flow rate of 100 kg/sec and a duration of 100 sec, what is the
maximum residual propellant mass when the other propellant is fully consumed?
Use the curve slopes of Fig. 7-1 to estimate changes in density. Assume that the
specific impulse is constant for the relatively small changes in mixture ratio, that
vapor pressure changes have no influence on the pump flow, and that the engine has
no automatic control for mixture ratio.
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5. The vehicle stage propelled by the rocket engine in Problem 4 has a design mass ratio
me/my of 0.50 (see Eq. 4-6). How much will the worst combined changes in propel-
lant temperatures effect the mass ratio and the ideal gravity-free vacuum velocity?

6. (a) What should be the approximate percent ullage volume for nitrogen tetroxide
tank when the vehicle is exposed to ambient temperatures between about 50°F
and about 150°F?

(b) What is maximum tank presure at 150°F.

(¢) What factors should be considered in part (b)?

Answers: (a) 15 to 17%; the variation is due to the nonuniform temperature distri-
bution in the tank; (b) 6 to 7 atm; (¢) vapor pressure, nitrogen monoxide
content in the oxidizer, chemical reactions with wall materials, or impu-
rities that result in largely insoluble gas products.

7. Aninsulated, long vertical, vented liquid oxygen tank has been sitting on the sea level
launch stand for a period of time. The surface of the liquid is at atmospheric pressure
and is 10.2 m above the closed outlet at the bottom of the tank. If there is no
circulation, what will be the temperature, pressure and density of the oxygen at
the tank outlet?

SYMBOLS

Iy density specific impulse, sec

I specific impulse, sec

k ratio of specific heat

¥ mixture ratio (mass flow rate of oxidizer to mass flow rate of

fuel)

Greek Letters

8.y average specific gravity of mixture
8 specific gravity of fuel

3, specific gravity of oxidizer

Pavs Prs Po densities, kg/m® (Ibm/ft})
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CHAPTER 8

THRUST CHAMBERS

The thrust chamber is the key subassembly of a rocket engine. Here the liquid
propellants are metered, injected, atomized, vaporized, mixed, and burned to
form hot reaction gas products, which in turn are accelerated and ejected at
high velocity (see Refs. 6-1 and 6-2). This chapter describes thrust chambers,
their components, cooling, ignition, and heat transfer. A rocket thrust chamber
assembly (Figs. 8-1 and 8-2) has an injector, a combustion chamber, a super-
sonic nozzle, and mounting provisions. All have to withstand the extreme heat of
combustion and the various forces, including the transmission of the thrust
force to the vehicle. There also is an ignition system if non-spontaneously
ignitable propellants are used. Some thrust chamber assemblies also have inte-
grally mounted propellant valves and sometimes a thrust vector control device,
as described in Chapter 16. Table 8-1 (see pages 272-273) gives various data
about five different thrust chambers with different kinds of propellants, cooling
methods, injectors, feed systems, thrust levels, or nozzle expansions. Some
engine parameters are also listed. Some of the terms used in this table will
be explained later in this chapter.

The basic analyses for thrust chamber performance (specific impulse, com-
bustion temperature) are given in Chapter 5, the basic design parameters
(thrust, flow, chamber pressure, or throat area) are in Chapter 3, and the
combustion phenomena in Chapter 9.

Although we use the word thrust chamber in this book (for rocket engines
generally larger than 1000 1bf thrust), some articles use the term thrust cylinder
or rocket combustor. We will also use the term thruster for small thrust units,
such as attitude control thrusters, and for electrical propulsion systems.

268
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FIGURE 8-1. Construction of a regeneratively cooled tubular thrust chamber using a
kerosene-type fuel and liquid oxygen, as originally used in the Thor missile. The nozzle
inside diameter is about 15 in. The sea-level thrust was originally 120,000 1bf, but was
uprated to 135,000, then 150,000, and finally to 165,000 1bf by increasing the flow and
chamber pressure and strengthening and modifying the hardware. The cone-shaped exit
cone was replaced by a bell-shaped nozzle. Figure 8-9 shows how the fuel flows down
through every other tube and returns through the adjacent tube before flowing into the
injector. Figure 84 shows the flow passages in a similar injector. (Courtesy of Rolls
Royce, England.)
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FIGURE 8-2. Simplified half-section of one of the two thrust chambers of the orbital maneuvering engines used on the Space Shuttle vehicle.
Each develops a vacuum thrust of 6000 1bf (26,689 N) and delivers a minimum vacuum specific impulse of 310 sec, using nitrogen tetroxide and
monomethyl hydrazine propellants at a nominal mixture ratio of 1.65 and a nominal chamber pressure of 128 psia. It is designed for 100 flight
missions, a service life of 10 years, and a minimum of 500 starts. These engines provide the thrust for final orbit attainment, orbit circulariza-
tion, orbit transfer, rendezvous, and deorbit maneuvers. The nozzle area ratio of 55:1. (Courtesy of Aerojet Propulsion Company.)
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8.1. INJECTORS

The functions of the injector are similar to those of a carburetor of an internal
combustion engine. The injector has to introduce and meter the flow of liquid
propellants to the combustion chamber, cause the liquids to be broken up into
small droplets (a process called atomization), and distribute and mix the pro-
pellants in such a manner that a correctly proportioned mixture of fuel and
oxidizer will result, with uniform propellant mass flow and composition over
the chamber cross section. This has been accomplished with different types of
injector designs and elements; several common types are shown in Fig. 8-3 and
complete injectors are shown in Figs. 9-6, 81, and 8-4.

The injection hole pattern on the face of the injector is closely related to the
internal manifolds or feed passages within the injector. These provide for the
distribution of the propellant from the injector inlet to all the injection holes. A
large complex manifold volume allows low passage velocities and good distri-
bution of flow over the cross section of the chamber. A small manifold volume
allows for a lighter weight injector and reduces the amount of “dribble” flow
after the main valves are shut. The higher passage velocities cause a more
uneven flow through different identical injection holes and thus a poorer dis-
tribution and wider local gas composition variation. Dribbling results in after-
burning, which is an inefficient irregular combustion that gives a little “cutoff”
thrust after valve closing. For applications with very accurate terminal vehicle
velocity requirements, the cutoff impulse has to be very small and reproducible
and often valves are built into the injector to minimize passage volume.

Impinging-stream-type, multiple-hole injectors are commonly used with
oxygen-hydrocarbon and storable propellants. For unlike doublet patterns
the propellants are injected through a number of separate small holes in
such a manner that the fuel and oxidizer streams impinge upon each other.
Impingement forms thin liquid fans and aids atomization of the liquids into
droplets, also aiding distribution. Characteristics of specific injector orifices are
given in Table 8-2 (see page 279). Impinging hole injectors are also used for
like-on-like or self-impinging patterns (fuel-on-fuel and oxidizer-on-oxidizer).
The two liquid streams then form a fan which breaks up into droplets.
Unlike doublets work best when the hole size (more exactly, the volume
flow) of the fuel is about equal to that of the oxidizer and the ignition delay
is long enough to allow the formation of fans. For uneven volume flow the
triplet pattern seems to be more effective.

The nonimpinging or shower head injector employs nonimpinging streams of
propellant usually emerging normal to the face of the injector. It relies on
turbulence and diffusion to achieve mixing. The German World War II V-2
rocket used this type of injector. This type is now not used, because it requires a
large chamber volume for good combustion. Sheet or spray-type injectors give
cylindrical, conical, or other types of spray sheets; these sprays generally inter-
sect and thereby promote mixing and atomization. By varying the width of the
sheet (through an axially moveable sleeve) it is possible to throttle the propel-
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TABLE 8-1. Thrust Chamber Characteristics

Engine Designation

RL 10B-2 LE-7 (Japan) RCS RS-27 AJ-10-1181
Application Delta-II1 and IV Booster stage for Attitude Delta II Space Delta 11 Second stage
upper stage H-II launcher control Launch booster
Manufacturer Pratt & Whitney, Mitsubishi Heavy Kaiser The Boeing Co., Aerojet Propulsion
United Technologies Industries Marquardt Rocketdyne Company
Corporation Company Propulsion &
Power
Thrust Chamber
Fuel Liquid H, Liquid H, MMH RP-1 (kerosene) 50% N,H4/50%
UDMH
Oxidizer Liquid O, Liquid O, N,O4 Liquid oxygen N,Oq4
Thrust chamber thrust (Ibf)
at sea level (ibf) No sea level firing 190,400 12 164,700 NA
in vacuum (1bf) 24,750 242,500 18 207,000 9850
Thrust chamber mixture ratio 5.88 6.0 2.0 2.35 1.90
Thrust chamber specific impulse
at sea level (sec) NA 349.9 200 257
in vacuum (sec) 462 445.6 290 294 320
Characteristic exhaust velocity, ¢* (ft/sec) 7578 5594.8 5180 5540 5606
Thrust chamber propellant flow (Ib/sec) 532 346.9 0.062 640 30.63
Injector end chamber pressure (psia) 640 — 70 576 125
Nozzle end stagnation pressure (psia) NA 1917 68 534
Thrust chamber sea level weight (1bf) <150 1560 7 730 137
Gimbal mount sea level weight (1bf) <10 57.3 NA 70 23
Chamber diameter (in.) — 15.75 1.09 21 11.7
Nozzle throat diameter (in.) 5.2 9.25 0.427 16.2 7.5
Nozzle exit diameter (in.) 88 68.28 3.018 45.8 60
Nozzle exit area ratio 285 54:1 50:1 8:1 65:1
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Chamber contraction area ratio e 2.87 6:1 1.67:1 2.54:1
Characteristic chamber length L* (in.) — 30.7 18 38.7 30.5
Thrust chamber overall length (in.) 90 14.8 11.0 86.15 18.7
Fuel jacket and manifold volume (ft*) — 35 — 25 -
Nozzle extension Carbon—carbon None None None None
Cumul. firing duration (sec) > 360" * * * > 150
Restart capability Yes No Yes No Yes

Cooling system Stainless steel Regenerative (fuel) Radiation Stainless steel tubes, Ablative layer
tubes, 14 passes cooled, stainless cooled, single pass, is partly consumed
regenerative cooled  steel tubes niobium regenerative cooling

Tube diameter/channel width (in.) NA 0.05 (channel) NA 0.45 Ablative material:

Silica phenolic

Number of tubes NA 288 0 292

Jacket pressure drop (psi) 253 540 NA 100 NA

Injector type Concentric annular ~ Hollow post/sleeve Drilled Flat plate, drilled Outer row: shower head;
swirl and resonator elements; baffle and holes rings and baffle triplets & doublets,
cavities acoustic cavities with dual tuned

resonator

Injector pressure drop—oxidizer (psi) 100 704 50 156 40

Injector pressure drop—fuel (psi) 54 154 50 140 40

Number of oxidizer injector orifices 216 452 (coaxial) 1 1145 1050

Number of fuel injector orifices 216 452 (coaxial) 1 1530 1230

Engine Characteristics

Feed system Turbopump with Turbopump Pressure Turbopump with Pressure
expander cycle fed tanks gas generator fed tanks

Engine thrust (at sea level) (lb) NA 190,400 12 165,000 NA

Engine thrust (altitude) (1b) 24,750 242,500 18 207,700 9850

Engine specific impulse at sea level NA 349.9 200 253 320

Engine specific impulse at altitude 462 445.6 290 288 320

Engine mixture ratio {oxidizer/fuel) 5.88 6.0 2.0 2.27 1.90

*limited only by available propellant.

Sources: Companies listed above and NASA.

The thrust for the thrust chamber is usually slightly less than the thrust of the engine for open cycles, such as a gas generator cycle; the thrust chamber specific
impulse is actually slightly higher (about 1%) than the engine specific impulse. For closed cycles such as the staged combustion cycle, the F and I, values of the
engine and thrust chamber are the same.
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FIGURE 8-3. Schematic diagrams of several injector types. The movable sleeve type
variable thrust injector is adapted from Ref. 8-1.

lant flow over a wide range without excessive reduction in injector pressure
drop. This type of variable area concentric tube injector was used on the
descent engine of the Lunar Excursion Module and throttled over a 10:1
range of flow with only a very small change in mixture ratio.

The coaxial hollow post injector has been used for liquid oxygen and gaseous
hydrogen injectors by most domestic and foreign rocket designers. It is shown in
the lower left of Fig. 8-3. It works well when the liquid hydrogen has absorbed
heat from cooling jackets and has been gasified. This gasified hydrogen flows at
high speed (typically 330 m/sec or 1000 ft/sec); the liquid oxygen flows far more
slowly (usually at less than 33 m/sec or 100 ft/sec) and the differential velocity
causes a shear action, which helps to break up the oxygen stream into small
droplets. The injector has a multiplicity of these coaxial posts on its face. This
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FIGURE 8-4. Injector with 90° self-impinging (fuel-against-fuel and oxidizer-against-
oxidizer)-type countersunk doublet injection pattern. Large holes are inlets to fuel
manifolds. Pre-drilled rings are brazed alternately over an annular fuel manifold or
groove and a similar adjacent oxidizer manifold or groove. A section through a similar
but larger injector is shown in Fig. 8-1.

type of injector is not used with liquid storable bipropellants, in part because the
pressure drop to achieve high velocity would become too high.

The SSME injector shown in Fig. 9-6 uses 600 of these concentric sleeve
injection elements; 75 of them have been lengthened beyond the injector face to
form cooled baffles, which reduce the incidence of combustion instability.

The original method of making injection holes was to carefully drill them and
round out or chamfer their inlets. This is still being done today. It is difficult to
align these holes accurately (for good impingement) and to avoid burrs and
surface irregularities. One method that avoids these problems and allows a large
number of small accurate injecton orifices is to use multiple etched, very thin
plates (often called platelets) that are then stacked and diffusion bonded
together to form a monolithic structure as shown in Fig. 8-5. The photo-etched
pattern on each of the individual plates or metal sheets then provides not only
for many small injection orifices at the injector face, but also for internal dis-
tribution or flow passages in the injector and sometimes also for a fine-mesh
filter inside the injector body. The platelets can be stacked parallel to or normal
to the injector face. The finished injector has been called the platelet injector and
has been patented by the Aerojet Propulsion Company.
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FIGURE 8-5. Simplified diagrams of two types of injector using a bonded platelet
construction technique: (a) injector for low thrust with four impinging unlike doublet
liquid streams; the individual plates are parallel to the injector face; (b) Like-on-like
impinging stream injector with 144 orifices; plates are perpendicular to the injector face.
(Courtesy of Aerojet Propulsion Company.)

Injector Flow Characteristics

The differences of the various injector configurations shown in Fig. 8-3 reflect
themselves in different hydraulic flow—pressure relationships, different starting
characteristics, atomization, resistance to self-induced vibrations, and combus-
tion efficiency.
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The hydraulic injector characteristics can be evaluated accurately and can be
designed for orifices with the desired injection pressures, injection velocities,
flows, and mixture ratio. For a given thrust F and a given effective exhaust
velocity ¢, the total propellant mass flow #1 is given by s = F/c from Eq. 2-6.
The relations between the mixture ratio, the oxidizer, and the fuel flow rates are
givenby Eqs. 6-1 to 6-4. For the flow of an incompressible fluid through
hydraulic orifices,

Q= Cy4y2Ap/p (8-1)
m= Qp = CyAd\/2pAp (8-2)

where Q is the volume flow rate, C,; the dimensionless discharge coefficient, p
the propellant mass density, A4 the cross-sectional area of the orifice, and Ap
the pressure drop. These relationships are general and can be applied to any
one section of the propellant feed system, to the injector, or to the overall liquid
flow system. A typical variation of injection orifice flow and pressure drop is
shown in Fig. 8-6. If the hole has a rounded entrance (top left sketch), it gives
the lowest pressure drop or the highest flow. Small differences in chamfers, hole
entry radius, or burrs at the edge of a hole can cause significant variations in
the discharge coefficient and the jet flow patterns, and these in turn can alter
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FIGURE 8-6. Hydraulic characteristics of four types of injection orifice.
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the quality and distribution of the atomized small droplets, the local mixture
ratio, and the local heat transfer rates. An improperly manufactured hole can
cause local chamber or injector burnout.

For any given pressure drops the injection orifices determine the mixture
ratio and the propellant flows of the rocket unit. From Egs. 6-1 and 8-2 the
mixture ratio is

r=m,/my = [(Cd)o/(Cd)f](Ao/Af)\/(po/pf)(Apo/Apf) (8-3)

The quantities in the preceding equations have to be chosen so that the correct
design mixture ratio is attained, even if the total flow is varied slightly. Orifices
whose discharge coefficients are constant over a large range of Reynolds num-
bers and whose ratio (Cy),/(C,), remains invariant should be selected. For a
given injector it is usually difficult to maintain the mixture ratio constant at low
flows or thrusts, such as in starting.

The quality of the injector is checked by performing cold tests with inert
simulant liquids instead of reactive propellant liquids. Often water is used to
confirm pressure drops through the fuel or oxidizer side at different flows and
this allows determination of the pressure drops with propellants and the dis-
charge coefficients. Nonmixable inert liquids are used with a special apparatus
to determine the local cold flow mixture ratio distribution over the chamber
cross section. The simulant liquid should be of approximately the same density
and viscosity as the actual propellant. All new injectors are hot fired and tested
with actual propellants.

The actual mixture ratio can be estimated from cold flow test data, the
measured hole areas, and discharge coefficients by correcting by the square
root of the density ratio of the simulant liquid and the propellant. When water
at the same pressure is fed alternately into both the fuel and the oxidizer sides,
Apr = Ap, and p; = p, and the water mixture ratio will be

r=U(Cao/(Ca)flAo/ Ay (8—4)

Therefore, the mixture ratio measured in water tests can be converted into the
actual propellant mixture ratio by multiplying it by the square root of the
density ratio of the propellant combination and the square root of the pressure
drop ratio. The mechanism of propellant atomization with simultaneous
vaporization, partial combustion, and mixing is difficult to analyze, and per-
formance of injectors has to be evaluated by experiment within a burning
rocket thrust chamber. The injection velocity is given by

v=0Q/4=Cy4y20p/p (8-5)

Values of discharge coefficients for various types of injection orifices are shown
in Table 8-2. The velocity is a maximum for a given injection pressure drop
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TABLE 8-2. Injector Discharge Coefficients

Diameter Discharge
Orifice Type Diagram (mm) Coefficient
Sharp-edged Y Above 2.5 0.61
orifice i | A — Below 2.5 0.65 approx.
—— =
Short-tube with Y 1.00 0.88
rounded entrance = — SVl 1.57 0.90
L/D > 3.0 —— 1.00
(with L/D ~ 1.0} 0.70
Short tube with f//_\ 0.50 0.7
conical entrance ‘_—__//\’;E—g 1.00 0.82
W% 1.57 0.76
2.54 0.84-0.80
3.18 0.84-0.78
Short tube with % 1.0-6.4 0.2-0.55
spiral effect
Sharp-edged Y 1.00 0.70-0.69
cone Zz—%::'ir——: 1.57 0.72

when the discharge coefficient equals 1. Smooth and well-rounded entrances to
the injection holes and clean bores give high values of the discharge coefficient
and this hole entry design is the most common.

When an oxidizer and a fuel jet impinge, the resultant momentum can be
calculated from the following relation, based on the principle of conservation
of momentum. Figure 8-7 illustrates a pair of impinging jets and defines y, as
the angle between the chamber axis and the oxidizer stream, y; as the angle
between the chamber axis and the fuel stream, and 8 as the angle between the
chamber axis and the average resultant stream. If the total momentum of the
two jets before and after impingement is equal,

myv, Siny, — myvysinyy

tang = (8-6)

My, COS Y, + Mgy COS Yy
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Good performance is often obtained when the resultant momentum of
impinging streams is approximately axial. If the resultant momentum is
along the chamber axis, § = 0, tan § = 0, and the angular relation for an axially
directed jet momentum is given by

My, Sin Y, = mvy sinyy (8-7)

From these equations the relation between yy, yp, and § can be determined. A
sample injector analysis is shown in Section 8.6.

Factors Influencing Injector Behavior

A complete theory relating injector design parameters to rocket performance
and combustion phenomena has not yet been devised, and therefore the
approach to the design and development of liquid propellant rocket injectors
has been largely empirical. Yet the available data indicate several important
factors that affect the performance and operating characteristics of injectors;
some of these are briefly enumerated here.

Propellant Combination. The particular combination of fuel and oxidizer
affects such characteristics as the relative chemical reactivity, the ease and
speed of vaporization, the ignition temperature, the diffusion of hot gases,
the volatility, or the surface tension. Hypergolic (self-igniting) propellants
generally require injector designs somewhat different from those required by
propellants that must be ignited. Injector designs that perform well with one
combination generally do not work too well with a different propellant
combination.

Injection Orifice Pattern and Orifice Size. With individual holes in the
injector plate, there appears to be an optimum performance and/or heat
transfer condition for each of the following parameters: orifice size, angle of
impingement, angle of resultant momentum, distance of the impingement
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locus from the injector face, number of injection orifices per unit of injector
face surface, flow per unit of injection orifice, and distribution of orifices
over the injector face. These parameters are largely determined
experimentally or from similar earlier successful injectors.

Transient Conditions. Starting and stopping may require special
provisions (temporary plugging of holes, accurate valve timing, insertion of
paper cups over holes to prevent entry of one propellant into the manifold
of the other propellant, or check valves) to permit satisfactory transient
operation.

Hydraulic Characteristics. The orifice type and the pressure drop across
the injection orifice determine the injection velocity. A low pressure drop is
desirable to minimize the weight of the feed system or the pumping power
and improve the overall rocket efficiency, yet high pressure drops are used
often to increase the rocket’s resistance to combustion instability and
enhance atomization of the liquids.

Heat Transfer. Injectors influence the performance and the heat transferred
in rocket thrust chambers. Low heat transfer rates have been obtained when
the injection pattern resulted in an intentionally rich mixture near the
chamber walls. In general, the higher performance injectors have a higher
heat-transfer rate to the walls of the combustion chamber, the nozzle, and
the injector face.

Structural Design. The injector is highly loaded by pressure forces from
the combustion chamber and the propellant manifolds. During transition
(starting or stopping) these pressure conditions can cause stresses which
sometimes exceed the steady-state operating conditions. The faces of many
modern injectors are flat and must be reinforced by suitable structures which
nevertheless provide no obstructions to the hydraulic manifold passages; the
structure must also be sufficiently flexible to allow thermal deformations
caused by heating the injector face with hot combustion gases or cooling by
cryogenic propellants. The injector design must also provide for positive
seals between fuel and oxidizer manifolds (an internal leak can cause
manifold explosions or internal fires) and a sealed attachment of the injector
to the chamber. In large, gimbal-mounted thrust chambers the injector also
often carries the main thrust load, and a gimbal mount is often directly
attached to the injector, a shown in Figs. 6-1 and 8-1.

Combustion Stability. The injection hole pattern, impingement pattern,
hole distribution, and pressure drop have a strong influence on combustion
stability; some types are much more resistant to pressure disturbances. As
explained in Section 9-3, the resistance to vibration is determined
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experimentally, and often special antivibration devices, such as baffles or
resonance cavities, are designed directly into the injector.

8.2. COMBUSTION CHAMBER AND NOZZLE

The combustion chamber is that part of a thrust chamber where the combus-
tion or burning of the propellant takes place. The combustion temperature is
much higher than the melting points of most chamber wall materials.
Therefore it is necessary either to cool these walls (as described in a later
section of this chapter) or to stop rocket operation before the critical wall
areas become too hot. If the heat transfer is too high and thus the wall
temperatures become locally too high, the thrust chamber will fail. Heat
transfer to thrust chambers will be described later in this chapter. Section
8.6 gives a sample analysis of a thrust chamber and Ref. 8-2 describes the
design and development of one.

Volume and Shape

Spherical chambers give the least internal surface area and mass per unit
chamber volume; they are expensive to build and several have been tried.
Today we prefer a cylindrical chamber (or slightly tapered cone frustum)
with a flat injector and a converging—diverging nozzle. The chamber volume
is defined as the volume up to the nozzle throat section and it includes the
cylindrical chamber and the converging cone frustum of the nozzle. Neglecting
the effect of the corner radii, the chamber volume V, is

Ve=AL i+ A L(1+A/JA + A4,/A4)) (3-8)

Here L is the cylinder length, 4,/4, is the chamber contraction ratio, and L, is
the length of the conical frustum. The approximate surfaces exposed to heat
transfer from hot gas comprise the injector face, the inner surface of the cylin-
der chamber, and the inner surface of the converging cone frustrum. The
volume and shape are selected after evaluating these parameters:

1. The volume has to be large enough for adequate mixing, evaporation, and
complete combustion of propellants. Chamber volumes vary for different
propellants with the time delay necessary to vaporize and activate the
propellants and with the speed of reaction of the propellant combination.
When the chamber volume is too small, combustion is incomplete and
the performance is poor. With higher chamber pressures or with highly
reactive propellants, and with injectors that give improved mixing, a
smaller chamber volume is usually permissible.

2. The chamber diameter and volume can influence the cooling require-
ments. If the chamber volume and the chamber diameter are large, the
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heat transfer rates to the walls will be reduced, the area exposed to heat
will be large, and the walls are somewhat thicker. Conversely, if the
volume and cross section are small, the inner wall surface area and the
inert mass will be smaller, but the chamber gas velocities and the heat
transfer rates will be increased. There is an optimum chamber volume
and diameter where the total heat absorbed by the walls will be a mini-
mum. This is important when the available cooling capacity of the cool-
ant is limited (for example oxygen—hydrocarbon at high mixture ratios)
or if the maximum permissive coolant temperature has to be limited (for
safety reasons with hydrazine cooling). The total heat transfer can also be
further reduced by going to a rich mixture ratio or by adding film cooling
(discussed below).

3. All inert components should have minimum mass. The thrust chamber
mass is a function of the chamber dimensions, chamber pressure, and
nozzle area ratio, and the method of cooling.

4. Manufacturing considerations favor a simple chamber geometry, such as
a cylinder with a double cone bow-tie-shaped nozzle, low cost materials,
and simple fabrication processes.

5. In some applications the lengrh of the chamber and the nozzle relate
directly to the overall length of the vehicle. A large-diameter but short
chamber can allow a somewhat shorter vehicle with a lower structural
inert vehicle mass.

6. The gas pressure drop for accelerating the combustion products within
the chamber should be a minimum; any pressure reduction at the nozzle
inlet reduces the exhaust velocity and the performance of the vehicle.
These losses become appreciable when the chamber area is less than
three times the throat area.

7. For the same thrust the combustion volume and the nozzle throat area
become smaller as the operating chamber pressure is increased. This
means that the chamber length and the nozzle length (for the same
area ratio) also decrease with increasing chamber pressure. The perfor-
mance also goes up with chamber pressure.

The preceding chamber considerations conflict with each other. It is, for
instance, impossible to have a large chamber that gives complete combustion
but has a low mass. Depending on the application, a compromise solution that
will satisfy the majority of these considerations is therefore usually selected and
verified by experiment.

The characteristic chamber length is defined as the length that a chamber of
the same volume would have if it were a straight tube and had no converging
nozzle section.

L* = V,/A, (8-9)
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where L* (pronounced el star) is the characteristic chamber length, 4, is the
nozzle throat area, and V, is the chamber volume. The chamber includes all the
volume up to the throat area. Typical values for L* are between 0.8 and 3.0
meters (2.6 to 10 ft) for several bipropellants and higher for some monopro-
pellants. Because this parameter does not consider any variables except the
throat area, it is useful only for a particular propellant combination and a
narrow range of mixture ratio and chamber pressure. The parameter L* was
used about 40 years ago, but today the chamber volume and shape are chosen
by using data from successful thrust chambers of prior similar designs and
identical propellants.

The stay time t; of the propellant gases is the average value of the time spent
by each molecule or atom within the chamber volume. It is defined by

= V /() o (3-10)

where m is the propellant mass flow, V, is the average specific volume or
volume per unit mass of propellant gases in the chamber, and V, is the chamber
volume. The minimum stay time at which a good performance is attained
defines the chamber volume that gives essentially complete combustion. The
stay time varies for different propellants and has to be experimentally deter-
mined. It includes the time necessary for vaporization, activation, and com-
plete burning of the propellant. Stay times have values of 0.001 to 0.040 sec for
different types of thrust chambers and propellants.

The nozzle dimensions and configuration can be determined from the ana-
lyses presented in Chapter 3. The converging section of the supersonic nozzle
experiences a much higher internal gas pressure than the diverging section and
therefore the design of the converging wall is similar to the design of the
cylindrical chamber wall. Most thrust chambers use a shortened bell shape
for the diverging nozzle section. Nozzles with area ratios up to 400 have
been developed.

In Chapter 3 it was stated that very large nozzle exit area ratios allow a small
but significant improvement in specific impulse, particularly at very high alti-
tudes; however, the extra length and extra vehicle mass necessary to house a
large nozzle make this unattractive. This disadvantage can be mitigated by a
multipiece nozzle, that is stored in annular pieces around the engine during the
ascent of the launch vehicle and automatically assembled in space after launch
vehicle separation and before firing. This concept, known as extendible nozzle
cone, has been successfully employed in solid propellant rocket motors for
space applications for about 20 years. The first flight with an extendible nozzle
on a liquid propellant engine was performed in 1998 with a modified version of
a Pratt & Whitney upper stage engine. Its flight performance is listed in Table
8-1. The engine is shown later in Fig. 8-19 and its carbon—carbon extendible
nozzle cone is described in the section on Materials and Fabrication.
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Heat Transfer Distribution

Heat is transmitted to all internal hardware surfaces exposed to hot gases,
namely the injector face, the chamber and nozzle walls. The heat transfer
rate or heat transfer intensity, that is, local wall temperatures and heat transfer
per unit wall area, varies within the rocket. A typical heat transfer rate dis-
tribution is shown in Fig. 8-8. Only % to 5% of the total energy generated in the
gas is transferred as heat to the chamber walls. For a typical rocket of 44,820 N
or 10,000 Ibf thrust the heat rejection rate to the wall may be between 0.75 and
3.5 MW, depending on the exact conditions and design. See Section 8.3.

The amount of heat transferred by conduction from the chamber gas to the
walls in a rocket thrust chamber is negligible. By far the largest part of the heat
is transferred by means of convection. A part (usually 5 to 35%) of the trans-
ferred heat is attributable to radiation.

For constant chamber pressure, the chamber wall surface increases less
rapidly than the volume as the thrust level is raised. Thus the cooling of
chambers is generally easier in large thrust sizes, and the capacity of the wall
material or the coolant to absorb all the heat rejected by the hot gas is generally
more critical in smaller sizes, because of the volume-surface relationship.

Higher chamber pressure leads to higher vehicle performance (higher I,), but
also to higher engine inert mass. However, the resulting increase of heat transfer
with chamber pressure often imposes design or material limits on the maximum
practical chamber pressure for both liquid and solid propellant rockets.

The heat transfer intensity in chemical rocket propulsion can vary from less
than 50 W/cm2 or 0.3 Btu/in.z-sec to over 16 kW/cm2 or 100 Btu/in.z-sec. The
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FIGURE 8-8. Typical axial heat transfer rate distribution for liquid propellant thrust
chambers and solid propellant rocket motors. The peak is always at the nozzle throat
and the lowest value is usually near the nozzle exit.
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high values are for the nozzle throat region of large bipropellant thrust cham-
bers and high-pressure solid rocket motors. The lower values are for gas gen-
erators, nozzle exit sections, or small thrust chambers at low chamber
pressures.

Cooling of Thrust Chambers

The primary objective of cooling is to prevent the chamber and nozzle walls
from becoming too hot, so they will no longer be able to withstand the imposed
loads or stresses, thus causing the chamber or nozzle to fail. Most wall materi-
als lose strength and become weaker as temperature is increased. These loads
and stresses are discussed in the next section. With further heating, the walls
would ultimately fail or even melt. Cooling thus reduces the wall temperatures
to an acceptable value.

Basically, there are two cooling methods in common use today. The first is
the steady state method. The heat transfer rate and the temperatures of the
chambers reach thermal equilibrium. This includes regenerative cooling and
radiation cooling. The duration is limited only by the available supply of pro-
pellant.

Regenerative cooling is done by building a cooling jacket around the thrust
chamber and circulating one of the liquid propellants (usually the fuel) through
it before it is fed to the injector. This cooling technique is used primarily with
bipropellant chambers of medium to large thrust. It has been effective in
applications with high chamber pressure and high heat transfer rates. Also,
most injectors use regenerative cooling.

In radiation cooling the chamber and/or nozzle have only a single wall made
of high temperature material. When it reaches thermal equilibrium, this wall
usually glows red or white hot and radiates heat away to the surroundings or to
empty space. Radiation cooling is used with monopropellant thrust chambers,
bipropellant and monopropellant gas generators, and for diverging nozzle
exhaust sections beyond an area ratio of about 6 to 10 (see Fig. 8-2). A few
small bipropellant thrusters are also radiation cooled. This cooling scheme has
worked well with lower chamber pressures (less than 250 psi) and moderate
heat transfer rates.

The second cooling method relies on transient heat transfer or unsteady heat
transfer. It is also called heat sink cooling. The thrust chamber does not reach a
thermal equilibrium, and temperatures continue to increase with operating
duration. The heat absorbing capacity of the hardware determines its max-
imum duration. The rocket combustion operation has to be stopped just before
any of the exposed walls reaches a critical temperature at which it could fail.
This method has mostly been used with low chamber pressures and low heat
transfer rates. Heat sink cooling of thrust chambers can be done by absorbing
heat in an inner liner made of an ablative material, such as fiber-reinforced
plastics. Ablative materials are used extensively in solid propellant rocket
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motors and will be discussed further in Chapters 11 and 14. The analysis of
both of these cooling methods is given in the next section of this chapter.

Film cooling and special insulation are supplementary techniques that are
used occasionally with both methods to locally augment their cooling capabil-
ity. All these cooling methods will be described further in this chapter.

Cooling also helps to reduce the oxidation of the wall material and the rate
at which walls would be eaten away. The rates of chemical oxidizing reactions
between the hot gas and the wall material can increase dramatically with wall
temperature. This oxidation problem can be minimized not only by limiting the
wall temperature, but also by burning the liquid propellants at a mixture ratio
where the percentage of aggressive gases in the hot gas (such as oxygen or
hydroxyl) is very small, and by coating certain wall materials with an oxida-
tion-resistant coating; for example iridium has been coated on the inside of
rhenium walls.

Cooling with Steady-State Heat Transfer. Cooled thrust chambers have
provisions for cooling some or all metal parts coming into contact with hot
gases, such as chamber walls, nozzle walls, and injector faces. Internal
cooling passages, cooling jackets, or cooling coils permit the circulation of a
coolant. Jackets can consist of separate inner and outer walls or of an
assembly of contoured, adjacent tubes (see Figs. 81 and 8-9). The inner
wall confines the gases, and the spaces between the walls serves as the
coolant passage. The nozzle throat region is usually the location that has the
highest heat-transfer intensity and is therefore the most difficult to cool. For
this reason the cooling jacket is often designed so that the coolant velocity is
highest at the critical regions by restricting the coolant passage cross section,
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FIGURE 8-9. Diagram of a tubular cooling jacket. The tubes are bent to the chamber
and nozzle contours; they are formed hydraulically to give a variable cross section to
permit the same number of tubes at the throat and exit diameters. Coolant enters
through the inlet manifold into every other tube and proceeds axially to the nozzle
exit manifold, where it then enters the alternate tubes and returns axially to go directly
to the injector.
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and so that the fresh cold coolant enters the jacket at or near the nozzle.
While the selection of the coolant velocity and its variation along the wall
for any given thrust chamber design depends on heat-transfer considerations,
the selection of the coolant passage geometry often depends on pressure loss,
stresses, and manufacturing considerations. An axial flow cooling jacket, or a
tubular wall, has a low hydraulic friction loss but is practical only for large
coolant flows (above approximately 9 kg/sec). For small coolant flows and
small thrust units, the design tolerances of the cooling jacket width between
the inner and outer walls or the diameters of the tubes, become too small, or
the tolerances become prohibitive. Therefore, most small thrust chambers
use radiation cooling or ablative materials.

In regenerative cooling the heat absorbed by the coolant is not wasted; it
augments the initial energy content of the propellant prior to injection, increas-
ing the exhaust velocity slightly (0.1 to 1.5%). This method is called regenera-
tive cooling because of the similarity to steam regenerators. The design of the
tubular chamber and nozzle combines the advantages of a thin wall (good for
reducing thermal stresses and high wall temperatures) and a cool, lightweight
structure. Tubes are formed to special shapes and contours (see Figs. 8-1 and
8-9), usually by hydraulic means, and then brazed, welded, or soldered
together (see Ref. 8-3). In order to take the gas pressure loads in hoop tension,
they are reinforced on the outside by high-strength bands or wires. While Fig.
8-9 shows alternate tubes for up and down flow, there are chambers where the
fuel inlet manifold is downstream of the nozzle throat area and where the
coolant flow is up and down in the nozzle exit region, but unidirectionally
up in the throat and chamber regions.

Radiation cooling is another steady-state method of cooling. It is simple and
is used extensively in the low heat transfer applications listed previously.
Further discussion of radiation cooling is given in the Materials and
Fabrication subsection. In order for heat to be radiated into space, it is usually
necessary for the bare nozzle and chamber to stick out of the vehicle. Figure
8-18 shows a radiation-cooled thrust chamber. Since the white hot glowing
radiation-cooled chambers and/or nozzles are potent radiators, they may cause
undesirable heating of adjacent vehicle or engine components. Therefore, many
have insulation (see Fig. 8-15) or simple external radiation shields to minimize
these thermal effects; however, in these cases the actual chamber or nozzle wall
temperatures are higher than they would be without the insulation or shielding.

Cooling with Transient Heat Transfer. Thrust chambers with unsteady
heat transfer are basically of two types. One is a simple metal chamber (steel,
copper, stainless steel, etc.) made with walls sufficiently thick to absorb
plenty of heat energy. For short-duration testing of injectors, testing of new
propellants, rating combustion stability, and very-short-duration rocket-
propelled missiles, such as an antitank weapon, a heavy-walled simple, short-
duration steel chamber is often used. The common method of ablative
cooling or heat sink cooling uses a combination of endothermic reactions
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(breakdown or distillation of matrix material into smaller compounds and
gases), pyrolysis of organic materials, counter-current heat flow and coolant
gas mass flow, charring and localized melting. An ablative material usually
consists of a series of strong, oriented fibers (such as glass, Kevlar, or
carbon fibers) engulfed by a matrix of an organic material (such as plastics,
epoxy resins or phenolic resins). As shown in Fig. 14-11, the gases seep out
of the matrix and form a protective film cooling layer on the inner wall
surfaces. The fibers and the residues of the matrix form a hard char or
porous coke-like material that preserves the wall contour shapes.

The orientation, number and type of fiber determine the ability of the com-
posite ablative material to withstand significant stresses in preferred directions.
For example, internal pressure produces longitudinal as well as hoop stresses in
the thrust chamber walls and thermal stresses produce compression on the
inside of the walls and tensile stresses on the outside. We have learned how
to place the fibers in two or three directions, which makes them anisotropic.
We then speak of 2-D and 3-D fiber orientation.

A set of strong carbon fibers in a matrix of amorphous carbon is a special,
but favorite type of material. It is often abbreviated as C-C or carbon—carbon.
The carbon materials lose their ability to carry loads at about 3700 K or 6200
F. Because carbon oxidizes readily to form CO or CO,, its best applications are
with fuel-rich propellant mixtures that have little or no free oxygen or hydroxyt
in their exhaust. It is used for nozzle throat inserts. Properties for one type of
C—C are given in Table 14-5.

Ablative cooling was first used and is still used extensively with solid pro-
pellant rocket motors. It has since been successfully applied to liquid propel-
lant thrust chambers, particularly at low chamber pressure, short duration
(including several short-duration firings over a long total time period) and
also in nozzle extensions for both large and small thrust chambers, where
the static gas temperatures are relatively low. It is not usually effective for
cooling if the chamber pressures are high, the exhaust gases contain oxidative
species, or the firing durations are long.

Repeatedly starting and stopping (also known as pulsing) presents a more
severe thermal condition for ablative materials than operating for the same
cumulative firing time but without interruption. Figure 8-10 shows that for
small pulsing rockets, which fire only 4 to 15% of the time, the consumption or
pyrolysis of the ablative liner is a maximum. This curve varies and depends on
the specific duty cycle of firings, the design, the materials, and the pauses
between the firings. The duty cycle for a pulsing thruster was defined in
Chapter 6 as the average percent of burning or operating time divided by
the total elapsed time. Between pulsed firings there is a heat soak back from
the hot parts of the thruster to the cooler outer parts (causing them to become
softer) and also a heat loss by radiation to the surroundings. At a duty cycle
below 3%, there is sufficient time between firings for cooling by radiation. At
long burning times (above 50%) the ablative material’s hot layers act as
insulators and prevent the stress-bearing portions from becoming too hot.
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FIGURE 8-10. Relative depth of pyrolysis of ablative material with different duty
cycles using many short-duration thrust pulses for a small liquid propellant reaction
control thrust chamber of 20 Ibf thrust.

Depending on the design, the thrusters with duty cycles between 4 and 25%
have the most severe thermal loading.

It is often advantageous to use a different cooling method for the down-
stream part of the diverging nozzle section, because its heat transfer rate per
unit area is usually much lower than in the chamber or the converging nozzle
section, particularly with nozzles of large area ratio. There is usually a small
saving in inert engine mass, a small increase in performance, and a cost saving,
if the chamber and the converging nozzle section and the throat region (up to
an area ratio of perhaps 5 to 10) use regenerative cooling and the remainder of
the nozzle exit section is radiation cooled (or sometimes ablative cooled). See
Fig. 8-2 and Ref. 84.

Film Cooling

This is an auxiliary method applied to chambers and/or nozzles, augmenting
either a marginal steady-state or a transient cooling method. It can be applied
to a complete thrust chamber or just to the nozzle, where heat transfer is the
highest. Film cooling is a method of cooling whereby a relatively cool thin fluid
film covers and protects exposed wall surfaces from excessive heat transfer. Fig.
8-11 shows film-cooled chambers. The film is introduced by injecting small
quantities of fuel or an inet fluid at very low velocity through a large number of
orifices along the exposed surfaces in such a manner that a protective relatively
cool gas film is formed. A coolant with a high heat of vaporization and a high
boiling point is particularly desirable. In liquid propellant rocket engines extra
fuel can also be admitted through extra injection holes at the outer layers of the
injector; thus a propellant mixture is achieved (at the periphery of the cham-
ber), which has a much lower combustion temperature. This differs from film
cooling or transpiration cooling because there does not have to be a chamber
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cooling jacket or film-cooling manifolds. In solid propellant rocket engines this
can be accomplished by inserting a ring of cool-burning propellant upstream of
the nozzle, as shown in Fig. 8-11 or by wall insulation materials, whose abla-
tion and charring will release relatively cool gases into the boundary layer.

Turbine discharge gas (700 to 1100°C) has also been used as a film coolant
for uncooled nozzle exit sections of large liquid propellant rocket engines. Of
course, the ejection of an annular gas layer at the periphery of the nozzle exit,
at a temperature lower than the maximum possible value, causes a decrease in a
specific impulse. Therefore, it is desirable to reduce both the thickness of this
cooler layer and the mass flow of cooler gas, relative to the total flow, to a
practical minimum value.

A special type of film cooling, sweat cooling or transpiration cooling, uses a
porous wall material which admits a coolant through pores uniformly over the
surface. This technique has been successfully used to cool injector faces in the
upper stage engine (J-2) of the moon launch vehicle and the Space Shuttle main
engine (SSME) with hydrogen fuel.

Thermal Insulation

Theoretically, a good thermal insulation layer on the gas side of the chamber
wall can be very effective in reducing chamber wall heat transfer and wall
temperatures. However, efforts with good insulation materials such as refrac-
tory oxides or ceramic carbides have not been successful. They will not with-
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stand differential thermal expansion without cracking or spalling. A sharp edge
on the surface (crack or flaked-off piece of insulator) will cause a sudden rise in
the stagnation temperature and most likely lead to a local failure. Asbestos is a
good insulator and was used several decades ago; because it is a cancer causing
agent, it is no longer used. Coating development efforts with rhenium and
other materials are continuing.

Insulation or heat shields have been successfully applied on the exterior of
radiation-cooled thrust chambers to reduce the heat transfer to adjacent sensi-
tive equipment or structures. With hydrocarbon fuels it is possible to form
small carbon particles or soot in the hot gas and that can lead to a carbon
deposit on the gas side of the chamber or nozzle walls. If it is a thin, mildly
adhesive soot, it can be an insulator, but it is difficult to reproduce such a
coating. More likely it forms hard, caked deposits, which can be spalled off in
localized flakes and form sharp edges, and then it is undesirable. Most
designers have preferred instead to use film cooling or extra high coolant
velocities in the cooling jacket with injectors that do not create adhesive soot.

Hydraulic Losses in the Cooling Passage

The cooling coil or cooling jacket should be designed so that the fluid adsorbs
all the heat transferred across the inner motor wall, and so that the coolant
pressure drop will be small.

A higher pressure drop allows a higher coolant velocity in the cooling jacket,
will do a better job of cooling, but requires a heavier feed system, which
increases the engine mass slightly and thus also the total inert vehicle mass.
For many liquid propellant rockets the coolant velocity in the chamber is
approximately 3 to 10 m/sec or 10 to 33 ft/sec and, at the nozzle throat, 6 to
24 m/sec or 20 to 80 ft/sec.

A cooling passage can be considered to be a hydraulic pipe, and the friction
loss can be calculated accordingly. For a straight pipe,

Ap/p =1f*(L/D) (8-11)

where Ap is the friction pressure loss, p the coolant mass density, L the length
of coolant passage, D the equivalent diameter, v the average velocity in the
cooling passage, and f the friction loss coefficient. In English engineeering
units the right side of the equation has to be divided by gy, the sea-level
acceleration of gravity (32.2 ft/sec®). The friction loss coefficient is a function
of Reynolds number and has values betwen 0.02 and 0.05. A typical pressure
loss of a cooling jacket is between 5 and 25% of the chamber pressure.

A large portion of the pressure drop in a cooling jacket usually occurs in
those locations where the flow direction or the flow-passage cross section is
changed. Here the sudden expansion or contraction causes a loss, sometimes
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larger than the velocity head v*/2. This hydraulic situation exists in inlet and
outlet chamber manifolds, injector passages, valves, and expansion joints.

The pressure loss in the cooling passages of a thrust chamber can be calcu-
lated, but more often it is measured. This pressure loss is usually determined in
cold flow tests (with an inert fluid instead of the propellant and without com-
bustion), and then the measured value is corrected for the actual propellant
(different physical properties) and the hot firing conditions; a higher tempera-
ture will change propellant densities or viscosities and in some designs it
changes the cross section of cooling flow passages.

Chamber Wall Loads and Stresses

The analysis of loads and stresses is performed on all propulsion components
during their engineering design. Its purpose is to assure the propulsion designer
and the flight vehicle user that (1) the components are strong enough to carry
all the loads, so that they can fulfill their intended function; (2) potential fail-
ures have been identified, together with the possible remedies or redesigns; and
(3) their masses have been reduced to a practical minimum. In this section we
concentrate on the loads and stresses in the walls of thrust chambers, where
high heat fluxes and large thermal stresses complicate the stress analysis. Some
of the information on safety factors and stress analysis apply also to all pro-
pulsion systems, including solid propellant motors and electric propulsion.

The safety factors (really margins for ignorance) are very small in rocket
propulsion when compared to commercial machinery, where these factors can
be 2 to 6 times larger. Several load conditions are considered for each rocket
component; they are:

1. Maximum expected working load is the largest likely operating load under
all likely operating conditions or transients. Examples are operating at a
slightly higher chamber pressure than nominal as set by tolerances in
design or fabrication (an example is the tolerance in setting the tank

pressure regulator) or the likely transient overpressure from ignition
shock.

2. The design limit load is typically 1.20 times the maximum expected work-
ing load, to provide a margin. If the variation in material composition,
material properties, the uncertainties in the method of stress analysis, or
predicted loads are significant, a larger factor may be selected.

3. The damaging load can be based on the yield load or the ultimate load or
the endurance limit load, whichever gives the lowest value. The yield load
causes a permanent set or deformation, and it is typically set as 1.10 times
the design limit load. The endurance limit may be set by fatigue or creep
considerations (such as in pulsing). The ultimate load induces a stress
equal to the ultimate strength of the material, where significant elonga-
tion and area reduction can lead to failure. Typically it is set as 1.50 times
the design limit load.
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4. The proof test load is applied to engines or their components during
development and manufacturing inspection. It is often equal to the
design limit load, provided this load condition can be simulated in a
laboratory. Thrust chambers and other components, whose high thermal
stresses are difficult to simulate, use actual hot firing tests to obtain this
proof, often with loads that approach the design limit load (for example,
higher than nominal chamber pressure or a mixture ratio that results in
hotter gas).

The walls of all thrust chambers are subjected to radial and axial loads from
the chamber pressure, flight accelerations (axial and transverse), vibration, and
thermal stresses. They also have to withstand a momentary ignition pressure
surge or shock, often due to excessive propellant accumulation in the chamber.
This surge can exceed the nominal chamber pressure. In addition, the chamber
walls have to transmit thrust loads as well as forces and in some applications
also moments, imposed by thrust vector control devices described in Chapter
16. Walls also have to survive a “thermal shock™, namely, the initial thermal
stresses at rapid starting. When walls are cold or at ambient temperature, they
experience higher gas heating rates than after the walls have been heated. These
loads are different for almost every design, and each unit has to be considered
individually in determining the wall strengths.

A heat transfer analysis is usually done only for the most critical wall
regions, such as at and near the nozzle throat, at a critical location in the
chamber, and sometimes at the nozzle exit. The thermal stresses induced by
the temperature difference across the wall are often the most severe stresses and
a change in heat transfer or wall temperature distribution will affect the stresses
in the wall. Specific failure criteria (wall temperature limit, reaching yield stress,
or maximum coolant temperature, etc.) have to be established for these
analyses.

The temperature differential introduces a compressive stress on the inside
and a tensile stress on the outside of the inner wall; the stress s can be calcu-
lated for simple cylindrical chamber walls that are thin in relation to their
radius as

s=2LE AT/(1 — v) (8-12)

where X is the coefficient of thermal expansion of the wall material, E the
modulus of elasticity of the wall material, AT the temperature drop across
the wall, and v the Poisson ratio of the wall material. Temperature stresses
frequently exceed the yield point. The materials experience a change in the yield
strength and the modulus of elasticity with temperature. The preceding equa-
tion is applicable only to elastic deformations. This yielding of rocket thrust
chamber wall materials can be observed by the small and gradual contraction
of the throat diameter after each operation (perhaps 0.05% reduction in throat
diameter after each firing) and the formation of progressive cracks of the inside
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wall surface of the chamber and throat after successive runs. These phenomena
limit the useful life and number of starts or temperature cycles of a thrust
chamber (see Refs. 8-5 and 8-6).

In selecting a working stress for the wall material of a thrust chamber, the
variation of strength with temperature and the temperature stresses over the
wall thickness have to be considered. The temperature drop across the inner
wall is typically between 50 and 550 K, and an average temperature is some-
times used for estimating the material properties. The most severe thermal
stresses can occur during the start, when the hot gases cause thermal shock
to the hardware. These transient thermal gradients cause severe thermal strain
and local yielding.

A picture of a typical stress distribution caused by pressure loads and ther-
mal gradients is shown in Fig. 8-12. Here the inner wall is subjected to a
compressive pressure differential caused by a high liquid pressure in the cooling
jacket and a relatively large temperature gradient. In a large rocket chamber,
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FIGURE 8-12. Typical stresses in a thrust chamber inner wall.
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such as is used in the Redstone missile, the wall thickness of the nozzle steel
way may be 7 mm and the temperature differential across it may readily exceed
several hundred degrees. This temperature gradient causes the hot inner wall
surface to expand more than the wall surface on the coolant side and imposes a
high compressive thermal stress on the inside surface and a high tensile thermal
stress on the coolant side. In these thick walls the stress induced by the pressure
load is usually small compared to the thermal stress. The resultant stress dis-
tribution in thick inner walls (shown shaded in the sample stress diagram of
Fig. 8-12) indicates that the stress in the third of the wall adjacent to the hot
gases has exceeded the yield point. Because the modulus of elasticity and the
yield point diminish with temperature, the stress distribution is not linear over
the yielded portion of the wall. In effect, this inner portion acts as a heat shield
for the outer portion which carries the load.

Because of the differential expansion between the hot inner shell and the
relatively cold outer shell, it is necessary to provide for axial expansion joints
to prevent severe temperature stresses. This is particularly critical in larger
double-walled thrust chambers. The German V-2 thrust chamber expanded
over 5 mm in an axial and 4 mm in a radial direction.

Tubes for tubular wall thrust chambers are subjected to several different
stress conditions. Only that portion of an individual cooling tube exposed to
hot chamber gases experiences high thermal stresses and deformation as shown
in Fig. 8-17. The tubes have to hold the internal coolant pressure, absorb the
thermal stresses, and contain the gas pressure in the chamber. The hottest
temperature occurs in the center of the outer surface of that portion of each
tube exposed to hot gas. The thermal stresses are relatively low, since the
temperature gradient is small; copper has a high conductivity and the walls
are relatively thin (0.5 to 2 mm). The coolant pressure-induced load on the
tubes is relatively high, particularly if the thrust chamber operates at high
chamber pressure. The internal coolant pressure tends to separate the tubes.
The gas pressure loads in the chamber are usually taken by reinforcing bands
which are put over the outside of the tubular jacket assembly (see Fig. 8-1 and
8-9). The joints between the tubes have to be gas tight and this can be accom-
plished by soldering, welding, or brazing.

When a high-area-ratio nozzle is operated at high ambient pressure, the
lower part of the nozzle structure experiences a compression because the pres-
sure in the nozzle near the exit is actually below atmospheric value. Therefore,
high-area-ratio nozzles usually have stiffening rings on the outside of the nozzle
near the exit to maintain a circular shape and thus prevent buckling, flutter, or
thrust misalignment.

Aerospike Thrust Chamber

A separate category comprises thrust chambers using a center body, such as a
plug nozzle or aerospike nozzle. They have more surface to cool than ordinary
thrust chambers. A circular aerospike thruster is described in Chapter 3 and
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shown schematically in Fig. 3-12. Here the diameter of the exhaust flow plume
increases with altitude. A linear version of a truncated (shortened) aerospike
thrust chamber is currently being developed with liquid oxygen and liquid
hydrogen as the propellants; see Refs. 8-7 and 8-8. An experimental engine;
assembly (XRS-2200) with 20 cells and two hydrogen-cooled, two-dimensional,
curved ramps is shown in Figs 8-13 and 8-14. Each individual small (regen-
eratively cooled) thrust chamber or cell has its own cylindrical combustion
chamber, a circular small nozzle throat, but a rectangular nozzle exit of low
area ratio. The gas from these 20 rectangular nozzle exits is further expanded
(and thus reaches a higher exhaust velocity) along the contour of the spike or
ramp. The two fuel-cooled side panels are not shown in these figures. The flat
surface at the bottom or base is porous or full of small holes and a low-pressure
gas flows through these openings. This causes a back pressure on the flat base
surface. This flow can be the exhaust gas from the turbopumps and is typically
1 or 2% of the total flow. The gas region below this base is enclosed by the two
gas flows from the ramps and the two side plates and is essentially independent
of ambient pressure or altitude. Two of the XRS-2200 engine drive the X-33
wing shaped vehicle aimed at investigating a single stage to orbit concept.
The thrust F of this aerospike thrust chamber consists of (1) the axial
component thrusts of each of the little chamber modules, (2) the integral of
the pressures acting on the ramps over the axially projected area 4, normal to
the axis of the ramps, and (3) the pressure acting over the base area Apqg..

Ay
F = iy cos 0+ (py — pa) Az cos6] +2 f DA + (o — p)Arae (B-13)

Here 6 is the angle of the module nozzle axis to the centerline of the spike, m is
the total propellant flow, v, is the exhaust velocity of the module, 4, is the total
exit area of all the modules, p, is the exhaust pressure at the exit of the module,
and ps is the ambient pressure at the nozzle exit level. These expressions are a
simplified version of the thrust. Not included, for example, is the negative effect
of the slipstream of air around the engine (which causes a low-pressure region)
and the friction on the side plates; both actually decrease the thrust slightly.
For each application there is an optimum angle 6, an optimum ramp length, an
optimum ratio of the projected ramp area to the base area, and an optimum
base pressure, which is a function of the base flow.

The local gas pressures on the ramps are influenced by shock wave phenom-
ena and change with altitude. Figure 8-14 shows a typical pressure distribution
on a typical ramp surface and the flow patterns for low and high altitude. The
hot gas flows coming out of the cell nozzles are turned into a nearly axial
direction by multiple expansion waves (shown as dashed lines), which cause
a reduction in pressure. At lower altitudes the turning causes compression
shock waves (represented as solid lines), which causes local pressures to rise.
The compression waves are reflected off the boundary between the hot gas jet
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and the ambient air stream, creating further expansion waves. At high altitude
there are no compression waves emanating from the ramp and the expanding
diverging flow exerts a decreasing pressure on the ramp area and behaves very
similarly to the diverging nozzle flow in a bell-shaped conventional nozzle exit
section. The contact locations, where the compression waves touch the ramp
surface, have higher local heat transfer than other areas on the ramp surface;
these locations move downstream as the vehicle gains altitude. The wave pat-
terns and the pressure distribution on the spike or ramp surface can be deter-
mined from computerized fluid dynamics programs or a method of
characteristics program.

The advantages claimed for a linear aerospike engine are these: (1) compared
to the axisymmetric rocket engine, it fits well into the trailing edge of a winged
or lifting body type vehicle and often has less engine and structural mass; (2) it
has altitude compensation and thus operates at optimum nozzle expansion and
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highest possible performance at every altitude; (3) differential throttling of
certain sets of individual thruster modules allows pitch, yaw, and roll control
of the vehicle during powered flight, as explained in Chapter 16. There is no
gimbal joint, no movement of the nozzle, no actuators, and no actuator power
supply or strong structural locations for actuator side loads; (4) the truncated
aerospike is short and requires less vehicle volume and structures; and (5) the
engine structure can be integrated with the vehicle structure, avoiding a sepa-
rate vehicle structure at or near the engines. The disadvantages include the lack
of proven flight experience, proven reliability and performance validation
(which are expected to happen soon), and a larger-than-usual surface area
subject to high heat transfer.

Low-Thrust Rocket Thrust Chambers or Thrusters

Spacecraft, certain tactical missiles, missile defense vehicles, and upper stages
of ballistic missiles often use special, multiple thrusters in their small, liquid
propellant rocket engines. They generally have thrust levels between about 0.5
and 10,000 N or 0.1 to 2200 1bf, depending on vehicle size and mission. As
mentioned in Chapter 4, they are used for trajectory corrections, attitude con-
trol, docking, terminal velocity control in spacecraft or ballistic missiles, divert
or side movement, propellant settling, and other functions. Most operate with
multiple restarts for relatively short durations during a major part of their duty
cycle. As mentioned in Chapter 6, they can be classified into hot gas thrusters
(high-performance bipropellant with combustion temperatures above 2600 K
and I of 200 to 325 sec), warm gas thrusters such as monopropellant hydrazine
(temperatures between 500 and 1600 K and I, of 18 to 245 sec), and cold gas
thrusters such as high-pressure stored nitrogen (200 to 320 K) with low specific
impules (40 to 120 sec).

A typical small thruster for bipropellant is shown in Fig. 815 and for
hydrazine monopropellant in Fig. 8-16. For attitude control angular motion
these thrust chambers are usually arranged in pairs as explained in Section 4.6.
The same control signal activates the valves for both units of such a pair. All
these small space rocket systems use a pressurized feed system, some with
positive expulsion provisions, as explained in Section 6.3. The vehicle mission
and the automatic control system of the vehicle often require irregular and
frequent pulses to be applied by pairs of attitude control thrust chambers,
which often operate for very short periods (as low as 0.01 to 0.02 sec). This
type of frequent and short-duration thrust application is also known as pulsed
thrust operation. For translation maneuvers a single thruster can be fired (often
in a pulsing mode) and the thrust axis usually goes through the center of
gravity of the vehicle. The resulting acceleration will depend on the thrust
and the location of the thruster on the vehicle; it can be axial or at an angle
to the flight velocity vector.

There is a performance degradation with decreasing pulse duration, because
propellants are used inefficiently during the buildup of thrust and the decay of
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FIGURE 8-15. This radiation-cooled, insulated vernier thruster is one of several used
on the Reaction Control System of the Space Shuttle vehicle for orbit stabilization and
orientation, rendezvous or docking maneuvers, station keeping, deorbit, or entry. The
nozzle is cut off at an angle to fit the contour of the vehicle. Performance data are given
in Table 6-3. Operation can be in a pulse mode (firing durations between 0.08 and 0.32
sec with minimum offtime of 0.08 sec) or a steady-state mode (0.32 to 125 sec).
Demonstrated life is 23 hr of operation and more than 300,000 starts. (Courtesy of
Kaiser Marquardt Company and NASA.)

thrust, when they operate below full chamber pressure and the nozzle expan-
sion characteristics are not optimum. The specific impulse suffers when the
pulse duration becomes very short. In Section 3-5 the actual specific impulse
of a rocket operating at a steady state was given at about 92% of theoretical
specific impulse. With very short pulses (0.01 sec) this can be lower than 50%,
and with pulses of 0.10 sec it can be around 75 to 88%. Also, the reproduci-
bility of the total impulse delivered in a short pulse is not as high after pro-
longed use. A preheated monopropellant catalyst bed will allow performance
improvement in the pressure rise and in short pulses.

One way to minimize the impulse variations in short pulses and to maximize
the effective actual specific impulse is to minimize the liquid propellant passage
volume between the control valve and the combustion chamber. The propellant
flow control valves for pulsing attitude control thrust chambers are therefore
often designed as an integral part of the thrust chamber-injector assembly, as
shown in Fig. 8-15. Special electrically actuated leakproof, fast-acting valves
with response times ranging from 2 to 25 msec for both the opening and closing
operation are used. Valves must operate reliably with predictable characteris-
tics for perhaps 40,000 to 80,000 starts. This in turn often requires endurance
proof tests of 400,000 to 800,000 cycles.
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FIGURE 8-16. Typical hydrazine monopropellant small thrust chamber with catalyst
bed, showing different methods of injection.

Liquid storable bipropellants such as N,O4-monomethylhydrazine are used
when high performance is mandatory. Some have used ablative materials for
thrust chamber construction, as in the Gemini command module. The Space
Shuttle small thrusters use radiation cooling with refractory metals, as shown
in Fig. 8-15. A radiation cooled thruster is shown later in Fig. 8—18. Carbon
materials made of woven strong carbon fibers in a matrix of carbon have also
been used in radiation-cooled bipropellant thrusters.

Hydrazine monopropellant thrusters are used when system simplicity is
important and moderate performance is acceptable. They have a nontoxic,
clear, clean exhaust plume. Virtually all hydrazine monopropellant attitude
control rockets use finely dispersed iridium or cobalt deposited on porous
ceramic (aluminum oxide) substrate pellets 1.5 to 3 mm in diameter as a
catalyst. Figure 8-16 shows a typical design of the catalyst pellet bed in an
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attitude control rocket designed for pulse and steady-state operation meeting a
specific duty cycle. Each injection hole is covered with a cylindrical screen
section which extends into a part of the catalyst bed and distributes the hydra-
zine propellant. Fig. 8-16 also shows other successful types of hydrazine injec-
tor. Several arrangements of catalyst beds are employed; some have spring-
loading to keep the pellets firmly packed. Hydrazine monopropellant thrust
units range in size from 0.2 to 2500 N of thrust; the scaling procedure is
empirical and each size and design requires testing and retesting. The amount
of ammonia decomposition, shown in Fig. 7-3, can be controlled by the design
of the catalyst bed and its decomposition chamber.

Mechanical, thermal, and chemical problems arise in designing a catalyst
bed for igniting hydrazine, the more important of which are catalytic attrition
and catalyst poisoning. Catalytic attrition or physical loss of catalyst material
stems from motion and abrasion of the pellets, with loss of very fine particles.
Crushing of pellets can occur because of thermal expansion and momentary
overpressure spikes. As explained in Chapter 7, the catalyst activity can also
decline because of poisoning by trace quantities of contaminants present in
commercial hydrazine, such as aniline, monomethylhydrazine, unsymmetrical
dimethylhydrazine, sulfur, zinc, sodium, or iron. Some of these contaminants
come with the hydrazine and some are added by the tankage, pressurization,
and propellant plumbing in the spacecraft. The high-purity grade has less than
0.003% aniline and less than 0.005% carbonaceous material; it does not con-
taminate catalysts. Catalyst degredation, regardless of cause, produces ignition
delays, overpressures, and pressure spikes, decreases the specific impulse, and
decreases the impulse duplicate bit per pulse in attitude control engines.

Figure 19-4 shows a combination of chemical monopropellant and electrical
propulsion. Electrical post-heating of the reaction gases from catalysis allows
an increase of the altitude specific impulse from 240 sec to about 290 or 300 sec.
A number of these combination auxiliary thrusters have successfully flown on a
variety of satellite applications and are particularly suitable for spacecraft
where electrical power is available and extensive short-duration pulsing is
needed.

Cold gas thrusters and their performance were mentioned in Section 6.8 and
their propellants and specific impulses are listed in Table 7-3. They are simple,
low cost, used with pressurized feed systems, used for pulsing operations, and
for low thrust and low total impulse. They can use aluminum or plastics for
thrusters, valves and piping. The Pegasus air-launched launch vehicle uses
them for roll control only. The advantages of cold gas systems are: (a) they
are very reliable and have been proven in space flights lasting more than 10
years; (b) the system is simple and relatively inexpensive; (c) the ingredients are
nontoxic; (d) no deposit or contamination on sensitive spacecraft surfaces, such
as mirrors; (e¢) they are very safe; and (f) capable of random pulsing. The
disadvantages are: (a) engines are relatively heavy with poor propellant mass
fractions (0.02 to 0.19); (b) the specific impulses and vehicle velocity increments
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are low, when compared to mono- or bipropellant systems; and (c) relatively
large volumes.

Materials and Fabrication

The choice of the material for the inner chamber wall in the chamber and the
throat region, which are the critical locations, is influenced by the hot gases
resulting from the propellant combination, the maximum wall temperature, the
heat transfer, and the duty cycle. Table 8-3 lists typical materials for several
thrust sizes and propellants. For high-performance, high heat transfer, regen-
eratively cooled thrust chambers a material with high thermal conductivity and
a thin wall design will reduce the thermal stresses. Copper is an excellent
conductor and it will not really oxidize in fuel-rich non-corrosive gas mixtures,
such as are produced by oxygen and hydrogen below a mixture ratio of 6.0.
The inner walls are therefore usually made of a copper alloy (with small addi-
tions of zirconium, silver, or silicon), which has a conductivity not quite as
good as pure (oxygen-free) copper but has improved high temperature
strength.

Figure 8-17 shows a cross section of a cooling jacket for a large, regenera-
tively cooled thrust chamber with formed tapered tubes that are brazed
together. The other fabrication technique is to machine nearly rectangular
grooves of variable width and depth into the surface of a relatively thick
contoured high-conductivity chamber and nozzle wall liner; the grooves are
then filled with wax and, by an electrolyte plating technique, a wall of nickel is
added to enclose the coolant passages (see Fig. 8-17). The wax is then melted
out. As with tubular cooling jackets, a suitable inlet and outlet manifolds are
needed to distribute and collect the coolant flow. The figure also shows the
locations of maximum wall temperature. For propellant combinations with
corrosive or aggressive oxidizers (nitric acid or nitrogen tetroxide) stainless
steel is often used as the inner wall material, because copper would chemically
react. The depth and width of milled slots (or the area inside formed tubes)
vary with the chamber—nozzle profile and its diameters. At the throat region
the cooling velocity needs to be at its highest and therefore the cooling passage
cross section will be at its lowest.

The failure modes often are bulging on the hot gas side and the opening up
of cracks. During hot firing the strain at the hot surface can exceed the local
yield point, thus giving it a local permanent compressive deformation. With the
cooldown after operation and with each successive firing, some additional
yielding and further plastic deformation will occur until cracks form. With
successive firings the cracks can become deep enough for a leak and the thrust
chamber will then usually fail. The useful life of a metal thrust chamber is the
maximum number of firings (and sometimes also the cumulative firing dura-
tion) without such a failure. The prediction of wall failures is not simple and
Refs. 8-5 and 8-6 explain this in more detail. Useful life can also be limited by
the storage life of soft components (O-rings, gaskets, valve stem lubricant) and,
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TABLE 8-3. Typical Materials used in Several Common Liquid Propellant Thrust

Chambers
Cooling
Application Propellant Components Method Typical Materials
Bipropellant TC, Oxygen— C,N,E F Copper alloy
cooled, high pressure  hydrogen
(Booster or upper 1 F Transpiration cooled
stage) porous stainless
steel face. Structure
is stainless steel
Alternate E R Carbon fiber in a
carbon matrix, or
niobium
Alternate E T Steel shell with
ablative inner liner
Same Oxygen— C,N,E, I F Stainless steel with
hycrocarbon tubes or milled
or storable slots
propellant* Alternate E R Carbon fiber in a
carbon matrix, or
niobium
Alternate E T Steel shell with
ablative inner liner
Experimental TC All types C,N,E U Low carbon steel
(very limited
duration—only a
few seconds)
Small bipropellant All types C,N,E R Carbon fiber in
TC carbon matrix,
rhenium,
niobium
T Steel shell with
ablative inner linear
I F Stainless steels,
titanium
Small monopropellant Hydrazine C, N, E, R Inconel, alioy steels
TC I F Stainless steel
Cold gas TC Compressed C,N,E I U Aluminum, steel or

air, nitrogen

plastic

*HNO; or N,O, oxidizer with N;H;, MMH, or UDMH as fuels (see Chapter 7). TC = thrust
chamber, C = chamber wall, N = nozzle convering section wall and throat region walls, E = walls
at exit region of diverging section of nozzle, I = injector face, F = fuel cooled (regenerative), R =
radiation cooled, U = uncooled, T = transient heat transfer or heat sink method (ablative

material).
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FIGURE 8-17. Enlarged cross section of thrust chamber’s regenerative cooling pas-
sages for two types of design.

for small thrusters with many pulses, also the fatigue of valve seats. Therefore,
there is a maximum limit on the number of firings that such a thrust chamber
can withstand safely, and this limits its usefu/ life (see Refs. 87 and 8-8).

For radiation cooling, several different carbon materials have worked in a
reducing, fuel-rich rocket atmosphere. At other gas mixtures they can oxidize
at the elevated temperatures when they glow red or white. They can be used at
wall temperatures up to perhaps 3300 K or 6000 R. Carbon materials and
ablative materials are used extensively in solid propellant rocket motors and
are discussed further in Chapter 14.

For some small radiation-cooled bipropellant thrusters with storable pro-
pellants, such as those of the reaction control thrusters on the Space Shuttle
Orbiter, the hot walls are made of niobium coated with disilicide (up to 1120 K
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or 2050 R). To prevent damage, a fuel-rich mixtures or film cooling is often
used. Rhenium walls protected by iridium coatings (oxidation resistant) have
come into use more recently and can be used up to about 2300 K or 4100 R (see
Ref. 8-9). Other high temperature materials, such as tungsten, molybdenum,
alumina, or tantalum, have been tried, but have had problems in manufacture,
cracking, hydrogen embrittlement, and excessive oxidation.

A small radiation-cooled monopropellant thruster is shown in Fig. 8-16 and
a small radiation cooled bipropellant thruster in Fig. 8-18. This thruster’s
injection has extra fuel injection holes (not shown in Fig. 8-18) to provide
film cooling to keep wall temperatures below their limits. This same thruster
will also work with hydrazine as the fuel.

Until recently it has not been possible to make large pieces of carbon-
carbon material. This was one of the reasons why large nozzle sections and
integral nozzle-exit-cone pieces in solid motors were made from carbon phe-
nolic cloth lay-ups. Progress in manufacturing equipment and technology has
now made it possible to build and fly larger c-c pieces. A three-piece extendible
c-¢ nozzle exit cone of 2.3 m (84 in.) diameter and 2.3 to 3 mm thickness has
recently flown on an upper-stage engine. This engine with its movable nozzle
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operated injector with additional |
fuel valve film coolant injection holes 0 }
N near periphery
> j
)
£
- | I U | HN N | SR R —
{
i Lower nozzle exit section -
Solenoid Cé)mb':stloph int i titanium , °
operated chamber with in egra |
oxidizer nozzle th_roa.t,_ rhemum, Upper ‘
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assembly
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FIGURE 8-18. Radiation-cooled reaction control thruster R-4D-15 uses nitrogen
tetroxide and monomethylhydrazine propellants. The large nozzle area ratio allows
good vacuum performance. It has three different nozzle materials, each with a lower
allowable temperature (Re 4000°F; Nb 3500°F; Ti 1300°F. (Courtesy of Kaiser-
Marquardt Company.)
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extension is shown in Fig. 8-19, its parameters are listed in Table 8-1, and its
testing is reported in Ref. §-—4.

The material properties have to be evaluated before a material can be
selected for a specific thrust chamber application. This evaluation includes
physical properties, such as tensile and compressive strengths, yield strength,
fracture toughness, modulus of elasticity (for determining deflections under
load), thermal conductivity (a high value is best for steady-state heat transfer),
coefficient of thermal expansion (some large thrust chambers grow by 3 to 10
mm when they become hot, and that can cause problems with their piping
connections or structural supports), specific heat (capacity to absorb thermal
energy), reflectivity (for radiation), or density (ablatives require more volume
than steel). All these properties change with temperature (they are different
when they are hot) and sometimes they change with little changes in composi-
tion. The temperature where a material loses perhaps 60 to 75% of its room
temperature strength is often selected as the maximum allowable wall tempera-
ture, well below its melting point. Since a listing of all the key properties of a
single material requires many pages, it is not possible to list them here, but they
are usually available from manufacturers and other sources. Other important
properties are erosion resistance, little or no chemical reactions with the pro-
pellants or the hot gases, reproducible decomposition or vaporization of abla-
tive materials, ease and low cost of fabrication (welding, cutting, forming, etc.),
the consistency of the composition (impurities) of different batches of each
material (metals, organics, seals, insulators, lubricants, cleaning fluids), and
ready availability and low cost of each material.

8.3. HEAT TRANSFER ANALYSIS

In actual rocket development not only is the heat transfer analyzed but the
rocket units are almost always tested to assure that heat is transferred satis-
factorily under all operating and emergency conditons. Heat transfer calcula-
tions are useful to guide the design, testing, and failure investigations. Those
rocket combustion devices that are regeneratively cooled or radiation cooled
can reach thermal equilibrium and the steady-state heat transfer relationships
will apply. Transient heat transfer conditions apply not only during thrust
buildup (starting) and shutdown of all rocket propulsion systems, but also
with cooling techniques that never reach equilibriurm; such as with ablative
materials.

Sophisticated finite element analysis (FEA) programs of heat transfer have
been available for at least a dozen years and several different FEA computer
programs have been used for the analysis of thrust chamber steady-state and
transient heat transfer, with different chamber geometries or different materials
with temperature variant properties. A detailed description of this powerful
analysis is beyond the scope of this book, but can be found in Refs. 8-10 and
8—11. Major rocket propulsion organizations have developed their own ver-
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FIGURE 8-19. The RL-10B-2 rocket engine has an extendible nozzle cone or skirt,
which is placed around the engine during the ascent of the Delta III launch vehicle. This
extension is lowered into position by electromechanical devices after the launch vehicle
has been separated from the upper stage at high altitude and before firing. (Courtesy of
Pratt & Whitney, a division of United Technologies.)
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sions of suitable computer programs for solving their heat transfer problems.
This section gives the basic relationships that are the foundation for FEA
programs. They are intended to give some understanding of the phenomena
and underlying principles.

General Steady-State Heat Transfer Relations

For heat transfer conduction the following general relation applies:

0 = ar = K—A—T (8-14)
A dL L

where Q is the heat transferred per unit across a surface 4, dT/dL the tem-
perature gradient with respect to thickness L at the surface 4, and « the
thermal conductivity expressed as the amount of heat transferred per unit
time through a unit area of surface for 1° temperature difference over a unit
wall thickness. The negative sign indicates that temperature decreases as thick-
ness increases.

The steady-state heat transfer through the chamber wall of a liqud-cooled
rocket chamber can be treated as a series type, steady-state heat transfer pro-
blem with a large temperature gradient across the gaseous film on the inside of
the chamber wall, a temperature drop across the wall, and, in cases of cooled
chambers, a third temperature drop across the film of the moving cooling fluid.
It is a combination of convection at the boundaries of the flowing fluids and
conduction through the chamber walls. The problem is basically one of heat
and mass transport associated with conduction through a wall. It is shown
schematically in Fig. 8-20.

The general steady-state heat transfer equations for regeneratively cooled
thrust chambers can be expressed as follows:

g=hT, - T)=Q/A (8-15)
_ T,-T, -
B I/hg+th'/K+1/hl (8 16)
= hy(To — Typ) (8-17)
= (k/t,)(Tyyg — T,y) (8-18)
=h(Ty—T) (8-19)

where ¢ is heat transferred per unit area per unit time, 7, the absolute chamber
gas temperature, 7, the absolute coolant liquid temperature, 7T, the absolute
wall temperature on the liquid side of the wall, T, the absolute wall tempera-
ture on the gas side of the wall, 4 the overall film coefficient, 4, the gas film
coefficient, A, the coolant liquid film coefficient, ¢,. the thickness of the chamber
wall, and « the conductivity of the wall material. The strength and thermal
properties of materials are functions of temperature. Any consistent set of units
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FIGURE 8-20. Temperature gradients in cooled rocket thrust chamber. The listed
temperatures are typical.

can be used in these equations. These simple relations assume that the heat flow
is radial. The simple quasi-one-dimensional theory also often assumes that the
thermal conductivity and the film coefficients are at average values and not
functions of temperature or pressure. A two- or three-dimensional finite ele-
ment model would also need to be used to analyze the heat transfer in the axial
directions, which usually occurs in the nozzle throat wall regions; some of the
heat from the hot nozzle insert is transferred to wall regions upstream and
downstream of the insert.

Because the film coefficients, the gas and liquid coolant temperatures, the
wall thickness, and the surface areas usually vary with the axial distance within
a combustion chamber (assuming axial heat transfer symmetry), the total heat
transfer per unit time Q can be found by integrating the local heat transfer over
the entire internal surface area of the chamber and the nozzle:

Q:/qu:yr/quL (8-20)

Because both ¢ and D are complicated functions of L, the equation usually
has to be solved by dividing the rocket chamber into finite lengths. Assuming
that ¢ is given by Egs. 8~15 to 8-19 and remains constant over the length of
each element gives an approximate solution.

The important quantities for controlling the heat transfer across a rocket
chamber wall are the fluid film boundaries established by the combustion
products on one side of the wall and the coolant flow on the other. The gas
film coefficient largely determines the numerical value of the heat transfer rate,
and the liquid film largely determines the value of the wall temperatures. The
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determination of the film coefficients in Eqs. 8-17 and 8-19 is difficult because
of the complex geometries, the nonuniform velocity profile, the surface rough-
ness, the boundary layer behavior, and the combustion oscillations.

Conventional heat transfer theory is usually given in terms of several dimen-
sionless parameters (Ref. 8-10):

hyD D 04
%7 o, 026( ve ) (“—c”) (8-21)
K 7 K

where hg is the film coefficient, D the diameter of the chamber of the nozzle, v
the calculated average local gas velocity, « the conductivity of the gas, u the
absolute gas viscosity, c, the specific heat of the gas at constant pressure, and p
the gas density.

In Eq. 8-21 the quantity #,D/« is known as the Nusselt number, the quan-
tity Dup/u as the Reynolds number, and the quantity cppt/k as the Prandtl
number Pr. The gas film coefficient A, can be determined from Eq. 8-21:

(pv)

hy, = 0.026 %%/ u® (8-22)

where pv is the local mass velocity, and the constant 0.026 is dimensionless. In
order to compensate for some of the boundary layer temperature gradient
effects on the various gas properties in rocket combustion, Bartz (Ref. 8-12)
has surveyed the agreement between theory and experiment and developed
semi-empirical correction factors:

0.026 CMO. 0.8 pam Ham 02
hg = Doz ({;roé )( v) o (8-23)

The subscript 0 refers to properties evaluated at the stagnation or combustion
temperature; the subscript am refers to properties at the arithmetic mean tem-
perature of the local free-stream static temperature and the wall temperatures;
and p' is the free-stream value of the local gas density. Again, the empirical
constant 0.026 is dimensionless when compatible dimensions are used for the
other terms. The gas velocity v is the local free-stream velocity corresponding
to the density p'. Since density raised to the 0.8 power is roughly proportional
to the pressure and the gas film coefficient is roughly proportional to the heat
flux, it follows that the heat transfer rate increases approximately linearly with
the chamber pressure. These heat transfer equations have been validated for
common propellants, limited chamber pressure ranges, and specific injectors
(see Ref. 8-13).

The temperature drop across the inner wall and the maximum temperature
are reduced if the wall is thin and is made of material of high thermal con-
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ductivity. The wall thickness is determined from strength considerations and
thermal stresses, and some designs have as little as 0.025 in. thickness.

Surface roughness can have a large effect on the film coefficients and thus on
the heat flux. Measurements have shown that the heat flow can be increased by
a factor of up to 2 by surface roughness and to higher factors when designing
turbulence-creating obstructions in the cooling channels. Major surface rough-
ness on the gas side will cause the gas locally to come close to stagnation
temperature. However, surface roughness on the liquid coolant side of the
wall will enhance turbulence and the absorption of heat by the coolant and
reduce wall temperatures.

Example 8-1. The effects of varying the film coefficients on the heat transfer and the
wall temperatures are to be explored. The following data are given:

Wall thickness 0.445 mm

Wall material Low-carbon steel
Average conductivity 43.24 W/m*-K/m
Average gas temperature 3033 K or 2760°C
Average liquid bulk temperature 311.1 K or 37.8°C
Gas-film coefficient 147 W/m2-°C
Liquid-film coefficient 205,900 W/m?-°C

Vary h, (at constant #;), then vary #; (at constant /,), and then determine the changes in
heat transfer rate and wall temperatures on the liquid and the gas side of the wall.

SOLUTION. Usc Egs. 8-16 to 8-19 and solve for ¢, T, and T,;. The answers shown
in Table 8—4 indicate that variations in the gas-film coefficient have a profound influence
on the heat transfer rate but relatively little effect on the wall temperature. The exact
opposite is true for variations in the liquid-film coefficient; here, changes in #; produce
little change in ¢ but a fairly substantial change in the wall temperature.

TABLE 8-4. Change in Film Coefficient

Change in ]
Film Coefficient (%) Change in Wall Temperature (K)
Heat Transfer
Gas Film Liquid Film (%) Gas Side, T, Liquid Side, T,y

50 100 50 3244 321.1
100 100 100 337.2 330.5
200 100 198 362.8 3494
400 100 389 415.6 386.1
100 50 99 356.1 349.4
100 25 98 393.3 386.7
100 12.5 95 460.0 397.8

100 6.25 91 596.7 590.5
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Transient Heat Transfer Analysis

An uncooled (high melting point) metal thrust chamber is the simplest type to
analyze, because there is no chemical change. Thermal equilibrium is not
reached. The uncooled walls act essentially as a heat sponge and absorb heat
from the hot gases. With the air of experimental data to determine some typical
coefficients, it is possible in some cases to predict the transient heating of
uncooled walls.

Heat is transferred from the hot gases to the wall, and during operation a
changing temperature gradient exists across the wall. The heat transferred from
the hot wall to the surrounding atmosphere, and by conduction of metal parts
to the structure, is negligibly small during this transient heating. Each local
point within the wall has its temperature raised as the burning process is
extended in time. After the completion of the rocket’s operation, the wall
temperatures tend to equalize. A typical temperature-time—location history is
given in Fig. 8-21. Here the horizontal line at 7 = 21°C denotes the initial
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FIGURE 8-21. Typical temperature distributions through a wall of an uncooled metal
thrust chamber as a function of heating time.
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equilibrium condition of the wall before the rocket operates; the various curves
show the temperature profile across the wall at successive time intervals after
initiation of combustion. The line at T = 357°C shows an equilibrium tem-
perature of the wall a finite time after cutoff.

The heat transferred across the hot surface of the wall (and distributed
within the wall by conduction) must be less than the heat-absorbing capacity
of the wall material below the critical temperature. If heat transfer to the out-
side atmosphere and axially within the metal wall is neglected, this can be
expressed in a very simplified form:

0 At = —kA(dT/dL)At = meAT (8-24)

where Q is the heat per second transferred across area 4. Eq. 8-17 shows that
0/ A4 depends on the hot gas temperature, the wall temperature, and the gas
film coefficient. The heat conductivity ¥ depends on the material and its tem-
perature; AT denotes the average wall temperature increment; d7/dL the
temperature gradient of the heat flow near the hot wall surface in degrees
per unit thickness; m the mass of a unit area of wall; ¢ the average specific
heat of the wall material; and A¢ at the time increment. The chamber and
nozzle walls can be divided into cylindrical or conical segments, and each
wall segment in turn is divided into an arbitrary number of axisymmetric
concentric layers, each of a finite thickness. At any given time the heat con-
ducted from any one layer of the wall exceeds the heat conducted into the next
outer layer by the amount of heat absorbed in raising the temperature of the
particular layer. This iterative approach lends itself readily to two- or three-
dimensional computer analysis, resulting in data similar to Fig. 8-21. It is
usually sufficient to determine the heat transfer at the critical locations, such
as in the nozzle throat region.

A more complex three-dimensional analysis can also be undertaken; here the
wall geometry is often more complex than merely cylindrical, heat is conducted
also in directions other than normal to the axis, temperature variable proper-
ties are used, boundary layer characteristics vary with time and location, and
there may be more than one material layer in the wall.

A number of mathematical simulations of transient heat transfer in ablative
materials have been derived, many with limited success. This approach should
include simulation for the pyrolysis, chemical decomposition, char depth, and
out-gassing effects on film coefficient, and it requires good material property
data. Most simulations require some experimental data.

Steady-State Transfer to Liquids in Cooling Jacket

The term regenerative cooling is used for rockets where one of the propellants is
circulated through cooling passages around the thrust chamber prior to the
injection and burning of this propellant in the chamber. It is really forced
convection heat transfer. The term regenerative is perhaps not altogether
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appropriate here, and it bears little relation to the meaning given to it in steam
turbine practice. It is intended to convey the fact that the heat absorbed by the
coolant propellant is not wasted but augments its initial temperature and raises
its energy level before it passes through the injector. This increase in the inter-
nal energy of the liquid propellant can be calculated as a correction to the
enthalpy of the propellant {see Chapter 5). However, the overall effect on
rocket performance is usually very slight. With some propellants the specific
impulse can be 1% larger if the propellants are preheated through a tempera-
ture differential of 100 to 200°C. In hydrogen-cooled thrust chambers and in
small combustion chambers, where the wall-surface-to-chamber volume ratio is
relatively large, the temperature rise in the regenerative coolant will be high,
and the resulting increase in specific impulse is sometimes more than 1%.
The behavior of the liguid film is critical for controlling the wall tempera-
tures in forced convection cooling of rocket devices at high heat fluxes (see
Table 84 and Refs. 8-14 and 8-15). At least four different types of film appear
to exit, as can be interpreted from Fig. 8-22. Here the heat transfer rate per
unit of wall surface is shown as a function of the difference between the wall
temperature on the liquid side T, and the bulk temperature of the liquid 7.

1. The normal forced convection region at low heat flux appears to have a
liquid boundary layer of predictable characteristics. It is indicated by
region A—B in Fig. 8-22. Here the wall temperature is usually below
the boiling point of the liquid at the cooling jacket pressure. In steady-
state heat transfer analysis the liquid film coefficient can be approximated
by the usual equation (sece Refs. 8-10 and 8-12):

/
A Supercritical
7 coolant

Tt = Ty (log scale)
FIGURE 8-22. Regimes in transferring heat from a hot wall to a flowing liquid.
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) 02, =\ =2/3
By = 0.023z% (-Dl‘f) (“—C) (8-25)
A4\

K

where s is the fluid mass flow rate, T its average specific heat, 4 the cross-
sectional flow area, D the equivalent diameter of the coolant passage
cross section,” v the fluid velocity, p the coolant density, p its absolute
viscosity, and « its conductivity. Many liquid-cooled rocket devices oper-
ate in this regime of heat transfer. Values of the physical properties of
several propellants are given in Tables 8-5 and 7-1. In Table 8-5 it can be
seen that hydrazine is a good heat absorber, but kerosene is poor.

When the wall temperature T, exceeds the boiling point of the liquid by
perhaps 10 to 50 K, small vapor bubbles form at the wall surface. These
small, nuclei-like bubbles cause local turbulence, break away from the
wall, and collapse in the cooler liquid. This phenomenon is known as
nucleate boiling. The turbulence induced by the bubbles changes the
character of the liquid film and, augmented by the vaporization of
some of the propellant, the heat transfer rate is increased without a
proportional increase in the temperature drop across the film, as can
be seen by the steep slope B—C of the curve in Figure 8-22. If the pressure
of the fluid is raised, then the boiling point is also raised and the nucleate

TABLE 8-5. Heat Transfer Characteristics of Several Liquid Propellants

Boiling
Characteristics Nucleate Boiling Characteristics

Boiling Critical Critical

Liquid Pressure Temp. Temp. Pressure Temp. Pressure Velocity — gpax
Coolant (MPa) (K) (K) (MPa) (K) (MPa) (m/sec) (MW/m?)

Hydrazine 0.101 387 652 14.7 3222 4.13 10 22.1

0.689 455 20 29.4

3.45 540 405.6 4.13 10 14.2

6.89 588 20 21.2

Kerosene 0.101 490 678 2.0 297.2 0.689 1 2.4

0.689 603 8.5 6.4

1.38 651 297.2 1.38 1 2.3

1.38 651 8.5 6.2

Nitrogen tetroxide 0.101 294 431 10.1 288.9 4.13 20 114

0.689 342 322.2 9.3

4.13 394 366.7 6.2

Unsymmetrical 0.101 336 522 6.06 300 2.07 10 4.9

dimethyl 1.01 400 20 7.2

hydrazine 3.45 489 300 5.52 10 4.7

*The grooves, tubes, or coolant passages in liquid propellant rocket chambers are often of complex
cross section. The equivalent diameter, needed for fluid-film heat transfer calculations, is usually
defined as four times the hydraulic radius of the coolant passage; the hydraulic radius is the cross-
sectional flow area divided by the wetted perimeter.
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boiling region shifts to the right, to B—C’. This boiling permits a sub-
stantial increase in the heat transfer beyond that predicted by Eq. 8-25.
This phenomenon often occurs locally in the nozzle throat area, where
the heat flux is high.

3. As the heat transfer is increased further, the rate of bubble formation and
the bubble size become so great that the bubbles are unable to escape
from the wall rapidly enough. This reaction (shown as C—D in Fig. 8-22)
is characterized by an unstable gas film and is difficult to obtain repro-
ducibly in tests. When a film consisting largely or completely of gas forms
along the hot wall surface, then this film acts as an insulation layer,
causing a decrease in heat flux and, usually, a rapid increase in wall
temperature, often resulting in a burnout or melting of the wall material.
The maximum feasible heat transfer rate (point C) is indicated as g,y in
Table 8-5 and appears to be a function of the cooling-fluid properties,
the presence of dissolved gases, the pressure, and the flow velocity.

4. As the temperature difference across the film is further increased, the wall
temperatures reach values in which heat transfer by radiation becomes
important. Region D—E is not of interest to rocket designers.

Cooling can also be accomplished by a fluid above its critical point with
coolants such as hydrogen. In this case there is no nucleate boiling and the heat
transfer increases with the temperature difference, as shown by the supercritical
(dashed) line in Fig. 8-22. Liquid hydrogen is an excellent coolant, has a high
specific heat, and leaves no residues.

Chemical changes in the liquid can seriously influence the heat transfer from
hot walls to liquids. Cracking of the fuel, with an attendant formation of
insoluble gas, tends to reduce the maximum heat flux and thus promote failure
more readily. Hydrocarbon fuel coolants (methane, jet fuel) can break down
and form solid, sticky carbon deposits inside the cooling channel, impeding the
heat transfer. Other factors influencing steady-state coolant heat transfer are
gas radiation to the wall, bends in the coolant passage, improper welds or
manufacture, and flow oscillations caused by turbulence or combustion un-
steadiness. Some propellants, such as hydrazine, can decompose spontaneously
and explode in the cooling passage if they become too hot.

To achieve a good heat-absorbing capacity of the coolant, the pressure and
the coolant flow velocity are selected so that boiling is permitted locally but the
bulk of the coolant does not reach this boiling condition. The total heat
rejected by the hot gases to the surface of the hot walls, as given by Eq.
8-15 must be less than that permitted by the temperature rise in the coolant,
namely

gA=Q =md(T) - T)) (8-26)

where m1 is the coolant mass flow rate, ¢ the average specific heat of the liquid,
T the initia] temperature of the coolant as it enters the cooling jacket, and T,
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its final temperature. Q is the rate of heat absorption per unit time; ¢ is this
same rate per unit heat transfer area. 4. T, should be below the boiling point
prevailing at the cooling jacket pressure.

Radiation

Radiation heat emission is the electromagnetic radiation emitted by a gas,
liquid, or solid body by the virtue of its temperature and at the expense of
its internal energy. It covers the wavelength range from 10,000 to 0.0001 pm,
which includes the visible range of 0.39 to 0.78 pum. Radiation heat transfer
occurs most efficiently in a vacuum because there is no absorption by the
intervening fluids.

The heat transmitted by the mechanism of radiation depends primarily on
the temperature of the radiating body and its surface condition. The second
law of thermodynamics can be used to prove that the radiant energy E is a
function of the fourth power of the absolute temperature T

E=fecAT* (8-27)

The energy E radiated by a body is defined as a function of the emissivity e,
which is a dimensionless factor for surface condition and material properties,
the Stefan-Boltzmann constant o (5.67 x 1078 W/mz-K4), the surface area A4,
the absolute temperature T, and the geometric factor f, which depends on the
arrangement of adjacent parts and the shape. At low temperatures (below 800
K) radiation accounts for only a negligible portion of the total heat transfer in
a rocket device and can usually be neglected.
In rocket propulsion there are these radiation concerns:

1. Emission of hot gases to the internal walls of a combustion chamber, a
solid propellant grain, a hybrid propellant grain or a nozzle.

2. Emission to the surroundings or to space from the external surfaces of
hot hardware (radiation-cooled chambers, nozzles, or electrodes in elec-
tric propulsion).

3. Radiation from the hot plume downstream of the nozzle exit. This is
described in Chapter 18.

In rocket combustion devices gas temperatures are between 1900 and 3900
K or about 3000 to 6600°F; their radiation contributes between 3 and 40% of
the heat transfer to the chamber walls, depending on the reaction gas composi-
tion, chamber size, geometry, and temperature. It can be a significant portion
of the total heat transfer. In solid propellant motors the radiation heating of
the grain surfaces can be critical to the burning rate, as discussed in Chapter 13.
The absorption of radiation on the wall follows essentially the same laws as
those of emission. Metal surfaces and formed tubes reflect much of the radiant
energy, whereas ablative materials and solid propellant seem to absorb most of
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the incident radiation. A highly reflective surface on the inside wall of a com-
bustor tends to reduce absorption and to minimize the temperature increase of
the walls.

The hot reaction gases in rocket combustion chambers are potent radiation
sources. Gases with symmetrical molecules, such as hydrogen, oxygen, and
nitrogen, have been found not to show many strong emission bands in those
wavelength regions of importance in radiant heat transfer. Also, they do not
really absorb much radiation and do not contribute considerable energy to the
heat transfer. Heteropolar gases, such as water vapor, carbon monoxide, car-
bon dioxide, hydrogen chloride, hydrocarbons, ammonia, oxides of nitrogen,
and the alcohols, have strong emission bands of known wavelengths. The
radiation of energy of these molecules is associated with the quantum changes
in their energy levels of rotation and interatomic vibration. In general, the
radiation intensity of all gases increases with their volume, partial pressure,
and the fourth power of their absolute temperature. For small thrust chambers
and low chamber pressures, radiation contributes only a small amount of
energy to the overall heat transfer.

If the hot reaction gases contain small solid particles or liquid droplets, then
the radiation heat transfer can increase dramatically by a factor of 2 to 10. The
particulates greatly increase the radiant energy as explained in Section 18.1.
For example, the reaction gas from some slurry liquid propellants and many
solid propellants contains fine aluminum powder. When burned to form alu-
minum oxide, the heat of combustion and the combustion temperature are
increased (raising heat transfer), and the specific impulse is raised somewhat
(giving improved performance). The oxide can be in the form of liquid droplets
(in the chamber) or solid particles (in the nozzle diverging section), depending
on the local gas temperature. Furthermore, the impact of these particulates
with the wall will cause an additional increase in heat transfer, particularly to
the walls in the nozzle throat and immediately upstream of the nozzle throat
region. The particles also cause erosion or abrasion of the walls.

8.4. STARTING AND IGNITION

The starting of a thrust chamber has to be controlled so that a timely and even
ignition of propellants is achieved and the flow and thrust are built up
smoothly and quickly to their rated value (see Ref. 6-1). The initial propellant
Sflow is less than full flow, and the starting mixture ratio is usually different from
the operating mixture ratio. A low initial flow prevents an excessive accumula-
tion of unignited propellants in the chamber.

The starting injection velocity is low, the initial vaporization, atomization,
and mixing of propellants in a cold combustion chamber is incomplete, and
there are local regions of lean and rich mixtures. With cryogenic propellants
the initial chamber temperature can be below ambient. The optimum starting
mixture is therefore only an average of a range of mixture ratios, all of which
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should be readily ignited. Mixture ratios near the stoichiometric mixture ratio
have a high heat release per unit of propellant mass and therefore permit
bringing the chamber and the gases up to equilibrium faster than would be
possible with other mixtures. The operating mixture ratio is usually fuel rich
and is selected for optimum specific impulse. One method of analytical model-
ing of the ignition of cryogenic propellants is given in Ref. 8-16.

The time delay for starting a thrust chamber ideally consists of the following
time periods:

(1) time needed to fully open the propellant valves (typically 0.002 to more
than 1.00 sec, depending on valve type and its size and upstream pres-
sure);

(2) time needed to fill the liquid passage volume between the valve seat and
the injector face (piping, internal injector feed holes, and cavities);

(3) time for forming discrete streams or jets of liquid propellant (sometimes
gaseous propellant, if cryogenic liquid is preheated by heat of ambient
temperature cooling jacket) and for initial atomization into small
droplets and for mixing these droplets;

(4) time needed for droplets to vaporize and ignite (laboratory tests show
this to be very short, 0.02 to 0.05 sec, but this depends on the propellants
and the available heat);

(5) once ignition is achieved at a particular location in the chamber, it takes
time to spread the flame or to heat all the mixed propellant that has
entered into the chamber, to vaporize it, and to raise it to ignition
temperature;

(6) time needed to raise the chamber to the point where combustion will be
self sustaining, and then to its full pressure.

There are overlaps in these delays and several of them can occur simulta-
neously. The delays [items (1), (2), (3), (5), and (6) above] are longer with
large injectors or large diameter chambers. Small thrusters can usually be
started very quickly, in a few milliseconds, while larger units require 1 sec or
more.

In starting a thrust chamber one propellant always reaches the chamber a
short time ahead of the other; it is almost impossible to synchronize exactly the
fuel and oxidizer feed systems so that the propellants reach the chamber simul-
taneously at all injection holes. Frequently, a more reliable ignition is assured
when one of the propellants is intentionally made to reach the chamber first.
For example, for a fuel-rich starting mixture the fuel is admitted first.
Reference 8-17 describes the control of the propellant lead.

Other factors influencing the starting flows, the propellant lead or lag, and
some of the delays mentioned above are the liquid pressures supplied to the
injector (e.g., regulated pressure), the temperature of the propellant (some can
be close to their vapor point), and the amount of insoluble gas (air bubbles)
mixed with the initial quantity of propellants.
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The propellant valves (and the flow passages betwen them and the injector
face) are often so designed that they operate in a definite sequence, thereby
assuring an intentional lead of one of the propellants and a controlled buildup
of flow and mixture ratio. Often the valves are only partially opened, avoiding
an accumulation of hazardous unburned propellant mixture in the chamber.
Once combustion is established, the valves are fully opened and full flow may
reach the thrust chamber assembly. The initial reduced flow burning period is
called the preliminary stage. Section 10.5 describes the starting controls.

Full flow in the larger thrust chambers is not initiated with non-self-igniting
propellants until the controller received a signal of successful ignition. The
verification of ignition or initial burning is often built into engine controls
using visual detection (photocell), heat detection (pyrometer), a fusible wire
link, or sensing of a pressure rise. If the starting controls are not designed
properly, unburnt propellant may accumulate in the chamber; upon ignition
it may then explode, causing sometimes severe damage to the rocket engine.
Starting controls and engine flow calibrations are discussed in Section 10.5

Non-spontaneously ignitable propellants need to be activated by absorbing
energy prior to combustion initiation. This energy is supplied by the ignition
system. Once ignition has begun the flame is self-supporting. The igniter has to
be located near the injector in such a manner that a satisfactory starting mix-
ture at low initial flow is present at the time of igniter activation, yet it should
not hinder or obstruct the steady-state combustion process. At least five dif-
ferent types of successful propellant ignition systems have been used.

Spark plug ignition has been used successfully on liquid oxygen—gasoline and
on oxygen—hydrogen thrust chambers, particularly for multiple starts during
flight. The spark splug is often built into the injector, as shown in Fig. 9-6.

Ignition by electrically heated wires has been accomplished, but at times has
proven to be less reliable than spark ignition for liquid propellants.

Pyrotechnic ignition uses a solid propellant squib or grain of a few seconds’
burning duration. The solid propellant charge is electrically ignited and burns
with a hot flame within the combustion chamber. Almost all solid propellant
rockets and many liquid rocket chambers are ignited in this fashion. The igniter
container may be designed to fit directly onto the injector or the chamber (see
Fig. 8-1), or may be held in the chamber from outside through the nozzle. This
ignition method can only be used once; thereafter the charge has to be
replaced.

In precombustion chamber ignition a small chamber is built next to the main
combustion chamber and connected through an orifice; this is similar to the
precombustion chamber used in some internal combustion engines. A small
amount of fuel and oxidizer is injected into the precombustion chamber and
ignited. The burning mixture enters the main combustion chamber in a torch-
like fashion and ignites the larger main propellant flow which is injected into
the main chamber. This ignition procedure permits repeated starting of vari-
able-thrust engines and has proved successful with the liquid oxygen—gasoline
and oxygen—hydrogen thrust chambers.
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Auxiliary fluid ignition is a method whereby some liquid or gas, in addition
to the regular fuel and oxidizer, is injected into the combustion chamber for a
very short period during the starting operation. This fluid is hypergolic, which
means it produces spontaneous combustion with either the fuel or the oxidizer.
The combustion of nitric acid and some organic fuels can, for instance, be
initiated by the introduction of a small quantity of hydrazine or aniline at
the beginning of the rocket operation. Liquids that ignite with air (zinc diethyl
or aluminum triethyl), when preloaded in the fuel piping, can accomplish a
hypergolic ignition. The flow diagram of the RD 170 Russian rocket engine in
Fig. 10-10 shows several cylindrical containers prefilled with a hypergolic
liquid, one for each of the high pressure fuel supply lines; this hypergolic liquid
is pushed out (by the initial fuel) into the thrust chambers and into the pre-
burners to start their ignitions.

In vehicles with multiple engines or thrust chambers it is required to start
two or more together. It is often difficult to get exactly simultaneous starts.
Usually the passage or manifold volumes of each thrust chamber and their
respective values are designed to be the same. The temperature of the initial
propellant fed to each thrust chamber and the lead time of the first quantity of
propellant entering into the chambers have to be controlled. This is needed, for
example, in two small thrusters when used to apply roll torques to a vehicle. It
is also one of the reasons why large space launch vehicles are not released from
their launch facility until there is assurance that all the thrust chambers are
started and operating.

8.5. VARIABLE THRUST

Section 3.8 mentions the equations related to this topic. One of the advantages
of liquid propellant rocket engines is the ability to throttle or to randomly vary
the thrust over a wide range. Deep throttling over a thrust range of more than
10:1 is required for relatively few applications. Moon landing, interceptor
missiles, and gas generators with variable power output are examples.
Moderate throttling (a thrust range of up to perhaps 2.5:1) is needed for
trajectory velocity control (as in some tactical missiles), space maneuvers, or
temporarily limiting the vehicle velocity (to avoid excessive aerodynamic heat-
ing during the ascent through the atmosphere), as in the Space Shuttle main
engine.

Throttling is accomplished by reducing the propellant flow supply to the
thrust chamber and thus reducing the chamber pressure. The pressure drop in
the injector is related to the injection velocity by Eq. 8-5. The accompanying
reduction of the injector pressure drop can lead to a very low liquid injection
velocity and, thus, to poor propellant mixing, improper stream impingement
patterns, and poor atomization, which in turn can lead to lower combustion
efficiency and thus lower performance and sometimes unstable combustion.
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The variation of flow through a given set of injection orifices and of thrust by
this method is limited.

There are several throttling methods whereby the injection pressure drop is
not decreased unduly. This permits a change in chamber pressure without a
major decrease in injector pressure drop. A moving sleeve: mechanism for
adjusting the fuel and the oxidizer injection circular sheet spray areas is
shown in Fig. 8-3.

One way of preventing unstable operation and a drop-off in performance is
to use multiple thrust chambers or multiple rocket engines, each of which oper-
ates always at or near rated conditions. The thrust is varied by turning indivi-
dual thrust chambers on or off and by throttling all of them over a relatively
narrow range.

For small reaction control thrusters the average thrust is usually reduced by
pulsing. It is accomplished by controlling the number of cycles or pulses (each
has one short fixed-duration thrust pulse plus a short fixed-duration zero-
thrust pause), by modulating the duration of individual pulses (with short
pauses between pulses), or alternatively by lengthening the pause between
pulses.

8.6. SAMPLE THRUST CHAMBER DESIGN ANALYSIS

This example shows how a thrust chamber is strongly influenced by the overall
vehicle system requirements or the mission parameters and the vehicle design.
As outlined in the Design Section of Chapter 10 and in the discussion of the
selection of propulsion systems in Chapter 17, each engine goes through a
series of rationalizations and requirements that define its key parameters and
its design. In this example we describe how the thrust chamber parameters are
derived from the vehicle and engine requirements. The overall system require-
ments relate to the mission, its purpose, environment, trajectories, reusability,
reliability, and to restraints such as allowable engine mass, or maximum
dimensional envelope. We are listing some, but not all of the requirements.
It shows how theory is blended with experience to arrive at the initial choices of
the design parameters.

Here we define the application as a new upper stage of an existing multistage
space launch vehicle, that will propel a payload into deep space. This means
continuous firing (no restart or reuse), operating in the vacuum of space (high
nozzle area ratio), modest acceleration (not to exceed 5 gq), low cost, moder-
ately high performance (specific impulse), and a thrust whose magnitude
depends on the payloads, the flight path and acceleration limits. The desired
mission velocity increase of the stage is 3400 m/sec. The engine is attached to its
own stage, which is subsequently disconnected and dropped from the payload
stage. The payload stage (3500 kg) consists of a payload of 1500 kg (for
scientific instruments, power supply, or communications and flight control
equipment) and its own propulsion systems (including propellant) of 2000 kg
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(for trajectory changes, station keeping, attitude control, or emergency man-
euvers). There are two geometric restraints: the vehicle has an outside diameter
of 2.0 m, but when the structure, conduits, certain equipment, thermal insula-
tion, fittings, and assembly are considered, it really is only about 1.90 m. The
restraint on the stage length of 4.50 m maximum will affect the length of the
thrust chamber. We can summarize the key requirements:

Application Uppermost stage to an existing multistage
launch vehicle

Payload 3500 kg

Desired velocity increase Ay 3400 m/sec in gravity free vacuum

Maximum stage diameter 1.90 m

Maximum stage length 4.50 m

Maximum acceleration 58

Decisions on Basic Parameters. The following engine design decisions or
parameter selection should be made early in the design process:

Propellant combination

Chamber pressure

Nozzle area ratio

Feed system, using pumps or pressurized tanks
Thrust level

From a performance point of view, the best propellant combination would be
liquid oxygen with liquid hydrogen. However, this bipropellant would have a
low average specific gravity (0.36), a very large liquid hydrogen tank, and
would cause an increase in vehicle drag during ascent. It would have some
potential problems with exceeding the allocated stage volume, hydrogen mass
losses, and the vehicle structure. The lower stages of the existing launch vehicle
use liquid oxygen with RP-1 fuel with an average specific gravity of about
1.014, and the launch pad is already equipped for supplying these. The new
stage is limited in volume and cross section. Because of these factors the
propellant combination of liquid oxygen and RP-1 (a type of kerosene) is
selected. From Fig. 5-1 we see that the theoretical specific impulse is between
280 and 300 sec, depending on the mixture ratio and whether we use frozen or
shifting chemical equilibrium in the nozzle flow expansion. This figure also
shows that the maximum value of the characteristic velocity ¢* is reached at
a mixture ratio of about 2.30, which is a fuel-rich mixture. We select this
mixture ratio. Its combustion temperature is lower than the mixture ratios
with higher values, and this should make the cooling of the thrust chamber
easier. We will see later that cooling may present some problems. Based on
universal experience, we select a value of I, part way (about 40%) between the
values for frozen and shifting equilibrium, namely 292 sec at the standard
chamber pressure of 1000 psi or 6.895 MPa, and a nozzle big enough for
expansion to sea level. From Fig. 5-1 and Table 5-5 we find the molecular
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mass to be 23 kg/kg-mol and the specific heat ratio k to be about 1.24. Later we
will correct this value of I from this standard reference condition to the actual
vacuum specific impulse of the thrust chamber.

Next we will select a chamber pressure, a nozzle area ratio and a feed system
concept. Historically there has been favorable experience with this propellant
combination at chamber pressures between 400 and 3400 psia with nozzle area
ratios up to about 40 with both gas generator cycles and staged combustion
cycles, giving proof that this is feasible. The following considerations enter into
this selection:

1. Higher chamber pressures allow a smaller thrust chamber and (for the
same nozzle exit pressure) a shorter nozzle cone with a smaller nozzle exit
diameter. The thrust chamber is small enough for a toroidal tank to be
built around it, and this conserves stage length. This not only saves
vehicle space, but usually also some inert mass in the vehicle and the
engine. Figure 8-23 shows the relative sizes of thrust chambers for three
chamber pressures and two nozzle area ratios (¢ of 100 and 300). The
nozzle length and exit diameter cannot exceed the values given in the
requirements, which, as can be seen, rules out low chamber pressure or
high area ratio. The dimensions shown are calculated later in this

analysis.
py = 8.962 MPa py = 4.826 MPa py = 0.689 MPa
(1300 psia) (700 psia) (100 psia)
-— _
1.1m
1.7m 1.69m
254 m
D100 = 0.60 m v
Dgpp=1.05m
300 Dygo=0.835m

D3po=1.44m 71m

D3pp=3.79m

FIGURE 8-23. Comparison of thrust chamber sizes for three chamber pressures and
two nozzle area ratios (100 and 300).
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2. The heat transfer rate is almost proportional to the gas density, which is
proportional to the chamber pressure, as shown by Eq. 821 and 8-23.
On some prior thrust chambers there have been problems with the for-
mation of solid carbon layer or deposits either inside the cooling jacket
(increasing wall temperatures) or on the inner walls of the combustion
chamber (the solid can flake off and cause burnout). This favors a lower
chamber pressure.

3. Concern over leak-free seals for both static and dynamic seal increases
with chamber pressure, which in turn causes all feed presures also to
increase.

4. A feed system using pressurized gas is feasible, but its inert masses of
tanks and engine are favorable only, if the chamber pressure is very low,
perhaps around 100 psia or less. The tanks for propellants and pressur-
izing gas become very heavy and the thrust chamber will be very large
and exceed the dimensional restraints mentioned above. We therefore
cannot use this feed system or very low chamber pressures.

5. If we use a pump feed system, the power needed to drive the pumps
increases directly with chamber pressure p,. In a gas generator engine
cycle this means a slightly reduced performance as the value of p, goes
up. For a staged combustion cycle it means high pressures, particu-
larly high pressure hot gas flexible piping, and a more complex, hea-
vier, and expensive engine. We therefore select a gas generator cycle
(sce Fig. 1-4) at a low enough chamber pressure, so that the thrust
chamber (and the other inert hardware) will just fit the geometrical
constraints, and the engine inert mass and the heat transfer will be
reasonable.

For these reasons we pick a chamber pressure of 700 psia or 4.825 MPa
and an area ratio of 100. With further analysis we could have picked p,
more precisely; it could be somewhat lower or higher. Next we correct the
specific impulse to the operating conditions using a ratio of thrust coeffi-
cients. We can use Eq. 3-30 or interpolate between Figs. 3-7 and 3-8 for a
value of k = 1.24. The reference or standard condition (see Fig. 3-6) is for a
pressure ratio p,/p; of 1000/14.7 = 68, which corresponds to an area ratio
of about 8. Then (Cr)yungara = 1.58. For the actual high-altitude operation
the pressure ratio is close to infinity and the nozzle has an area ratio of 100;
we can determine the thrust coefficient by interpolating k& = 1.24. The result
15 (Crlvacuum = 1.90. The new ideal specific impulse value for a chamber
threshold of 700 psia and a nozzle area ratio of 100 is therefore 292 x
(1.90/1.58) = 351.1 sec. In order to correct for losses (divergence, boundary
layer, incomplete combustion, some film cooling, etc.) we use a correction factor
of 0.96 giving a thrust chamber specific impulse of 337.1 sec. The engine uses a
gas generator and this will reduce the engine specific impulse further by a factor
0of 0.98 or (I;)engine = 330.3 sec or an effective exhaust velocity of 3237 m/sec.
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Stage Masses and Thrust Level. An estimate of the stage masses will
next be made. We assume that the inert hardware (tanks, gas, generator,
turbopumps, etc.) is about 7% of the propellant mass, which is conservative
when compared to existing engines. In a full-fledged engine design this
number would be verified or corrected once an estimated mass budget
becomes available. From Eq. 4-7

by _ Mo _ M F 0.07m, + 3500 _ 340073237

m; 0.07m, + 3500

Solve for m, = 7639 kg. The final and initial masses of the stage are then 4023
kg and 11,002 kg respectively.

The maximum zhrust is limited by the maximum allowed acceleration of 5gj.
Itis Fra =my a= 11,002 x 5 x 9.8 = 539,100 N. This would become a rela-
tively large and heavy thrust chamber. Considerable saving in inert mass can be
obtained if a smaller thrust size (but longer firing duration) is chosen. Since this
same thrust chamber is going to be used for another mission where an accel-
eration of somewhat less than 1.0 g, is wanted, a thrust level of 50,000 N or
11,240 1bf is chosen. The maximum acceleration of the stage occurs just before
cutoff; it is a = F/m, = 50,000/4023 = 12.4 m/sec’ or about 1.26 times the
acceleration of gravity. This fits the thrust requirements.

The following have now been determined:

Propellant Liquid oxygen and liquid kerosene
(RP-1)

Mixture ratio (O/F) 2.30 (engine)

Thrust 50,000 N or 11,240 1bf

Chamber pressure 700 psia or 4.826 MPa

Nozzle area ratio 100

Specific impulse (engine) 330.3 sec

Specific impulse (thrust chamber) 337.1 sec

Engine cycle Gas generator

Usable propellant mass 7478 kg

Propellant Flows and Dimensions of Thrust Chamber. From Eq. 26
we obtain the propellant mass flow

= F/c = 50,000/3200 = 15.625 kg/sec

When this total flow and the overall mixture ratio are known, then the fuel low
my, and oxidizer flow m, for the engine, its gas generator, and its thrust cham-
ber can be determined from Egs. 6-3 and 6-4 as shown below.
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mp=m/(r+1) =15.446/(2.3 + 1) = 4.680 kg/sec
m, = mr/(r+ 1) = (15.446 x 2.30)/3.30 = 10.765 kg/sec

The gas generator flow r1,, consumes about 2.0% of the total flow and oper-
ates at a fuel-rich mixture ratio of 0.055; this results in a gas temperature of
about 890 K.

(17 )gg = 0.2928 kg/sec (1,)ge = 0.0161 kg/sec

The flows through the thrust chamber are equal to the total flow diminished
by the gas generator flow, which is roughly 98.0% of the total flow or 15.137
kg/sec.

(my), = 4.387 kg/sec (m,),, = 10.749 kg/sec

The duration is the total effective propellant mass divided by the mass flow rate

ly = m,/m, =7478/15.446 = 484.1 sec or a little longer than 8 minutes
The nozzle throat area is determined from Eq. 3-31.
A, = F/(p,Cr) = 50,000/(4.826 x 10° x 1.90) = 0.005453 m? or 54.53 cm’

The nozzle throat diameter is D, = 8.326 ¢cm. The internal diameter of the
nozzle at exit A4, is determined from the area ratio of 100 to be D, = /100 x D,
or 83.26 cm. A shortened or truncated bell nozzle (as discussed in Section 3.4)
will be used with 80% of the length of a 15° conical nozzle, but with the same
performance as a 15° cone. The nozzle length (from the throat to the exit) can be
determined by an accurate layout or by L = (D, — D,)/(2tan 15) as 139.8 cm.
For an 80% shortened bell nozzle this length would be about 111.8 cm. The
contour or shape of a shortened bell nozzle can be approximated by a parabola
(parabola equation is y* = 2px). Using an analysis (similar to the analysis that
resulted in Fig. 3-14) the maximum angle of the diverging section at the inflec-
tion point would be about 6; = 34° and the nozzle exit angle 6, = 7°. The
approximate contour consists of a short segment of radius 0.4r, of a 34°
included angle (between points T and I in Fig. 3-14) and a parabola with two
known points at I and E. Knowing the tangent angles (34 and 7°) and the y
coordinates [y, = r, and y; = r, +0.382r, (1 — cos ;)] allows the determination
of the parabola by geometric analysis. Before detail design is undertaken, a
more accurate contour, using the method of characteristics, is suggested.

The chamber diameter should be about twice the nozzle throat diameter to
avoid pressure losses in the combustion chamber (D, = 16.64 ¢cm). Using the
approximate length of prior successful smaller chambers and a characteristic
length L* of about 1.1 m, the chamber length (together with the converging
nozzle section) is about 11.8 inch or 29.9 cm. The overall length of the thrust
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chamber (169 cm) is the sum of the nozzle length (111.8 c¢cm), chamber (29.9
cm), injector thickness (estimated at 8 cm), mounted valves (estimated at 10
cm), a support structure, and possibly also a gimbal joint. The middle sketch of
the three thrust chambers in Fig. 8-23 corresponds roughly to these numbers.

We have now the stage masses, propellant flows, nozzle and chamber con-
figuration. Since this example is aimed at a thrust chamber, data on other
engine components or parameters are given only if they relate directly to the
thrust chamber or its parameters.

Next we check if there is enough available vehicle volume (1.90 m diameter
and 4.50 m long) to allow making a larger nozzle area ratio and thus gain a
little more performance. First we determine how much of this volume is occu-
pied by propellant tanks and how much might be left over or be available for
the thrust chamber. This analysis would normally be done by tank design
specialists. The average density of the propellant mixture can be determined
from Eq. 7-1 to be 1014 kg/m’ and the total usable propellant of 7478 kg.
Using densities from Table 7-1 the fuel volume and the oxidizer volume can be
calculated to be 2.797 and 4.571 m’® respectively. For a diameter of 1.90 m, a
nearly spherical fuel tank, a separate oxidizer cylindrical tank with elliptical
ends, 6% ullage, and 2% residual propellant, a layout would show an overall
tank length of about 3.6 m in a space that is limited to 4.50 m. This would leave
only 0.9 m for the length of the thrust chamber, and this is not long enough.
Therefore we would need to resort to a more compact tank arrangement, such
as using a common bulkhead between the two tanks or building a toroidal tank
around the engine. It is not the aim to design the tanks in this example, but the
conclusion affects the thrust chamber. Since the available volume of the vehicle
is limited, it is not a good idea to try to make the thrust chamber bigger.

This diversion into the tank design shows how a vehicle parameter affects
the thrust chamber design. For example, if the tank design would turn out to be
difficult or the tanks would become too heavy, then one of these thrust cham-
ber options can be considered: (1) go to a higher chamber pressure (makes the
thrust chamber and nozzle smaller, but heavier), (2) go to a lower thrust engine
(will be smaller and lighter), (3) store the nozzle of the upper stage thrust
chamber in two pieces and assemble them once the lower stages have been
used and discarded (see Fig. 8-19; it is more complex and somewhat heavier),
or (4) use more than one thrust chamber in the engine (will be heavier, but
shorter). We will not pursue these or other options here.

Heat Transfer. The particular computer program for estimating heat
transfer and cooling parameters of thrust chambers will depend on the
background and experience of specific engineers and rocket organizations.
Typical computer programs divide the internal wall surface of the chamber
and nozzle into axial incremental axial steps. Usually in a preliminary
analysis the heat transfer is estimated only for critical locations such as for
the throat and perhaps the chamber.
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From Fig. 5-1 and Eq. 3-12 or 3-22 we determine the following gas tem-
peratures for the chamber, nozzle throat region, and a location in the diverging
exit section. They are: T} = 3600 K, T, = 3243 K, and 7, = 1730 K at an area
ratio of 6.0 in the diverging nozzle section. The chamber and nozzle down to an
exit area ratio of 6 will have to be cooled by fuel. For this propellant combina-
tion and for the elevated wall temperatures a stainless steel has been success-
fully used for the inner wall material.

Notice that beyond this area ratio of about 6, the nozzle free stream gas
temperatures are relatively low. Uncooled high temperature metals can be used
here in this outer nozzle region. Radiation cooling, using a material such as
niobium (coated to prevent excessive oxidation) or carbon fibers in a nonpor-
ous carbon matrix, is suitable between an area ratio of 6 and about 25. For the
final large nozzle exit section, where the temperatures are even lower, a lower
cost material such as stainless steel or titanium is suggested. Ablative materials
have been ruled out, because of the long duration and the aggressive ingredi-
ents in the exhaust gas. The gas compositions of Figs. 5-2 and 5-3 indicate that
some free oxygen and hydroxyl is present.

We now have identified the likely materials for key chamber components.
The best way to cool the radiation cooled exit segment of the nozzle (beyond
area ratio of 6) is to let it stick out of the vehicle structure; the heat can then be
freely radiated to space. One way to accomplish this, is to discard the vehicle
structure around the nozzle end.

As in Fig. 8-8, the maximum heat transfer rate will be at the nozzle throat
region. A variety of heat transfer analysis programs are available for estimating
this heat transfer. If a suitable computer program is not available, then an
approximate steady-state heat transfer analysis can be made using Eqs. 8-15
to 8-19 and the physical properties (specific heat, thermal conductivity, and
density) of RP-1 at elevated temperatures. The film coefficients of Eqs. 8-23
and 8-25 are also needed. This is not done in this example, in part because data
tables for the physical properties would take up a lot of space and results are
not always reliable. Data from prior thrust chambers with the same propellants
indicate a heat transfer rate at the nozzle throat region exceeding 10 Btu/in.>-
sec or 1.63 x 10" W/m?.

The RP-1 fuel is an unusual coolant, since it does not have a distinct boiling
point. Its composition is not consistent and depends on the oil stock from
which it was refined and the refining process. It is distilled or evaporated
gradually over a range of temperatures. The very hot wall can cause the RP-
I to locally break down into carbon-rich material and to partially evaporate or
gasify. As long as the small vapor bubbles are recondensed when they are
mixed with the cooler portions of the coolant flow, a steady heat transfer
process will occur. If the heat transfer is high enough, then these bubbles
will not be condensed, may contain noncondensable gases, and the flow will
contain substantial gas bubbles and become unsteady, causing local overheat-
ing. The recondensing is aided by high cooling passage velocities (more than
10 m/sec at the throat region) and by turbulence in these passages. A coolant
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flow velocity of 15 m/sec is selected for the throat and 7 m/sec in the chamber
and nozzle exit segment.

The material for the cooling jacket will be stainless steel to resist the oxida-
tion and erosion of the fast moving, aggressive hot gas, which contains free
oxygen and hydroxyl species. The cooling by fuel will assure that the tempera-
tures of this stainless steel are well below its softening temperature of about
1050 K.

The construction of the cooling jacket can be tubular, as shown in Figs. §-1
and 8-9, or it can consist of milled channels as shown in Figs. 8-2 and 8-17.
The cross section of each tube or cooling channel will be a minimum at the
throat region, gradually become larger, and be about two or more times as
large at the chamber and diverging nozzle regions. The wall thickness (on the
hot gas side) should be as small as possible to reduce the temperature drop
across the wall (which reduces the thermal stresses and allows a lower wall
temperature) and to minimize the yielding of the material that occurs due to
thermal deformation and pressure loads. Figure 8—12 shows this behavior, but
for a thick wall. Practical considerations such as manufacturability, the num-
ber of test firings before flight, the deformation under pressure loads, the
temperature gradient and dimensional tolerances also enter into the selection
of the wall thickness. A thickness of 0.5 mm and a cooling velocity of 15 m/sec
have been selected for the throat region of the cooling jacket and cooling
velocities of 7 m/sec in the chamber and the cooled nozzle segment. Milled
slots (rather than tubes) have been selected for this thrust chamber.

The selection of the number of milled slots, their cross sections, and the wall
thickness is a function of the coolant mass flow, its pressure, wall stresses, wall
material, and the shape of the channel. Figure 8-24 and Table 8—6 describe the
channel width and height for different numbers of channels and different
locations. The fuel coolant flow is diminished by the gas generator fuel flow
(0.293 kg/sec) and is about 4.387 kg/sec. For this flow and a cooling velocity of
15 m/sec in the throat region the cumulative cross-sectional area of all the
channels is only about 3.62 cm?. The cooling velocity is lower in the chamber
and nozzle regions and the cumulative channel flow area will be larger there.
The variables are the number of channels, the thickness of the hot wall, the rib
thickness between channels, the cooling velocity, the gas temperature, and the

width = % ~{ /. _Rib
/‘.f——j'\thlckness
X
Depth/)( Cooling

flow channel

:

Hot gas side Wall
of inner wall thickness

FIGURE 8-24. Segment of cooling jacket with milled channels and an electroformed
outer wall.
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TABLE 8-6. Alternative Milled Channel Configurations for Fuel (cooling) Flow of
4.387 kg/sec

Throat Section Chamber Section

Wall thickness 0.05 cm Wall thickness 0.06 cm
Rib thickness 0.08 cm Rib thickness 0.08
Total flow area 3.653 em? Total flow area 7.827 cm?
Flow velocity 15 m/sec Flow velocity 7.0 m/sec

Number of Channel Channel Number of Channel Channel
Channels Width, cm  Depth, cm Channels Width, cm  Depth, cm

80 0.257 0.177

100 0.193 0.189 100 0.456 0.171
120 0.145 0.210 120 0.367 0.179
140 0.113 0.231 140 0.303 0.184
150 0.100 0.243 150 0.277 0.188
160 0.092 0.247 160 0.255 0.192
180 0.070 0.289 180 0.218 0.196

location along the thrust chamber profile. The number of channels or tubes will
determine the shape of the cross section, ranging from deep and thin to almost
square. The effect of varying the number of channels or channel dimensions
and shape is shown in Table 8-6. The minimum inert mass of the cooling jacket
and a low friction loss occur, when the shape (which varies axially throughout
the jacket) is on the average close to a square. On the basis of analyses, as
shown in the table, a 150-channel design has been selected for giving favorable
cross section, reasonable dimensions for ease of fabrication, good cooling and
often low thermal wall stresses.

Reinforcing bands have to be put on the outside of the tubes or channels to
hold the internal gas pressure during operation, to contain the coolant pres-
sures, which cause heated walls wanting to become round, and any surge
pressures during the start transient or arising from water hammer in the
lines. We assume a surge pressure of 50% above chamber pressure and a
steel strength o of 120,000 psi. In the chamber the inside diameter is 16.7 cm
(6.57 in.), the walls and channels are 0.3 cm thick, and the pressure is 700 psia
or 4.826 MPa. If one band allows the reinforcing of a length of chamber of
3.0 in. the cross sectional area of that reinforcing band will be
A =pDL/(20) = [700 x 1.5 x (6.57 4+ 0.3) x 3]/(2 x 120,000) = 0.0902 in. If
the band were 1.0 in. wide, its thickness would be 0.09 in. and if it were 3 in.
wide it would be 0.3 in. thick. Large nozzle exit sections have been observed to
experience flutter or cyclic deformation, and therefore some stiffening rings
may be needed near the exit.

The capacity of the fuel to absorb heat is approximately c¢,m /AT = 0.5 x
4.81 x 200 = 278,000 J/sec. The maximum AT is established by keeping the
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fuel well below its chemical decomposition point. This calculated heat absorp-
tion is less than the heat transfer from the hot gases. It is therefore necessary to
reduce the gas temperature near the chamber and nozzle walls or to increase
the heat absorption. This can be accomplished by (1) introducing film cooling
by injection into the chamber just ahead of the nozzle, by (2) modifying the
injection patterns, so that a cooler, fuel-rich thick internal boundary layer is
formed, or (3) by allowing some nucleate boiling in the throat region. The
analysis of these three methods is not given here. Item (2), supplementary
cooling, is selected because it is easy to design and build, and can be based
on extensive data of prior favorable experience. However it causes a small loss
of performance (up to about 1% in specific impulse).

Injector Design. The injector pattern can be any one of the several types
shown in Figs. 8-3 and 84. For this propellant combination we have used
both doublets (like and unlike), and triplets in the USA, and the Russians
have used multiple hollow double posts with swirling or rotation of the flow
in the outer annulus. Based on good experience and demonstrated
combustion stability with similar designs, we select a doublet self impinging
type stream pattern and an injector design similar to Fig 84. The impinging
streams form fans of liquid propellant, which break up into droplets.
Oxidizer and fuel fans alternate radially. We could also use a platelet design,
like Fig. 8-5.

The pressure drop across the injector is usually set at values between 15 and
25% of the chamber pressure, in part to obtain high injection velocities, which
aid in atomization and droplet breakup. In turn this leads to more complete
combustion (and thus better performance) and to stable combustion. We will
use 20% or 140 psi or 0.965 MPa for the injector pressure drop. There is a
small pressure loss in the injector passages. The injection velocities are found
from Eqs. 8-1 and 8-5. The equation is solved for the area 4, which is the
cumulative cross-section area of all the injection holes of one of the propellants
in the injector face.

With rounded and clean injection hole entrances the discharge coefficient
will be about 0.80 as shown in Table 8-2. Solving for the cumulative injection
hole area for the fuel and the oxidizer flow gives 1.98 cm? for the fuel and 4.098
cm? for the oxidizer. A typical hole diameter in this size of injector would be
about 0.5 to 2.5 mm. We will use a hole size of 1.5 mm for the fuel holes (with
90% of the fuel flow) and 2.00 mm for the oxidizer hole size, resulting in 65
doublets of oxidizer holes and 50 doublets of fuel. By using a slightly smaller
fuel injection hole diameter, we can match the number of 65 doublets as used
with the oxidizer holes. These injection doublets will be arranged on the injec-
tor face in concentric patterns similar to Fig. 8—4. We may be able to obtain a
slightly higher performance by going to smaller hole sizes and a large number
of fuel and oxidizer holes. In addition there will be extra fuel holes on the
periphery of the injector face to help in providing the cooler boundary layer,
which is needed to reduce heat transfer. They will use 10% of the fuel flow and,
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for a 0.5 mm hole diameter, the number of holes will be about 100. To make a
good set of liquid fans, equal inclination angles of about 25° are used with the
doublet impingements. See Fig. 8-7.

Ignition. A pyrotechnic (solid propellant) igniter will be used. It has to have
enough energy and run long enough to provide the pressure and temperature
in the thrust chamber for good ignition. Its diameter has to be small enough
to be inserted through the throat, namely 8.0 ¢cm maximum diameter and 10
to 15 cm long.

Layout Drawings, Masses, Flows, and Pressure Drops. We now have
enough of the key design parameters of the selected thrust chamber, so a
preliminary layout drawing can be made. Before this can be done well, we
will need some analysis or estimates on the manifolds for fuel and oxidizer,
valve mounting provisions and their locations, a nozzle closure during
storage, a thrust structure, and possibly an actuator and gimbal mount, if
gimballing is required by the mission. A detailed layout or CAD (Computer
Aided Design) image (not shown in this analysis) would allow a more
accurate picture and a good determination of the mass of the thrust
chamber and its center of gravity both with and without propellants.

Estimates of gas pressures, liquid pressures (or pressure drops) in the flow
passages, injector, cooling jacket, and the valves are needed for the stress ana-
lysis, so that various wall thicknesses and component masses can be determined.
Material properties will need to be obtained from references or tests. A few of
these analyses and designs may actually change some of the data we selected or
estimated early in this sample analysis and some of the calculated parameters
may have to be re-analyzed and revised. Further changes in the thrust chamber
design may become evident in the design of the engine, the tanks, or the inter-
face with the vehicle. The methods, processes and fixtures for manufacturing
and testing (and the number and types of tests) will have to be evaluated and the
number of thrust chambers to be built has to be decided, before we can arrive at
a reasonable manufacturing plan, a schedule and cost estimates.

PROBLEMS

1. How much total heat per second can be absorbed in a thrust chamber with an inside
wall surface area of 0.200 m? if the coolant is liquid hydrogen and the coolant
temperature does not exceed 145 K in the jacket? Coolant flow is 2 kg/sec. What
is the average heat transfer rate per second per unit area? Use the data from Table
7-1 and the following:

Heat of vaporization near boiling point 446 kJ/kg

Thermal conductivity (gas at 21 K) 0.013 W/m-K
(gas at 194.75 K)  0.128 W/m-K
(gas at 273.15K)  0.165 W/m-K
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2. During a static test a certain steel thrust chamber is cooled by water. The following

data are given:

Average water temperature 100°F

Thermal conductivity of water 1.07 x 107* Btu/sec-ft2—°F/ft
Gas temperature 4500°F

Viscosity of water 2.5 x 1075 Ibf-sec/ft?
Specific heat of water 1.0 Btu/lb-°F

Cooling passage dimensions % X % in.

Water flow through passage 0.585 lb/sec

Thickness of inner wall & in.

Heat absorbed 1.3 Btu/in.2-sec

Thermal conductivity of wall material 26 Btu/hr-ft2-°F/ft

Determine (a) the film coefficient of the coolant; (b) the wall temperature on the
coolant side; (c) the wall temperature on the gas side.

. In the example of Problem 2 determine the water flow required to decrease the wall
temperature on the gas side by 100°F. What is the percentage increase in coolant
velocity? Assume that the various properties of the water and the average water
temperature do not change.

. Express the total temperature drop in Problem 2 in terms of the percentage tem-
preature drops through the coolant film, the wall, and the gas film.

. Determine the absolute and relative reduction in wall temperatures and heat trans-
fer caused by applying insulation in a liquid-cooled rocket chamber with the follow-
ing data:

Tube wall thickness 0.381 mm

Gas temperature 2760 K

Gas-side wall temperature 1260 K

Heat transfer rate 15 MW/m2

Liquid film coefficient 23 kW/m?-K

Wall material Stainless steel AISI type 302

A 0.2 mm thick layer of insulating paint is applied on the gas side; the paint consists
mostly of magnesia particles. The conductivity of this magnesia is 2.59 W/mz-K/m.
The stainless steel has an average thermal conductivity of 140 Btu/hr-ft>-°F/in.

6. A small thruster has the following characteristics:

Propellants Nitrogen tetroxide and monomethyl hydrazine

Injection individual hole size Between 0.063 and 0.030 in.

Injection hole pattern Unlike impinging doublet

Thrust chamber type Ablative liner with a carbon—carbon nozzle
throat insert

Specific gravities: 1.446 for oxidizer and 0.876 for fuel

Impingement point 0.25 in. from injector face

Direction of jet momentum  Parallel to chamber axis after impingement

r = 1.65 (fuel rich) (Zs)actual = 251 sec

F =300 Ibf t, = 25 sec

p1 = 250 psi AJA, =3.0

(Ap)y; = 50.0 psi (Cado = (Ca)y = 0.86
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Determine the number of oxidizer and fuel holes and their angles. Make a sketch to
show the symmetric hole pattern and the feed passages in the injector. To protect
the wall, the outermost holes should all be fuel holes.

7. A large, uncooled, uninsulated, low carbon steel thrust chamber burned out in the
throat region during a test. The wall (0.375 in. thick) had melted and there were
several holes. The test engineer said that he estimated the heat transfer to have been
about 15 Btu/in.2. The chamber was repaired and you are responsible for the next
test. Someone suggested that a series of water hoses be hooked up to spray plenty of
water on the outside of the nozzle wall at the throat region during the next test to
prolong the firing duration. The steel’s melting point is estimated to be 2550°F.
Because of the likely local variation in mixture ratio and possibly imperfect impin-
gement, you anticipate some local gas regions that are oxidizer rich and could start
the rapid oxidation of the steel. You therefore decide that 2250°F should be the
maximum allowable inner wall temperature. Besides knowing the steel weight den-
sity (0.284 1bf/in.%), you have the following data for steel for the temperature range
from ambient to 2250°F: the specific heat is 0.143 Btu/lbm-°F and the thermal
conductivity is 260 Btu/hr-ft?>-°F/in. Determine the approximate time for running
the next test (without burnout) both with and without the water sprays. Justify any
assumptions you make about the liquid film coefficient of the water flow. If the
water spray seems to be worth while (getting at least 10% more burning time),
make sketches with notes on how the mechanic should arrange for this water flow
so it will be most effective.

8. The following conditions are given for a double-walled cooling jacket of a rocket
thrust chamber assembly:

Rated chamber pressure 210 psi
Rated jacket pressure 290 psi
Chamber diameter 16.5 in.
Nozzle throat diameter 5.0 in.
Nozzle throat gas pressure 112 psi
Average inner wall temperature at throat region 110°F

Average inner wall temperature at chamber region 800°F
Cooling passage height at chamber and nozzle exit ~ 0.375 in.

Cooling passage height at nozzle throat 0.250 in.

Nozzle exit gas pressure 14.7 psi.

Nozzle exit diameter 10 in.

Wall material 1020 carbon steel
Safety factor on yield strength 2.5

Cooling fluid RP-1

Average thermal conductivity of steel 250 Btu/hr-ftz-F/in.

Assume other parameters, if needed. Compute the outside diameters and the thick-
ness of the inner and outer walls at the chamber, at the throat, and at the nozzle
exit.

9. Determine the hole sizes and the angle setting for a multiple-hole, doublet imping-
ing stream injector that uses alcohol and liquid oxygen as propellants. The resultant
momentum should be axial, and the angle between the oxygen and fuel jets (v, + vr)
should be 60°. Assume the following:

(Cp, 087 Chamber pressure 300 psi
(Cq)y 091 Fuel pressure 400 psi
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Po 71 1bjtt? Oxygen pressure 380 psi
or S11b/f  Number of jet pairs 4
r 1.20 Thrust 250 Ibf

Actual specific impulse 218 sec
Answers: 0.0197 in.; 0.0214 in.; 32.3%; 27.7°.

Explain in a rational manner why Fig. 8-10 has a maximum and how this maximum
would be affected by the duty cycle, ablative material, heat loss from the thrust
chamber, effect of altitude, and so on. Why does this maximum not occur at 90%
burn time?

11. Table 10-5 shows that the RD 120 rocket engine can operate down to 85% of full
thrust and at a mixture ratio variation of £10.0%. In a particular static test the
average thrust was held at 96% of nominal and the average mixture ratio was 2.0%
fuel rich. Assume a 1.0% residual propellant, but neglect other propellant budget
allowances. What percentage of the fuel and oxidizer that have been loaded will
remain unused at thrust termination? If we want to correct the mixture ratio in the
last 20.0% of the test duration and use up all the available propellant, what would
be the mixture ratio and propellant flows for this last period?

12. Make a simple sketch to scale of the thrust chamber that was analyzed in Section
8.6. The various dimensions should be close, but need not be accurate. Include or
make separate sketches of the cooling jacket and the injector. Also compile a table
of all the key characteristics, similar to Table 8-1, but include gas generator flows,
and key materials. Make estimates or assumptions for any key data that is not
mentioned in Section 8.6

SYMBOLS

A area, m> (ft)

A, Projected area of linear aerospike ramp, m? (ftz)

¢y specific heat at constant pressure, J/kg-K (Btu/lbm R)

5 average liquid specific heat, J/kg-K (Btu/lbm R)

Cy discharge coefficient

Cr thrust coefficient (see Eq. 3-31)

D diameter, m (ft)

E modulus of elasticity, N/m2 (lbf/in.z), or radiation energy, kg-mz/secz

f friction loss coefficient, or geometric factor in radiation

g0 sea level acceleration of gravity, 9.806 m/sec? (32.17 ft/sec?)

h film coefficient, W/(m?-K)

Ah enthalpy change, J/kg (Btu/lb)

I specific impulse, sec

k specific heat ratio

L length, m (ft)

LY characteristic chamber length, m (ft)

m mass, kg
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mass flow rate, kg/sec (Ib/sec)

pressure, N/m2 or Pa (Ibf/in.?)

Prandtl number (c,u/k)

heat-transfer rate or heat flow per unit area, J/m?-sec (Btu/ftz-sec)
volume flow rate, m3/sec (ft3/sec), or heat flow rate, J/sec
flow mixture ratio (oxidizer to fuel)

stress N/m? (Ibf/in.?)

time, sec

stay time, sec

wall thickness, m (in.)

absolute temperature, K (R)

velocity, m/sec (ft/sec)

specific volume, m® /kg(ft3/1b)

combustion chamber volume (volume up to throat), m® (ft3)

Greek Letters

A TR A DM S LR R

angle between chamber axis and oxidizer stream

angle between chamber axis and fuel stream

finite differential

angle between chamber axis and the resultant stream
nozzle area ratio (e = A,/A,), or emissivity of radiating body
angle

thermal conductivity, J/(m?-sec-K)/m (Btu/in.2-sec’- Rjin.)
coefficient of thermal expansion, m/m-K (in./in.-R)
viscosity, m*/sec

Poisson ratio

density, kg/m® (Ibf/ft?)

Stefan—Boltzmann constant (5.67 x 1078 W/mz—K4)

Subscripts

arithmetic mean
chamber

fuel or final condition
gas

liquid

oxidizer

throat

wall

wall on side of gas
wall on side of liquid
initial condition
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inlet or chamber condition
nozzle exit condition
atmosphere or ambient condition
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CHAPTER 9

COMBUSTION OF LIQUID
PROPELLANTS

The design, development, and operation of liquid rocket engines requires
efficient stable burning of the propellants and the generation of a high-
temperature, uniform gas that is the rocket’s working fluid. In this chapter
we treat the complex phenomena of the combustion processes in the com-
bustion chamber of a liquid bipropellant thrust chamber. We describe in
general terms the combustion behavior, the progress in analysis of combus-
tion, the several types of combustion instability with its undesirable effects,
and semiempirical remedies. The objective is to operate at very high com-
bustion efficiencies and to prevent the occurrence of combustion instability.
Thrust chambers should operate with stable combustion over a wide range
of operating conditions. For a treatment of these subjects see Refs. 9-1 to
9-3.

The combustion of liquid propellants is very efficient in well-designed
thrust chambers, precombustion chambers, or gas generators. Efficiencies
of 95 to 99.5% are typical compared to turbojets or furnaces, which can
range from 50 to 97%. This is due to the very high reaction rates at the
high combustion temperatures and the thorough mixing of fuel and oxidizer
reaction species by means of good injection distribution and gas turbulence.
The losses are due to incomplete burning or inadequate mixing {nonuniform
mixing ratio). For very small bipropellant thrust chambers, where the injector
has very few injection orifices or elements, the combustion efficiency can be
well below 95%.

342
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9.1. COMBUSTION PROCESS

In describing the combustion processes, it is convenient and helpful to the
understanding to divide the combustion chamber into a series of discrete
zones, as shown in Fig. 9-1 for a typical configuration. It has a flat injector
face with many small injection orifices for introducing both fuel and oxidi-
zer liquids as many discrete individual streams, jets, or thin sprays or sheets.
The relative thicknesses of these zones, their behavior, and their transitions
are influenced by the specific propellant combination, the operating condi-
tions (pressure, mixture ratio, etc.), the design of the injector, and chamber
geometry. The boundaries between the zones shown in Fig. 9-1 are really
not flat surfaces and do not display steady flow. They are undulating,
dynamically movable, irregular boundaries with localized changes in velo-
city, temporary bulges, locally intense radiation emissions, or variable tem-
perature. Table 9-1 shows the major interacting physical and chemical
processes that occur in the chamber. This table is a modification of tables
and data in Refs. 9-2 and 9-3.

The combustion behavior is propellant dependent. If the fuel were hydrogen
that has been used to cool the thrust chamber, the hydrogen would be gaseous
and fairly warm (60 to 500 K); there would be no liquid hydrogen droplets and
no evaporation. With hypergolic propellants there is an initial chemical reac-
tion in the liquid phase when a droplet of fuel impinges on a droplet of oxidi-
zer. Experiments show that the contact can create local explosions and enough
energy release to suddenly vaporize a thin layer of the fuel and the oxidizer
locally at the droplet’s contact face; there immediately follows a vapor chemi-
cal reaction and a blow-apart and breakup of the droplets, due to the explosion
shock wave pressure (Refs. 9-4 and 9-5).

Injection/ Rapid- Streamtube
atomization combustion combustion Transonic-flow zone
one 20ne zone

z0ne

Chamber-combustion region -
with subsonic flow

Two-dimensional
sonic-fiow line

FIGURE 9-1. Division of combustion chamber into zones for analysis. (Reprinted with
permission from Ref. 8-1, copyright by AIAA.)



344

COMBUSTION OF LIQUID PROPELLANTS

TABLE 9-1. Physical and Chemical Processes in the Combustion of Liquid

Propellants

Injection

Atomization

Vaporization

Liquid jets enter chamber at
relatively low velocities

Sometimes gas propellant is
injected

Partial evaporation of liquids

Interaction of jets and high
pressure gas

Impingement of jets or sheets
Formation of liquid fans
Formation of droplets
Secondary breakup of drops
Liquid mixing and some
liquid-liquid chemical
reaction
Oscillations of jets or fans
as they become unstable
during breakup
Vaporization begins and
some vapor reactions occur

Droplet gasification and
diffusion

Further heat release from
local chemical reactions

Low gas velocities and some
cross flow

Heat absorbed by radiation
and conduction from
blowback of turbulent gases
from the hot reaction zone

Acceleration to higher
velocities

Vaporization rate influenced by
pressure or temperature
oscillations and acoustic
waves

Mixing and Reaction

Expansion in Chamber

Turbulent mixing (three-dimensional)
Multiple chemical reactions and major heat

releases

Interactions of turbulence with droplets

and chemical reactions

Temperature rise reduces densities
Local mixture ratios, reaction rates, or
velocities are not uniform across chamber

and vary rapidly with time

Chemical kinetics causes attainment of
final combustion temperature and final

equilibrium reaction gas composition

Gas dynamics displays turbulence and

increasing axial gas velocities

Formation of a boundary layer
Acceleration to high chamber velocities
Streamlined high-velocity axial flow with

very little cross flow

Some tangential and radial flows

Rapid Combustion Zone

In this zone intensive and rapid chemical reactions occur at increasingly higher
temperature; any remaining liquid droplets are vaporized by convective heating
and gas pockets of fuel-rich and fuel-lean gases are mixed. The mixing is aided
by local turbulence and diffusion of the gas species.

The further breakdown of the propellant chemicals into intermediate frac-
tions and smaller, simpler chemicals and the oxidation of fuel fractions occur
rapidly in this zone. The rate of heat release increases greatly and this causes
the specific volume of the gas mixture to increase and the local axial velocity to
increase by a factor of 100 or more. The rapid expansion of the heated gases
also forces a series of local transverse gas flows from hot high-burning-rate
sites to colder low-burning-rate sites. The liquid droplets that may still persist
in the upstream portion of this zone do not follow the gas flow quickly and are
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difficult to move in a transverse direction. Therefore, zones of fuel-rich or
oxidizer-rich gases will persist according to the orifice spray pattern in the
upstream injection zone. The gas composition and mixture ratio across the
chamber section become more uniform as the gases move through this zone,
but the mixture never becomes truly uniform. As the reaction product gases are
accelerated, they become hotter (due to further heat releases) and the lateral
velocities become relatively small compared to the increasing axial velocities.

The combustion process is not a steady flow process. Some people believe
that the combustion is locally so intense that it approches localized explosions
that create a series of shock waves. When observing any one specific location in
the chamber, one finds that there are rapid fluctuations in pressure, tempera-
ture, density, mixture ratio, and radiation emissions with time.

Injection/Atomization Zone

Two different liquids are injected with storable propellants and with liquid
oxygen/hydrocarbon combinations. They are injected through orifices at velo-
cities typically between 7 and 60 m/sec or about 20 to 200 ft/sec. The injector
design has a profound influence on the combustion behavior and some see-
mingly minor design changes can have a major effect on instability. The pat-
tern, sizes, number, distribution, and types of orifices influence the combustion
behavior, as do the pressure drop, manifold geometry, or surface roughness in
the injection orifice walls. The individual jets, streams, or sheets break up into
droplets by impingement of one jet with another (or with a surface), by the
inherent instabilities of liquid sprays, or by the interaction with gases at a
different velocity and temperature. In this first zone the liquids are atomized
into a large number of small droplets (see Refs. 9-3 and 9-6). Heat is trans-
ferred to the droplets by radiation from the very hot rapid combustion zone
and by convection from moderately hot gases in the first zone. The droplets
evaporate and create local regions rich either in fuel vapor or oxidizer vapor.

This first zone is heterogeneous; it contains liquids and vaporized propellant
as well as some burning hot gases. With the liquid being located at discrete
sites, there are large gradients in all directions with respect to fuel and oxidizer
mass fluxes, mixture ratio, size and dispersion of droplets, or properties of the
gascous medium. Chemical reactions occur in this zone, but the rate of heat
generation is relatively low, in part because the liquids and the gases are still
relatively cold and in part because vaporization near the droplets causes fuel-
rich and fuel-lean regions which do not burn as quickly. Some hot gases from
the combustion zone are recirculated back from the rapid combustion zone,
and they can create local gas velocities that flow across the injector face. The
hot gases, which can flow in unsteady vortexes or turbulence patterns, are
essential to the initial evaporation of the liquids.

The injection, atomization and vaporization processes are different if one of
the propellants is a gas. For example, this occurs in liquid oxygen with gaseous
hydrogen propellant in thrust chambers or precombustion chambers, where
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liquid hydrogen has absorbed heat from cooling jackets and has been gasified.
Hydrogen gas has no droplets and does not evaporate. The gas usually has a
much higher injection velocity {above 120 m/sec) than the liquid propellant.
This causes shear forces to be imposed on the liquid jets, with more rapid
droplet formation and gasification. The preferred injector design for gaseous
hydrogen and liquid oxygen is different from the individual jet streams used
with storable propellants, as shown in Chapter 8.

Stream Tube Combustion Zone

In this zone oxidation reactions continue, but at a lower rate, and some addi-
tional heat is released. However, chemical reactions continue because the mix-
ture tends to be driven toward an equilibrium composition. Since axial
velocities are high (200 to 600 m/sec) the transverse convective flow velocities
become relatively small. Streamlines are formed and there is relatively little
turbulent mixing across streamline boundaries. Locally the flow velocity and
the pressure fluctuate somewhat. The residence time in this zone is very short
compared to the residence time in the other two zones. The streamline type,
inviscid flow, and the chemical reactions toward achieving chemical equili-
brium presist not only throughout the remainder of the combustion chamber,
but are also extended into the nozzle.

Actually, the major processes do not take place strictly sequentially, but
several seem to occur simultaneously in several parts of the chamber. The
flame front is not a simple plane surface across the combustion chamber.
There is turbulence in the gas flow in all parts of the combustion chamber.

The residence time of the propellant material in the combustion chamber
is very short, usually less than 10 milliseconds. Combustion in a liquid
rocket engine is very dynamic, with the volumetric heat release being
approximately 370 MJ/m3-sec, which is much higher than in turbojets.
Further, the higher temperature in a rocket causes chemical reaction rates
to be several times faster (increasing exponentially with temperature) than in
turbojet.

9.2. ANALYSIS AND SIMULATION

For the purpose of analysing the combustion process and its instabilities, it has
been convenient to divide the acoustical characteristics into linear and non-
linear behavior. A number of computer simulations with linear analyses have
been developed over the last 45 years and have been used to understand the
combustion process with liquid propellant combustion devices and to predict
combustion oscillation frequencies. The nonlinear behavior (for example, why
does a disturbance cause an apparently stable combustion to suddenly become
unstable?) is not well understood and not properly simulated. Mathematical
simulations require a number of assumptions and simplifications to permit
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feasible solutions (see Refs. 9-1, 9-3, 9-6, and 9-7). Good models exist for
relatively simple phenomena such as droplets of a propellant vaporizing and
burning in a gaseous atmosphere or the steady-state flow of gases with heat
release from chemical reactions. The thermochemical equilibrium principles
mentioned in Chapter 5 also apply here. Some programs who consider some
turbulence and film cooling effects.

The following phenomena are usually ignored or greatly simplified: cross
flows; nonsymmetrical gradients; unsteadiness of the flow; time variations in
the local temperature, local velocity, or local gas composition; thermochemical
reactions at local off-design mixture ratios and at different kinetic rates;
enhancement of vaporization by acoustic fields (see Ref. 9-8); uncertainties
in the spatial as well as the size distribution of droplets from sprays; or drag
forces on droplets. It requires skilled, experienced personnel to use, interpret,
and modify the more complex programs so that meaningful results and con-
clusions can be obtained. The outputs of these computer programs can give
valuable help and confirmation about the particular design and are useful
guides in interpreting actual test results, but by themselves they are not suffi-
cient to determine the designs, select specific injector patterns, or predict the
ocurrence ¢f combustion instabilities.

All the existing computer programs known to the authors are suitable for
steady-state flow conditions, usually at a predetermined average mixture ratio
and chamber pressure. However, during the starting, thrust change, and stop-
ping transients, the mixture ratio and the pressure change drastically. The
analysis of these transient conditions is more difficult.

The combustion is strongly influenced by the injector design. The following
are some of the injection parameters which influence combustion behavior:
injector spray or jet pattern; their impingement; hole sizes or hole distribution;
droplet evaporation; injection pressure drop; mixture ratio; pressure or tem-
perature gradients near the injector; chamber/injector geometry; initial propel-
lant temperature, and liquid injection pressure drop. Attempts to analyze these
effects have met with only partial success.

Computational fluid dynamics (CFD) is a relatively new analytical tool that
can provide a comprehensive description of complex fluid dynamic and ther-
modynamic behavior. It allows for a time history of all parameters and can
even include some nonlinear effects. Numerical approaches are used to eval-
uate sets of equations and models that represent the behavior of the fluid.
For complex geometries the information has been tracked with up to 250,000
discrete locations and can include changes in gas composition, thermody-
namic conditions, equilibrium reactions, phase changes, viscous or nonvis-
cous flow, one-, two-, or three-dimensional flow, and steady-state or transient
conditions. It has been applied to resonance cavities in injectors or chambers
and to the flow of burning gases through turbines. A comprehensive rocket
combustion model using CFD is not yet available, but could become useful
in the future.
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9.3. COMBUSTION INSTABILITY

If the process of rocket combustion is not controlled (by proper design), then
combustion instabilities can occur which can very quickly cause excessive
pressure vibration forces (which may break engine parts) or excessive heat
transfer (which may melt thrust chamber parts). The aim is to prevent occur-
rence of this instability and to maintain reliable operation (see Ref. 9-8).
Although much progress has been made in understanding and avoiding com-
bustion instability, new rocket engines can still be plagued by it.

Table 9-2 lists the principal types of combustion vibrations encountered in
liquid rocket thrust chambers (see Refs. 9-3 and 9-9). Admittedly, combus-
tion in a liquid rocket is never perfectly smooth; some fluctuations of pres-
sure, temperature, and velocity are always present. When these fluctuations
interact with the natural frequencies of the propellant feed system (with and
without vehicle structure) or the chamber acoustics, periodic superimposed
oscillations, recognized as instability, occur. In normal rocket practice smooth
combustion occurs when pressure fluctuations during steady operation do not
exceed about +£5% of the mean chamber pressure. Combustion that gives
greater pressure fluctuations at a chamber wall location which occur at com-
pletely random intervals is called rough combustion. Unstable combustion, or
combustion instability, displays organized oscillations occurring at well-
defined intervals with a pressure peak that may be maintained, may increase,
or may die out. These periodic peaks, representing fairly large concentrations

TABLE 9-2. Principal Types of Combustion Instability

Frequency
Range
Type and Word Description (Hz) Cause Relationship
Low frequency, called chugging or 10-400 Linked with pressure interactions
feed system instability between propellant feed system,
if not the entire vehicle, and
combustion chamber
Intermediate frequency, called 400-1000 Linked with mechanical
acoustic,” buzzing, or vibrations of propulsion
entropy waves structure, injector manifold, flow
eddies, fuel/oxidizer ratio
fluctuations, and propellant
feed system resonances
High frequency, calied screaming, Above Linked with combustion
screeching, or squealing 1000 process forces (pressure waves)

and chamber acoustical
resonance properties

“Use of the word acoustical stems from the fact the frequency of the oscillations is related to
combustion chamber dimensions and velocity of sound in the combustion gas.
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of vibratory energy, can be easily recognized against the random-noise back-
ground (see Fig. 9-2).

Chugging, the first type of combustion instability listed in Table 9-2, stems
mostly from the elastic nature of the feed systems and structures of vehicles or
the imposition of propulsion forces upon the vehicle. Chugging of an engine or
thrust chamber assembly can occur in a test facility, especially with low cham-
ber pressure engines (100 to 500 psia), because of propellant pump cavitation,
gas entrapment in propellant flow, tank pressurization control fluctuations,
and vibration of engine supports and propellant lines. It can be caused by
resonances in the engine feed system (such as an oscillating bellows inducing
a periodic flow fluctuation) or a coupling of structural and feed system fre-
quencies.

Smooth combustion

Py
Less than £5%
Time
Rough combustion
Py
Time
12 Damping time

Stability rating test

Time

FIGURE 9-2. Typical oscillogrpah traces of chamber pressure p; with time for different
combustion events.
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When both the vehicle structure and the propellant liquid in the feed system
have about the same natural frequency, then force coupling can occur, not only
to maintain, but also to strongly amplify oscillations. Propellant flow rate
disturbances, usually at 10 to 50 Hz, give rise to low-frequency longitudinal
combustion instability, producing a longitudinal motion of vibration in the
vehicle. This vehicle flight instability phenomenon has been called pogo
instability since it is similar to pogo jumping stick motion. Pogo instabilities
can occur in the propellant feed lines of large vehcles such as space launch
vehicles or ballistic missiles.

Avoiding objectionable engine-vehicle coupled oscillation is best accom-
plished at the time of initial design of the vehicle, as contrasted to applying
“fixes” later as has been the case with rocket engines for the Thor, Atlas, and
Titan vehicles. Analytical methods exist for understanding the vibration modes
and damping tendencies of major vehicle components, including the propellant
tanks, tank pressurization systems, propellant flow lines, engines, and basic
vehicle structure. Figure 9-3, a simplified spring-mass model of a typical
two-stage vehicle, indicates the complexity of the analytical problem.
Fortunately, the vibrational characteristics of the assembly can be affected
substantially by designing damping into the major components or subassem-
blies. Techniques for damping pogo instability include the use of energy-
absorption devices in fluid flow lines, perforated tank liners, special tank sup-
ports, and properly designed engine, interstage, and payload support structures
(see Refs. 9-10 and 9-11).

A partially gas-filled pogo accumulator has been an effective damping
device; it is attached to the main propellant feed line. Such an accumulator
is used in the oxidizer feed line of the Space Shuttle main engine (SSME)
betwen the two oxidizer turbopumps; it can be seen in Figs. 6-1 and 6-12.
The SSME fuel line does not need such a damping device, because the fuel has
a relatively very low density and a lower mass flow.

The dynamic characteristics of a propellant pump can also have an influence
on the pogo-type vibrations, as examined in Ref. 9—-12. The pogo frequency will
change as propellant is consumed and the remaining mass of propellant in the
vehicle changes. The bending or flexing of pipes, joints or bellows, or long
tanks also has an influence.

Buzzing, the intermediate type of instability, seldom represents pressure
perturbations greater than 5% of the mean in the combustion chamber and
usually is not accompanied by large vibratory energy. It often is more noisy
and annoying than damaging, although the occurrence of buzzing may initiate
high-frequency instability. Often it is characteristic of coupling between the
combustion process and flow in a portion of the propellant feed system.
Initiation is thought to be from the combustion process. Acoustic resonance
of the combustion chamber with a critical portion of the propellant flow sys-
tem, sometimes originating in a pump, promotes continuation of the phenom-
enon. This type of instability is more prevalent in medium-size engines (2000 to
250,000 N thrust or about 500 to 60,000 1bf) than in large engines.



9.3. COMBUSTION INSTABILITY 351
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FIGURE 9-3. Typical two-stage vehicle spring-mass model used in analysis of pogo
vibration in the veritcal direction.



352 COMBUSTION OF LIQUID PROPELLANTS

The third type, screeching or screaming, has high frequency and is most
perplexing and most common in the development of new engines. Both liquid
and solid propellant rockets commonly experience high-frequency instablity
during their development phase. Since energy content increases with frequency,
this type is the most destructive, capable of destroying an engine in much less
than 1 sec. Once encountered, it is the type for which it is most difficult to
prove that the incorporated “fixes” or improvements render the engine
“stable” under all launch and flight conditions. It can be treated as a phenom-
enon isolated to the combustion chamber and not generally influenced by feed
system or structure.

High-frequency instability occurs in at least two modes, longitudinal and
transverse. The longitudinal mode (sometimes called organ pipe mode propa-
gates along axial planes of the combustion chamber and the pressure waves are
reflected at the injector face and the converging nozzle cone. The transverse
modes propagate along planes perpendicular to the chamber axis and can be
broken down into tangential and radial modes. Transverse mode instability
predominates in large liquid rockets, particularly in the vicinity of the injector.
Figure 9-4 shows the distribution of pressure at various time intervals in a
cylindrical combustion chamber (cross section) encountering transverse mode
instability. Two kinds of wave form have been observed for tangential vibra-
tions. One can be considered a standing wave that remains fixed in position
while its pressure amplitude fluctuates. The second is a spinning or traveling
tangential wave which has associated with it a rotation of the whole vibratory
system. This waveform can be visualized as one in which the amplitude remains
constant while the wave rotates. Combinations of transverse and longitudinal
modes can also occur and their frequency can also be estimated.

Energy that drives screeching is believed to be predominantly from acous-
tically stimulated variations in droplet vaporization and/or mixing, local deto-
nations, and acoustic changes in combustion rates. Thus, with favorable
acoustic properties, high-frequency combustion instability, once triggered,
can rapidly drive itself into a destructive mode. Invariable, a distinct boundary
layer seems to disappear and heat transfer rates increase by an order of mag-
nitude, much as with detonation, causing metal melting and wall burn-
throughs, sometimes within less than 1 sec. The tangential modes appear to
be the most damaging, heat transfer rates during instability often increasing 4
to 10 times. Often the instantaneous pressure peaks are about twice as high as
with stable operation.

One possible source of triggering high-frequency instability is a rocket com-
bustion phenomenon called popping. Popping is an undesirable random high-
amplitude pressure disturbance that occurs during steady-state operation of a
rocket engine with hypergolic propellants. It is a possible source for initiation
of high-frequency instability. “Pops” exhibit some of the characteristics of a
detonation wave. The rise time of the pressure is a few microseconds and the
pressure ratio across the wave can be as high as 7:1. The elimination of popping
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FIGURE 9+4. Simplified representation of transverse pressure oscillation modes at two
time intervals in a cylindrical combustion chamber. The solid line curves indicate pres-
sures greater than the normal or mean operating pressure and the dashed lines indicate
lower pressures. The N-N lines show the node locations for these wave modes.

is usually achieved by redesign of the injector rather than by the application of

baffles or absorbers.

Some combustion instabilities can be induced by pulsations in the liquid flow
originating in turbopumps. Unsteady liquid flow can be caused by irregular
cavitation at the leading edge of the inducer impellers or the main pump
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impellers. Also, when an impeller’s trailing edge passes a rib or stationary vane
of the volute, a small pressure perturbation always occurs in the liquid flow
that travels downstream to the injector. These two types of pressure fluctuation
can be greatly amplified if they coincide with the natural frequency of combus-
tion vibrations in the chamber.

The estimated natural frequencies can be determined from the wavelength /,
or the distance traveled per cycle, and the acoustic velocity a (see Eq. 3-10).
The frequency, or number of cycles per second, is

frequency = a/l = (1/)KTR /M (9-1)

where k is the specific heat ratio, R’ the universal gas constant, 9 the estimated
molecular weight of the hot chamber gases, and T the local average absolute
temperature. The length of wave travel depends on the vibrational mode, as
shown in Fig. 9—4. Smaller chambers give higher frequencies.

Table 9-3 shows a list of estimated vibration frequencies for the Vulcain
HM 60 rocket thrust chamber; it operates with liquid hydrogen and liquid
oxygen propellants at a vacuum thrust of 1008 kN, a nominal chamber pres-
sure of 10 MPa, and a nominal mixture ratio of 5.6 (see Ref. 9-13). The data in
the table are based on acoustic measurements at ambient conditions with
corrections for an appropriate sonic velocity correlation; since the chamber
has a shallow conical shape and no discrete converging nozzle section, the
purely longitudinal vibration modes would be weak; in fact, no pure long-
itudinal modes were detected.

Figure 9-5 shows a series of time-sequenced diagrams of frequency—pres-
sure—amplitude measurements taken in the oxygen injector manifold of the
Vulcain HM 60 engine during the first 8 sec of a static thrust chamber test
while operating at off-nominal design conditions. Chugging can be seen at low

TABLE 9-3. Estimated Acoustic Hot Gas Frequencies for Nominal Chamber
Operating Conditions for the Vulcain HM-60 Thrust Chamber

Frequency Frequency

Mode* (L, T, R) (Hz) Mode” (L, T,R) (Hz)
T1 ©,1,0) 2424 LI1T3 (1,3,0 6303
LIT1 (1, 1, 0) 3579 T4 0, 4, 0) 6719
T2 0, 2,0) 3856 L2R1 (2,0, 1) 7088
R1 0,0, 1) 4849 TS ©, 5,0) 8035
L1T2 (1,2,0) 4987 TR21 0,2, 1) 8335
T3 ©, 3,0) 5264 R2 ©,0,2) 8774
L1RI (1,0, 1) 5934

Reprinted with AIAA permission from Ref. 9-13.
“Modes are classified as L (longitudinal), T (tangential), or R (radial) and the number refers to the
first, second, or third natural frequency.
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FIGURE 9-5. Graphical representation of a series of 40 superimposed frequency—
amplitude diagrams taken 0.200 sec apart during the start phase (for the first 8 sec)
of the Vulcain HM 60 thrust chamber. In this static hot-firing test the thrust chamber
was operating at 109 bar chamber pressure and an oxidizer-to-fuel mass flow mixture
ratio of 6.6. (Copied with permission from Ref. 9-13).

frequency (up to 500 Hz) during the first few seconds and a natural frequency
around 1500 Hz is attributed to the natural resonance frequency of the oxygen
injector dome structure where the high-frequency pressure transducer was-
mounted. The continued oscillations observed at about 500 and 600 Hz are
probably resonances associated with the feed system.

Rating Techniques

Semi-empirical techniques exist for artificially disturbing combustion in a
rocket thrust chamber during test operation and evaluating its resistance to
instability (see Ref. 9-14). These include: (1) nondirectional “bombs” placed
within the combustion chamber; (2) oriented explosive pulses from a ““pulse
gun” directed through the chamber sidewall; and (3) directed flows of inert gas
through the sidewall into the chamber. Often heavy prototype thrust chambers
are used because they are less expensive and more resistant to damage than
flight-weight engines. Other techniques used less widely but which are impor-
tant, especially for small engines, include: (1) momentary operation at “oft-
mixture ratio;” (2) introduction of “slugs™ of inert gas into a propellant line;
and (3) a purposeful “hard start” achieved by introducing a quantity of
unreacted propellant at the beginning of the operation.

The objective of these rating techniques is to measure and demonstrate the
ability of an engine system to return quickly to normal operation and stable
combustion after the combustion process has intentionally been disturbed or
perturbed.

All techniques are intended to introduce shock waves into the combustion
chamber or to otherwise perturb the combustion process, affording opportu-
nity for measuring recovery time for a predetermined overpressure disturbance,
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assuming stable combustion resumes. Important to the magnitude and mode of
the instability are the type of explosive charge selected, the size of the charge,
the location and direction of the charge, and the duration of the exciting pulse.
The bottom curve in Fig. 9-2 characterizes the recover of stable operation after
a combustion chamber was “bombed.” The time interval to recover and the
magnitude of explosive or perturbation pressure are then used to rate the
resistance of the engine to instability.

The nondirectional bomb method and the explosive pulse-gun method are
the two techniques in common use. The bomb that can be used in large flight-
weight thrust chambers without modification consists of six 250 grains of
explosive powder (PETN,RDX etc.) encased in a Teflon, nylon, or micarta
case. Detonation of the bomb is achieved either electrically or thermally.
Although the pulse gun requires modification of a combustion chamber, this
technique affords directional control, which is important to tangential modes
of high-frequency instability and allows several data points to be observed in a
single test run by installing several pulse guns on one combustion chamber.
Charges most frequently used are 10, 15, 20, 40, and 80 grains of pistol powder.
Pulse guns can be fired in sequence, introducing successive pressure perturba-
tions (approximately 150 msec apart), each of increasing intensity, into the
combustion chamber.

Control of Instabilities

The control of instabilities is an important task during the design and develop-
ment of a rocket engine. The designer usually relies on prior experience with
similar engines and tests on new experimental engines. He also has available
analytical tools with which to simulate and evaluate the combustion process.
The design selection has to be proven in actual experiments to be free of instabil-
ities over a wide range of transient and steady-state operating conditions. Some
of the experiments can be accomplished on a subscale rocket thrust chamber
that has a similar injector, but most tests have to be done on a full-scale engine.

The design features to control instabilities are different for the three types
described in Table 9-2. Chugging is usually avoided if there is no resonance in
the propellant feed system and its coupling with the elastic vehicle structure.
Increased injection pressure drop and the addition of artificial damping devices
in the propellant feed lines have been used successfully. Chugging and acous-
tical instabilities sometimes relate to the natural frequency of a particular feed
system component that is free to oscillate, such as a loop of piping that can
vibrate or a bellows whose oscillations cause a pumping effect.

With the choice of the propellant combination usually fixed early in the
planning of a new engine, the designer can alter combustion feedback (depres-
sing the driving mechanism) by altering injector details, (such as changing the
injector hole pattern, hole sizes or by increasing the injection pressure drop), or
alternatively by increasing acoustical damping within the combustion chamber.
Of the two methods, the second has been favored in recent years because it is
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very effective, it is better understood, and theory fits. This leads to the applica-
tion of injector face baffles, discrete acoustic energy absorption cavities, and
combustion chamber liners or changes in injector design, often by using a trial
and error approach.

Injector face baffles (see Fig. 9—6) were a widely accepted design practice in
the 1960s for overcoming or preventing high-frequency instability. Baffle
design is predicated on the assumption that the most severe instability, oscilla-
tions, along witht he driving source, are located in or near the injector—atomi-
zation zone at the injector end of the combustion chamber. The baffles
minimize influential coupling and amplification of gas dynamic forces within
the chamber. Obviously, baffles must be strong, have excellent resistance to
combustion temperatures (they are usually cooled by propellant), and must
protrude into the chamber enough to be effective, yet not so far as to act like an
individual combustion chamber with its own acoustical characteristics. The
number of baffle compartments is always odd. An even number of compart-
ments enhances the standing modes of instability, with the baffles acting as
nodal lines separating regions of relatively high and low pressure. The design
and development of baffles remains highly empirical. Generally, baffles are
designed to minimize acoustical frequencies below 4000 Hz, since experience
has shown damaging instability is rare at frequencies above 4000 Hz.

MAIN INJECTOR ASSEMBLY

Spark Fluted oxidizer posts where

igniter hot hydrogen evaporates the oxygen
= == ‘/é/ Fuel inlet from
R S hot gas manifold
e, —

Oxygen inlet
manifolds
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Thrust injection posts
load —4=
transmitting | Primary injection
cone \ 'y plate (transpiration
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Ignition flame tube
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from main
oxygen valve

FIGURE 9-6. Main injector assembly of the Space Shuttle main engine showing baffle
with five outer compartments. (Courtesy of The Boeing Company, Rocketdyne
Propulsion and Power.)
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Various mechanisms of energy absorption or vibration damping exist in a
thrust chamber. Damping by well friction in combustion chambers is not sig-
nificant. The exhaust nozzle produces the main damping of longitudinal mode
oscillations; the reflection of waves from the convergent nozzle entrance
departs from that of an ideal closed end. The principal damping source affect-
ing propagation in the transverse plane is combustion itself. The great volu-
metric change in going from liquid to burned gases and the momentum
imparted to a particle (solid or liquid) both constitute damping phenomena
in that they take energy from high instantaneous local pressures.
Unfortunately, the combustion process can generate a great deal more pressure
oscillation energy than is absorbed by its inherent damping mechanism.

Acoustical absorbers are applied usually as discrete cavities along or in the
wall of the combustion chamber near the injector end. Both act as a series of
Helmholtz resonators that remove energy from the vibratory system which
otherwise would maintain the pressure oscillations. Figure 9-7 shows the appli-
cation of discrete cavities (interrupted slots) at the “corner” of the injector face.
The corner location usually minimizes the fabrication problems, and it is the
one location in a combustion chamber where a pressure antinode exists for all

L

// 7
Volume,é~ y Orifice Spring
v i T c(i;ameter (0000 m
7 % L Friction resistance
L+ AL

Mechanical analogy
Helmhoitz resonator of acoustic cavity

N

Chamber wall

Chamber

diameter D

Wall dividing One of eight
two cavities cavities

FIGURE 9-7. Diagram of acoustic energy absorber cavities at the periphery of an
injector. In this thrust chamber the cavity restriction is a slot (in the shape of sections
of a circular arc) and not a hole. Details of the chamber cooling channels, injector holes,
or internal feed passages are not shown.
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resonant modes of vibration, including longitudinal, tangential, radial, and
combinations of these. Velocity oscillations are minimal at this point, which
favors absorber effectiveness. Transverse modes of instability are best damped
by locating absorbers at the corner location. Figure 9-7 also shows a
Helmholtz resonator cavity and its working principles in simple form.
Taking one resonator element, the mass of gas in the orifice with the volume
of gas behind it forms an oscillatory system analogous to the spring—mass
system shown (see Ref. 9-15). Even though Helmholtz resonator theory is
well understood, problems exist in applying the theory to conditions of high
pressure, temperature, chamber flow, and sound energy levels present when
screech occurs, end in properly tuning the cavities to the estimated frequencies.

Absorption cavities designed as Helmholtz resonators placed in or near the
injector face offer relatively high absorption bandwidth and energy absorbed
per cycle. The Helmholtz resonator (an enclosed cavity with a small passage
entry) dissipates energy twice each cycle (jets are formed upon inflow and
outflow). Modern design practice favors acoustic absorbers over baffles. The
storable propellant rocket engine shown in Fig. 8-2 has acoustic absorption
cavities in the chamber wall at a location next to the injector.

The resonance frequency f of a Helmholtz cavity can be estimated as

f=n \/% (9-2)

Here a is the local acoustic velocity, 4 is the restrictor area, 4 = (7t/4)d2, and
other symbols are as shownin Fig. 9-7. The AL is an empirical factor between
0.05 and 0.9 to allow for additional oscillating gas mass. It varies with the L/d
ratio and the edge condition of the restricted orifice (sharp edge, rounded,
chamfered). Resonators in thrust chambers are tuned or designed to perform
their maximum damping at predicted frequencies.

Small changes in injector geometry or design can cause an unstable combus-
tion to become stable and vice versa. New injectors, therefore, use the design
and geometry of proven, stable prior designs with the same propellants. For
example, the individual pattern of concentric tube injector elements used with
gaseous hydrogen and liquid oxygen (shown in Fig. 8-3) are likely to be more
stable, if the hydrogen gas is relatively warm and the injection velocity of the
hydrogen is at least 10 times larger than that of the liquid oxygen.

In summary, the designer needs to (1) use data from prior successful engines
and simulation programs to establish key design features and estimate the
likely resonances, (2) design the feed system and structure to avoid these reso-
nances, (3) use a robust injector design that will provide good mixing and
dispersion of propellants and be resistant to disturbances, and (4) if needed,
include tuned damping devices (cavities) to overcome acoustic oscillations. To
validate that a particular thrust chamber is stable, it is necessary to test it over
the range of likely operating conditions without encountering instability. An
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analysis is needed to determine the maximum and minimum likely propellant
temperatures, maximum and minimum probable chamber pressures, and the
highest and lowest mixture ratios, using a propellant budget as shown in
Section 10.3. These limits then establish the variations of test conditions for
this test series. Because of our improved understanding, the amount of testing
needed to prove stability has been greatly reduced.

PROBLEMS

1. For a particular liquid propellant thrust chamber the following data are given:
Chamber presure 68 MPa
Chamber shape cylindrical
Internal chamber diameter 0.270 m
Length of cylindrical section 0.500 m
Nozzle convergent section angle 45°
Throat diameter and radius of wall curvature  0.050 m
Injector face Flat
Average chamber gas temperature 2800 K
Average chamber gas molecular weight 20 kg/kg-mol
Specific heat ratio 1.20

Assume the gas composition and temperature to be uniform in the cylindrical cham-
ber section. State any other assumptions that may be needed. Determine the approx-
imate resonance frequencies in the first longitudinal mode, radial mode, and
tangential mode.

2. In Problem 1, explain how these three frequencies will change with combustion
temperature, chamber pressure, chamber length, chamber diameter, and throat dia-
meter.

3. Why does heat transfer increase during combustion instability?

4. Prepare a list of steps for undertaking a series of tests to validate the stability of a
new pressure-fed liquid bipropellant rocket engine.

5. Estimate the resonant frequency of a set of each of nine cavities similar to Fig. 9-7.
Here the chamber diameter D = 0.200 m, the slot width is 1.0 mm, and the width and
height of the cavity are each 20.0 mm. The walls separating the individual cavities are
10.0 mm thick. Assume L = 4.00 mm, AL = 3.00 mm, and a = 1050 m/sec.
Answer: approximately 3138 cycles/sec.
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CHAPTER 10

TURBOPUMPS, ENGINE DESIGN,
ENGINE CONTROLS, CALIBRATION,
INTEGRATION, AND OPTIMIZATION

In this chapter we first discuss a complex high-precision, high-speed, rotating
subsystem, namely the turbopump. Only some high-thrust engines have turbo-
pumps. This chapter contains an overall engine discussion which applies to all
engines. This includes the liquid propellant rocket engine’s design, perfor-
mance, controls, calibration, propellant budget, integration, and optimization.

10.1. TURBOPUMPS

The assembly of a turbine with one or more pumps is called a turbopump. Its
purpose is to raise the pressure of the flowing propellant. Its principal subsys-
tems are a hot gas powered turbine and one or two propellant pumps. 1t is a high
precision rotating machine, operating at high shaft speed with severe thermal
gradients and large pressure changes, it usually is located next to a thrust
chamber, which is a potent source of noise and vibration.

This turbopump feed system and its several cycles have been discussed in
Section 6.6 and Fig. 6-2 categorizes the various common turbopump config-
urations. Turbopumps or installation of turbopumps in rocket engines are
shown in Figs. 1-4, 6-1, 6-12, 8-19, 10-1, 10-2, 10-3, and 10-11; they are
discussed in Refs. 6-1 and 10-1. A schematic diagram of different design
arrangements of pumps and turbines for common turbopump types can be
seen in Fig. 10—4. Table 10-1 shows lists parameters of pumps and turbines
of two large rocket engines.

Specific nomenclature and terminology used in the next few paragraphs will
be explained later in this Chapter. In Fig. 10-1 a simple turbopump with a
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TABLE 10-1. Turbopump Characteristics

Engine:

Feed System Cycle:

Space Shuttle Main Engine”

LE-7

Modified Staged Combustion Cycle

Modified Staged Combustion Cycle

Propellants: Liquid Oxygen and Liquid Hydrogen Liquid Oxygen and Liquid Hydrogen
Pumps

Designation® LPOTP LPFTP HPOTP HPFTP HPFTP HPOTP

Type Axial flow Axial flow Dual inlet Radial flow Radial flow Radial flow

No. of impeller stages — — 1414 3 2 1+ 14

No. of aux. or inducers I 1 — 1 i i

Flow rate (kg/sec) 425 70.4 509 50.9 70.4 35.7 211.5 46.74

Inlet pressure (MPa) 0.6 09 2.70 NA 1.63 0.343 0.736 18.2¢

Discharge pressure (MPa) 2.89 2.09 27.8 47.84 41.0 26.5 18.2 26.74

Pump efficiency (%) 68 75 72 75¢ 75 69.9 765  78.4¢

Turbines

No. of stages 6 2 3 2

Type Hydraulic Reaction- Reaction- Reaction- Reaction- Reaction-
LOX driven impulse impulse impulse impulse impulse

Flow rate (kg/sec) 27.7 66.8 33.1 15.4

Inlet temperature (K) 105.5 264 756 1000 871 863

Inlet pressure (MPa) 26.2 29.0 32.9 329 20.5 19.6

Pressure ratio NA 1.29 1.54 1.50 143 1.37

Turbine efficiency (%) 69 60 74 79 73.2 48.1

Turbine speed (rpm) 5020 15,670 22.300 34,270 41600 18300

Turbine power (kW) 1120 2290 15,650 40,300 25,350 7012

Mixture ratio, O/F LOX only H, only ~0.62 ~0.88 ~0.7 ~0.7

“Data courtesy of The Boeing Company, Rocketdyne Propulsion and Power, at flight power level of 104.5% of design thrust.

"Data courtesy of Mitsubishi Heavy Industries, Ltd.

‘LPOTP, low-pressure oxidizer turbopump; HPFTP, high-pressure fuel turbopump.
“Boost impeller stage for oxygen flow to preburners or gas generator.
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FIGURE 10-1. Cut-away view of an experimental turbopump demonstrator with a
single-stage liquid oxygen pump impeller, an inducer impeller, and a single-stage turbine
(one row of blades) on the same shaft. (Courtesy of The Boeing Company, Rocketdyne
Propulsion and Power.)

single-stage propellant pump (with an inducer impeller ahead of the main
impeller) is driven by a single-stage axial-flow turbine. The hot combustion
gases, which drive this turbine, are burned in a separate gas generator (or a
precombustion chamber or preburner) at a mixture ratio that gives gases
between 900 and 1200 K; this is sufficiently cool, so that the hot turbine hard-
ware (blades, nozzles, manifolds, or disks) still have sufficient strength without
needing forced cooling. The gases are expanded (accelerated) in an annular set
of converging—diverging supersonic turbine nozzles, which are cast into the cast
turbine inlet housing. The gases then enter a set of rotating blades, which are
mounted on a rotating wheel or turbine disk. The blades remove the tangential
energy of the gas flow. The exhaust gas velocity exiting from the blades is
relatively low and its direction is essentially parallel to the shaft. The pump
is driven by the turbine through an interconnecting solid shaft. The propellant
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enters the pump through an inducer, a special impeller where the pressure of the
propellant is raised only slightly (perhaps 5 to 10% of the total pressure rise).
This is just enough pressure so that there will be no cavitation as the flow enters
the main pump impeller. Most of the kinetic energy given to the flow by the
pump impeller is converted into hydrostatic pressure in the diffusers (the dif-
fuser vanes are not clearly visible, since they are inclined) and/or volutes of the
pump. The two hydrostatic bearings support the shaft radially. All bearings
and shaft seals create heat as they run. They are cooled and lubricated by a
small flow of propellant, which is supplied from the pump discharge through
drilled passages. One bearing (near the pump) is very cold and the other is hot,
since it is close to the hot turbine. The angular ball bearing accepts the axial net
loads from the unbalanced hydrodynamic pressures around the shrouded
impeller, the inducer, and also the turbine blades or the turbine disk.

A novel, high speed, compact, and light weight liquid hydrogen turbopump
is shown in Fig. 10-2 and in Ref 10.2. It is intended to be used with a new
upper stage hydrogen/oxygen rocket engine with a thrust of about 50,000 Ibf
(22.4 kN), a delivered engine specific impulse of 450.6 sec at an engine mixture
ratio of 6.0. This engine will run on an expander cycle, with a chamber pressure
of 1375 psia (96.7 kg/mz) and a maximum internal fuel pressure of 4500 psi
(3234 kg/mz) at the fuel pump discharge. The unique single-piece titanium
rotor turns nominally at 166,700 rpm, has two machined sets of pump
vanes, a machined inducer impeller, a set of machined radial inflow turbine
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bearing supply crossover passages (inconel 718)
/ Pump outlet
/

One-piece titanium rotor with inducer, two
impellers, turbine, and bearing surfaces

Split hydrostatic bearing
« housings (Incoloy 90)
Radial in-flow turbine
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flange

Turbine gas
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FIGURE 10-2. Exploded view of an advanced high-speed, two-stage liquid hydrogen
fuel pump driven by a radial flow turbine. (Copied with permission of Pratt & Whitney,
a division of United Technologies; adapted from Ref. 10-2.)
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blades, and radial as well as axial bearing surfaces. A small filtered flow of
hydrogen lubricates the hydrostatic bearing surfaces. The cast pump housing
has internal crossover passages between stages. The unique radial in-flow tur-
bine (3.2 in. dia.) produces about 5900 hp at an efficiency of 78%. The hydro-
gen pump impellers are only 3.0 in. diameter and produce a pump discharge
pressure of about 4500 psi at a fuel flow of 16 Ibm/sec and an efficiency of
67%. A high pump inlet pressure of about 100 psi is needed to assure cavita-
tion-free operation. The turbopump can operate at about 50% flow (at 36%
discharge pressure and 58% of rated speed). The number of pieces to be
assembled is greatly reduced, compared to a more conventional turbopump,
thus enhancing its inherent reliability.

The geared turbopump in Fig. 10-3 has a higher turbine and pump efficien-
cies, because the speed of the two-stage turbine is higher than the pump shaft
speeds and the turbine is smaller. The auxiliary power package (e.g., hydraulic
pump) was used only in an early application. The precision ball bearings and

Oxygen pump —
main impeller

Fuel
pump
impeller
Oxygen
inlet
~— Fuel
Inducer
impeller outiet

~<——2-stage

turbine
o, Turbine inlet
manifold
Auxiliary —/
hydraulic — 2-stage spur
pump reduction gears

FIGURE 10-3. Typical geared turbopump assembly used on the RS-27 engine (Delta I
and II Launch Vehicles) with liquid oxygen and RP-1 propellants. (Courtesy of The
Boeing Company, Rocketdyne Propulsion and Power.)
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seals on the turbine shaft can be seen, but the pump bearings and seals are not
visible in this figure.

Approach to Turbopump Preliminary Design

With all major rocket engine components the principal criteria (high perfor-
mance or efficiency, minimum mass, high reliability, and low cost) have to be
weighted and prioritized for each vehicle mission. For example, high efficiency
and low mass usually mean low design margins, and thus lower reliability. A
higher shaft speed will allow a lower mass turbopump, but it cavitates more
readily and requires a higher tank pressure and heavier vehicle tanks (which
often outweigh the mass savings in the turbopump) in order to have acceptable
life and reliability.

The engine requirements give the initial basic design goals for the turbo-
pump, namely propellant flow, the pump outlet or discharge pressure (which
has to be equal to the chamber pressure plus the pressure drops in the piping,
valves, cooling jacket, and injector), the desired best engine cycle (gas generator
or staged combustion, as shown in Fig. 6-9), the start delay, and the need for
restart or throttling, if any. Also, the propellant properties (density, vapor
pressure, viscosity, or boiling point) must be known. Some of the design cri-
teria are explained in Refs. 6-1 and 10-3, and basic texts on turbines and
pumps are listed as Refs. 104 to 10-8.

There are several design variations or geometrical arrangements for trans-
mitting turbine power to one or more propellant pumps; some are shown
schematically in Fig. 104. If the engine has propellants of similar density
(such as liquid oxygen and RP-1), the fuel and oxidizer pumps will have similar
shaft speeds and can usually be placed on a common shaft driven by a single
turbine (F-1, RS-27/Delta Fig. 10-3, Atlas, or Redstone engines). If there is a
mismatch between the optimum pump speed and the optimum turbine speed
(which is usually higher), it may save inert mass and turbine drive gas mass to
interpose a gear reduction between their shafts. See Fig. 6-11. For the last two
decades designers have preferred to use direct drive, which avoids the compli-
cation of a gear case but at a penalty in efficiency and the amount of turbine
drive propellant gas required. See Figs. 612, 10-1, or 10-2.

If the densities are very different (e.g., liquid hydrogen and liquid oxygen),
the pump head rise* (head = Ap/p) is much higher for the lower-density pro-
pellant, and the hydrogen pump usually has to have more than one impeller or
one stage and will typically operate at a higher shaft speed; in this case separate

* Pump head means the difference between pump discharge and pump suction head. Its units are
meters or feet. The head is the height of a column of liquid with equivalent pressure at its bottom.
The conversion from pounds per square inch into feet of head is: (X) psi = 144(X)/density (Ib/ft®).
To convert pascals (N/mz) of pressure into column height (m), divide by the density (kg/m3) and g,
(9.806 m/sec’).
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FIGURE 104. Simplified diagrams of different design arrangements of turbopumps. F
is fuel pump, O is oxidizer pump, T is turbine, G is hot gas, and GC is gear case.

turbopumps for the fuel and the oxidizer can give the lowest energy and overall
mass {J-2, SSME, LE-7, Vulcain 60).

Usually, the preliminary analysis for the pump is done first. Avoiding exces-
sive cavitation sets a key pump parameter, namely the maximum shaft speed.
This is the highest possible shaft speed, which in turn allows the lightest tur-
bopump mass, without excessive cavitation in the pump. If excessive cavitation
occurs at the leading edge of the first impeller (inducer or main impeller), then
the flow will become unsteady and variable, leading to lower thrust and pos-
sible combustion instability. The amount of pressure in the vehicle (gas pres-
sure in propellant tank plus the static elevation pressure) that can be made
available to the engine (at the pump inlet) for suppressing cavitation has to be
larger than the impeller vanes’ own pressure limit to cavitate. This allows us
then to determine the shaft speed, which in turn can establish the approximate
pump efficiencies, impeller tip speed (usually limited by the material strength of
the impeller), number of pump stages, key dimensions of the impeller, and the
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pump power requirements. All this will be discussed further (including key
equations) in the pump section of this chapter.

The key turbine parameter can be estimated, because the power output of
the turbine essentially has to equal the power demand of the pump. If the pump
is driven directly, that is without a gear case, then the pump speed and the
turbine speed are equal. From the properties of the turbine drive gas (tempera-
ture, specific heat, etc.), the strength limits of the turbine materials, and the
likely pressure drop, it is possible to determine the basic dimensions of the
blades (pitch line velocity, turbine nozzle outlet velocity, number of rows
(stages) of blades, turbine type, or turbine efficiency). The particular arrange-
ment or geometry of the major turbopump components is related to their
selection process. Most propellant pumps have a single-stage main impeller.
For liquid hydrogen with its low density, a two- or three-stage pump is nor-
mally needed. Usually some design limit is reached which requires one or more
iterations, each with a new changed approach or parameter. The arrangement
of the major turbopump components (Fig. 10-4) is also influenced by the
position of the bearings on the shaft. For example, we do not want to place
a bearing in front of an impeller inlet because it will cause turbulence, distort
the flow distribution, raise the suction pressure requirement, and make cavita-
tion more likely to occur. Also, bearings positioned close to a turbine will
experience high temperatures, which influences the lubrication by propellant
and may demand more cooling of the bearings.

The use of booster pumps allows lower tank pressure, and thus lower inert
vehicle mass, and provides adequate suction pressures to the main pump inlet.
Booster pumps are used in the Space Shuttle main engine and the Russian RD-
170, as seen in Figs. 6-12 and 10-11. Some booster pumps have been driven by
a liquid booster turbine using a small flow of high-pressure liquid propellant
that has been tapped off the discharge side of the main pump. The discharged
turbine liquid then mixes with the main propellant flow at the discharge of the
booster pump.

Later in this section a few of the equations that apply to the steady-state
(full thrust) operating condition will be described. However, no detailed dis-
cussion will be given of the transient starting conditions, such as the filling of
pipes, pumps, or manifolds with liquid propellants, or the filling of turbines
and their manifolds with high-pressure gas. These dynamic conditions can be
complex, are related to the combustion reactions, and are sometimes difficult
to analyze, yet they are very significant in the proper and safe operation of the
engine. Each major rocket engine manufacturer has developed some methodol-
ogy, usually analysis and hydraulic models, for these system dynamics that are
often peculiar to specific engines and hardware (see Refs. 10-3 and 10-4).

Mass is at a premium in all flying installations, and the feed system is
selected to have a minimum combined mass of tubines, pumps, gas generator,
valves, tanks, and gas generator propellants. Some of the considerations in the
design of turbopumps are the thermal stresses, warpage due to thermal expan-
sion or contraction, axial loads, adequate clearances to prevent rubbing yet
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minimize leakage, alignment of bearings, provisions for dynamic balancing of
rotating parts, mounting on an elastic vehicle frame without inducing external
forces, and avoiding undue pressure loads in the liquid and gas pipes.

Vibrations of turbopumps have caused problems during development. The
analyses of the various vibrations (shaft, turbine blades, liquid oscillations, gas
flow oscillations, or bearing vibrations) are not given here. At the critical speed
the natural structural resonance frequency of the rotating assembly (shaft,
impellers, turbine disk, etc.) coincides with the rotation operating speed. A
slight unbalance can be amplified to cause significant shaft deflections (in
bending), bearing failure, and other damage. The operating speed therefore
is usually lower and sometimes higher than the critical speed. A large diameter
stiff shaft, rigid bearings, and stiff bearing supports will increase this critical
speed, and damping (such as the liquid lubricant film in the bearing) will reduce
the vibration amplitude. Also, this critical shaft frequency or the operating
speed should not coincide with and excite other natural vibration frequencies,
such as those of various parts (piping, bellows, manifolds, or injector dome).
The solving of various internal vibrations problems, such as whirl in bearings
and blade vibrations, is reported in Ref. 10-5.

Bearings in most existing turbopumps are high precision, special alloy ball
or roller bearings. Some ball bearings can take both radial and axial loads. Ball
and roller bearings are limited in the loads and speeds at which they can
operate reliably. In some turbopump designs this maximum bearing speed
determines the minimum size of turbopump, rather than the cavitation limit
of the pump. More recently, we use hydrostatic bearings where the shaft rides
on a high-pressure fluid film; they have good radial load capacity, can provide
some damping of oscillations and a stiff support. Axial loads (due to pressure
unbalance on impellers and turbine blades) can be taken by special hydrostatic
bearings. Since there is no direct contact between rolling and stationary assem-
blies, there is little or no wear and the life expectancy of these hydrostatic
bearings is long. However, there is rubbing contact and wear at low speeds,
namely during start or shutdown (see Ref. 10-6).

Cooling and lubricating the bearings and seals is essential for preventing
bearing problems. A small flow of one of  the propellants is used.
Hydrocarbon fuels are usually good lubricants and hydrogen is a good coolant,
but a marginal lubricant. If an oxidizer is used as the coolant and lubricant,
then the materials used for bearings and seals have to be resistant to oxidation
when heated during operation.

If the turbopump is part of a reusable rocket engine, it becomes more
complex. For example, it can include provision to allow for inspection and
automatic condition evaluation after each mission or flight. This can include an
inspection of bearings through access holes for boroscope instruments, check-
ing for cracks in highly stressed parts (turbine blade roots or hot-gas high-
pressure manifolds), or the measurement of shaft torques (to detect possible
binding or warpage).
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Pumps

Classification and Description. The centrifugal pump is generally consid-
ered the most suitable for pumping propellant in large rocket units. For the
large flows and high pressures involved, they are efficient as well as economical
in terms of mass and space requirement.

Figure 10-5 is a schematic drawing of a centrifugal pump. Fluid entering the
impeller, which is essentially a wheel with spiral curved vanes rotating within a
casing, is accelerated within the impeller channels and leaves the impeller per-
iphery with a high velocity to enter the volute, or collector, and thereafter the
diffuser, where conversion from kinetic energy (velocity) to potential energy
{pressure) takes place. In some pumps the curved diffuser vanes are upstream
of the collector. The three-dimensional hydraulic design of impeller vanes,
diffuser vanes, and volute passages can be accomplished by computer pro-
grams to give high efficiency and adequate strength. Internal leakage, or cir-
culation between the high-pressure (discharge) side and the low-pressure
(suction) side of an impeller, is held to a minimum by maintaining close clear-
ances between the rotating and stationary parts at the seals or wear ring sur-
faces. External leakage along the shaft is minimized or prevented by the use of
a shaft seal. Single-stage pumps (one impeller only) are stress-limited in the
pressure rise they can impart to the liquid, and multiple-stage pumps are there-
fore needed for high pump head,” such as with liquid hydrogen. References 10—
5 to 10-7 give information on different pumps. There is a free passage of flow
through the pump at all times, and no positive means for shutoff are provided.
The pump characteristics, that is, the pressure rise, flow, and efficiency, are
functions of the pump speed, the impeller, the vane shape, and the casing
configuration. Figure 10-6 shows a typical set of curves for centrifugal

/lnlet flange

Wear ring surface

Shaft seal
Y7774
NN

FIGURE 10-5. Simplified schematic half cross section of a typical centrifugal pump.

*See footnote on page 367.
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pumps. The negative slope on the head versus flow curve indicates a stable
pump behavior. References 10-7 and 10-8 describe the development of a
smaller turbopump and the testing of a spiral high-speed first-stage impeller,
called an inducer.

A shrouded impeller has a shroud or cover (in the shape of a surface of
revolution) on top of the vanes as shown in Figs. 10-1, 10-3, and 10-5. This
type usually has higher stresses and lower leakage around the impeller. In an
unshrouded impeller or turbine the vanes are not covered as seen in the turbine
vanes in Fig. 10.2.

Pump Parameters. This section outlines some of the important parameters
and features that have to be considered in the design of rocket propellant
centrifugal pumps under steady flow conditions.

The required pump flow is established by the rocket design for a given thrust,
effective exhaust velocity, propellant densities, and mixture ratio. In addition
to the flow required by the thrust chamber, the propellant consumption of the
gas generator, and in some designs also a bypass around the turbine and
auxiliaries have to be considered in determining the pump flows. The required
pump discharge pressure is determined from the chamber pressure and the
hydraulic losses in valves, lines, cooling jacket, and injectors (see Eq. 6-15).
To obtain the rated flow at the rated pressure, an additional adjustable pres-
sure drop for a control valve or orifice is usually included which permits a
calibration adjustment or change in the required feed pressure. A regulation of
the pump speed can also change the required adjustable pressure drop. As
described in Section 10.6, this adjustment of head and flow is necessary to
allow for hydraulic and performance tolerances on pumps, valves, injectors,
propellant density, and so on.

It is possible to predict the pump performance at various speeds if the per-
formance is known at any given speed. Because the fluid velocity in a given
pump is proportional to the pump speed N, the flow quantity or discharge O is
also proportional to the speed and the head H is proportional to the square of
the speed. This gives the following relations:

QO (flow) ~ N (rpm or rad/sec)
H (pump head) ~ N? (10-1)
P (pump power) ~ N?

From these relations it is possible to derive a parameter called the specific
speed Nj. It is a dimensionless number derived from a dimensional analysis of
pump parameters as shown in Ref. 10-9.

N, = NVO./(goAH,)* (10-2)
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Any set of consistent units will satisfy the equation: for example, N in radians
per second, Q in m3/s, g0 as 9.8 m/sec’, and H in meters. The subscript e refers
to the maximum efficiency condition. In U.S. pump practice it has become the
custom to delete gg, express N in rpm, and @ in gallons per minute or ft/sec.
Much of the existing U.S. pump data is in these units. This leads to a modified
form of Eq. 10-2, where N; is not dimensionless, namely

N, =212N/Q,/(AH,*"* (10-3)

The factor 21.2 applies when N is in rpm, Q is in ft*/sec, and H is in feet. For
each range of specific speed, a certain shape and impeller geometry has proved
most efficient, as shown in Table 10-2. Because of the low density, hydrogen
can be pumped effectively by axial flow devices.

The impeller tip speed in centrifugal pumps is limited by design and material
strength considerations to about 60 to 450 m/sec or roughly 200 to 1475 ft/sec.
With titanium (lower density than steel) and machined unshrouded impellers a
tip speed of over 2150 ft/sec is now possible and used on the pumps shown in
Fig. 10-2. For cast impellers this limiting value is lower than for machined
impellers. This maximum impeller tip speed determines the maximum head
that can be obtained from a single stage. The impeller vane tip speed u is the
product of the shaft speed, expressed in radians per second, and the impeller
radius and is related to the pump head by

u=y2gAH (104)

where ¢ has values between 0.90 and 1.10 for different designs. For many
pumps, ¥ = 1.0.

TABLE 10-2. Pump Types

Impeller type

Radial Francis Mixed flow Near axial Axial

Casing

Basic shape

%
7]

(half section) §
N
N
§ ﬁ
Impeller Shaft % { §
Specific speed N,
U.S. nomenclature ~ 500-1000 1000-2000  2000-3000 30006000 Above 8000
ST consistent units 0.2-03 04 0.6-0.8 1.0-2.0 Above 2.5

Efficiency % 50-80 60—-90 70-92 76—88 75-82
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The flow quantity defines the impeller inlet and outlet areas according to the
equation of continuity. The diameters obtained from this equation should be in
the proportion indicated by the diagrams for a given specific speed in Table
10-2. The continuity equation for an incompressible liquid is

Q:Alvl —_—Az’Uz (10—5)

where the subscripts refer to the impeller inlet and outlet sections, all areas
being measured normal to their respective flow velocity. The inlet velocity v,
ranges usually between 2 and 6 m/sec or 6.5 to 20 ft/sec and the outlet velocity
v, between 3 and 15 m/sec or 10 to 70 ft/sec. For a compressible liquid, such as
liquid hydrogen, the density will change with pressure. The continuity equation
then is:

m= Ayp; = Ayv2p2 (10-6)

The head developed by the pump will then also depend on the change in
density.

The pump performance is limited by cavitation, a phenomenon that occurs
when the static pressure at any point in a fluid flow passage becomes less than
the fluid’s vapor pressure. The formation of vapor bubbles causes cavitation.
These bubbles collapse when they reach a region of higher pressure, that is,
when the static pressure in the fluid is above the vapor pressure. In centrifugal
pumps cavitation is most likely to occur behind the leading edge of the pump
impeller vane at the inlet because this is the point at which the lowest absolute
pressure 1s encountered. The excessive formation of vapor causes the pump
discharge mass flow to diminish and fluctuate and can reduce the thrust and
make the combustion erratic and dangerous (see Ref. 10-10).

When the bubbles travel along the pump impeller surface from the low-
pressure region (where they are formed) to the downstream higher-pressure
region, the bubbles collapse. The sudden collapses create local high-pressure
pulses that have caused excessive stresses in the metal at the impeller surface. In
most rocket applications this cavitation erosion is not as serious as in water or
chemical pumps, because the cumulative duration is relatively short and the
erosion of metal on the impeller is not usually extensive. It has been a concern
with test facility transfer pumps.

The required suction head (H,)y is the limit value of the head at the pump
inlet (above the local vapor pressure); below this value cavitation in the impel-
ler will not occur. It is a function of the pump and impeller design and its value
increases with flow as can be seen in Fig. 10-6. To avoid cavitation the suction
head above vapor pressure required by the pump (H,), must always be Jess than
the available or net positive suction head furnished by the line up to the pump
(H,) 4, that is, (H,) g < (H,),. The required suction head above vapor pressure
can be determined from the suction specific speed S :

S = 212N/ /(H)Y* (10-7)



376 TURBOPUMPS, ENGINE DESIGN & CONTROLS, CALIBRATION, INTEGRATION

The suction specific speed S depends on the quality of design and the specific
speed N, as shown in Table 10-2. The suction specific speed S has a value
between 5000 and 60,000 when using ft-Ibf units. For pumps with poor suction
characteristics it has values near 5000, for the best pump designs without
cavitation it has values near 10,000 and 25,000, and for pumps with limited
and controllable local cavitation it has values above 40,000. In Eq. 107 the
required suction head (H,)g is usually defined as the critical suction head at
which the developed pump discharge head has been diminished arbitrarily by
2% in a pump test with increasing throttling in the suction side. Turbopump
development has, over the last several decades, led to impeller designs which
can operate successfully with considerably more cavitation than the arbitrary
and commonly accepted 2% head loss limit. Inducers are now designed to run
stably with extensive vapor bubbles near the leading edge of their vanes, but
these bubbles collapse at the trailing end of these vanes. Inducers now can have
S values above 80,000. A discussion of the design of impeller blades can be
found in Ref. 10-9.

The head that is available at the pump suction flange is called the net positive
suction head or available suction head above vapor pressure (Hg),. It is an
absolute head value determined from the tank pressure (the absolute gas pres-
sure in the tank above the liquid level), the elevation of the propellant level
above the pump inlet, the friction losses in the line between tank and pump,
and the vapor pressure of the fluid. When the flying vehicle is undergoing
accelerations, the head due to elevation must be corrected accordingly. These
various heads are defined in Fig. 10-7. The net positive suction head (H), is
the maximum head available for suppressing cavitation at the inlet to the
pumps:

(HS)A = Hynk + Hetevation — Hiriction — Hvapor (10—8)

To avoid pump cavitation, (H,), has to be higher than (H)g. If additional
head is required by the pump, the propellant may have to be pressurized by
external means, such as by the addition of another pump in series (called a
booster pump) or by gas pressurization of the propellant tanks. This latter
method requires thicker tank walls and, therefore, heavier tanks, and a bigger
gas-pressurizing system. For example, the oxygen tank of the German V-2 was
pressurized to 2.3 atm, partly to avoid pump cavitation. For a given value of
(Hy) 4, propellants with high vapor pressure require correspondingly higher
tank pressures and heavier inert tank masses. For a given available suction
head (H,),, a pump with a low required suction pressure usually permits
designs with high shaft speeds, small diameter, and low pump inert mass. A
small value of (H,)g is desirable because it may permit a reduction of the
requirements for tank pressurization and, therefore, a lower inert tank mass.
The value of (H,)z will be small if the impeller and fluid passages are well
designed and if the shaft speed N is low. A very low shaft speed, however,
requires a large diameter pump, which will be excessively heavy. The trend in
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FIGURE 10-7. Definition of pump suction head.

selecting centrifugal pumps for rocket application has been to select the highest
shaft speed that gives a pump with a low value of (Hg)g, does not require
excessive tank pressurization or other design complications, and thereby per-
mits relatively lightweight pump design. This places a premium on pumps with
good suction characteristics.

There have been some low-thrust, low-flow, experimental engines that have
used positive displacement pumps, such as diaphragm pumps, piston pumps,
or rotary displacement pumps (gear and vane pumps). For low values of Ny
these pumps have much better efficiencies, but their discharge pressures fluc-
tuate with each stroke and they are noisy.

One method to provide a lightweight turbopump with minimal tank pres-
sure is to use an inducer, which is a special pump impeller usually on the same
shaft and rotating at the same speed as the main impeller. It has a low head rise
and therefore a relatively high specific speed. Inducer impellers are immediately
upstream of the main impeller. They are basically axial flow pumps with a
spiral impeller, and many will operate under slightly cavitating conditions.
The inducer stage’s head rise (typically, 2 to 10% of the total pump head)
has to be just large enough to suppress cavitation in the main pump impeller;
this allows a smaller, lighter, higher-speed main pump. Figures 10-3 and 10-8
show an inducer and Ref. 10-8 describes the testing of one of them.
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FIGURE 10-8. Fuel pump inducer impeller of the Space Shuttle main engine low-
pressure fuel turbopump. It has a diameter about 10 in., a nominal hydrogen flow of
148.6 Ibm/sec, a suction pressure of 30 psi, a discharge pressure of 280 psi at 15,765 rpm,
an efficiency of 77%, and a suction specific speed of 39,000 when tested with water.
(Courtesy of The Boeing Company, Rocketdyne Propulsion and Power.)

In some rockets the inert mass of the turbopump and tank system can be
further reduced by putting the inducer impeller into a separate low-power, low-
speed booster turbopump, driven by its own separate turbine. In the Space
Shuttle main engine there are two such low-pressure-rise turbopumps, as
shown in the flow diagram of Fig. 6-4 and the engine view of Fig. 6-1. This
allows the inducer impeller to be operated at an optimum (lower) shaft speed.

Influence of Propellants. For the same power and mass flow, the pump head
is inversely proportional to the propellant density. Since pumps are basically
constant-volume flow machines, the propellant with the highest density re-
quires less head, less power and thus allows a smaller pump assembly.
Because many of the propellants are dangerous to handle, special provision
has to be made to prevent any leakage through the shaft seals. With sponta-
neously ignitable propellants the leakages can lead to fires in the pump com-
partment and may cause explosions. Multiple seals are often used with a
drainage provision that safely removes or disposes of any propellants that
flow past the first seal. Inert-gas purges of seals have also been used to remove
hazardous propellant vapors. The sealing of corrosive propellants puts very
severe requirements on the sealing materials and design. With cryogenic pro-
pellants the pump bearings are usually lubricated by the propellant, since
lubricating oil would freeze at the low pump hardware temperature.
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Centrifugal pumps should operate at the highest possible pump efficiency.
This efficiency increases with the volume flow rate and reaches a maximum
value of about 90% for very large flows (above 0.05 m>/sec) and specific speeds
above about 2500 (see Refs. 6-1 and 10-9). Most propellant pump efficiencies
are between 30 and 70%. The pump efficiency is reduced by surface roughness
of casing and impellers, the power consumed by seals, bearings, and stuffing
boxes, and by excessive wear ring leakage and poor hydraulic design. The
pump efficiency 7, is defined as the fluid power divided by the pump shaft
power Pp:

np=pQAH/Pp (10-9)

A correction factor of 550 ft-Ibf/hp has to be added if Pp is given in horse-
power, H in feet, and Q in ft*/sec. When using propellants, the pump power
has to be multiplied by the density ratio if the required power for water tests is
to be determined.

Example 10-1. Determine the shaft speed and the overall impeller dimensions for a
liquid oxygen pump which delivers 500 Ib/sec of propellant at a discharge pressure of
1000 psia and a suction pressure of 14.7 psia. The oxygen tank is pressurized to 35 psia.
Neglect the friction in the suction pipe and the suction head changes due to acceleration
and propellant consumption. The initial tank level is 15 ft above the pump suction inlet.

SOLUTION. The density of liquid oxygen is 71.2 Ibm/ft> at its boiling point. The
volume flow will be 500/71.2 = 7.022 ft*/sec. The vapor pressure of the oxygen is 1
atm = 14.7 psi= 29.8 ft. The suction head is 35 x 144/71.2 = 70.8 ft. From Eq. 10-8
the available suction head is 70.8 4+ 14.7 = 85.5 ft. The available suction head above
vapor pressure is (H,), = 70.8 4+ 14.7 —0— 29.8 = 557 ft. The discharge head is
1000 x 144/71.2 =2022 ft. The head delivered by the pump is then
2022 — 85.5 = 1937 ft.

The required suction head will be taken as 80% of the available suction head in order
to provide a margin of safety for cavitation (H)gz = 0.80 x 85.5 = 68.4 ft. Assume a
suction specific speed of 15,000, a reasonable value if no test data are available. From
Eq. 10-7 solve for the shaft speed N:

S =212NQ/(H)* = 21.2N/7.022/68.4"7 = 15,000
Solve for N = 6350 rpm  or 664.7 rad/sec.

The specific speed, from Eq. 10-3, is
N, = 21.2N/Q/H** = 21.2 x 6350+/7.022/1937°7° = 1222

According to Table 10-2, the impeller shape for this value of N, will be a Francis type.
The impeller discharge diameter D, can be evaluated from the tip speed by Eq. 10-4:

u=/28,0H = 1.0v/2 x 32.2 x 1937 = 353 ft/ sec
D, =353 x 2/664.7 = 1.062 ft = 12.75 in.
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The impeller inlet diameter D; can be found from Eq. 10-5 by assuming a typical inlet
velocity of 15 ft/sec and a shaft cross section 5.10 in.? (2.548 in. diameter).

A= Q/v; =7.022/15 = 0.468 ft> = 67.41 in.?
A=1xD} +5.10 = 67.41 +5.10 = 72.51 in.?
D; =9.61 in. (internal flow passage diameter)

This is enough data to draw a preliminary sketch of the impeller.

Turbines

The turbine must provide adequate shaft power for driving the propellant
pumps (and sometimes also auxiliaries) at the desired speed and torque. The
turbine derives its energy from the expansion of a gaseous working fluid
through fixed nozzles and rotating blades. The blades are mounted on disks
to the shaft. The gas is expanded to a high, nearly tangential, velocity and
through inclined nozzles and then flows through specially shaped blades, where
the gas energy is converted into tangential forces on each blade. These forces
cause the turbine wheel to rotate (see Refs.10-1 and 10-11).

Classification and Description. The majority of turbines have blades at the
periphery of a turbine disk and the gas flow is axial, similarly in concept to the
axial flow pattern shown for pumps in Table 10-2 and the single-stage turbine
of Fig. 10-1. However, there are a few turbines with radial flow (particularly at
high shaft speeds), such as the one shown in Fig. 10-2. Ideally there are two
types of axial flow turbines of interest to rocket pump drives: impulse turbines
and reaction turbines, as sketched in Fig. 10-9. In an impulse turbine the
enthalpy of the working fluid is converted into kinetic energy within the first
set of stationary turbine nozzles and not in the rotating blade elements. High-
velocity gases are delivered (in essentially a tangential direction) to the rotating
blades, and blade rotation takes place as a result of the impulse imparted by the
momentum of the fluid stream of high kinetic energy to the rotating blades
which are mounted on the turbine disk. The velocity-staged impulse turbine has
a stationary set of blades which changes the flow direction after the gas leaves
the first set of rototating blades and directs the gas to enter a second set of
rotating blades in which the working fluid gives up further energy to the
turbine wheel. In a pressure-staged impulse turbine, the expansion of the gas
takes place in all the stationary rows of blades. In a reaction turbine the ex-
pansion of the gas is roughly evenly split between the rotating and stationary
blade elements. The high pressure drop available for the expansion of the
turbine working fluid in a gas generator cycles favors simple, lightweight
one- or two-stage impulse turbines for high thrust engines. Many rocket tur-
bines are neither pure impulse nor reaction turbines, but often are fairly close
to an impulse turbine with a small reaction in the rotating vanes.
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FIGURE 10-9. Top view diagram, pressure and velocity profiles, and efficiency curves
for impulse and reaction type turbines. The velocity ratio is the pitch line velocity of the
rotating blades u divided by the theoretical gas spouting velocity ¢y derived from the
enthalpy drop. Adapted with permission from Refs. 10-1 and 10-12.

With some cycles the turbine exhaust gases pass through a De Laval nozzie
at the exit of the exhaust pipe (see Fig. 1-4). The high turbine outlet pressure
gives critical flow conditions at the venturi throat (particularly at high alti-
tudes) and thereby assures a constant turbine outlet pressure and a constant
turbine power which will not vary with altitude. Furthermore, it provides a
small additional thrust to the engine.
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Turbine Performance and Design Considerations. The power supplied by
the turbine is given by a combined version of Egs. 3-1 and 3-7:

Pr = nrimre, Ti[1 — (p2/p)* ] (10-11)

The power delivered by the turbine P is proportional to the turbine effi-
ciency 57, the flow through the turbine #7, and the available enthalpy drop per
unit of flow Ah. The units in this equation have to be consistent (1 Btu = 778
ft-1bf= 1055 J). This enthalpy is a function of the specific heat c,, the nozzle
inlet temperature T, the pressure ratio across the turbine, and the ratio of the
specific heats & of the turbine gases. For gas generator cycles the pressure drop
between the turbine inlet and outlet is relatively high, but the turbine flow is
small (typically 2 to 5% of full propellant flow). For staged combustion cycles
this pressure drop is very much lower, but the turbine flow is much larger.

For very large liquid propellant engines with high chamber pressure the
turbine power can reach over 250,000 hp, and for small engines this could be
perhaps around 35 kW or 50 hp.

According to Eq. 6-12, the power delivered by the turbine P has to be
equal to the power required by the propellant pumps, the auxiliaries mounted
on the turbopump (such as hydraulic pumps, electric generators, tachometers,
etc.), and power losses in bearings, gears, seals, and wear rings. Usually these
losses are small and can often be neglected. The effect of the turbine gas flow
on the specific impulse of the rocket engine system is discussed in Sections 6.2
and 10.2. For gas generator engine cycles, the rocket designer is interested in
obtaining a high turbine efficiency and a high turbine inlet temperature T in
order to reduce the flow of turbine working fluid, and for gas generator cycles
also to raise the overall effective specific impulse, and, therefore, reduce the
propellant mass required for driving the turbine. Three-dimensional computer
analyses of the gas flow behavior and turbine blade geometry have resulted in
efficient blade designs.

Better turbine blade materials (such as single crystals which have been uni-
directionally solidified) and specialty alloys can allow turbine inlet tempera-
tures between 1400 K (or about 2050°F) and perhaps 1600 K (or 2420°F); these
higher temperatures or higher gas enthalpies reduce the required turbine flow.
Reliability and cost considerations have kept actual turbine inlet temperatures
at conservative values, such as 1150 to 1250°F or about 900 to 950 K, using
lower cost steel alloy as the material. The efficiency of turbines for rocket
turbopumps is shown in Fig. 10-9. Maximum blade speeds with good design
and strong high-temperature materials are typically 400 to 700 m/sec or about
1300 to 2300 ft/sec. Higher blade speeds generally allow an improvement in
efficiency. For the efficiency to be high the turbine blade and nozzle profiles
have to have smooth surfaces. Small clearances at the turbine blade tips are
also needed, to minimize leakage.
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The low efficiency in many rocket turbines is dictated by centrifugal pump
design considerations, which limit the shaft speed for turbopumps in which the
pump and turbine are mounted on a common shaft, as discussed in the next
section. A low shaft speed together with minimum mass requirements, which
prohibit a very large turbine wheel diameter, give a low blade speed, which in
turn reduces the efficiency.

The advantage of increased turbine efficiency (less gas generator propellant
requirement) can be realized only if the turbopump design allows high blade
speeds. This can be achieved in rockets of medium and low thrust by gearing
the turbine to the pumpshaft or by using pumps that permit high shaft speeds;
in rockets of very high thrust the pumps have diameters and shaft speeds close
to those of the turbines and can be mounted on the same shaft as the turbine.
The power input to the turbine can be regulated by controlling the flow to the
turbine inlet. This can be accomplished by throttling or by-passing some of the
flow of the working fluid to the turbine and varying the turbine inlet pressure.

There is no warm-up time available in rocket turbines. The sudden admission
of hot gas at full flow causes severe thermal shock and thermal distortion and
increases the chances for rubbing between moving metal parts. The most severe
stresses of a turbine blade often are thermal stresses; they come during the
engine start when the leading edge is very hot but other parts of the blade are
still cold. This and other loading conditions can be more severe in rocket
turbines than in air-burning gas turbines.

For low-thrust engines the shaft speeds can become very high, such as over
100,000 rpm. Also, the turbine blade height becomes very short and friction
losses can become prohibitive. In order to obtain a reasonable blade height we
go to partial admission turbine designs. Here a portion of the turbine nozzles
are effectively plugged or eliminated.

Gas Generators and Preburners

A gas generator is used as the source of hot gas (from combustion of propel-
lants) for driving many of the turbines of turbopumps in a liquid rocket engine.
Depending on the engine cycle, other sources of turbine drive gases are some-
times employed, as described in Section 6.3.

Gas generators can be classified as monopropellant, bipropellant, or solid
propellant. Actually the basic design parameters for gas generators are similar
to those for engine thrust chambers or solid rocket motors. The combustion
temperature is usually kept below 1400 to 1600 K (or 2000 to 2400°F) by
intentionally regulating or mixing the propellants in proportions substantially
different from stoichiometric mixture, usually fuel rich. These lower gas tem-
peratures allow uncooled chamber construction and prevent melting or limit
the erosion or turbine blades. With monopropellants, such as hydrogen per-
oxide (H,0,) or hydrazine (N,H,), the flow is easily controlled and the gases
are generated at predictable temperatures depending on the details of the cat-
alyst and the gas generator design. In principle a gas generator looks like an
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uncooled rocket thrust chamber except that the nozzle is replaced by a pipe
leading to the turbine nozzles.

Propellants supplied to the liquid propellant gas generators can come from
separate pressurized tanks or can be tapped off from the engine propellant
pumps. When starting pump-fed gas generators, the turbomachinery needs
to be brought up to operating speed. This can be done by a solid propellant
gas generator starter, an auxiliary pressurized propellant supply, or by letting
the engine “bootstrap” itself into a start using the liquid column head existing
in the vehicle tankage and feed system lines—usually called a “tank-head”
start.

Gas generators have been used for other applications besides supplying
power to rocket feed systems. They have a use wherever there is a need for a
large amount of power for a relatively short time, because they are simpler and
lighter than conventional short-duration power equipment. Typical applica-
tions are gas generators for driving torpedo turbines and gas generators for
actuating airplane catapults.

In a staged combustion cycle all of one propellant and a small portion of the
other propellant (either fuel-rich or oxidizer-rich mixture) are burned to create
the turbine drive gases. This combustion device is called a preburner and it is
usually uncooled. It has a much larger flow than the gas generators mentioned
above, its turbines have a much smaller pressure drop, and the maximum
pressure of the propellants is higher.

10.2. PERFORMANCE OF COMPLETE OR MULTIPLE ROCKET
PROPULSION SYSTEMS

The simplified relations that follow give the basic method for determining the
overall specific impulse, the total propellant flow, and the overall mixture ratio
as a function of the corresponding component performance terms for complete
rocket engine systems. This applies to engine systems consisting of one or more
thrust chambers, auxiliaries, gas generators, turbines, and evaporative propel-
lant pressurization systems all operating at the same time.

Refer to Eqs. 2-5 and 6-1 for the specific impulse I;, propellant flow rate w
or m and mixture ratio r. The overall thrust F,, is the sum of all the thrusts
from thrust chambers and turbine exhausts and the overall flow #2 is the sum of
their flows. The subscripts oa, 0, and f designate the overall engine system, the
oxidizer, and the fuel, respectively. Then

_LF_ 2 F 10-12
(IS)oa_ZW_gOZm ( )
Wou =W Or ity = Y (10-13)

Mo 2, (10-14)

T Yy
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These same equations should be used for determining the overall performance
when more than one rocket engine is contained in a vehicle propulsion system
and they are operating simultaneously. They also apply to multiple solid pro-
pellant rocket motors and combinations of liquid propellant rocket engines
and solid propellant rocket booster motors, as in the Space Shuttle (see Fig.
1-13).

Example 10-2. For an engine system with a gas generator similar to the one shown in
Fig. 1-4, determine a set of equations that will express (1) the overall engine perfor-
mance and (2) the overall mixture ratio of the propellant flows from the tanks. Let the
following subscripts be used: ¢, thrust chamber; gg, gas generator; and #p, tank pressur-
ization. For a nominal burning time f, a 1% residual propellant, and a 6% overall
reserve factor, give a formula for the amount of fuel and oxidizer propellant required
with constant propellant flow. Ignore stop and start transients, thrust vector control,
and evaporation losses.

SOLUTION. Only the oxidizer tank is pressurized by vaporized propellant. Although
this pressurizing propellant must be considered in determining the overall mixture ratio,
it should not be considered in determining the overall specific impulse since it stays with
the vehicle and is not exhausted overboard.

F. .+ F,
I ~__¢ "8 10—-15
(5o (e + gy ( )
(m,), + (M,)gg + (1)
™~ o’gg U4 (10-16)

(mf )r + ('hf )gg

my = [(rhy), + (117)g,] ¢ (1.00 4 0.01 4 0.06)
my = [(1,), + (115)gg + (1,),,] 1 (1.00 + 0.01 + 0.06)

For this gas generator cycle the engine mixture ratio or r,, is different from the thrust
chamber mixture ratio r, = (m,),/(my),. Similarly, the overall engine specific impulse is
slightly lower than the thrust chamber specific impulse. However, for an expander cycle
or a staged combustion cycle these two mixture ratios and two specific impulses are the
same, provided that there are no gasified propellant used for tank pressurization.

The overall engine specific impulse is influenced by the nozzle area ratio and
the chamber pressure, and to a lesser extent by the engine cycle, and the
mixture ratio. Table 10-3 describes 11 different rocket engines using liquid
oxygen and liquid hydrogen propellants designed by different companies in
different countries, and shows the sensitivity of the specific impulse to these
parameters. References 10-13 to 10-15 give additional data on several of these
engines.
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TABLE 10-3. Comparison of Rocket Engines Using Liquid Oxygen and Liquid Hydrogen Propellants

Engine Designation

Engine Cycle, Manuf. Thrust in Specific Chamber Nozzle Engine

or Country (Year Vacuum, Impulse in Pressure, Mixture Area Mass (dry),

Qualified) Vehicle kN (Ibf) Vacuum (sec) bar (psia) Ratio Ratio kg

SSME, staged Space 2183 452.5 196 6.0 68.8 3400
combustion, Shuttle (490,850) (2870)
Rocketdyne (1998) (3 required)

RS-68, gas Delta 3313 415 97.2 6.0 21.5 6800
generator, (745,000) (1410)
Rocketdyne (2000)

LE-5A, Expander HII 121.5 452 372 5.0 130 255
bleed, MH1, (27,320) (540)
Japan, (1991)

LE-7, staged HII 1080 445.6 122 6.0 52 1720
combustion, MHI, (242,800) (1769)
Japan (1992)

Vulcain, gas Ariane 5 1120 433 112 5.35 45 1585
generator, SEP (251,840) (1624)
and other European Co.’s

HM?7, gas generator, SEP Ariane 62.7 4442 36.2 5.1 45 155
France 1,2,3,4 (14,100) (525)

RL 10-A3, Various 73.4 444 4 32.75 5.0 61 132
Expander, upper (16,500) 475)
Pratt & Whitney (1965) stages

RL 10-B2, (1998), — 110 466.5 44.12 6.0 375 275
same as above (24,750) (640)

YF 73, Long March 44,147 420 26.28 5.0 40 236
China (10,000) 381

YF 75 (2 required), 78.45 440 36.7 5.0 80 550

China (17,600) (532)
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10.3. PROPELLANT BUDGET

In all liquid propellant rocket engines some of the propellants are used for
purposes other than producing thrust or increasing the velocity of the vehicle.
This propellant must also be included in the propellant tanks. A propellant
budget can include the eleven items listed below, but very few engines have
allowances for all these items. Table 10-4 shows an example of a budget for a
spacecraft pressure-fed engine system with several small thrusters and one
larger thrust chamber.

1. Enough propellant has to be a available for achieving the required

vehicle velocity increase of the particular application and the particular
flight vehicle or stage. The nominal velocity increment is usually defined
by systems analysis and mission optimization using an iterative calcula-
tion based on Eqgs. 4-19 or 4-35. If there are alternative flight paths or
missions for the same vehicle, the mission with an unfavorable flight
path and the highest total impulse should be selected. This mission-
required propellant is the largest portion of the total propellants loaded
into the vehicle tanks.

. In a turbopump system using a gas generator cycle, a small portion of

the overall propellant is burned in a separate gas generator. It has a
lower flame temperature than the thrust chamber and operates at a
different mixture ratio; this causes a slight change in the overall mixture
ratio of propellants flowing from the tanks, as shown by Eqgs. 10-14 and
10-16.

TABLE 10-4. Example of a Propellant Budget for a Spacecraft Propulsion System
with a Pressurized Monopropellant Feed System

Budget Element Typical Value

L.

2.

~ N LS

8.

Main thrust chamber (increasing the
velocity of stage or vehicle)

Flight control function (for reaction
control thrusters and flight stability)

. Residual propellant (trapped in valves,

lines, tanks, etc.)

. Loading uncertainty

. Allowance for off-nominal performance
. Allowance for off-nominal operations

. Mission margin (reserve for first two

items above)
Contingency

70-90% (determined from mission
analysis and system engineering)

5-15% (determined by control
requirements)

0.5-2% of total load”

0.5% of total load?
0.5-1.0% of total load®
0.25-1.0% of total load®
3-10% of items I and 2

2-10% of total load’

Source: Adapted from data supplied by TRW, Inc.

“Total load is sum of items 1, 2, and 7.
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. In a rocket propulsion system with a thrust vector control (TVC) system,

such as a swiveling thrust chamber or nozzle, the thrust vector will be
rotated by a few degrees. Thrust vector control systems are described in
Chapter 16. There is a slight decrease in the axial thrust and that reduces
the vehicle velocity increment in item 1. The extra propellant needed to
compensate for the small velocity reduction can be determined from the
mission requirements and TVC duty cycle. It could be between 0.1 and
4% of the total propellant.

. In some engines a small portion of cryogenic propellants is heated,

vaporized, and used to pressurize cryogenic propellant tanks. A heat
exchanger is used to heat liquid oxygen from the pump discharge and
pressurize the oxygen tank, as shown schematically in Fig. 1-4. This
method is used in the hydrogen and oxygen tanks of the Space Shuttle
external tank (see Ref. 6-6).

. Auxiliary rocket engines that provide for trajectory corrections, station

keeping, maneuvers, or attitude control usually have a series of small
restartable thrusters (see Chapter 4). The propellants for these auxiliary
thrusters have to be included in the propellant budget if they are sup-
plied from the same feed system and tanks as the larger rocket engine.
Depending on the mission and the propulsion system concept, this
auxiliary propulsion system can consume a significant portion of the
available propellants.

. The residual propellant that clings to tank walls or remains trapped in

valves, pipes, injector passages, or cooling passages is unavailable for
producing thrust. It is typically 0.5 to 2% of the total propellant load. It
increases the final vehicle mass at thrust termination and reduces the
final vehicle velocity slightly.

. A loading uncertainty exists due to variations in tank volume or changes

in propellant density or liquid level in the tank. This is typically 0.25 to
0.75% of the total propellant. It depends, in part, on the accuracy of the
method of measuring the propellant mass during loading (weighing the
vehicle, flow meters, level gages, etc.).

. The off-nominal rocket performance is due to variations in the manufac-

ture of hardware from one engine to another (such as slightly different
pressure losses in a cooling jacket, in injectors and valves, or somewhat
different pump characteristics); these cause slight changes in combus-
tion behavior, mixture ratio, or specific impulse. If there are slight
variations in mixture ratio, one of the two liquid propellants will be
consumed fully and an unusable residue will remain in the other pro-
pellant’s tank. If a minimum total impulse requirement has to be met,
extra propellant has to be tanked to allow for these mixture ratio varia-
tions. This can amount up to perhaps 2.0% of one of the propellants.

. Operational factors can result in additional propellant requirements,

such as filling more propellant than needed into a tank or incorrectly,
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adjusting regulators or control valves. It can also include the effect of
changes in flight acceleration from the nominal value. For an engine
that has been carefully calibrated and tested, this factor can be small,
usually betwen 0.1 and 1.0%.

10. When using cryogenic propellants an allowance for evaporation and cool-
ing down has to be included. It is the mass of extra propellant that is
allowed to evaporate (and be vented overboard while the vehicle is
waiting to be launched) or that is fed through the engine to cool it
down, before the remaining propellant in the tank becomes less than
the minimum needed for the flight mission. Its quantity depends on the
amount of time between topping off (partial refilling) of the tank.

11. Finally, an overall contingency or ignorance factor is needed to allow for
unforeseen propellant needs or inadequate or uncertain estimates of any
of the items above. This can also include allowances for vehicle drag
uncertainties, variations in the guidance and control system, wind, or
leaks.

Only some of the items above provide axial thrust (items |, 2, and sometimes
also 3 and 95), but all the items need to be considered in determining the total
propellant mass and volume.

10.4. ENGINE DESIGN

The approach, methods, and resources used for rocket engine preliminary
design and final design are usually different for each design organization and
for each major type of engine. They also differ by the degree of novelty.

1. A totally new engine with new major components and some novel design
concepts will result in an optimum engine design for a given application,
but it is usually the most expensive and longest development approach.
One of the major development costs is usually in sufficient testing of
components and several engines (under various environmental and per-
formance limit conditions), in order to establish credible reliability data
with enough confidence to allow the initial flights and initial production.
Since the state of the art is relatively mature today, the design and devel-
opment of a truly novel engine does not happen very often.

2. New engine using major components or somewhat modified key components
from proven existing engines. This is a common approach today. The
design of such an engine requires working within the capability and limits
of existing or slightly modified components. It requires much less testing
for proving relability.

3. Uprated or improved version of an existing, proven engine. This approach
is quite similar to the second. It is needed when an installed engine for a
given mission requires more payload (which really means higher thrust)
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and/or longer burning duration (more total impulse). Uprating often
means more propellant (larger tanks), higher propellant flows and higher
chamber and feed pressures, and more feed system power. The engine
usually has an increased inert engine mass (thicker walls).

In a simplified way, we describe here a typical process for designing an
engine. At first the basic function and requirements of the new engine must
be established. These engine requirements are derived from the vehicle mission
and vehicle requirements, usually determined by the customer and/or the vehi-
cle designers, often in cooperation with one or more engine designers. The
engine requirements can include key parameters such as thrust level, the
desired thrust-time variation, restart or pulsing, altitude flight profile, envir-
onmental conditions, engine locations within the vehicle, and limitations or
restraints on cost, engine envelope, test location, or schedule. It also includes
some of the factors listed later in Table 17-5. If an existing proven engine can
be adapted to these requirements, the subsequent design process will be simpler
and quite different than the design of a truly new engine.

Usually some early tentative decisions about the engine are made, such as
the selection of the propellants, their mixture ratio, or the cooling approach for
the hot components. They are based on mission requirements, customer pre-
ferences, past experiences, some analysis, and the judgement of the key decision
makers. Some additional selection decisions include the engine cycle, having
one, two, or more thrust chambers fed from the same feed system, redundancy
of auxiliary thrusters, or type of ignition system. Trade-off studies between
several options are appropriate at this time. With a modified existing engine
these parameters are well established, and require few trade-off studies or
analyses. Initial analyses of the pressure balances, power distribution between
pumps and turbines, gas generator flow, propellant flows and reserves, or the
maximum cooling capacity are appropriate. Sketches and preliminary esti-
mates of inert mass of key components need to be made, such as tanks, thrust
chambers, turbopumps, feed and pressurization systems, thrust vector control,
or support structure. Alternate arrangements of components (layouts) are
usually examined, often to get the most compact configuration. An initial
evaluation of combustion stability, stress analysis of critical components,
water hammer, engine performance at some off-design conditions, safety fea-
tures, testing requirements, cost, and schedule are often performed at this time.
Participation of appropriate experts from the field of manufacturing, field
service, materials, stress analysis, or safety can be critical for selecting the
proper engine and the key design features. A design review is usually conducted
on the selected engine design and the rationale for new or key features.

Test results of subscale or full-scale components, or related or experimental
engines, will have a strong influence on this design process. The key engine
selection decisions need to be validated later in the development process by
testing new components and new engines.
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The inert mass of the engine and other mass properties (center of gravity or
moment of inertia) are key parameters of interest to the vehicle designer or
customer. They are needed during preliminary design and again, in more detail,
in the final design. The engine mass is usually determined by summing up the
component or subsystem masses, each of which is either weighed or estimated
by calculating their volumes and knowing or assuming their densities.
Sometimes early estimates are based on known similar parts or subassemblies.

Preliminary engine performance estimates are often based on data from prior
similar engines. If these are not available, then theoretical performance values
can be calculated (see Chapter 2, 3, and 5) for F, I, k, or 9, using appropriate
correction factors. Measured static test data are, of course, better than esti-
mates. The final performance values are obtained from flight tests or simulated
altitude tests, where airflow and altitude effects can interact with the vehicle or
the plume.

If the preliminary design does not meet the engine requirements, then
changes need to be made to the initial engine decisions and, if that is not
sufficient, sometimes also to the mission requirements themselves.
Components, pressure balances, and so forth will be reanalyzed and the results
will be a modified version of the engine configuration, its inert mass, and
performance. This process is iterated until the requirements are met and a
suitable engine has been found. The initial design effort culminates in preli-
minary layouts of the engine, a preliminary inert mass estimate, an estimated
engine performance, a cost estimate, and a tentative schedule. These prelimin-
ary design data form the basis for a written proposal to the customer for
undertaking the final or detail design, development, testing, and for delivering
engines.

Optimization studies are made to select the best engine parameters for meet-
ing the requirements; some of them are done before a suitable engine has been
identified, some afterwards. They are described further in Section 10.7. We
optimize parameters such as chamber pressure, nozzle area ratio, thrust, mix-
ture ratio, or number of large thrust chambers supplied by the same turbo-
pump. The results of optimization studies indicate the best parameter, which
will give a further, usually small, improvement in vehicle performance, propel-
lant fraction, engine volume, or cost.

Once the engine proposal has been favorably evaluated by the vehicle
designers, and after the customer has provided authorization and funding to
proceed, then the final design can begin. Some of the analyses, layouts, and
estimates will be repeated, but in more detail, specifications and manufacturing
documents will be written, vendors will be selected, and tooling will be built.
The selection of some of the key parameters (particularly those associated with
some technical risk) will need to be validated. After another design review, key
components and prototype engines are built and ground tested as part of a
planned development effort. If proven reliable, one or two sets of engines will
be installed in a vehicle and operated during flight. In those programs where a
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fair number of vehicles are to be built, the engine will then be produced in the
required quantity.

Table 10-5 shows some of the characteristics of three different Russian
designs staged combustion cycle engine designs, each at a different thrust
and with different propellants (see Ref. 10-17). It shows primary engine para-

TABLE 10-5. Data on Three Russian Large Liquid Propellant Rocket Engines
Using a Staged Combustion Cycle

Engine Designation RD-120 RD-170 RD-253

Application (number of
engines)

Zenit second
stage (1)

Proton vehicle
booster (1}

Energia launch vehicle
booster (4) and
Zenit first stage (1)

Oxidizer Liquid oxygen Liquid oxygen N,Oy4
Fuel Kerosene Kerosene UDMH
Number and types of One main TP and  One main TP and two Single TP
turbopumps (TP) two boost TPs boost TPs
Thrust control, % Yes Yes +5
Mixture ratio control, % +10 +7 +12
Throttling (fuli flow is 85 40 None
100%}), %
Engine thrust (vacuum), kg 85,000 806,000 167,000
Engine thrust (SL), kg — 740,000 150,000
Specific impulse (vacuum), sec 350 337 316
Specific impulse (SL), sec — 309 285
Propellant flow, kg/sec 242.9 2393 528
Mixture ratio, O/F 2.6 2.63 2.67
Length, mm 3872 4000 2720
Diameter, mm 1954 3780 1500
Dry engine mass, kg 1125 9500 1080
Wet engine mass, kg 1285 10500 1260
Thrust Chamber Characteristics
Chamber diameter, mm 320 380 430
Characteristic chamber length, 1274 1079.6 999.7
mm
Chamber area contraction 1.74 1.61 1.54
ratio
Nozzle throat diameter, mm 183.5 235.5 279.7
Nozzle exit diameter, mm 1895 1430 1431
Nozzle area ratio, 106.7 36.9 26.2
Thrust chamber length, mm 2992 2261 2235
Nominal combustion 3670 3676 3010
temperature, K
Rated chamber pressure, 166 250 150
kg/cm?
Nozzle exit pressure, kg/cm® 0.13 0.73 0.7
Thrust coefficient, vacuum 1.95 1.86 1.83
Thrust coefficient, SL — 1.71 1.65
Gimbal angle, degree Fixed 8 Fixed

Injector type

Hot, oxidizer-rich precombustor gas plus fuel

With a staged combustion cycle the thrust, propellant flow, and mixture ratio for the thrust

chamber have the same values as for the entire engine.
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Engine Designation

RD-120

RD-170

RD-253

Turbopump Characteristics

Pumped liquid Oxidizer Fuel Oxidizer Fuel Oxidizer Fuel
Pump discharge pressure, 347 358 614 516 282 251
kg/cm
Flow rate, kg/sec 173 73 1792 732 384 144
Impeller diameter, mm 216 235 409 405 229 288
Number of stages 1 1 1 1+1¢ 1 1+1¢
Pump efficiency, % 66 65 74 74 68 69
Pump shaft power, hp 11,210 6145 175,600 77,760 16,150 8850
Required pump NPSH, m 37 23 260 118 45 38
Shaft speed, rpm 19,230 13,850 13,855
Pump impeller type Radial flow Radial flow Radial flow
Turbine power, hp 17,588 257,360 25,490
Turbine inlet pressure, main 324 519 239
turbine, kg/cm2
Pressure ratio 1.76 1.94 1.42
Turbine inlet temperature, K 735 772 783
Turbine efficiency, % 72 79 74
Number of turbine stages 1 1 1
Preburner Characteristics
Flow rate, kg/sec 177 836 403.5
Mixture ratio, O/F 53.8 54.3 21.5
Chamber pressure, kg/cm? 325 546 243
Number of preburners 1 2 1

“Fuel flow to precombustor goes through a small second-stage pump. (Courtesy of NPO
Energomash, Moscow.)

meters (chamber pressure, thrust, specific impulse, weight, propellant combi-
nation, nozzle area ratio, dimensions, etc.) which influence the vehicle perfor-
mance and configuration. It also shows secondary parameters, which are
internal to the engine but important in component design and engine optimiza-
tion. The Space Shuttle main engine (see Figs. 6-1 and 6-12) has two fuel-rich
preburners, but the Russian engines use oxidizer-rich preburners. Figure 10-10
shows the RD-170 engine with four thrust chambers (and their thrust vector
actuators) supplied by a centrally located single large turbopump (257,000 hp;
not visible in the photo) and one of the two oxidizer-rich preburners. The flow
diagram of Fig. 10-11 shows this turbopump and the two booster turbopumps;
one is driven by a turbine using a bleed of oxygen-rich gas from the turbine
exhaust (the gas is condensed when it mixes with the liquid oxygen flow) and
the other by a liquid turbine using high-pressure liquid fuel.

Much of today’s engine design, preliminary design and design optimization
can be performed on computer programs. These include infinite element ana-
lyses, codes for stress and heat transfer, weight and mass properties, stress and
strain analysis of a variety of structures, water hammer, engine performance
analyses, feed system analyses (for balance of flow, pressures, and power), gas
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FIGURE 10-10. The RD-170 rocket engine, shown here on a transfer cart, can be used
as an expendable or reusable engine (up to 10 flights). It has been used on the Zenith,
Soyuz booster, and Energiya launch vehicles. The tubular structure supports the four
hinged thrust chambers and its control actuators. It is the highest thrust liquid rocket
engine in use today. (Courtesy of NPO Energomash, Moscow.)

pressurization, combustion vibrations, and various exhaust plume effects (see
Ref. 10-16). Some customers require that certain analyses (e.g., safety, static
test performance) be delivered to them prior to engine deliveries.

Many computer programs are specific to a particular design organization, a
certain category of application (e.g., interplanetary flight, air-to-air combat,
long-range ballistic missile, or ascent to earth orbit), and many are specific to a
particular engine cycle. One is called engine balance program and it balances the
pressure drops in the fuel, oxidizer, and pressurizing gas flow systems; similar
programs balance the pump and turbine power, speeds, and torques (see
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FIGURE 10-11. Simplified flow diagram of the RD-170 high-pressure rocket engine. The single-shaft large turbopump has a single-stage
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cavitation in the main pumps. The pressurized helium subsystem (only shown partially) supplies various actuators and control valves; it is
@

& indicated by the symbol y. Ignition is accomplished by injecting a hypergolic fuel into the two preburners and the four thrust chambers.
9 (Courtesy of NPO Energomash, Moscow.)
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Section 10.7), compare different turbopump configurations (see Section 10.1};
some balance programs also calculate approximate masses for engine, tanks,
turbine drive fluids. The program allows iterations of various pressures and
pressure drops, mixture ratios, thrust levels, number of thrust chambers, dis-
tribution of total velocity increment between different vehicle stages, trades
between constant thrust (or propellant flow) and decreasing thrust (throttling)
or pulsed (intermittent) thrust.

10.5. ENGINE CONTROLS

All liquid propellant rocket engines have controls to accomplish some or all of
the following tasks:

10.

1. Start rocket operation

2. Shut down rocket operation.

3.

4. Maintain programmed operation (predetermined constant or randomly

Restart, if desired.

varied thrust, preset propellant mixture ratio and flow).

When safety devices sense an impending malfunction or a critical con-
dition of the vehicle or the engine, the control system will automatically
change the engine operating conditions to remedy the defected defect, or
cause a safe emergency engine shutdown. Only some of the likely failure
modes can be remedied by sensing a potential problem and initiating a
remedial action. Some failures occur so rapidly that there is not enough
time to counteract them. Others are too difficult to identify reliably as a
failure and others are not well understood.

Fill with propellants.

Drain excess propellant after operation.

With cryogenic propellants the pipes, pumps, cooling jackets, injectors,
and valves have to be cooled to the cryogenic fluid temperature prior to
start, by bleeding cold propellant through them; this cooling propellant
is not used to produce thrust. Its periodic flow has to be controlled.
Check out proper functioning of critical components or a group of
components without actual hot operation before and/or after flight.
For recoverable and reusable rocket engines, also provide built-in self-
test features to perform continuous checks in flight and on the ground
and recycle the engine to a ready condition within a few minutes after a
launch abort without any ground servicing.

The complexity of these control elements and the complexity of the engine
systems depend very much on the mission of the vehicle. In general, rockets
that are used only once (single-shot devices), that are filled with propellants at
the factory, and that have to operate over a narrow range of environmental
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conditions tend to be simpler than rocket systems intended for repeated use, for
applications where satisfactory operation must be demonstrated prior to use,
and for manned vehicles. Because of the nature of the liquid propellants, most
of the control actuation functions are achieved by valves, regulators, pressure
switches, and flow controls. The use of special computers for automatic control
in large engines is now common. The flow control devices, namely the valves,
were discussed in Section 6.9.

Safety controls are intended to protect personnel and equipment in case of
malfunction. For example, the control system is usually so designed that a
failure of the electrical power supply to the rocket causes a nonhazardous
shutdown (all electrical valves automatically returning to their normal posi-
tion) and no mixing or explosion of unreacted propellant can occur. Another
example is an electrical interlock device which prevents the opening of the main
propellant valves until the igniter has functioned properly.

Check-out controls permit a simulation of the operation of critical control
components without actual hot operation of the rocket unit. For example,
many rockets have provisions for permitting actuation of the principal valves
without having propellant or pressure in the system.

Control of Engine Starting and Thrust Buildup

In the starting and stopping process of a rocket engine, it is possible for the
mixture ratio to vary considerably from the rated design mixture ratio because
of a lead of one of the propellants and because the hydraulic resistances to
propellant flow are not the same for the fuel and the oxidizer passages. During
this transition period it is possible for the rocket engine to pass through regions
of chamber pressure and mixture ratio which can permit combustion instabil-
ity. The starting and stopping of a rocket engine is very critical in timing, valve
sequencing, and transient characteristics. A good control system must be
designed to avoid undesirable transient operation. Close control of the flow
of propellant of the pressure, and of the mixture ratio is necessary to obtain
reliable and repeatable rocket performance. The starting and ignition of thrust
chambers has been discussed in Section 8.4.

Fortunately, most rocket units operate with a nearly constant propellant
consumption and a constant mixture ratio, which simplifies the operating con-
trol problem. Stable operation of liquid propellant flows can be accomplished
without automatic control devices because the liquid flow system in general
tends to be inherently stable. This means that the hydraulic system reacts to
any disturbance in the flow of propellant (a sudden flow increase or decrease)
in such a manner as to reduce the effect of the disturbance. The system, there-
fore, usually has a natural tendency to control itself. However, in some cases
the natural resonances of the system and its components can have frequency
values that tend to destabilize the system.

The start delay time for a pressure feed system is usually small. Prior to start,
the pressurization system has to be activated and the ullage volume has to be
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pressurized. This start delay is the time to purge the system if needed, open
valves, initiate combustion, and raise the flow and chamber pressure to rated
values. A turbopump system usually requires more time to start. In addition to
the foregoing starting steps for a pressurized system, it has to allow a time
period for starting a gas generator or preburner and for bringing the turbo-
pumps up to a speed at which combustion can be sustained and thereafter up to
full flow. If the propellant is nonhypergolic, additional time has to be allowed
for the igniter to function and for feedback to confirm that it is working
properly. All these events need to be controlled. Table 10-6 describes many
of these steps.

Starting of small thrusters with a pressurized feed system can be very fast, as
short as 3 to 15 millisec, enough time for a small valve to open, the propellant
to flow to the chamber and to ignite, and the small chamber volume to be filled
with high-pressure combustion gas. For turbopump-fed systems and larger
thrust engines, the time from start signal to full chamber pressure is longer,
about 1 to 5 sec, because the pump rotors have inertia, the igniter flame has to
heat a relatively large mass of propellants, the propellant line volumes to be
filled are large, and the number of events or steps that need to take place is
larger.

Large turbopump-fed rocket engines have been started in at least four ways:

1. A solid propellant start grain or start cartridge is used to pressurize the
gas generator or preburner, and this starts turbine operations. This
method is used on Titan III hypergolic propellant rocket engines
(first and second stages) and on the H-1 (nonhypergolic), where the
start grain flame also ignites the liquid propellants in the gas generator.
This is usually the fastest start method, but it does not provide for a
restart.

2. This method, known as tank head start, is used on the SSME, is slower,
does not require a start cartridge, and permits engine restart. The head of
liquid from the vehicle tanks (usually in vertically launched large vehi-
cles) plus the tank pressure cause a small initial flow of propellants; then
slowly more pressure is built up as the turbine begins to operate and in a
couple of seconds the engine “bootstraps” its flows and the pressures
then rise to their rated values.

3. A small auxiliary pressurized propellant feed system is used to feed the
initial quantity of fuel and oxidizer (at essentially full pressure) to the
thrust chamber and gas generator. This method was used on the RS-27
engine in the first stage of a Delta II space launch vehicle.

4. The spinner start method uses clean high-pressure gas from a separate
tank to spin the turbine (usually at less than full speed) until the engine
provides enough hot gas to drive the turbine. The high-pressure tank is
heavy, the connections add complexity, and this method is seldom used
today.
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TABLE 10-6. Major Steps in the Starting and Stopping of a Typical Large Liquid
Propellant Rocket Engine with a Turbopump Feed System

1. Prior to Start

Check out functioning of certain components (without propellant flow), such as the thrust
vector control or some valve actuators.

Fill tanks with propellants.

Bleed liquid propellants to eliminate pockets of air or gas.

When using propellants that can react with air (e.g., hydrogen can freeze air, small solid air
crystals can plug injection holes, and solid air with liquid hydrogen can form an explosive
mixture), it is necessary to purge the piping system (including injector, valves and cooling
jacket) with an inert, dry gas (e.g., helium) to remove air and moisture. In many cases several
successive purges are undertaken.

With cryogenic propellants the piping system needs to be cooled to cryogenic temperatures to
prevent vapor pockets. This is done by repeated bleeding of cold propellant through the
engine system (valves, pumps, pipes, injectors, etc.) just prior to start. The vented cold gas
condensés moisture droplets in the air and this looks like heavy billowing clouds escaping
from the engine.

Refill or “top off” tank to replace cryogenic propellant that has evaporated or been used for
cooling the engine.

Pressurize vehicle’s propellant tanks just before start.

2. Start: Preliminary Operation

Provide start electric signal, usually from vehicle control unit or test operator.

With nonhypergolic propellants, start the ignition systems in gas generator or preburner and
main chambers; for nonhypergolic propellants a signal has to be received that the igniter is
burning before propeliants are aliowed to flow into the chambers.

Initial operation: opening of valves (in some cases only partial opening or a bypass) to admit
fuel and oxidizer at low initial flows to the high pressure piping, cooling jacket, injector
manifold, and combustion chamber(s). Valve opening rate and sequencing may be critical to
achieve proper propellant lead. Propellants start to burn and turbine shaft begins to rotate.

Using an automated engine control, make checks (e.g., shaft speed, igniter function, feed
pressures) to assure proper operation before initiating next step.

In systems with gearboxes the gear lubricant and coolant fluid start to flow.

For safety reasons, one of the propellants must reach the chamber first.

3. Start: Transition to Full Flow/Full Thrust

Turbopump power and shaft speed increase.

Propellant flows and thrust levels increase until they reach full-rated values. May use controls to
prevent exceeding limits of mixture ratio or rates of increase during transient.

Principal valves are fully opened. Attain full chamber pressure and thrust.

In systems where vaporized propellant is fed into the propellant tanks for tank pressurization,
the flow of this heated propeliant is initiated.

Systems for controlling thrust or mixture ratio or other parameter are activated.

4. Stop

Signal to stop deactivates the critlcal valve(s).

Key valves close in a predetermined sequence. For example, the valve controlling the gas
generator or preburner will be closed first. Pressurization of propellant tanks is stopped.

As soon as turbine drive gas supply diminishes the pumps will slow down. Pressure and flow of
each propellant will diminish quickly until it stops. The main valves are closed, often by
spring forces, as the fluid pressures diminish. Tank pressurization may also be stopped. In
some engines the propellant trapped in the lines or cooling jacket may be blown out by
vaporization or gas purge.
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SSME Start and Stop Sequences. This is an example of the transient start
and stop behavior of a complex staged combustion cycle engine with a tank
head start. It illustrates the rapid functions of an electronic controller. The
SSME flow sheet in Fig. 6-12 identifies the location of the key components
mentioned below and Fig. 10-12 shows the sequence and events of these
transients. The remainder of this subsection is based on information provided
by The Boeing Company, Rockerdyne Propulsion and Power.

For a tank head start, initial energy to start the turbines spinning is all
derived from initial propellant tank pressures (fuel and oxidizer) and gravity
(head of liquid column). Combining the tank head start with a staged combus-
tion cycle consisting of five pumps, two preburners, and a main combustion
chamber (MCC) results in a complicated and sophisticated start sequence,
which is very robust and reliable. Prior to test, the SSME turbopumps and
ducting (down to the main propellant valves) are chilled with liquid hydrogen
and liquid oxygen (LOX) to cryogenic temperature to ensure liquid propellants
for proper pump operation. At engine start command, the main fuel valve
(MFYV) is opened first to provide chilling below the MFV and a fuel lead to
the engine. The three oxidizer valves sequence the main events during the
crucial first two seconds of start. The fuel preburner oxidizer valve (FPOV)
is ramped to 56% to provide LOX for ignition in the fuel preburner (FPB) in
order to provide initial turbine torque of the high-pressure fuel turbopump
(HPFTP). Fuel system oscillations (FSO), which occur due to heat transfer
downstream of the initially chilled system can result in flowrate dips. These fuel
flow dips can lead to damaging temperature spikes in the FPB as well as the
oxidizer preburner (OFB) at ignition and 2 Hz cycles thereafter until the
hydrogen is above critical pressure. The oxidizer preburner oxidizer valve
(OPOV) and main oxidizer valve (MOV) are ramped open next to provide
LOX for OPB and MCC ignition.

The next key event is FPB prime. Priming is filling of the OX system
upstream of the injectors with liquid propellant. This results in increased com-
bustion and higher power. This event occurs around 1.4 sec into start. The
high-pressure fuel turbopump (HPFTP) speed is automatically checked at 1.24
sec into start to ensure it will be at a high enough level before the next key
event, MCC prime, which is controlled by the MOV. Priming and valve timing
are critical. We explain some of the events that could go wrong. At MCC
prime, an abrupt rise in backpressure on the fuel pump/turbine occurs. If
flowrate through the fuel pump at this time is not high enough (high speed),
then the heat imparted to the fluid as it is being pumped can vaporize it, leading
to unsatisfactory flow in the engine, and subsequent high mixture ratio with
high gas temperature and possible burnout in the hot gas system. This occurs if
the MCC primes too early or HPFTP speed is abnormally low. If the MCC
primes too late, the HPFTP may accelerate too fast due to low backpressure
after FPB prime and exceed its safe speed. The MCC prime normally occurs at
1.5 sec. The OPB is primed last since it controls LOX flow and a strong fuel
lead and healthy fuel pump flow are desirable to prevent engine burnout due to
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FIGURE 10-12. The sequence and events for starting and shutdown of the SSME
(Space Shuttle main engine). This particular start sequence leads to a chamber pressure
of 2760 psia (normalized here to 100%), a high-pressure fuel turbopump speed of 33,160
rpm (100%) , at a sea-level thrust of 380,000 1bf (shown as 100%). This shutdown
occurs at altitude when the engine has been throttled to 67% of its power level or a
vacuum thrust of 312,559 1bf, which is shown as 67% of the MCC chamber pressure.
(Courtesy of The Boeing Company, Rocketdyne Propulsion and Power.)
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a high mixture ratio. The OPOV provides minimal flowrate during the early
part of the start to force the oxidizer to prime last at 1.6 sec into start. Again,
the FSO influences temperature spikes in the OPB and must be sequenced
around, prior to the MCC prime which raises the fuel pressure above critical
in the fuel system. At two seconds into start, the propellant valves are
sequenced to provide 25% of rated power level (RPL). During the first 2.4
sec of start, the engine is in an open-loop mode, but proportional control of the
OPOV is used, based on MCC pressure. At this point, additional checks are
carried out to ensure engine health, and a subsequent ramp to mainstage at 2.4
sec is done using closed-loop MCC—chamber-pressure/OPOV control. At 3.6
sec, closed-loop mixture ratio/FPOV control is activated.

The chamber cooling valve (CCV) is open at engine start and sequenced to
provide optimum coolant fuel flow to the nozzle cooling jacket and the cham-
ber and preburners during the ignition and main stage operation. It diverts
flow to the cooling passages in the nozzle after MCC prime causes the heat load
to increase. The description above is simplified and does not mention several
other automatic checks, such as verifying ignition in the MCC or FPB or the
fuel or chamber pressure buildup, which are sensed and acted upon at various
times during the start sequence. The spark-activated igniters are built into the
three injectors (MCC, FPB, OPB) using the same propellants. They are not
mentioned above or shown in the flow sheet, but one of them can be seen in
Fig. 9-6.

The shutdown sequence is initiated by closing the OPOV, which powers
down the engine (reduces oxygen flow, chamber pressure, and thrust); this is
followed quickly by closing the FPOV, so the burning will shut down fuel rich.
Shortly thereafter the MOV is closed. The MFYV stays open for a brief time and
then is moved into an intermediate level to balance with the oxygen flow (from
trapped oxygen downstream of the valves). The MPV and the CCV are closed
after the main oxygen mass has been evaporated or expelled.

Automatic Controls

Automatically monitored controls are frequently used in liquid propellant rock-
ets to accomplish thrust control or mixture ratio control. The automatic con-
trol of the thrust vector is discussed in Chapter 16.

Before electronic controls became common for large engines, pneumatic
controls were used with helium gas. We still use helium to actuate large valves,
but no longer for logic control. A pressure ladder sequence control was used,
where pressures (and a few other quantities) were sensed and, if satisfactory,
the next step of the start sequence was pneumatically initiated. This was used
on the H-1 engine and the Russian RDD-170 engine, whose flow sheet is shown
in Figure 10-11.

Most automatic controls use a servomechanism. They generally consist of
three basic elements: a sensing mechanism, which measures or senses the vari-
able quantity to be controlled; a computing or controlling mechanism, which
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compares the output of the sensing mechanism with a reference value and gives
a control signal to the third component, the actuating device, which manipu-
lates the variable to be controlled. Additional discussion of computer control
with automatic data recording and analysis is given in Chapter 20.

Figure 10-13 shows a typical simple thrust control system for a gas gen-
erator cycle aimed at regulating the chamber pressure (and therefore also the
thrust) during the flight to a predetermined value. A pressure-measuring device
with an electric output is used for the sensing element, and an automatic
control device compares this gauge output signal with a signal from the refer-
ence gauge or a computer voltage and thus computes an error signal. This error
signal is amplified, modulated, and fed to the actuator of the throttle valve. By
controlling the propellant flow to the gas generator, the generator pressure is
regulated and, therefore, also the pump speed and the main propellant flow;
indirectly, the chamber pressure in the thrust chamber is regulated and, there-
fore, also the thrust. These quantities are varied until such time as the error
signal approaches zero. This system is vastly simplified here, for the sake of
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FIGURE 10-13. Simplified schematic diagram of an automatic servomechanism-type
chamber pressure control of a liquid propellant rocket engine with a turbopump feed
system, a gas generator, and a tank head, boot strap (self-pumping) starting system.
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illustration; in actual practice the system may have to be integrated with other
automatic controls. In this diagram the mixture of the gas generator is con-
trolled by the pintle shapes of the fuel and oxidizer valves of the gas generator
and by yoking these two valves together and having them moved in unison by a
single actuator.

In the expander cycle shown schematically in Fig. 6-11, the thrust is regu-
lated by maintaining a desired chamber pressure and controlling the amount of
hydrogen gas flowing to the turbine by means of a variable bypass. The flow
through this bypass is small (typically 5% of gas flow) and is controlled by the
movement of a control valve.

In a propellant utilization system the mixture ratio is varied to insure that
the fuel and oxidizer propellant tanks are both simultaneously and comple-
tely emptied; no undue propellant residue should remain to increase the
empty mass of the vehicle, which in turn would detrimentally decrease the
vehicle mass ratio and the vehicle’s flight performance (see Chapter 4). For
example, the oxidizer flow rate may be somewhat larger than normal due to
its being slightly denser than normal or due to a lower than normal injector
pressure drop; if uncontrolled, a fuel residue would remain at the time of
oxidizer exhaustion; however, the control system would cause the engine to
operate for a period at a propellant mixture ratio slightly more fuel-rich than
normal, to compensate and assure almost simultaneous emptying of both
propellant tanks. Such a control system requires accurate measurement of
the amount of propellant remaining in the two propellant tanks during the
flight.

Any of the three principal components of an automatic control system can
have many differerent forms. Typical sensing devices include those that mea-
sure chamber pressure, propellant pressures, pump rotational speeds, tank
level, or propellant flow. The actuating device can throttle propellant flow or
control a bypass device or the gas generator discharge. There are many oper-
ating mechanisms for the controller, such as direct electrical devices, electronic
analog or digital computers, hydraulic or pneumatic devices, and mechanical
devices. The actuators can be driven by electrical motors, hydraulic, pneu-
matic, or mechanical power. The hydraulic actuators can provide very high
forces and quick response. The exact type of component, the nature of the
power supply, the control logic, the system type, and the operating mechanisms
for the specific control depend on the details of the application and the require-
ments. Controls are discussed further in Refs. 6-1 and 10-18.

In applications where the final vehicle velocity must be accurately deter-
mined, the amount of impulse that is imparted to the vehicle during the cutoff
transient may be sufficiently variable to exceed the desired velocity tolerance.
Therefore, in these applications close control over the thrust decay curve is
necessary and this can be accomplished by automatic control over the sequen-
cing and closing rates of the main propellant valves and the location of the
valves in relation to the injector.
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Control by Computer

Early rocket engines used simple timers and, later, a pressure ladder sequence
to send commands to the engine for actuating valves and other steps in the
operation. Pneumatic controllers were also used in some engines for starting
and stopping. For the last 20 years we have used digital computers in large
liquid propellant rocket engines for controlling their operation (see Ref. 10—
15). In addition to controlling the start and stop of engines, they can do a lot
more and can contribute to making the engine more reliable. Table 10-7 gives a
list of typical functions that a modern engine control computer has undertaken
in one or more engines. This list covers primarily large turbopump-fed engines
and does not include consideration of multiple small thruster attitude control
rocket engines.

The design of control computers is beyond this text. In general it has to
consider carefully all the possible engine requirements, all the functions that
have to be monitored, all the likely potential failure modes and their com-
pensating or ameliorating steps, all the sensed parameters and their scales, the
method of control, such as open, closed, or multiple loops, adaptive or self-
learning (expert system), the system architecture, the software approach, the
interrelation and division of tasks with other computers on board the vehicle
or on the ground, and the method of validating the events and operations. It
is also convenient to have software that will allow some changes (which
become necessary because of engine developments or failures) and allow
the control of several parameters simultaneously. While the number of func-
tions performed by the control computer seems to have increased in the last
20 years, the size and mass of the control computer has actually decreased
substantially.

The control computer is usually packaged in a waterproof, shockproof
black box, which is mounted on the engine. Fire-resistant and waterproof
cable harnesses lead from this box to all the instrument sensors, valve position
indicators, tachometers, accelerometers, actuators, and other engine compo-
nents, to the power supply, the vehicle’s controller, and an umbilical, severable
multi-wire harness leads to the ground support equipment.

10.6. ENGINE SYSTEM CALIBRATION

Although an engine has been designed to deliver a specific performance
(F, I, m,r), a newly manufactured engine will not usually perform precisely
at these nominal parameters. If the deviation from the nominal performance
values is more than a few percent, the vehicle will probably not complete its
intended flight course. There are several reasons for these deviations. Because
of unavoidable dimensional tolerances on the hardware, the flow—pressure
profile or the injector impingement (combustion efficiency) will deviate
slightly from the nominal design value. Even a small change in mixture
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TABLE 10-7. Typical Functions to Be Performed by Digital Computers in
Monitoring and Controlling the Operation of a Liquid Propellant Rocket Engine

1. Sample the signals from significant sensors (e.g., chamber pressure, gas and hardware
temperatures, tank pressure, valve position, etc.) at frequent intervals, say once, 10, 100, or 1000
times per second. For parameters that change slowly, e.g., the temperature of the control box,
sampling every second or every five seconds may be adequate, but chamber pressure would be
sampled at a high frequency.

2. Keep a record of all the significant signals received and all the signals generated by the
computer and sent out as commands or information.

3. Control the steps and sequence of the engine start. Figure 10-12 and Table 10-6 list typical
steps that have to be taken, but do not list the measured parameters that will confirm that the
commanded step was implemented. For example, if the igniter is activated, a signal change from
a properly located temperature sensor or a radiation sensor could verify that the ignition had
indeed happened.

4. Control the shutdown of the engine. For each of the steps listed at the bottom of Table 10-6
or in Fig. 10-12 there often has to be a sensing of a pressure change or other parameter change
to verify that the commanded shutdown step was taken. An emergency shutdown may be
commanded by the controller, when it senses certain kinds of malfunctions, that allow the
engine to be shut down safely before a dramatic failure occurs. This emergency shutdown
procedure must be done quickly and safely and may be different from a normal shutdown, and
must avoid creating a new hazardous condition.

5. Limit the duration of full thrust operation. For example, cutoff is to be initiated just before the
vehicle attains the desired mission flight velocity.

6. Safety monitoring and control. Detect combustion instability, over-temperatures in
precombustors, gas generators, or turbopump bearings, violent turbopump vibration,
turbopump overspeed or other parameter known to cause rapid and drastic component
malfunction, that can quickly lead to engine failure. Usually, more than one sensor signal will
show such a malfunction. If detected by several sensors, the computer may identify it as a
possible failure whose in-flight remedy is well known (and preprogrammed into the computer);
then a corrective action or a safe shutdown may be automatically commanded by the control
computer.

7. Control propellant tank pressurization. The tank pressure value has to be within an allowable
range during engine operation and also during a coasting flight period prior to a restart. Sensing
the activation of relief valves on the tank confirms overpressure. Automatically, the computer
can then command stopping or reducing the flow of pressurant.

8. Perform automatic closed-loop control of thrust and propellant utilization (described before).

9. Transmit signals to a flying vehicle’s telemetering system, which in turn can send them to a
ground station, thus providing information on the engine status, particularly during
experimental or initial flights.

10. Self-test the computer and software.

11. Analyze key sensor signals for deviation from nominal performance before, during, and after
engine operation. Determine whether sensed quantities are outside of predicted limits. If
appropriate and feasible, if more than one sensor indicates a possible out-of-limit value, and if
the cause and remedy can be predicted (preprogrammed), then the computer can automatically
initiate a compensating action.
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ratio will cause a significant increase of residual, unused propellant. Also,
minor changes in propellant composition or storage temperature (which
affects density and viscosity) can cause deviations. Regulator setting toler-
ances or changes in flight acceleration (which affects static head) are other
factors. An engine calibration is the process of adjusting some of its internal
parameters so that it will deliver the intended performance within the allowed
tolerance bands.

Hydraulic and pneumatic components (valves, pipes, expansion joints) can
readily be water flow tested on flow benches and corrected for pressure drops
and density (and sometimes also viscosity) to determine their pressure drop at
rated flow. Components that operate at elevated temperatures (thrust cham-
bers, turbines, preburners, etc.) have to be hot fired and cryogenic components
(pumps, some valves) often have to be tested at the cryogenic propellant tem-
perature. The engine characteristics can be estimated by adding together the
corrected values of pressure drops at the desired mass flow. Furthermore, the
ratio of the rated flows 7, /r1, has to equal the desired mixture ratio r. This is
shown in the example below. The adjustments include adding pressure drops
with judiciously placed orifices, or changing valve positions or regulator
setting.

In most pressurized feed systems the pressurizing gas is supplied from its
high pressure tank through a regulator to pressurize both the fuel and the
oxidizer in their respective tanks. The pressure drop equations for the oxidizer
and the fuel (subscripts o and f) are given below for a pressurized feed system
at nominal flows.

Pgas — (Apgas)f =p+ Apf + (Apinj)f + (Apj)f + %pfvj% + Lapf (10-17)

pgas - (Apgas)o =p1+ Apo + (Apinj)o + %povzz; + La:oo (10—18)

The gas pressure in the propellant tank is the regulated pressure pg,s, dimin-
ished by the pressure losses in the gasline Apy,,. The static head of the liquid
Lap (L is the distance of the liquid level above the thrust chamber, a is the flight
acceleration, and p is the propellant density) augments the gas pressure. It has
to equal the chamber pressure p; plus all the pressure drops in the liquid piping
or valves Ap, the injector Ap;y;, the cooling jacket Ap;, and the dynamic flow
head I,ov If the required liquid pressures do not equal the gas pressure in the
propellant tank at the nominal propellant flow, then an additional pressure
drop (calibration orifice) has to be inserted. A good design provides an extra
pressure drop margin for this purpose.

Two methods are available for precise control of the engine performance
parameters. One uses an automatic system with feedback and a digital com-
puter to control the deviations in real time, while the other relies on an initial
static calibration of the engine system. The latter appoach is simpler and is
sometimes preferred, and is still quite accurate.
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The pressure balance is the process of balancing the available pressure sup-
plied to the engine (by pumps and/or pressurized tanks) against the pressure
drops plus the chamber pressure. It is necessary to do this balancing in order to
calibrate the engine, so it will operate at the desired flows and mixture ratio.
Figure 10-14 shows the pressure balance for one of the two branches of pro-
pellant systems in a bipropellant engine with a pressurized feed system. It plots
the pressure drops (for injector, cooling passages, pressurizing gas passages,
valves, propellant feed lines, etc.) and the chamber pressure against the pro-
pellant flow, using actual component pressure drop measurements (or esti-
mated data) and correcting them for different flows. The curves are generally
plotted in terms of head loss and volumetric flow to eliminate the fluid density
as an explicit variable for a particular regulated pressure. The regulated pres-
sure is the same for the fuel and oxidizer pressure balance and it also can be
adjusted. This balance of head and flow must be made for both the fuel and
oxidizer systems, because the ratio of their flows establishes the actual mixture
ratio and the sum of their flows establishes the thrust. The pressure balance
between available and required tank pressure, both at the desired flow, is
achieved by adding a calibration orifice into one of the lines, as can be seen
in Fig. 10-14. Not shown in the figure is the static head provided by the
elevation of the liquid level, since it is small for many space launch systems.
However, with high acceleration and dense propellants, it can be a significant
addition to the available head.

For a pumped feed system of a bipropellant engine, Fig. 10-15 shows a
balance diagram for one branch of the two propellants systems. The pump
speed is an additional variable. The calibration procedure is usually more
complex for a turbopump system, because the pump calibration curves
(flow—head—power relation) can not readily be estimated without good test
data and cannot easily be approximated by simple analytical relations. The
flow of the propellants to a gas generator or preburner also needs to be cali-
brated. In this case the turbine shaft torque has to equal the torque required by
the pumps and the energy losses in bearings, seals or windage. Thus a power
balance must be achieved in addition to the matching of pressures and the
individual propellant flows. Since these parameters are interdependent, the
determination of the calibration adjustments may not always be simple.
Many rocket organizations have developed computer programs to carry out
this balancing.

Example 10-3. The following component data and design requirements are given for a
pressurized liquid propellant rocket system similar to that in Figs. 1-3 and 10-14: fuel,
75% ethyl alcohol; oxidizer, liquid oxygen; desired mixture ratio, 1.30; desired thrust,
5000 1bf at sea level. For this propellant combustion gas k = 1.22.

Component test data: Pressure losses in gas systems were found to be negligible. Fuel
valve and line losses were 9.15 psi at a flow of 9.63 lbm/sec of water. Oxidizer valve and
line losses were 14.2 psi at a flow of 12.8 lbm/sec of liquid oxygen. Fuel cooling jacket
prssure loss was 52 psi at a flow of 9.61 lbm/sec of water. Oxidizer side injector pressure
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FIGURE 10-14. Simplified flow diagram and balance curves for the fuel or the oxidizer
of a typical gas-pressurized bipropellant feed system. This diagram is also the same for a
monopropellant feed system, except that it has no calibration orifice; it is calibrated by
setting the proper regulated pressure.
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drop was 90.0 psi at 10.2 Ib/sec of oxygen flow under thrust chamber operating condi-
tions. Fuel side injector pressure drop was 48.3 psi at 10.2 Ib/sec of fuel flow under
thrust chamber operating conditions. Average results of several sea-level thrust chamber
tests were: thrust = 5410 1bf; mixture ratio = 1.29; specific impulse = 222 sec; chamber
pressure = 328 psia; nozzle area ratio = 4.0. Determine regulator setting and size and
location of calibration orifices.

SOLUTION. First, the corrections necessary to obtain the desired thrust chamber
conditions have to be determined. The experimental thrust chamber data must be
adjusted for deviations in mixture ratio, thrust, and specific impulse. The variation of
specific impulse with mixture ratio is determined from experimental data or (on a
relative basis) from theoretical calculations similar to those that are the basis of Fig.
5-1. Because the value of I at the desired mixture ratio of 1.30 is within 0.08% of the
value of I; under the actual test conditions (r = 1.29), any mixture ratio correction of I,
is neglected here.

The correction of the specific impulse for chamber pressure is made next. The
specific impulse is essentially proportional to the thrust coefficients as determined
from Eq. 3-30. For k& = 1.22, and the pressure ratios p;/p; = 328/14.7 = 22.2 and
300/14.7= 20.4, the values of Cr can be calculated as 1.420 and 1.405, respectively.
In this calculation p; has to be determined for isentropic conditions, such as those in
Figs. 3-7 or 3-8 for the given nozzle area ratio. The sea-level specific impulse is
therefore corrected to I, =222 (1.405/1.420)= 220 sec. The chamber pressure has to
be reduced from 328 psi to a lower value in order to bring the thrust from its test
value of 5410 Ibf to the design value of 5000 Ibf. In accordance with Eq. 3-31,
F = CpA,p;. The chamber pressure is inversely proportional to the thrust coefficient
Cr and proportional to the thrust, and therefore

p1/p1 = (F1/F)(Cr/Cp)
The primes refer to the component test condition.
p1 = 328(5000/5410)(1.420/1.405) = 306 psi
The desired total propellant flow is, from Eq. 2-5,
w = F/I, = 5000/220 = 22.7 lbf/sec

For a mixture ratio of 1.3, the desired fuel and oxidizer flows are obtained from Egs. 6-3
and 64 as v, = 9.9 Ibf/sec and w, = 12.8 Ibf/sec. Next, the various component pressure
drops are corrected to the desired flow values and to the corrected propellant densities in
accordance with Eq. 8-2, which applies to all hydraulic devices. By neglecting variations
in discharge coefficients, this equation can be rewritten into a convenient form:

Wi =/p/p v Ap/Ap

With this equation and the specific gravity values (from Fig. 7-1) of 1.14 for oxygen,
0.85 for diluted ethyl alcohol, and 1.0 for water, the new pressure drops for the corrected
flow conditions can be found, and these are tabulated below with flow values given in
pounds per second and pressure values in pounds per square inch.
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Component Test Data Design Conditions
Component Fluid w Ap Fluid W Ap
Fuel injector Fuel 10.2 48.3 Fuel 9.9 453
Oxidizer injector Oxygen 14.0 90.0 Oxygen 12.8 750
Fuel cooling jacket Water 9.61 52.0 Fuel 9.9 649
Fuel valve and line Water 9.63 9.15 Fuel 99 114
Oxidizer valve and line Oxygen 12.8 14.2 Oxygen 128 142

The total pressure drop in the fuel system is 45.3 + 64.9 + 11.4 = 121.6 psi, and in the
oxidizer system it is 75.0 + 14.2 = 89.2 psi.

The tank pressures required to obtain the desired flows are calculated by adding the
chamber pressure to these pressure drops; that is, (p), = 306 + 89.2 = 395.2 psi and
(p)y =306+ 121.6 = 427.6 psi. To equalize the tank pressures so that a single gas
pressure regulator can be used, an additional pressure loss must be introduced into the
oxygen system. The correction to this simple pressurized liquid propellant system is
accomplished by means of an orifice, which must be placed in the propellant piping
between the oxidizer tank and the thrust chamber. Allowing 10 psi for regulator func-
tioning, the pressure drop in a calibration orifice will be Ap = 427.6 —395.2 + 10 = 42.4
psi. The regulator setting should be adjusted to give a regulated downstream pressure of
427.6 psi under flow conditions. The orifice area (assume C,; = 0.60 for a sharp-edged
orifice) can be obtained from Eq. 8-2, but corrected with a g, for English units.

om 12.8 x 144
T Cuv280 AP 0.60v2 x 322 x 1.14 x 62.4 x 42.4 x 144
=0.581 in.? (or 0.738 in. diameter)

A set of balancing equations can be assembled into a computer program to
assist in the calibration of engines. It can also include some of the system’s
dynamic analogies that enable proper calibration and adjustment of transient
performance of the engine as during start. There is a trend to require tighter
tolerances on rocket engine parameters (such as thrust, mixture ratio, or spe-
cific impulse), and therefore the measurements, calibrations, and adjustments
are also being performed to much tighter tolerances than was customary 25
years ago.

10.7. SYSTEM INTEGRATION AND ENGINE OPTIMIZATION

Rocket engines are part of a vehicle and must interact and be integrated with
other vehicle subsystems. There are inferfaces (connections, wires, or pipelines)
between the engine and the vehicle’s structure, electric power system, flight
control system (commands for start or thrust vector control), and ground
support system {check-out or propellant supply). The engine also imposes
limitations on vehicle components by its heat emissions, noise, and vibrations.
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Integration means that the engine and the vehicle are compatible with each
other, interfaces are properly designed, and there is no interference or unne-
cessary duplication of functions with other subsystems. The engine works with
other subsystems to enhance the vehicle’s performance and reliability, and
reduce the cost. In Chapter 17 we describe the process of selecting rocket
propulsion systems and it includes a discussion of interfaces and vehicle inte-
gration. This discussion in Chapter 17 is supplementary and applies to several
different rocket propulsion systems. This section concerns liquid propellant
rocket engines.

Since the propulsion system is usually the major mass of the vehicle, its
structure (which usually includes the tanks) often becomes a key structural
element of the vehicle and has to withstand not only the thrust force but
also various vehicle loads, such as aerodynamic forces or vibrations. Several
alternate tank geometries and locations (fuel, oxidizer, and pressurizing gas
tanks), different tank pressures, and different structural connections have to be
evaluated to determine the best arrangement.

The thermal behavior of the vehicle is strongly affected by the heat genera-
tion (hot plume, hot engine components, or aerodynamic heating) and the heat
absorption (the liquid propellants are usually heat sinks) and by heat rejection
to its surroundings. Many vehicle components must operate within narrow
temperature limits, and their thermal designs can be critical when evaluated
in terms of the heat balance during, after, and before the rocket engine opera-
tion.

Optimization studies are conducted to select the best values or to optimize
various engine parameters such as chamber pressure (or thrust), mixture ratio
(which affects average propellant density and specific impulse), number of
thrust chambers, nozzle area ratio, or engine volume. By changing one or
more of these parameters, it is usually possible to make some improvement
to the vehicle performance (0.1 to 5.0%), its reliability, or to reduce costs.
Depending on the mission or application, the studies are aimed at maximizing
one or more vehicle parameter such as range, vehicle velocity increment, pay-
load, circular orbit altitude, propellant mass fraction, or minimizing costs. For
example, the mixture ratio of hydrogen—oxygen engines for maximum specific
impulse is about 3.6, but most engines operate at mixture ratios between 5 and
6 because the total propellant volume is less, and this allows a reduced mass for
the propellant tanks and the turbopump (resulting in a higher vehicle velocity
increment) and a reduced vehicle drag (more net thrust). The selection of the
best nozzle area ratio was mentioned in Chapter 3; it depends on the flight
path’s altitude-time history; the increase in specific impulse is offset by the
extra nozzle weight and length. The best thrust-time profile can also usually be
optimized, for a given application, by using trajectory analyses.
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PROBLEMS

1. Estimate the mass and volume of nitrogen required to pressurize an N,O,~-MMH
feed system for a 4500 N thrust chamber of 25 sec duration (g, = 0.92, the ideal, I; =
285 sec at 1000 psi or 6894 N/M? and expansion to 1 atm). The chamber pressure is
20 atm (abs.) and the mixture ratio is 1.65. The propellant tank pressure is 30 atm,
and the initial gas tank pressure is 150 atm. Allow for 3% excess propellant and 50%
excess gas to allow some nitrogen to dissolve in the propellant. The nitrogen regu-
lator requires that the gas tank pressure does not fall below 29 atm.

2. What are the specific speeds of the four SSME pumps? (See the data given in Table
10-1.)

3. Compute the turbine power output for a gas consisting of 64% by weight of H,O and
36% by weight of O,, if the turbine inlet is at 30 atm and 658 K with the outlet at 1.4
atm and with 1.23 kg flowing each second. The turbine efficiency is 37%.

4. Compare the pump discharge gage pressures and the required pump powers for five
different pumps using water, gasoline, alcohol, liquid oxygen, and diluted nitric acid.
The respective specific gravities are 1.00, 0.720, 0.810, 1.14, and 1.37. Each pump
delivers 100 gal/min, a head of 1000 ft, and arbitrarily has a pump efficiency of 84%.
Answers: 433, 312, 350, 494, and 594 psi; 30.0, 21.6, 24.3, 34.2, and 41.1 hp.

5. The following data are given on a liquid propellant rocket engine:

Thrust 40,200 1bf
Thrust chamber specific impulse 210.2 sec
Fuel Gasoline (sp. gr. 0.74)
Oxidizer Red fuming nitric acid
(sp. gr. 1.57)
Thrust chamber mixture ratio 3.25
Turbine efficiency 58%
Required pump power 580 hp
Power to auxiliaries mounted on turbopump 50 hp
gear case
Gas generator mixture ratio 0.39
Turbine exhaust pressure 37 psia
Turbine exhaust nozzle area ratio 1.4
Enthalpy available for conversion in turbine 180 Btu/lb
per unit of gas
Specific heat ratio of turbine exhaust gas 1.3

Determine the engine system mixture ratio and the system specific impulse.
Answers; 3.07 and 208.

SYMBOLS
a acceleration, m/sec2 (ft/secz)
A area, m> (ftz)

¢ specific heat at constant pressure, J/kg-K (Btu/lbm-R)
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Cr thrust coefficient (see Eq. 3-30)

D diameter, m (ft)
F thrust, N (Ibf)
2 sea-level acceleration of gravity, 9.806 m/sec? (32.17 ft/sec?)

Ah enthalpy change, J/kg (Btu/lb)
H head, m (ft)
(H,), available pump suction head above vapor pressure, often called net
positive suction head, m (ft)
p required pump suction head above vapor pressure, m (ft)
specific impulse, sec (Ibf-sec/1bf)
specific heat ratio
length, m (ft)
mass flow rate, kg/sec
shaft speed, rpm (rad/sec)
specific speed of pump
pressure, N/m2 (Ibf/in.%)
power, W (hp)
volume flow rate, m*/sec (ft> /sec)
flow mixture ratio (oxidizer to fuel flow)
suction specific speed of pump
time, sec
absolute temperature, K (R)
tip speed or mean blade speed, m/sec (ft/sec)
velocity, m/sec (ft/sec)

—_
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—

=

o
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Greek Letters

A finite differential
La discharge correction factor
L thrust correction factor
n efficiency
A coefficient of thermal expansion, m/m-K (in./in.-R)
) density, kg/m® (Ib/ft?)
¥ constant
Subscripts
¢ chamber
maximum efficiency
f fuel
gg gas generator
0 oxidizer
oa overall engine system
P pump

T turbine
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CHAPTER 11

SOLID PROPELLANT ROCKET
FUNDAMENTALS

This is the first of four chapters on solid propellant rockets. It discusses the
burning rates, motor performance, grain configurations, and structural analy-
sis. In solid propellant rocket motors—and the word “motor” is as common to
solid rockets as the word “engine” is to liquid rockets—the propellant is con-
tained and stored directly in the combustion chamber, sometimes hermetically
sealed in the chamber for long-time storage (5 to 20 years). Motors come in
many different types and sizes, varying in thrust from about 2 N to over 4
million N (0.4 to over 1 million Ibf). Historically, solid propellant rocket
motors have been credited with having no moving parts. This is still true of
many, but some motor designs include movable nozzles and actuators for
vectoring the line of thrust relative to the motor axis. In comparison to liquid
rockets, solid rockets are usually relatively simple, are easy to apply (they often
constitute most of the vehicle structure), and require little servicing; they can-
not be fully checked out prior to use, and thrust cannot usually be randomly
varied in flight.

Figures 1-5 and 11-1 show the principal components and features of rela-
tively simple solid propellant rocket motors. The grain is the solid body of the
hardened propellant and typically accounts for 82 to 94% of the total motor
mass. Design and stresses of grains are described later in this chapter.
Propellants are described in the next chapter. The igniter (electrically activated)
provides the energy to start the combustion. The grain starts to burn on its
exposed inner surfaces. The combustion and ignition of solid propellants are
discussed in Chapter 13. This grain configuration has a central cylindrical
cavity with eight tapered slots, forming an 8-pointed star. Many grains have
slots, grooves, holes, or other geometric features and they alter the initial

417
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Composite solid Mounting
propellant grain flange

Igniter .
\ \ / Insulation fayer

Nozzle throat insert, carbon

19.474 in.

/ 48.725 in. ] >
Titanium  8-point star, internal Contoured exhaust
case burning grain cavity nozzle with carbon

phenolic inner liner

FIGURE 11-1. Cross section of the STAR™ 27 rocket motor, which has been used for
orbit and satellite maneuvers. It has an altitude thrust of 6000 1bf, nominally burns for
34.4 sec and has an initial mass of 796 Ibm. For more data see Table 11-3. (Courtesy of
Thiokol Propulsion, a Division of Cordant Technologies.)

burning surface, which determines the initial mass flow and the initial thrust.
The hot reaction gases flow along the perforation or port cavity toward the
nozzle. The inner surfaces of the case (really a pressure vessel), which are
exposed directly to hot gas, have a thermal protection or insulation layer to
keep the case from becoming too hot, in which case it could no longer carry its
pressure and other loads. The case is either made of metal (such as steel,
aluminum or titanium) or a composite fiber-reinforced plastic material.

The nozzle accelerates the hot gas; it is made of high temperature materials
(usually a graphite and/or an ablative material to absorb the heat) to withstand
the high temperatures and the erosion. The majority of all solid rockets have a
simple fixed nozzle, as shown here, but some nozzles have provision to rotate it
slightly so as to control the direction of the thrust to allow vehicle steering.
Chapter 14 describes nozzles, cases, insulators, liners, and the design of solid
propellant rocket motors.

Each motor is fastened to its vehicle by a thrust-carrying structure. In Fig.
11-1 there is a skirt (with a flange) integral with the case; it is fastened to the
vehicle.

The subject of thrust vector control, exhaust plumes, and testing are omitted
from these four chapters but are treated for both liquid and solid propellant
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units in Chapters 16, 18, and 20, respectively. Chapter 17 provides a compar-
ison of the advantages and disadvantages of solid and liquid propellant rocket
units. Chapters 3 to 5 are needed as background for these four chapters.

Applications for solid propellant rockets are shown in Tables 1-3, 1-4, and
11-1; each has its own mission requirements and thus propulsion requirements.
Figures 11-2, 11-3, and 114 illustrate representative designs for some of the
major categories of rocket motors listed in Table 11-1: namely, a large booster
or second stage, a motor for space flight, and a tactical missile motor.
Reference 11-1 is useful for component and design information.

There are several ways for classifying solid propellant rockets. Some are
listed in Table 11-2 together with some definitions. Table 11-3 gives charac-
teristics for three specific rocket motors, and from these data one can obtain a
feeling for some of the magnitudes of the key parameters. These motors are
shown in Figs. 16-5 and 16-9.

Solid propellant rocket motors are being built in approximately 35 different
countries today, compared to only three countries about 50 years ago. The
technology is well enough understood and disseminated that many companies
or government arsenals are now capable of designing developing, and manu-
facturing solid rockets in several categories.

Almost all rocket motors are used only once. The hardware that remains
after all the propellant has been burned and the mission completed——namely,
the nozzle, case, or thrust vector control device—is not reusable. In very rare
applications, such as the Shuttle solid booster, is the hardware recovered,
cleaned, refurbished, and reloaded; reusability makes the design more complex,
but if the hardware is reused often enough a major cost saving will result.
Unlike some liquid propellant rocket engines, a solid propellant rocket
motor and its key components cannot be operationally pretested. As a result,
individual motor reliability must be inferred by assuring the structural integrity
and verifying manufacturing quality on the entire population of motors.

11.1. PROPELLANT BURNING RATE

The rocket motor’s operation and design depend on the combustion character-
istics of the propellant, its burning rate, burning surface, and grain geometry.
The branch of applied science describing these is known as internal ballistics;,
the effect of grain geometry is treated in Section 11.3.

The burning surface of a propellant grain recedes in a direction essentially
perpendicular to the surface. The rate of regression, usually expressed in cm/
sec, mmy/sec, or in./sec, is the burning rate r. In Fig. 11-5 we can visualize the
change of the grain geometry by drawing successive burning surfaces with a
constant time interval between adjacent surface contours. Figure 11-5 shows
this for a two-dimensional grain with a central cylindrical cavity with five slots.
Success in rocket motor design and development depends significantly on
knowledge of burning rate behavior of the selected propellant under all

(text continues on page 426)
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Saddie attach Nozzle, intergral with three-

fitting, dimensional carbon-carbon

aluminum intergral throat and entry
Forward Structure External section and with
adapter/closure Igniter- reinforcements insufation, Case, IM7 carbon/phenolic graphite
aluminum pyrogen for wing loads cork graphite/HBRF-55A * epoxy insutation/cone

/

Forward flap, Case bond, internal insulation, Propeilant, Flight termination
silica-filled EPDM SEL-133 aramid-filled EPDM  HTPB-88% solids system, shaped charge

FIGURE 11-2. Booster rocket motor for the Pegasus air-launched three-stage satellite launch vehicle. It has a cylinder
grain cavity with fins. The 50 in. diameter case has structural reinforcements to attach the Pegasus vehicle to its launch
airplane and also to mount a wing to the case. It produces a maximum vacuum thrust of 726 kN (163,200 Ibf) for 68.6 sec, a
vacuum specific impulse of 295 sec, with a propellant mass of 15,014 kg and an initial mass of 16,383 kg. (Courtesy of
Orbital Sciences, Corp. and Alliant Tech Systems.)
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Motor case- Keviar fibers
reinforced; 63.4 in. diameter

Rolied up extension device

Movable nozzle extension,
conical sections in nested
or stowed position

Extended nozzle in
operating position

Aft skirt
for structural
support

Extended sheet metal
strip is disconnected and
rotated out of way of

vectoring nozzie

FIGURE 11-3. Inertial upper stage (IUS) rocket motor with an extendible exit cone
(EEQC). This motor is used for propelling upper launch vehicle stages or spacecraft. The
grain is simple (internal tube perforation). With the EEC and a thrust vector control, the
motor has a propellant fraction of 0.916. When launched, and while the two lower
vehicle stages are operating, the two conical movable nozzle segments are stowed
around the smaller inner nozzle segment. Each of the movable segments is deployed
in space and moved into its operating position by three identical light-weight, electri-
cally driven actuators. The nozzle area ratio is increased from 49.3 to 181; this improves
the specific impulse by about 14 sec. This motor (without the EEC) is described in Table
11-3 and a similar motor is shown in Fig. 16-5. (Courtesy of United Technologies
Corp., Chemical Systems.)

Case with internal insulation Snap ring (2)
Forward
skirt O ring groove (2) Aft skirt Aft

Forward
closure

! 39in.

FIGURE 11-4. Simplified cross section through a typical tactical motor. The blast tube
allows the grain to be close to the center of gravity of the vehicle; there is very little
movement of the center of gravity. The nozzle is at the missile’s aft end. The annular
space around the blast tube is usually filled with guidance, control, and other non-
propulsive equipment. A free-standing grain is loaded before the aft closure is
assembled.
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TABLE 11-1. Major Application Categories for Solid Propellant Rocket Motors

Category Application Typical Characteristics
Large booster  Space launch vehicles; lower Large diameter (above 48 in.);
and second- stages of long-range ballistic L/D of case =2 to 7, burn
stage motors missiles time f = 60 to 120 sec; low-
(see Figs. 11-2 and 14-2) altitude operations with low
nozzle area ratios (6 to 16)
High-altitude = Upper stages of multistage High-performance propellant;
motors ballistic missiles, space launch large nozzle area ratio (20 to
vehicles; space maneuvers 200); L/D of case =1 to 2;
burn time ¢t = 40 to 120 sec (see
Fig. 11-3)
Tactical missiles 1. High acceleration: short-range Tube launched, L/D = 4 to 13;
bombardment, antitank very short burn time (0.25 to 1
missile sec); small diameter (2.75 to 18

in.); some are spin stabilized
2. Modest acceleration: air-to- Small diameter (5 to 18 in.); L/D

surface, surface-to-air, short- of case = 5 to 10; usually has
range guided surface-to-surface, fins and/or wings; thrust is high
and air-to-air missiles at launch and then is reduced

(boost-sustain); many have
blast tubes (see Fig. 11-4); wide
ambient temperature limits:
sometimes minimum
temperature —65° F or —53°C,
maximum temperature +160°F
or +71°C; usually high
acceleration; often low-smoke
or smokeless propellant
Ballistic missile Defense against long- and Booster rocket and a small upper
defense medium-range ballistic missiles ~ maneuverable stage with
multiple attitude control
nozzles and one or more side
or divert nozzles
Gas generator  Pilot emergency escape; push Usually low gas temperature
missiles from submarine launch (< 1300°C); many different
tubes or land mobile cannisters; configurations, designs, and

actuators and valves; short- propellants; purpose is to create
term power supply; jet engine high-pressure, energetic gas
starter; munition dispersion; rather than thrust

rocket turbine drive starter;
automotive air bags




11.1. PROPELLANT BURNING RATE 423

TABLE 11-2. Classification of Solid Rocket Motors

Basis of Classification

Examples of Classification

Application
Diameter/Length
Propellant

Case design

Grain configuration

Grain installation

Explosive hazard

Thrust action

Toxicity

See Table 11-1.

0.005-6.6 m or 0.2-260 in.; 0.025 to 45 m or 1 to 1800 in.

Composite: Heterogeneous (physical) mixture of powdered
metal (fuel), crystalline oxidizer and polymer binder

Double-base: Homogeneous mixture (colloidal) of two
explosives (usually nitroglycerin in nitrocellulose)

Composite-modified double-base: Combines composite and
double-base ingredients

Gas generator and others: See Chapter 12

Steel monolithic: One-piece steel case

Fiber monolithic: Filament wound (high-strength fibers) with
a plastic matrix

Segmented: Case (usually steel) and grain are in segments
which are transported separately and fastened together at
launch site

Cylindrical: Cylindrically shaped, usually hollow

End-burning: Solid cylinder propellant grain

Other configurations: See Figs. 11-16 and 11-17

Case-bonded: Adhesion exists between grain and case or
between grain and insulation and case; propellant is
usually cast into the case

Cartridge-loaded: Grain is formed separately from the motor
case and then assembled into case

Class 1.3: Catastrophic failure shows evidence of burning
and explosion, not detonation

Class 1.1: Catastrophic failure shows evidence of detonation

Neutral grain: Thrust remains essentially constant during the
burn period

Progressive grain: Thrust increases with time

Regressive grain: Thrust decreases with time

Pulse rocket: Two or more independent thrust pulses or
burning periods

Step-thrust rocket: Usually, two distinct levels of thrust

Toxic and nontoxic exhaust gases
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TABLE 11-3. Characteristics of Missile Motor and Space Motor

Characteristic

First Stage
Minuteman

Missile Motor?

Orbus-6
Inertial Upper
Stage Motor®

STAR™ 27
Apogee
Motor?

Motor Performance (70°F, sea level)

Maximum thrust (1bf)

Burn time average thrust (1bf)
Action time average thrust (Ibf)*
Maximum chamber pressure (psia)

Burn time average chamber pressure

(psia)’

Action time average chamber pressure

(psia)*
Burn time/action time (sec)”
Ignition delay time (sec)
Total impulse (Ibf-sec)
Burn time impulse (Ibf-sec)
Altitude specific impulse (sec)
Temperature limits (°F)

Composition:

NH,C104 (%)

Aluminum (%)

Binder and additives (%)
Density (Ibm/in.%)
Burning rate at 1000 psia (in./sec)
Burning rate exponent
Temperature coeffcient of pressure

(%°F)
Adiabatic flame temperature (°F)
Characteristic velocity (ft/sec)

Type

Propellant volume (in.})
Web (in.)

Web fraction (%)

Sliver fraction (%)
Average burning area (in.%)
Volumetric loading (%)

Type
Number of squibs

Minimum firing current (A)

Total
Total inert
Burnout

201,500
194,600
176,600
850
780

720

52.6/61.3
0.130
10,830,000
10,240,000
254

60 to 80

Propellant

5790
5180

Propellant Grain

Six-point star

709,400
17.36
53.3
5.9
38,500
88.7

Igniter

Pyrogen
2

49
Weights (Ibf)

50,550
4719
4264

23,800
17,175
17,180
839
611

604
101.0/103.5

1,738,000
1,737,000
289.6 (vacuum)
45 to 82

0.276
0.3 to 0.45
0.09

6150
5200

Central
perforation

94,490
242

71.7

0

3905

92.4

Pyrogen
2 through-the
bulkhead
initiators

NA

6515
513
478

6,404 (vacuum)
6,010 (vacuum)
5,177 (vacuum)
569
552

502
34.35/36.93
0.076
213,894

290.8 (vacuum)
20 to 100

8-point star

11,480
8.17

Pyrogen
2

5.0

796.3
60.6
53.4
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First Stage Orbus-6 STAR™ 27
Minuteman Inertial Upper Apogee
Characteristic Misisle Motor” Stage Motor” Motor*
Propellant 45,831 6000 735.7
Internal insulation 634 141 12.6
External insulation 309 0 0
Liner 150 Incl. with 0.4
insulation
Igniter 26 21 2.9 (empty)
Nozzle 887 143 20.4
Thrust vector control device Incl. with nozzle 494 0
Case 2557 200 23.6
Miscellaneous 156 4 0.7
Propellant mass fraction 0912 0.921 0.924
Dimensions
Overall length (in.) 294.87 72.4 48.725
Outside diameter (in.) 65.69 63.3 27.30
Case
Material Ladish D6AC  Kevlar fibersfepoxy 6 Al1-4V titanium
steel
Nominal thickness (in.) 0.148 0.35 0.035
Minimum ultimate strength (psi) 225,000 — 165,000
Minimum yield strength (psi) 195,000 — 155,000
Hydrostatic test pressure (psi) 940 ~ 1030 725
Hydrostatic yield pressure (psi) 985 NA —
Minimum burst pressure, psi — 1225 76.7
Typical burst pressure, psi — > 1350 —
Liner
Material Polymeric HTPB system TL-H-304
Insulation
Type Hydrocarbon—  Silica-filled EPDM NA
asbestos
Density (Ibm/in.>) 0.0394 0.044
Nozzle
Number and type 4, movable Single, flexible Fixed, contoured
Expansion area ratio 10:1 47.3 48.8/45.94
Throat area (in.?) 164.2 4,207 5.900
Expansion cone half angle (deg) 11.4 Initial 27.4, Initial 18.9,
final 17.2 exit 15.5
Throat insert material Forged tungsten Three-dimensional 3D carbon—carbon
carbon—carbon
Shell body material AISI 4130 steel NA NA
Exit cone material NA  Two-dimensional ~ Carbon phenolic
carbon—carbon

“Courtesy of Thiokol Propulsion, a Division of Cordant Technologies, Inc.
"Courtesy United Technologies Corp., Chemical Systems; there is also a version Orbus 6-E (see Fig. 11-3) with
an extendible, sliding nozzle; it has a specific impulse of 303.8 sec, a total weight of 6604 Ib and a burnout weight

of 567 1b.

“Burn time and action time are defined in Fig. 11-13.

NA: not applicable or not available.



426 SOLID PROPELLANT ROCKET FUNDAMENTALS

FIGURE 11-5. Diagram of successive burning surface contours, each a fixed small time
apart. It shows the growth of the internal cavity. The lengths of these contour lines are
roughly the same (within +15%), which means that the burning area is roughly
constant.

motor operating conditions and design limit conditions. Burning rate is a
function of the propellant composition. For composite propellants it can be
increased by changing the propellant characteristics:

1. Add a burning rate catalyst, often called burning rate modifier (0.1 to
3.0% of propellent) or increase percentage of existing catalyst.

. Decrease the oxidizer particle size.

. Increase oxidizer percentage.

. Increase the heat of combustion of the binder and/or the plasticizer.
. Imbed wires or metal staples in the propellant.

wnoA W

Aside from the propellant formulation and propellant manufacturing process,
burning rate in a full-scale motor can be increased by the following:

Combustion chamber pressure.

Initial temperature of the solid propellant prior to start.
Combustion gas temperature.

Velocity of the gas flow parallel to the burning surface.
Motor motion (acceleration and spin-induced grain stress).

Al S

Each of these influencing factors will be discussed. The explanation of the
behavior of the burning rate with various parameters is largely found in the
combustion mechanism of the solid propellant, which is described in Chapter
13. Analytical models of the burning rate and the combustion process exist and
are useful for preliminary designs and for extending actual test data; for detail
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designs and for evaluation of new or modified propellants, engineers need some
actual test data. Burning rate data are usually obtained in three ways—namely,
from testing by:

1. Standard strand burners, often called Crawford burners.
2. Small-scale ballistic evaluation motors.
3. Full-scale motors with good instrumentation.

A strand burner is a small pressure vessel (usually with windows) in which a
thin strand or bar of propellant is ignited at one end and burned to the other
end. The strand can be inhibited with an external coating so that it will burn
only on the exposed cross-sectional surface; chamber pressure is simulated by
pressurizing the container with inert gas. The burning rate can be measured by
electric signals from embedded wires, by ultrasonic waves, or by optical means
(Ref. 11-2). The burning rate measured on strand burners is usually lower than
that obtained from motor firing (by 4 to 12%) because it does not truly simu-
late the hot chamber environment. Also small ballistic evaluation motors
usually have a slightly lower burning rate than full-scale larger motors, because
of scaling factors. The relationship between the three measured burning rates is
determined empirically for each propellant category and grain configuration.
Strand-burner data are useful in screening propellant formulations and in
quality control operations. Data from full-scale motors tested under a variety
of conditions constitute the final proof of burning-rate behavior. Obviously,
the strand burner and other substitutes for the full-scale motor must be
exploited to explore as many variables as practicable.

During development of a new or modified solid propellant, it is tested
extensively or characterized. This includes the testing of the burn rate (in
several different ways) under different temperatures, pressures, impurities,
and conditions. It also requires measurements of physical, chemical, and man-
ufacturing properties, ignitability, aging, sensitivity to various energy inputs or
stimuli (e.g., shock, friction, fires), moisture absorption, compatibility with
other materials (liners, insulators, cases), and other characteristics. It is a
lengthy, expensive, often hazardous program with many tests, samples, and
analyses.

The burning rate of propellant in a motor is a function of many parameters,
and at any instant governs the mass flow rate 1 of hot gas generated and
flowing from the motor (stable combustion):

rh:Abrpb (11—1)

Here A, is the burning area of the propellant grain, » the burning rate, and p,
the solid propellant density prior to motor start. The total mass m of effective
propellant burned can be determined by integrating Eq. 11-1:
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m:/riidt:pb/Abrdt (11-—2)

where A, and r vary with time and pressure.

Burning Rate Relation with Pressure

Classical equations relating to burning rate are helpful in preliminary design,
data extrapolation, and understanding the phenomena; however, analytical
modeling and the supportive research have yet to adequately predict the burn-
ing rate of a new propellant in a new motor. Elemental laws and equations on
burning rate usually deal with the influence of some of the important para-
meters individually. Unless otherwise stated, burning rate is expressed for 70°F
or 294 K propellant (prior to ignition) burning at a reference chamber pressure
of 1000 psia or 6.895 MPa.

With many propellants it is possible to approximate the burning rates as a
function of chamber pressure, at least over a limited range of chamber pres-
sures. A log-log plot is shown in Fig. 11-6. For most production-type propel-
lants, this empirical equation is

r = ap} (11=3)

where r, the burn rate, is usually in centimeters per second or inches per second,
and the chamber pressure p, is in MPa or psia; a is an empirical constant
influenced by ambient grain temperature. This equation applies to all the com-
monly used double-base, composite, or composite double-base propellants and
they are described in the next chapter. Also « is known as the temperature
coefficient and it is not dimensionless. The burning rate exponent n, sometimes
called the combustion index, is independent of the initial grain temperature and
describes the influence of chamber pressure on the burning rate. The change in
ambient temperature does not change the chemical energy released in combus-
tion; it merely changes the rate of reaction at which energy is released.

The curves shown in Fig. 11-6 are calculated and are straight lines on a log—
log plot; however, many actual burning rate plots deviate somewhat and the
actual data have some slight bends in parts of the curve, as seen in Fig. 11-7.
For a particular propellant and for wide temperature and pressure limits, the
burning rate can vary by a factor of 3 or 4. For all propellants they range from
about 0.05 to 75 mm/sec or 0.02 to 3 in./sec; the high values are difficult to
achieve, even with considerable burning rate catalyst additives, embedded
metal wires, or high pressures (above 14 MPa or 2000 psi). A technology
that would give a burning rate of more than 250 mmy/sec at a chamber pressure
of 1000 psia is desired by motor designers for several applications.
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FIGURE 11-6. Plot of the burning rate versus chamber pressure for several typical
solid rocket propellants, some at three different temperatures. A particular double base
plateau propellant shows a constant burning rate over a fairly wide pressure range.

Example 11-1. Tabulate the variation of burning rate with pressure for two propellants
with a; =0.00137, n; = 0.9, a, = 0.060, and n, = 0.4, with p expressed in pounds per
square inch and r in inches per second.

SOLUTION. Use Eq. 11-3 and solve for several conditions, as shown below.

Pressure (psia) ry (in./sec)  r, (in./sec)
500 0.367 0.720
1000 0.685 0.95
1500 0.99%4 1.11
2000 1.28 1.26
2500 1.56 1.33

From inspection of these results and also from Eq. 11-3, it can be seen that the
burning rate is very sensitive to the exponent n. For stable operation, n has
values greater than 0 and less than 1.0. High values of » give a rapid change of
burning rate with pressure. This implies that even a small change in chamber
pressure produces substantial changes in the amount of hot gas produced.
Most production propellants have a pressure exponent n ranging between
0.2 and 0.6. In practice, as n approaches 1, burning rate and chamber pressure
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FIGURE 11-7. Measured burning rate characteristics of a double-base (DB) propellant
and three composite-modified double-base (CMDB) propellants which contain an
increasing percentage of small diameter (159 pm) particles of ammonium perchlorate
(AP). When the size of the AP particles is reduced or the percentage of AP is increased,
an increase in burning rate is observed. None of these data form straight lines.
(Reproduced with permission of the AIAA from Chapter | of Ref. 11-3.)

become very sensitive to one another and disastrous rises in chamber pressure
can occur in a few milliseconds. When the » value is low and comes closer to
zero, burning can become unstable and may even extinguish itself. Some pro-
pellants display a negative n which is important for “restartable” motors or gas
generators. A propellant having a pressure exponent of zero displays essentially
zero change in burning rate over a wide pressure range. Plateau propellants are
those that exhibit a nearly constant burning rate over a limited pressure range.
One is shown with a dashed line in Fig. 11-6; they are relatively insensitive to
major changes in chamber pressure for a limited range of pressures. Several
double base propellants and a few composite propellants have this desirable
plateau characteristic. Table 12-1 lists the nominal burning rate r and the
pressure exponent # for several operational (production) propellants.

Burning Rate Relation with Temperature

Temperature affects chemical reaction rates and the initial ambient temperature
of a propellant grain prior to combustion influences burning rate, as shown in
Figs. 11-6 and 11-8. Common practice in developing and testing larger rocket
motors is to “condition” the motor for many hours at a particular temperature
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before firing to insure that the propellant grain is uniformly at the desired
temperature. The motor performance characteristics must stay within specified
acceptable limits. For air-launched missile motors the extremes are usually
219 K (—65°F) and 344 K (160°F). Motors using typical composite propellant
experience a 20 to 35% variation in chamber pressure and a 20 to 30% varia-
tion in operating time over such a range of propellant temperatures (see Fig.
11-8). In large rocket motors an uneven heating of the grain (e.g., by the sun
heating one side) can cause a sufficiently large difference in burning rate so that
a slight thrust misalignment can be caused (see Ref. 11-4).

The sensitivity of burning rate to propellant temperature can be expressed in
the form of temperature coefficients, the two most common being

Slnr 1/ 8r
= =—{— 14
% ( 3T )p r (5T)p (1=
Slnp 1 [ép
- - (£ 11-5
X ( 8T )K Pi (8T)K ( )

with o,, known as the temperature sensitivity of burning rate, expressed as
percent change of burning rate per degree change in propellant temperature
at a particular value of chamber pressure, and my as the remperature sensitivity
of pressure expressed as percent change of chamber pressure per degree change
in propellant temperature at a particular value of K. Here K is a geometric
function, namely the ratio of the burning surface 4, to nozzle throat area 4,.

The coefficient o, for a new propellant is usually calculated from strand-
burner test data, and 7 from small-scale or full-scale motors. Mathematically,

I f f T I f

+160°F

+70°F propellant grain temperatuﬂ
= 1500 - —
a

3 —65°F

%
£ 1000 — -
2
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Neutral burning grain
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o

FIGURE 11-8. Effect of propellant temperature on burning time and chamber pressure
for a particular motor. The integrated areas under the curves are proportional to the
total impulse, which is the same for the three curves.
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these coefficients are the partial derivative of the natural logarithm of the
burning rate r or the chamber pressure p, respectively, with respect to propel-
lant temperature 7. Values for o, typically range between 0.001 and 0.009 per
degree Kelvin or 0.002 to 0.04 per degree F and for mx it is 0.067 to 0.278%/°C
or 0.12 t0 0.50%/°F. With 7 established, the effect of small grain temperature
changes on motor chamber pressure is expressed from Eq. 11-5:

Apgﬂkp]AT (11'—6)

where p, is the reference chamber pressure and Ap is the pressure rise (psia) for
a value of AT or T — Ty,

The values of 7 and o, depend primarily on the nature of the propellant
burning rate, the composition, and the combustion mechanism of the propel-
lant. It is possible to derive a relationship between the two temperature sensi-
tivities, namely

1

— (11-7)

T = Up
This formula is usually valid when the three variables are constant over the
chamber pressure and temperature range. When substituting the value of r
from Eq. 11-3 into Eq. 11-5, the temperature sensitivity o, can be also
expressed as

§1n{ap™) 1 da
— A el 11-8
7 [ 5T ]p adT (11-5)

which then defines o, in terms of the changes in the temperature factor a at
constant chamber pressure.

It is not simple to predict the motor performance, because of changes in
grain temperature and manufacturing tolerances. Reference 11-4 analyses the
prediction of burning time.

Example 11-2. For a given propellant with a neutrally burning grain the value of the
temperature sensitivity at constant burning area is 7x = 0.005/°F or 0.5%/°F; the value
of the pressure exponent # is 0.50. The burning rate r is 0.30 in./sec at 70°F at a chamber
pressure of p; = 1500 psia and an effective nominal burning time of 50 sec. Determine
the variation in p; and ¢, for a change of £50°F or from + 20°F to +120°F assuming
that the variation is linear.

SOLUTION. First Eq. 11-5 is modified:
mx = Ap/(pi AT) = Ap/[1500(£50)] = 0.005

Solving, Ap = £375 psi or a total excursion of about 750 psi or 50% of nominal
chamber pressure.
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The total impulse or the chemical energy released in combustion stays essentially
constant as the grain ambient temperature is changed; only the rate at which it is
released is changed. The thrust at high altitude is approximately proportional to the
chamber pressure (with A, and Cy assumed to be essentially constant in the equation
F = CgpA,) and the thrust will change also, about in proportion to the chamber
pressure. Then the burning time is approximately

t; =50 x 1500/(1500 — 375) = 66.7 sec
t = 50 x 1500/(1500 + 375) = 40.0 sec

The time change 66.7 — 40.0 = 26.7 sec is more than 50% of the nominal burning time.
The result would be somewhat similar to what is described in Fig. 11-8.

In this example the variation of chamber pressure affects the thrust and
burning time of the rocket motor. The thrust can easily vary by a factor of
2, and this can cause significant changes in the vehicle’s flight path when
operating with a warm or a cold grain. The thrust and chamber pressure
increases are more dramatic if the value of 7 is increased. The least variation
in thrust or chamber pressure occurs when n is small (0.2 or less) and the
temperature sensitivity is low.

Burning Enhancement by Erosion

Erosive burning refers to the increase in the propellant burning rate caused by
the high-velocity flow of combustion gases over the burning propellant sur-
face. It can seriously affect the performance of solid propellant rocket
motors. It occurs primarily in the port passages or perforations of the
grain as the combustion gases flow toward the nozzle; it is more likely to
occur when the port passage cross-sectional area A is small relative to the
throat area A, with a port-to-throat area ratio of 4 or less. An analysis of
erosive burning is given in Ref. 11-5. The high velocity near the burning
surface and the turbulent mixing in the boundary layers increase the heat
transfer to the solid propellant and thus increase the burning rate. Chapter 10
of Ref. 11-3 surveys about 29 different theoretical analytical treatments and a
variety of experimental techniques aimed at a better understanding of erosive
burning.

Erosive burning increases the mass flow and thus also the chamber pressure
and thrust during the early portion of the burning, as shown in Fig. 11-9 for a
particular motor. As soon as the burning enlarges the flow passage (without a
major increase in burning area), the port area flow velocity is reduced and
erosive burning diminishes until normal burning will again occur. Since pro-
pellant is consumed more rapidly during the early erosive burning, there
usually is also a reduction of flow and thrust at the end of burning. Erosive
burning also causes early burnout of the web, usually at the nozzle end, and
exposes the insulation and aft closure to hot combustion gas for a longer
period of time; this usually requires more insulation layer thickness (and
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FIGURE 11-9. Typical pressure-time curve with and without erosive burning.

more inert mass) to prevent local thermal failure. In designing motors, erosive
burning is either avoided or controlled to be reproducible from one motor to
the next.

A relatively simple model for erosive burning, based on heat transfer, was
first developed in 1956 by Lenoir and Robillard (Refs. 11-3 and 11-6) and
has since been improved and used widely in motor performance calculations.
It is based on adding together two burn rates: ry, which is primarily a func-
tion of pressure and ambient grain temperature (basically Eq. 11-3) without
erosion, and r,, the increase in burn rate due to gas velocity or erosion
effects.

r=ry+7,
(11-9)
= ap" + aG* D2 exp(—Brpy/G)

Here G is the mass flow velocity per unit area in kg/m>-sec, D is a characteristic
dimension of the port passage (usually, D = 44,/S, where A4, is the port area
and S is its perimeter), o is the density of the unburned propellant (kg/m ), and
a and B are empirically constants. Apparently, 8 is independent of propellant
formulation and has a value of about 53 when r is in m/sec, p, is in pascals, and
G is in kg/m -sec. The expression of o was determined from heat transfer
considerations to be

0.0288¢,u02Pr 23 T, —
a= Gt L T (11-10)
PpCs I,-T,
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Here ¢, is the average specific heat of the combustion gases in kcal/kg-K, u the
gas viscosity in kg/m-sec, Pr the dimensionless Prandtl number (uc,/k) based
on the molecular properties of the gases, « the thermal conductivity of the gas,
¢, the heat capacity of the solid propellant in kcal/kg-K, 7} the combustion gas
reaction absolute temperature, T, the solid propellant surface temperature, and
T, the initial ambient temperature within the solid propellant grain.

Figure 11-10 shows the augmentation ratio r/ry, or the ratio of the burning
rate with and without erosive burning, as a function of gas velocity for two
similar propellants, one of which has an iron oxide burn rate catalyst.
Augmentation ratios up to 3 can be found in some motor designs. There is a
pressure drop from the forward end to the aft end of the port passage, because
static pressure energy is converted into kinetic gas energy as the flow is accel-
erated. This pressure differential during erosive burning causes an extra axial
load and deformation on the grain, which must be considered in the stress
analysis. The erosion or burn rate augmentation is not the same throughout
the length of the port passage. The erosion is increased locally by turbulence if
there are discontinuities such as protrusions, edges of inhibitors, structural
supports, or gaps between segmented grains.

] T I |
Propeliant types

2.0 OFormulation (1) A Formulation (1V) —
AP 73% AP 72%
HTPB 27% HTPB  26%
dpp  20um Fe03 2%
1.8 F o 0.687 cmi/sec dpp 20 ym —
o 1.265 cmisec

Erosive burning augmentation ratio, r/rg

1.6+ —
p=4.25MPa
T=2250K
1.4 —
)
1.2 —
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1.0 ] ] i ]
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Freestream velocity, m/sec

FIGURE 11-10. Effect of gas velocity in the perforation or grain cavity on the erosive
burning augmentation factor, which is the burning rate with erosion r divided by the
burning rate without erosion ry. (Reproduced with permission of the AIAA from
Chapter 10 of Ref. 11-3.)
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Other Burning Rate Enhancements

Enhancement of burning rate can be expected in vehicles that spin the rocket
motor about its longitudinal axis (necessary for spin-stabilized flight) or have
high lateral or longitudinal acceleration, as occurs typically in antimissile rock-
ets. This phenomenon has been experienced with a variety of propellants, with
and without aluminum fuel, and the propellant formulation is one of the con-
trolling variables (see Fig. 11-11). Whether the acceleration is from spin or
longitudinal force, burning surfaces that form an angle of 60 to 90° with the
acceleration vector are most prone to burning rate enhancement. For example,
spinning cylindrical interal burning grains are heavily affected. The effect of
spin on a motor with an operational composite propellant internal burning
grain is shown in Fig. 11-12. The accelerated burning behavior of candidate
propellants for a new motor design is often determined in small-scale motors,
or in a test apparatus which subjects burning propellant to acceleration (Ref.
11-8). The stresses induced by rapid acceleration or rapid chamber pressure
rise can cause crack formation (see Refs. 11-9 and 11-10), which exposes
additional burning surface.

The burning rate of the propellant in an end-burning grain at a location
immediately adjacent to or near the propellant-to-insulation bondline along
the case wall, can, depending on the propellant formulation and manufacturing
process, be higher than that of the propellant elsewhere in the grain.

The embedding of wires or other shapes of good metal heat conductors in the
propellant grain increases the burning rate. One technique has several silver
wires arranged longitudinally in an end-burning grain (see Ref. I11-11).
Depending on wire size and the number of wires per grain cross-sectional
area, the burning rate can easily be doubled. Aluminum wires are about half
as effective as silver wires. Other forms of heat conductors have been wire
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FIGURE 11-11. Acceleration effect on burning rate for three different propellants.
(Adapted with permission from Ref. 11-7.)
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FIGURE 11-12. Effect of axial spin on the thrust-time behavior of a rocket motor with
composite propellant using aluminum and PBAN (polybutadiene acrylonitrile) as fuels.
(Adapted with permission from Ref. 11-7.)

staples (short bent wires) mixed with the propellant prior to the casting
operation.

Intense radiation emissions from the hot gases in the grain cavity transfer
heat to the burning propellant surfaces. More energetic radiation causes an
increase in burning rate. Radiation of the exhaust plume (outside of the nozzle)
and the effect of particles in the gas are discussed in Chapter 18.

Combustion instability, also called oscillatory combustion, can affect the
burning rate of the propellant because of increased heat-transfer rate, gas
velocity, and high pressure. This is discussed in Chapter 13.

11.2. BASIC PERFORMANCE RELATIONS

One basic performance relation is derived from the principle of conservation of
matter. The propellant mass burned per unit time has to equal the sum of the
change in gas mass per unit time in the combustion chamber grain cavity and
the mass flowing out through the exhaust nozzle per unit time.

2 k+1)/(k—1)
) (11-11)

d k
Aprpp = E(Pl )+ Atpl\/ﬁ (k—+1

The term on the left side of the equation gives the mass rate of gas generation
from Eq. 11-1. The first term on the right gives the change in propellant mass
in the gas volume of the combustion chamber, and the last term gives the
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nozzle flow according to Eq. 3-24. The burning rate of the propellant is r; 4, is
the propellant burning area; p, is the solid propellant density; p, is the chamber
gas density; V| is the chamber gas cavity volume, which becomes larger as the
propellant is expended; A, is the throat area; p; is the chamber pressure; 77 is
the absolute chamber temperature, which is usually assumed to be constant;
and k is the specific heat ratio of the combustion gases. During startup the
changing mass of propellant in the grain cavity becomes important. The pre-
ceding equation can be simplified and is useful in some numerical solutions of
transient conditions, such as during start or shutdown.

The value of the burning surface 4, may change with time and is a function
of the grain design, as described in Section 11.3. For preliminary performance
calculations the throat area A, is usually assumed to be constant for the total
burning duration. For exact performance predictions, it is necessary also to
include the erosion of the nozzle material, which causes a small increase in
nozzle throat area as the propellant is burned; this nozzle enlargement is
described in Chapter 14. The larger value of A4, causes a slight decrease in
chamber pressure, burning rate, and thrust.

The gas volume V; will increase greatly with burn time. If the gas mass in
the motor cavity is small, and thus if the rate of change in this gas mass is small
relative to the mass flow through the nozzle, the term d(p;V)/dt can be
neglected. Then a relation for steady burning conditions can be obtained
from Egs. 11-3 and 11-11:

Ay pr/k2/Gk+ DD

plalz) =K
A Pry RT, (11-12)
(p0)' " K2/ G + DD
B pya~/ RT

As an approximation, the chamber pressure can be expressed as a function of
the area ratio of the burning surface to the nozzle throat cross section for a
given propellant:

P~ (4407 = KO (11-13)

The ratio of the burning area to the nozzle throat area is an important
quantity in solid propellant engineering and is given the separate symbol XK.
Equations 11-12 and 11-13 show the relation between burning area, chamber
pressure, throat area, and propellant properties. For example, this relation
permits an evaluation of the variation necessary in the throat area if the
chamber pressure (and therefore also the thrust) is to be changed. For a pro-
pellant with » = 0.8, it can be seen that the chamber pressure would vary as the
fifth power of the area ratio K. Thus, small variations in burning surface can
have large effects on the internal chamber pressure and therefore also on the
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burning rate. The formation of surface cracks in the grain (due to excessive
stress) can cause an unknown increase in 4,. A very low value of # is therefore
desirable to minimize the effects of small variations in the propellant charac-
teristics or the grain geometry.

Using this equation and the definition of the characteristic velocity ¢* from
Eq. 3-32, one can write

K = 4y/4, = p{'7" /(apyc™) (11-14)

Here a and p;, are constants and ¢* does not really vary much. This can be
rewritten

p1 = (Kapyc™)! /177 (11-15)

The equations above are based on the very simple mathematical dependence
of burning rate on chamber pressure. However, for many propellants, this
simplification is not sufficiently valid. For accurate evaluation, experimental
values must be found.

Those parameters that govern the burning rate and mass discharge rate of
motors are called internal ballistic properties; they include r, K, 0, g, and the
influences caused by pressure, propellant ingredients, gas velocity, or accelera-
tion. The subsequent solid propellant rocket parameters are performance para-
meters; they include thrust, ideal exhaust velocity, specific impulse, propellant
mass fraction, flame temperature, temperature limits, and duration.

The ideal nozzle exhaust velocity of a solid propellant rocket is dependent on
the thermodynamic theory as given by Eq. 3-15 or 3-16. As explained in
Chapter 5, this equation holds only for frozen equilibrium conditions; for
shifting equilibrium the exhaust velocity is best defined in terms of the enthalpy
drop (h; — h,), which can be computed from v, = /2(h; — k,). In deriving the
exhaust velocity equation, it was assumed that the approach velocity of gases
upstream of the nozzle is small and can be neglected. This is true if the port
area A, (the flow area of gases between and around the propellant grains) is
relatively large compared to the nozzle throat area A4,. When the port-to-
throat-area ratio 4,/A, is less than about 4, a pressure drop correction must
be made to the effective exhaust velocity.

The thrust for solid propellant rockets is given by the identical definitions
developed in Chapters 2 and 3, namely, Egs. 2-14 and 3-29. The flamme or
combustion temperature is a thermochemical property of the propellant formu-
lation and the chamber pressure. It not only affects the exhaust velocity, but
also the hardware design, flame radiation emission, materials selection, and the
heat transfer to the grain and hardware. In Chapter 5 methods for its calcula-
tion are explained. The determination of the nozzle throat area, nozzle expan-
sion area ratio, and nozzle dimensions is discussed in Chapter 3.
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The effective exhaust velocity ¢ and the specific impulse I; are defined by Egs.
2-3, 24, and 2-6. It is experimentally difficult to measure the instantaneous
propellant flow rate or the effective exhaust velocity. However, total impulse
and total propellant mass consumed during the test can be measured. The
approximate propellant mass is determined by weighing the rocket before
and after a test. The effective propellant mass is often slightly less than the
total propellant mass, because some grain designs permit small portions of the
propellant to remain unburned during combustion, as is explained in a later
chapter. Also, a portion of the nozzle and insulation materials erodes and
vaporizes during the rocket motor burning and this reduces the final inert
mass of the motor and also slightly increases the nozzle mass flow. This
explains the difference between the total inert mass and the burnout mass in
Table 11-3. It has been found that the total impulse can be accurately deter-
mined in testing by integrating the area under a thrust time curve. For this
reason the average specific impulse is usually calculated from total measured
impulse and effective propellant mass. The total impulse /, is defined by Eq.
2-1 as the integration of thrust F over the operating duration #:

1y o
1,:/ F dt=Fy (11-16)
0

where F is an average value of thrust over the burning duration .

The burning time, action time, and pressure rise time at ignition are defined in
Fig. 11-13. Time zero is actually when the firing voltage is applied to the
ignition squib or prime charge. Visible exhaust gas will actually come out of
the rocket nozzle for a period longer than the action time, but the effluent mass
flow ahead and behind the action time is actually very small. These definitions
are somewhat arbitrary but are commonly in use and documented by standards
such as Ref. 2-2.

For flight tests it is possible to derive the instantaneous thrust from the
measured flight path acceleration (reduced by an estimated drag) and the
estimated instantancous mass from the chamber pressure measurements,
which is essentially proportional to the rocket nozzle mass flow; this gives
another way to calculate specific impulse and total impulse.

As explained in Section 3.6, there are at least four values of specific impulse:
(1) theoretical specific impulse, (2) delivered or actual values as measured from
flight tests, static tests, or demonstrations (see Ref. 11-12), (3) delivered specific
impulse at standard or reference conditions, and (4) the minimum guaranteed
value. Merely quoting a number for specific impulse without further explana-
tion leaves many questions unanswered. This is similar to the four performance
values for liquid propellant engines listed in Section 3.6. Specific impulse as
diminished by several losses can be predicted as shown in Ref. 11-13.

Losses include the nozzle inefficiencies due to viscous boundary layer fric-
tion and nonaxial flow as described in Chapter 3, thrust vector deflection as
described in Chapter 16, residual unburned propellants, heat losses to the walls
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FIGURE 11-13. Definitions of burning time and action time.

or insulators, incomplete combustion, or the presence of solid particles in the
gas which need to be accelerated. There are also some performance gains; the
gases (created by ablation of the ablative nozzle and insulators or the igniter
propellants) contribute to an increased mass flow, in many cases also to a
somewhat lower average molecular weight of the gas and to a slight reduction
of the final inert mass after rocket motor operation.

The two-phase flow equations for calculating specific impulse can be solved if
the size distribution, shape, and percentage of solid particles in the exhaust gas
are known. The assumption of a uniform average spherical particle diameter
simplifies the analysis (Ref. 11-13), and this diameter can be estimated from
specific impulse measurements on rocket motor tests (Ref. 11-14). Section 3.5
gives a simple theory for two-phase flow of solid particles in a gas flow.
Sometimes density-specific impulse, the specific gravity of the propellant grain
multiplied by specific impulse, is stated as a performance parameter, particu-
larly in rocket motor applications where a compact design is desirable (see Eq.
7-3).

Propellants burn to varying degrees of completeness depending on the fuel,
the oxidizer, their ratios, the energy losses, and the environment within the
motor. Propellants with nonmetal fuels usually burn with a velocity correction
factor of 97 or 98%, as contrasted to 90 to 96% for propellants with aluminum
powder as the fuel. The solid particles in the exhaust do not contribute to the
gas expansion, require energy to be accelerated, and two-phase flow is less
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efficient. However, the addition of the aluminum increases the heat of combus-
tion, the chamber gas temperature, and thus the exhaust velocity or specific
impulse. This increase usually outweighs the loss for having to accelerate the
small solid aluminum oxide particles.

The propellant mass fraction ¢ was defined in Eq. 2-8 as ¢ = m,/mjg and it is
directly related to the motor mass ratio and therefore also to the flight perfor-
mance of the vehicle. The initial motor mass my is the sum of the useful solid
propellant mass m, and the non-burning, inert hardware mass of the motor.
For a vehicle’s propellant mass fraction, the payload mass and the nonpropul-
sion inert mass (vehicle structure, guidance and control, communications
equipment, and power supply) have to be added. A high value of ¢ indicates
a low inert motor mass, an efficient design of the hardware, and high stresses.
This parameter has been used to make approximate preliminary design esti-
mates. It is a function of motor size or mass, thrust level, the nozzle area ratio,
and the material used for the case. For very small motors (less than 100 1bm)
the value of the propellant fraction is between 0.3 and 0.75. Medium-sized
motors (100 <my < 1000 Ibm) have ¢ values between 0.8 and 0.91. For larger
motors (1000 < mg < 50,000 1bm) ¢ is between 0.88 and 0.945. A range of values
is given for each category, because of the influence of the following other
variables. Medium- and large-sized motors with steel cases generally have
lower ¢ values than those with titanium cases, and their values are lower
than for cases made of Kevlar fibers in an epoxy matrix. The highest values
are for cases made of graphite or carbon fibers in an epoxy matrix. The ¢ values
are lower for larger area ratio nozzles and motors with thrust vector control.
The STAR™ 27 rocket motor, shown in Fig. 11-1 and described in Table
11-3, has a propellant mass fraction of 0.924. This is high for a medium-
sized motor with a titanium metal case and a relatively large nozzle exit section.

A number of performance parameters are used to evaluate solid propellant
rockets and to compare the quality of design of one rocket with another. The
first is the fotal-impulse-to-loaded-weight ratio (I,/wg). The loaded weight wg is
the sea-level initial gross weight of propellant and rocket propulsion system
hardware. Typical values for I,/wg; are between 100 and 230 sec, with the
higher values representative of high-performance rocket propellants and highly
stressed hardware, which means a low inert mass. The total-impulse-to-loaded-
weight ratio ideally approaches the value of the specific impulse. When the
weight of hardware, metal parts, inhibitors, and so on becomes very small in
relation to the propellant weight w,, then the ratio /,/wg approaches I,/w,
which is the definition of the average specific impulse (Egs. 2-3 and 2-4).
The higher the value of I,/wg, the better the design of a rocket unit.
Another parameter used for comparing propellants is the volume impulse; it
is defined as the total impulse per unit volume of propellant grain, or [,/ V.

The thrust-to-weight ratio F/wg is a dimensionless parameter that is iden-
tical to the acceleration of the rocket propulsion system (expressed in multiples
of gg) if it could fly by itself in a gravity-free vacuum; it excludes other vehicle
component weights. It is peculiar to the application and can vary from very low
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values of less than one g to over 1,000 g, for high acceleration applications of
solid propellant rocket motors. Some rocket assisted gun munitions have accel-
erations of 20,000 g,.

The temperature limits refer to the maximum and minimum storage tem-
peratures to which a motor can be exposed without risk of damage to the
propellant grain. They are discussed further in Section 11.4.

Example 11-3. The following requirements are given for a solid propellant rocket
motor:

Sea level thrust 2000 1bf average

Duration 10 sec

Chamber pressure 1000 psia

Operating temperature Ambient (approx. 70°F)
Propellant Ammonium nitrate~-hydrocarbon

Determine the specific impulse, the throat and exit areas, the fiow rate, the total pro-
pellant weight, the total impulse, the burning area, and an estimated mass assuming
moderately efficient design. Properties for this propellant are: k = 1.26; T, = 2700°F =
3160 R; r =0.10 in./sec at 1000 psia; ¢* = 4000 ft/sec; p, = 0.056 1b/in.3; molecular
weight = 22 lbm/Ib-mol; gas constant = 1544/22 = 70.2 ft-Ibf/lbm-R.

SOLUTION. From Figs. 3-4 and 3-6, Cr = 1.57 (for k = 1.26, with optimum expan-
sion at sea level and a pressure ratio of 1000/14.7 = 68) and ¢ = A,/ A4, = 7.8. The ideal
thrust coefficient has to be corrected for nozzle losses. Assume a correction of 0.98; then
Cr =0.98 x 1.57 = 1.54. The specific impulse is (Eq. 3-32).

I, = ¢*Cr/go = (4000 x 1.54)/32.2 = 191 sec
The required throat area is obtained from Eq. 3-31:
A, = F/(p,Cr) = 2000/(1000 x 1.54) = 1.30 in.?

The exit area is 7.8 x 1.30 = 10.1 in.? The nozzle weight flow rate is obtained from Eq.
2-5, namely w = F/I; = 2000/191 = 10.47 Ibf/sec. The effective propellant weight for a
duration of 10 sec is therefore approximately 105 Ibf. Allowing for residual propellant
and for inefficiencies on thrust buildup, the total loaded propellant weight is assumed to
be 4% larger, namely, 105 x 1.04 = 109 Ibf.

The total impulse is from Eq. 2-2: I, = Ft; = 2000 x 10 = 20,000 1bf-sec. This can
also be obtained from I, = w x I, = 105 x 191 = 20,000 1bf-sec. The propellant burning
surface can be found by using Eq. 11-12:

A A!pl\/k[z/(k+1)](k+‘)/(k71)
o Pbr«/ﬁl

130 x 1000 322 x 1.26
T 0.056 x 0.10Y (1544/22) x 3160

(0.885)%7 = 1840 in.2
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This result can also be obtained from Eq. 11-11 or 11-14. The ratio is given by
K = Ay/A, = 1840/1.30 = 1415

The loaded gross weight of the rocket motor (not the vehicle) can only be estimated after
a detailed design has been made. However, an approximate guess can be made by
choosing a total impulse to weight ratio of perhaps 143.

we = 1,/(I,/wg) = 20,000/143 = 140 Ibf

Beause the propellants account for 109 1bf, the hardware parts can be estimated as 14
0— 109 = 31 Ibf.

11.3. PROPELLANT GRAIN AND GRAIN CONFIGURATION

The grain is the shaped mass of processed solid propellant inside the rocket
motor. The propellant material and geometrical configuration of the grain
determine the motor performance characteristics. The propellant grain is a
cast, molded, or extruded body and its appearance and feel is similar to that
of hard rubber or plastic. Once ignited, it will burn on all its exposed surfaces
to form hot gases that are then exhausted through a nozzle. A few rocket
motors have more than one grain inside a single case or chamber and very
few grains have segments made of different propellant composition (e.g., to
allow different burning rates). However, most rockets have a single grain.
There are two methods of holding the grain in the case, as seen in Fig.
11-14. Cartridge-loaded or freestanding grains are manufactured separately
from the case (by extrusion or by casting into a cylindrical mold or cartridge)
and then loaded into or assembled into the case. In case-bonded grains the case
is used as a mold and the propellant is cast directly into the case and is bonded
to the case or case insulation. Free-standing grains can more easily be replaced

Case with
Forward Insulation inner liner

support

Cartridge Aft
Grain Case  Flange insulation
Cartridge—loaded grain Case—bonded grain

(free—standing)

FIGURE 11-14. Simplified schematic diagrams of a free-standing (or cartridge-loaded)
and a case-bonded grain.
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if the propellant grain has aged excessively. Aging is discussed in the next
chapter. Cartridge-loaded grains are used in some small tactical missiles and
a few medium-sized motors. They often have a lower cost and are easier to
inspect. The case-bonded grains give a somewhat better performance, a little
less inert mass (no holding device, support pads, and less insulation), a better
volumetric loading fraction, are more highly stressed, and often somewhat
more difficult and expensive to manufacture. Today almost all larger motors
and many tactical missile motors use case bonding. Stresses in these two types
of grains are briefly discussed under structural design in the next section.
Definitions and terminology important to grains include:

Configuration: The shape or geometry of the initial burning surfaces of a
grain as it is intended to operate in a motor.

Cylindrical Grain: A grain in which the internal cross section is constant
along the axis regardless of perforation shape. (see Fig. 11-3).

Neutral Burning: Motor burn time during which thrust, pressure, and burn-
ing surface area remain approximately constant (see Fig. 11--15), typically
within about £15%. Many grains are neutral burning.

Perforation: The central cavity port or flow passage of a propellant grain; its
cross section may be a cylinder, a star shape, etc. (see Fig. 11-16).

Progressive Burning: Burn time during which thrust, pressure, and burning
surface area increase (see Fig. 11--15).

Regressive Burning: Burn time during which thrust, pressure, and burning
surface area decrease (see Fig. 11-15).

Sliver: Unburned propellant remaining (or lost—that is, expelled through
the nozzle) at the time of web burnout (see sketch in Problem 11-6).

Regr esSiVe

Neutral

progresse

Pressure (or thrust)

Time

FIGURE 11-15. Classification of grains according to their pressure-time
characteristics.
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Dog bone Dendrite
(case bonded)

Web thickness &

FIGURE 11-16. Simplified diagrams of several grain configurations.

Burning Time, or Effective Burning Time, t,: Usually, the interval from 10%
maximum initial pressure (or thrust) to web burnout, with web burnout
usually taken as the aft tangent-bisector point on the pressure-time trace

(see Fig. 11-13).

Action Time, t,: The burning time plus most of the time to burn slivers;
typically, the interval between the initial and final 10% pressure (or

thrust) points on the pressure-time trace (see Fig. 11-13).
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Deflagration Limit: The minimum pressure at which combustion can still be
barely self-sustained and maintained without adding energy. Below this
pressure the combustion ceases altogether or may be erratic and unsteady
with the plume appearing and disappearing periodically.

Inhibitor: A layer or coating of slow- or nonburning material (usually, a
polymeric rubber type with filler materials) applied (glued, painted,
dipped, or sprayed) to a part of the grain’s propellant surface to prevent
burning on that surface. By preventing burning on inhibited surfaces the
initial burning area can be controlled and reduced. Also called restrictor.

Liner: A sticky non-self-burning thin layer of polymeric-type material that is
applied to the cases prior to casting the propellant in order to promote
good bonding between the propellant and the case or the insulator. It also
allows some axial motion between the grain periphery and the case.

Internal Insulator: An internal layer between the case and the propellant
grain made of an adhesive, thermally insulating material that will not
burn readily. Its purpose is to limit the heat transfer to and the tempera-
ture rise of the case during rocket operation. Liners and insulators can be
seen in Figs. 11-1, 11-2, 114, and 11-14, and are described in Chapter
12.

Web Thickness, b: The minimum thickness of the grain from the initial
burning surface to the insulated case wall or to the intersection of another
burning surface; for an end-burning grain, b equals the length of the grain
(see Fig. 11-16).

Web Fraction, by: For a case-bonded internal burning grain, the ratio of the
web thickness b to the outer radius of the grain:

by = b/radius = 2b/diameter (11-17)

Volumetric Loading Fraction, Vy: The ratio of propellant volume ¥}, to the
chamber volume V, (excluding nozzle) available for propellant, insula-
tion, and restrictors. Using Eq. 2-4 and V, = m/p:

Vi=Vs/Ve=1/Lppg0V) (11-18)

where I, is the total impulse, /; the specific impulse, and p, the propellant
density.

A grain has to satisfy several interrelated requirements:

1. From the flight mission one can determine the rocket motor requirements.
They have to be defined and known before the grain can be designed.
They are usually established by the vehicle designers. This can include
total impulse, a desired thrust-time curve and a tolerance thereon, motor
mass, ambient temperature limits during storage and operation, available



448 SOLID PROPELLANT ROCKET FUNDAMENTALS

vehicle volume or envelope, and vehicle accelerations caused by vehicle
forces (vibration, bending, aerodynamic loads, etc.).

2. The grain geometry is selected to fit these requirements; it should be
compact and use the available volume efficiently, have an appropriate
burn surface versus time profile to match the desired thrust-time curve,
and avoid or predictably control possible erosive burning. The remaining
unburned propellant slivers, and often also the shift of the center of
gravity during burning, should be minimized. This selection of the geo-
metry can be complex, and it is discussed in Refs. 11-1 and 11-7 and also
below in this section.

3. The propellant is usually selected on the basis of its performance cap-
ability (e.g., characteristic velocity), mechanical properties (e.g.,
strength), ballistic properties (e.g., burning rate), manufacturing charac-
teristics, exhaust plume characteristics, and aging properties. If neces-
sary, the propellant formulation may be slightly altered or “tailored”
to fit exactly the required burning time or grain geometry. Propellant
selection is discussed in Chapter 12 and in Ref. 11-7.

4. The structural integrity of the grain, including its liner and/or insulator,
must be analyzed to assure that the grain will not fail in stress or strain
under all conditions of loading, acceleration, or thermal stress. The grain
geometry can be changed to reduce excessive stresses. This 1s discussed in
the next section of this chapter.

5. The complex internal cavity volume of perforations, slots, ports, and fins
increases with burning time. These cavities need to be checked for reso-
nance, damping, and combustion stability. This is discussed in Chapter
13.

6. The processing of the grain and the fabrication of the propellant should
be simple and low cost (see Chapter 12).

The grain configuration is designed to satisfy most requirements, but some-
times some of these six categories are satisfied only partially. The geometry is
crucial in grain design. For a neutral burning grain (approximately constant
thrust), for example, the burning surface 4, has to stay approximately con-
stant, and for a regressive burning grain the burning area will diminish during
the burning time. From Eqgs. 11-3 and 11-14 the trade-off between burning
rate and the burning surface area is evident, and the change of burning surface
with time has a strong influence on chamber pressure and thrust. Since the
density of most modern propellants falls within a narrow range (about 0.066
Ibm/in.* or 1830 kg/m® +2 to —15%), it has little influence on the grain design.

As a result of motor developments of the past three decades, many grain
configurations are available to motor designers. As methods evolved for
increasing the propellant burning rate, the number of configurations needed
decreased. Current designs concentrate on relatively few configurations, since
the needs of a wide variety of solid rocket applications can be fulfilled by
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combining known configurations or by slightly altering a classical configura-
tion. The trend has been to discontinue configurations that give weak grains
which can form cracks, produce high sliver losses, have a low volumetric
loading fraction, or are expensive to manufacture.

The effect of propellant burning on surface area is readily apparent for
simple geometric shapes such as rods, tubes, wedges, and slots, as shown in
the top four configurations of Fig. 11-16. Certain other basic surface shapes
burn as follows: external burning rod—regressive; external burning wedge—
regressive. Most propellant grains combine two or more of these basic surfaces
to obtain the desired burning characteristic. The star perforation, for example,
combines the wedge and the internal burning tube. Figure 11-17 indicates
typical single grains with combinations of two basic shapes. The term conocy!
is a contraction of the words cone and cylinder.

Configurations that combine both radial and longitudinal burning, as does
the internal-external burning tube without restricted ends, are frequently
referred to as “three-dimensional grains™ even though all grains are geometri-
cally three-dimensional. Correspondingly, grains that burn only longitudinally

J Finocyl (case-bonded)

N

|
!

Spherical (case-bonded) with slots and cylinder

FIGURE 11-17. Typical common grain configurations using combinations of two basic
shapes for the grain cavity.
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or only radially are “two-dimensional grains.” Grain configurations can be
classified according to their web fraction b/, their length-to-diameter ratio
L/D, and their volumetric loading fraction Vr. These three dependent variables
are often used in selecting a grain configuration in the preliminary design of a
motor for a specific application. Obvious overlap of characteristics exists with
some of the configurations, as given in Table 11-4 and shown by simple
sketches in Fig. 11-16. The configurations listed above the line in the table
are common in recent designs. The bottom three were used in earlier designs
and usually are more difficult to manufacture or to support in a case. The end
burner has the highest volumetric loading fraction, the lowest grain cavity
volume for a given total impulse, and a relatively low burning area or thrust
with a long duration. The internal burning tube is relatively easy to manufac-
ture and is neutral burning with unrestricted ends of L/D =~ 2. By adding fins
or cones (see Fig. 11-17) this configuration works for 2 < L/D < 4. The star
configuration is ideal for web fractions of 0.3 to 0.4; it is progressive above 0.4,
but can be neutralized with fins or slots. The wagon wheel is structurally
superior to the star shape around 0.3 and is necessary at a web fraction of
0.2 (high thrust and short burn time). Dendrites are used in the lowest web
fraction when a relatively large burning area is needed (high thrust and short
duration), but stresses may be high. Although the limited number of config-
urations given in this table may not encompass all the practical possibilities for
fulfilling a nearly constant thrust-time performance requirement, combinations
of these features should be considered to achieve a neutral pressure-time trace
and high volumetric loading before a relatively unproven configuration is
accepted. The capabilities of basic configurations listed in these tables can be

TABLE 11-4. Characteristics of Several Grain Configurations

Pressure—~time

Web L/D Volumetric Burning C.G.
Configuration Fraction ratio Fraction Characteristics shift
End burner >1.0 NA 0.90-0.98 Neutral Large
Internal burning tube 0.5-0.9 14 0.80-0.95 Neutral” Small to
(including slotted moderate
tube, trumpet,
conocyl, finocyl)
Segmented tube (large 0.5-0.9 >2 0.80-0.95 Neutral Small
grains)
Internal star? 0.3-0.6 NA 0.75-0.85 Neutral Small
Wagon Wheel 0.2-0.3 NA 0.55-0.70 Neutral Small
Dendrite? 0.1-0.2 1-2 0.55-0.70 Neutral Small
Internal-external 0.3-0.5 NA 0.75-0.85 Neutral Small
burning tube
Rod and tube 0.3-0.5 NA 0.60-0.85 Neutral Small
Dog bone® 0.2-0.3 NA 0.70-0.80 Neutral Small

“Neutral if ends are unrestricted, otherwise progressive.
*Has up to 4 or sometimes 8% sliver mass and thus a gradual thrust termination.
NA: not applicable or not available.
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extended by alterations. The movement of the center of gravity influences the
flight stability of the vehicle. Relative values of this CG shift are also shown in
Table 11-4. Most solid propellant manufacturers have specific approaches and
sophisticated computer programs for analyzing and optimizing grain geometry
alternatives and permitting burn surface and cavity volume analysis. See Refs.
11-15 and 11-16 and Chapters 8 and 9 of Ref. 11-1.

The end burning grain (burning like a cigarette) is unique; it burns solely in
the axial direction and maximizes the amount of propellant that can be placed
in a given cylindrical motor case. In larger motors (over 0.6 m diameter) these
end burners show a progressive thrust curve. Figure 11-18 shows that the
burning surface soon forms a conical shape, causing a rise in pressure and
thrust. Although the phenomenon is not fully understood, two factors contri-
bute to higher burning rate near the bondline: chemical migration of the burn-
ing rate catalyst into and towards the bondline, and local high propellant
stresses and strains at the bond surface, creating local cracks (Ref. 11-17).

Rockets used in air-launched or certain surface-launched missile applica-
tions, weather rockets, certain antiaircraft or antimissile rockets, and other
tactical applications actually benefit by reducing the thrust with burn time.
A high thrust is desired to apply initial acceleration, but, as propellant is
consumed and the vehicle mass is reduced, a decrease in thrust is desirable;
this limits the maximum acceleration on the rocket-propelled vehicle or its
sensitive payload, often reduces the drag losses, and usually permits a more
effective flight path. Therefore, there is a benefit to vehicle mass, flight perfor-
mance, and cost in having a higher initial thrust during the boost phase of the
flight, followed by a lower thrust (often 10 to 30% of boost thrust) during the
sustaining phase of the powered flight. Figure 11-19 shows grains which give
two or more discrete thrust periods in a single burn operation. The configura-
tions are actually combinations of the configurations listed in Table 11-4.

Equilibrium Initial
conical burning burning surface
surface

VS \
/1]

Case

FIGURE 11-18. Schematic diagram of end-burning grain coning effect. In larger sizes
(above approximately 0.5 m diameter) the burning surface does not remain flat and
perpendicular to the motor axis, but gradually assumes a conical shape. The lines in the
grain indicate successively larger-area burning surface contours.
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Z Singte grain. Boost with radial
/L 7\ burning, sustain with end burning

manufacture is more expensive

Dual end burning grains with two
propellants of different burning rates.
/ Not used today, because the

W— Single grain. Boost with large burning

area, sustain with smaller burning area

o rrrssrise (both radial)

£ 4 Single grain. Boost-sustain-boost,
‘L with different burning areas

7777 (all radial burning)

FIGURE 11-19. Several simplified schematic diagrams of grain configurations for an
initial period of high thrust followed by a lower-thrust period.

In a single-propellant dual-thrust level solid rocket motor, factors relating to
the sustain portion usually dominate in the selection of the propellant type and
grain configuration if most of the propellant volume is used during the longer
sustain portion.

A restartable rocket motor has advantages in a number of tactical rocket
propulsion systems used for aircraft and missile defense applications. Here two
(or sometimes three) grains are contained inside the same case, each with its
own igniter. The grains are physically separated typically by a structural bulk-
head or by an insulation layer. One method for accomplishing this is shown in
Fig. 11-20. The timing between thrust periods (sometimes called thrust pulses)
can be controlled and commanded by the missile guidance system, so as to
change the trajectory in a nearly optimum fashion and minimize the flight time
to target. The separation mechanism has to prevent the burning-hot pressur-
ized gas of the first grain from reaching the other grain and causing its inad-
vertent ignition. When the second grain is ignited the separation devices are
automatically removed, fractured, or burned, but in such a manner that the
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Grain for Rib support Bulkhead Metal case with Grain for
second pulse structure and seals internal insulation first pulse
. Nozzle
Igniter

—

\
Burst diaphragm with lgniter
insulation on right side

FIGURE 11-20. Simplified diagram of one concept of a two-pulse experimental rocket
motor with two grains separated by a bulkhead. During the first pulse operation the
metal diaphragm is supported by a spider-web-like structure made of high temperature
material. Upon ignition of the second stage, the scored diaphragm is loaded in the other
direction; it breaks and its leaves peel back. The bulkhead opening has a much larger
area than the nozzle throat.

fragments of hardware pieces will not plug the nozzle or damage the insulation
(see Refs. 11-18 and 11-19).

Slivers

Any remaining unburnt propellant is known as slivers. Figure 11-5 and the
figure in Problem 11-6 show small slivers or pieces of unburnt propellant
remaining at the periphery of the grain, because the pressure went below the
deflagration limit (see Ref. 11-20). About 25 years ago grain designs had 2 to
7% propellant slivers; this useless material caused a reduction in propellant
mass fraction and vehicle mass ratio. The technology of grain design has
advanced so that there are almost no slivers (usually less than 1%). If slivers
were to occur in a new unusual grain design, the designer would try to replace
the sliver volume with lower-density insulator, which gives less of a mass ratio
penalty than the higher-density propellant residue. This is shown in Fig. 11-17.

11.4. PROPELLANT GRAIN STRESS AND STRAIN

The objective of stress analysis of rocket motors is to design the configuration
of the grain, the liners, or the grain support in such a way that excessive stresses
or excessive strains will not occur and so that there will be no failure. Static and
dynamic loads and stresses are imposed on the propellant grains during man-
ufacture, transportation, storage, and operation. Structurally, a rocket motor
is a thin shell of revolution (motor case) almost completely filled with a vis-
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coelastic material, the propellant, which usually accounts for 80 to 94% of the
motor mass. Propellant has some mechanical properties that are not found in
ordinary structural materials and these have received relatively little study. The
viscoelastic nature of solid propellant is time-history dependent and the mate-
rial accumulates damage from repeated stresses; this is known as the cumula-
tive-damage phenomenon.

The most common failure modes are:

1. Surface cracks are formed when the surface strain is excessive. They open
up new additional burning surfaces and this in turn causes the chamber
pressure as well as the thrust to be increased. The higher, shorter dura-
tion thrust will cause the vehicle to fly a different trajectory and this may
cause the mission objective to be missed. With many cracks or deep
cracks, the case becomes overpressurized and will fail. The limiting strain
depends on the stress level, grain geometry, temperature, propellant age,
load history, and the sizes of flaws or voids. At a high strain rate, deeper,
more highly branched cracks are more readily formed than at a lower
strain rate (see Ref. 11-9).

2. The bond at the grain periphery is broken and an unbonded area or gap
can form next to the liner, insulator, or case. As the grain surface
regresses, a part of the unbonded area will become exposed to the hot,
high-pressure combustion gases, and then suddenly the burning area is
increased by the unbonded area.

Other failure modes, such as an excessively high ambient grain temperature
causing a large reduction in the physical strength properties, ultimately result
in grain cracks and/or debonding. Air bubbles, porosity, or uneven density can
locally reduce the propellant strength sufficiently to cause failure, again by
cracks or debonds. Other failure modes are excessive deformations of the
grain (e.g., slump of large grains can restrict the port area) and involuntary
ignition due to the heat absorbed by the viscoelastic propellant from excessive
mechanical vibration (e.g., prolonged bouncing during transport).

If the grain has a large number of small cracks or a few deep cracks or large
areas of unbonding prior to firing, the burning area will increase, often pro-
gressively and unpredictably, and the resulting higher pressure will almost
always cause the case to burst. A few small cracks or minor unbonded areas
will usually not impede satisfactory motor operation.

Material Characterization

Before a structural analysis can be performed it is necessary to understand the
materials and obtain data on their properties. The grain materials (propellant,
insulator, and liner) are rubber-like materials that are nearly incompressible.
They all have a bulk modulus in compression of at least 1400 MPa or about
200,000 psi in their original state (undamaged). Since there are very few voids



11.4. PROPELLANT GRAIN STRESS AND STRAIN 455

in a properly made propellant (much less than 1%), its compression strain is
low. However, the propellant is easily damaged by applied tension and shear
loads. If the strength of propellant in tension and shear (typically betwen 50
and 1000 psi) is exceeded, the grain will be damaged or fail locally. Since grains
are three-dimensional, all stresses are combined stresses and not pure compres-
sion stresses, and grains are thus easily damaged. This damage is due to a
“dewetting” of the adhesion between individual solid particles and the binder
in the propellant and appears initially as many small voids or porosity. Those
very small holes or debonded areas next to or around the solid particles may
initially be under vacuum, but they become larger with strain growth.

The propellant, liner, and insulator with a solid filler are viscoelastic materi-
als. They show a nonlinear viscoelastic behavior, not a linear elastic behavior.
This means that the maximum stress and maximum elongation or strain dimin-
ish each time a significant load is applied. The material becomes weaker and
suffers some damage with each loading cycle or thermal stress application. The
physical properties also change with the time rate of applying loads; for exam-
ple, very fast pressurization actually gives a stronger material. Certain binders,
such as hydroxyl-terminated polybutadiene (HTPB), give good elongation and
a stronger propellant than other polymers used with the same percentage of
binder. Therefore HTPB is a preferred binder today. The physical properties
are also affected by the manufacturing process. For example, tensile specimens
cut from the same conventionally cast grain of composite propellant can show
20 to 40% variation in the strength properties between samples of different
orientations relative to the local casting slurry flow direction. Viscoelastic
material properties change as a function of prior loading and damage history.
They have the capability to reheal and recover partially following damage.
Chemical deterioration will in time degrade the properties of many propellants.
These phenomena make it difficult to characterize these materials and predict
their behavior or physical properties in engineering terms.

Several kinds of laboratory tests on small samples are routinely performed
today to determine the physical properties of these materials. (see Refs. 11-21
and 11-22). Simple tests, however, do not properly describe the complex non-
linear behavior. These laboratory tests are conducted under ideal conditions—
mostly uniaxial stresses instead of complex three-dimensional stresses—with a
uniform temperature instead of a thermal gradient and usually with no prior
damage to the material. The application of laboratory test results to real
structural analysis therefore involves several assumptions and empirical correc-
tion factors. The test data are transformed into derived parameters for deter-
mining safety margins and useful life, as described in Chapter 9 of Ref. 11-1.
There is no complete agreement on how best to characterize these materials.
Nevertheless, laboratory tests provide useful information and several are
described below.

The most common test is a simple uniaxial tensile test at constant strain rate.
One set of results is shown in Fig. 11-21. The test is commonly used for
manufacturing quality control, propellant development, and determining fail-
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FIGURE 11-21. Stress-strain curves for a typical composite-type solid propellant
showing the effect of cumulative damage. The maximum stress o,, is higher than the
rupture stress o,, of the tensile test sample.

ure criteria. Once the sample has been loaded, unloaded, and restressed several
times, the damage to the material changes its response and properties as shown
by the dashed curve in Fig. 11-21.

The dewetting strain is, by definition, the strain (and corresponding max-
imum stress) where incipient failure of the interface bonds between small solid
oxidizer crystals and the rubbery binder occurs. The dewetting stress is analo-
gous to the yield point in elastic materials, because this is when internal mate-
rial damage begins to happen. The slope E, the modulus at low strain, is not
ordinarily used in design, but is often used as a quality control parameter. Data
from several such uniaxial tests at different temperatures can then be manipu-
lated to arrive at allowable stresses, permissible safe strains, and a derived
artificial modulus, as described later. Once a case-bonded grain has been
cooled down from its casting temperature it will have shrunk and be under
multidirectional strain. Samples cut from different parts of a temperature-
cycled grain will usually give different tensile test results.
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Biaxial strength tests are also performed frequently in the laboratory. One
type is described in Ref. 11-21. Meaningful three-dimensional stress tests are
difficult to perform in the laboratory and are usually not done. There are other
sample tests that give information about propellant behavior, such as strain
endurance tests to obtain the levels of strain at which the propellant has long
endurance and does not suffer significant damage, tests at constant stress
levels, fracture tests of samples with known cracks or defects, tensile tests
under simulated chamber pressure, or tests to measure the thermal coefficient
of expansion. Peel tests of the adhesive bonds of propellants to liners or insu-
lators are very common and their failures are discussed in Ref 11-22. The
application and interpretation of all these tests depend on the stress conditions
in the grain and company preferences. In addition, strain or stress measure-
ments are made occasionally on full-scale, experimental, flight-weight motors
using special embedded sensors. Care must be taken that the implanting of
these sensors into the grain will not disturb the local stress—strain distribution,
which would lead to erroneous measurements.

The maximum failure stresses of most propellants are relatively low com-
pared to those of plastic materials. Typical values range from about 0.25 to 8
MPa or about 40 to about 1200 psi, with average values between 50 and 300
psi, and elongations range from 4 to 250%, depending on the specific propel-
lant, its temperature, and its stress history. Table 11-5 shows properties for a
relatively strong propellant. Some double-base propellants and binder-rich
composite propellants can withstand higher stresses (up to about 32 MPa or
4600 psi). The pressure and the strain rate have a major influence on the
physical properties. Tensile tests performed at chamber pressure give higher
strength than those done at atmospheric pressure, in some cases by a factor of 2
or more. High strain rates (sudden-start pressurization) can also improve the
propellant properties temporarily.

The strength properties of the grain material are commonly determined over
a range of propellant temperatures. For air-launched missiles these limits are

TABLE 11-5. Range of Tensile Properties of Reduced Smoke Composite Propellant
for a Tactical Missile”

Temperature (°F)

158 77 —40
Maximum stress (psi) 137-152 198-224 555-633
Modulus (psi) 262-320 420-483 5120-6170

Strain at maximum stress/strain 54/55-65/66 56/57-64/66 46/55-59/63
and at ultimate stress (%)

“Polybutadiene binder with reduced aluminum and ammonium perchlorate; data are from four
different 5-gallon mixes.

Source: Data taken with permission of the AIAA from Ref. 11-23.
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wide, with —65°F and +160°F or 219 K and 344 K often being the lower and
upper extremes expected during motor exposure. Propellant grains must be
strong enough and have elongation capability sufficient to meet the high stress
concentrations present during shrinkage at low temperature and also under the
dynamic load conditions of ignition and motor operation. The mechanical
properties (strength, elongation) can be increased by increasing the percent
of binder material in the propellant, but at a reduction in performance.

Structural Design

The structural analysis of a typical case-bonded grain has to consider not only
the grain itself but also the liner, insulator, and case, which interact structurally
with the propellant grain under various loading conditions (see Chapter 9 or
Ref. 11-1). The need to obtain strong bonds between the propellant and the
liner, the liner and the insulator, or the insulator and the case is usually satis-
fied by using properly selected materials and manufacturing procedures to
assure a good set of bonds. Liners are usually flexible and can accept large
strains without failure, and the vehicle loads can be transmitted from the case
(which is usually part of the vehicle structure) into the propellant.

When the propellant is cured (heated in an oven), it is assumed to have
uniform internal temperature and to be free of thermal stresses. As the grain
cools and shrinks after cure and reaches an equilibrium uniform ambient tem-
perature (say, from —40 to +75°F), the propellant experiences internal stresses
and strains which can be relatively large at low temperature. The stresses are
increased because the case material usually has a thermal coefficient of expan-
sion that is smaller than that of the propellant by an order of magnitude. The
stress-free temperature range of a propellant can be changed by curing the
motor under pressure. Since this usually reduces the stresses at ambient tem-
perature extremes, this pressure cure is now being used more commonly.

The structural analysis begins when all loads can be identified and quanti-
fied. Table 11-6 lists the typical loads that are experienced by a solid propellant
motor during its life cycle and some of the failures they can induce. Some of
these loads are unique to specific applications. The loads and the timing of
these loads during the life cycle of a solid propellant rocket motor have to be
analyzed for each application and each motor. They depend on the motor
design and use. Although ignition and high accelerations (e.g., impact on a
motor that falls off a truck) usually cause high stresses and strains, they may
not always be the critical loads. The stresses induced by ambient environmental
temperature cycling or gravity slumps are often relatively small; however, they
are additive to stresses caused by other loads and thus can be critical. A space
motor that is to be fired within a few months after manufacture presents a
different problem than a tactical motor that is to be transported, temperature
cycled, and vibrated for a long time, and this is different yet from a large-
diameter ballistic missile motor that sits in a temperature-conditioned silo for
more than 10 years.
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TABLE 11-6. Summary of Loads and Likely Failure Modes in Case-Bonded Rocket
Motors

Load Source

Description of Load and Critical Stress
Area

L.

10.

Cool-down during manufacture after
hot cure

Thermal cycling during storage or
transport

. Improper handling and transport

vibrations

. Ignition shock/pressure loading

Friction of internal gas flow in
cavity
Launch and axial flight acceleration

. Flight maneuvers (e.g., antimissile

rocket)

. Centrifugal forces in spin-stabilized

projectiles/missiles

. Gravity slump during storage; only

in large motors

External air friction when case is
also the vehicle’s skin

Temperature differential across case and
grain; tension and compression stresses
on grain surfaces; hot grain, cool case

Alternative hot and cold environment;
critical condition is with cold grain, hot
case; two critical areas: bond-line tensile
stress (tearing), inner-bore surface
cracking

Shock and vibration, 5 to 30g, forces
during road transport at 5 to 300 Hz
(5 to 2500 Hz for external aircraft
carry) for hours or days; critical failure:
grain fracture or grain debonding

Case expands and grain compresses; axial
pressure differential is severe with end-
burning grains; critical areas; fracture
and debonding at grain periphery

Axially rearward force on grain

Inertial load mostly axial; shear stress at
bond line; slump deformation in large
motors can reduce port diameter

High side accelerations cause
unsymmetrical stress distribution; can
result in debonding or cracks

High strain at inner burning surfaces;
cracks will form

Stresses and deformation in perforation
can be minimized by rotating the motor
periodically; port area can be reduced
by slump

Heating of propellant, liner and insulators
will lower their strengths causing
premature failure. Induces thermal
stresses

Furthermore, the structural analysis requires a knowledge of the material

characteristics and fuilure criteria: namely, the maximum stress and strains that
can safely be accepted by the propellant under various conditions. The failure
criteria are derived from cumulative damage tests, classical failure theories,
actual motor failures, and fracture mechanics. This analysis may be an iterative
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analysis, because the materials and geometry need to be changed if analysis
shows that the desired margins of safety are exceeded.

Ideally, the analysis would be based on a nonlinear viscoelastic stress theory;
however, such an approach is still being developed and is not yet reliable (see
Ref. 11-1). An analysis based on a viscoelastic material behavior is feasible,
relatively complex, and requires material property data that are difficult to
obtain and uncertain in value. Most structural analyses today are based on
an elastic material model; it is relatively simple and many two- and three-
dimensional finite element analysis computer programs of this approach are
available at rocket motor manufacturing companies. Admittedly, this theory
does not fit all the facts, but with some empirical corrections it has given
approximate answers to many structural grain design problems. An example
of a two-dimensional finite element grid from a computer output is shown in
Fig. 11-22 for a segment of a grain using an elastic model (see Refs. 11-24 and
11-25).

With elastic materials the stress is essentially proportional to strain and
independent of time; when the load is removed, the material returns to its
original condition. Neither of these propositions is valid for grains or their
propellant materials. In viscoelastic material a time-related dependency exists
between stresses and strains; the relationship is not linear and is influenced by
the rate of strain. The stresses are not one-dimensional as many laboratory
tests are, but three-dimensional, which are more difficult to visualize. When the
load is removed, the grain does not return to its exact original position.
References 11-26 and 11-27 and Chapters 9 and 10 of Ref. 11-1 discuss
three-dimensional analysis techniques and viscoelastic design. A satisfactory
analysis technique has yet to be developed to predict the influence of cumula-
tive damage.

Various techniques have been used to compensate for the nonelastic beha-
vior by using allowable stresses that have been degraded for nonlinear effects
and/or an effective modulus that uses a complex approximation based on
laboratory strain test data. Many use a modified modulus (maximum stress—
strain at maximum stress or o,,/¢,, in Fig. 11-21) called the stress relaxation
modulus Ey in a master curve against temperature-compensated time to failure,
as shown in Fig. 11-23. It is constructed from data collected from a series of
uniaxial tests at constant strain rate (typically, 3 to 5%) performed at different
temperatures (typically —55 to +43°C). The shifted temperature 7,/ T is shown
in the inset on the upper right for 3% strain rate and sample tests taken at
different temperatures. The factor A in the ordinate corrects for the necking
down of the tension sample during test. The small inset in this figure explains
the correction for temperature that is applied to the reduced time to failure.
The empirical time—temperature shift factor ar is set to zero at ambient tem-
peratures (25°C or 77°F) and graphically shifted for higher and lower tempera-
tures. The master curve then provides time-dependent stress-strain data to
calculate the response of the propellant for structural analysis (see Ref. 11—
21 and Chapter 9 of Ref. 11-1).
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Sleeve
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_|—Grain

End ring f l \\\\ \ Annular grooves

A

FIGURE 11-22. Finite element analysis grid of the forward end of a cast grain in a
filament-wound plastic case. The grain has an internal tube and annular grooves. The
top diagram shows the model grid elements and the bottom shows one calculated strain

or deformation condition. (Reprinted with permission from A. Turchot, Chapter 10 of
Ref. 11-1).
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FIGURE 11-23. This stress-relaxation modulus master curve for a particular composite
solid propellant is constructed from manipulated data taken from a number of uniaxial
tensile tests at constant strain rate but different temperatures. (Reproduced with permis-
sion of United Technologies Corp., Chemical Systems from Ref. 11-27.)

Usually, several different grain loading and operating conditions need to be
analyzed. Such a structural analysis is useful for identifying locations of max-
imum stress or strain and to any structural members or grain sectors that are
too weak or too heavy, but these analyses have not always been successful. The
choice of the best analysis tool and the best pseudo-viscoelastic compensation
factors will depend on the experience of the stress analyst, the specific motor
design conditions, the complexity of the motor, the geometry, and suitable,
available, valid propellant property data.

In a case-bonded motor, special provision is required to reduce the stress
concentrations at the grain ends where the case and grain interface, especially
for motors expected to operate satisfactorily over a wide range of temperatures.
Basically, the high stresses arise from two primary sources. First, the physical
properties, including the coefficient of thermal expansion of the case material
and the propellant, are grossly dissimilar. The coefficient of expansion of a
typical solid propellant is 1.0 x 10™* m/m-K, which is five times as great as
that of a steel motor case. Secondly, the aft-end and head-end geometries at
the grain—case juncture often present a discontinuity, with the grain stress the-
oretically approaching infinity. Actually, finite stresses exist because viscoplastic
deformations do occur in the propellant, the liner, and the case insulation.
Calculating the stress in a given case-grain termination arrangement is usually
impractical, and designers rely on approximations supported by empirical data.

For simple cylindrical grains the highest stresses usually occur at the outer
and inner surfaces, at discontinuities such as the bond surface termination
point, or at stress concentration locations, such as sharp radii at the roots or
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tips of star or wagonwheel perforations, as shown in Fig. 11-16. Figure 11-24
shows a stress relief flap, sometimes called a boot, a device to reduce local
stresses. It is usually an area on the outside of the grain near its aft end (and
sometimes also its forward end), where the liner material is not sticky but has a
non-adhesive coating that permits the grain to shrink away from the wall. It
allows for a reduction of the grain at the bond termination point. It moves the
location of highest stress into the liner or the insulation at the flap termination
or hinge. Normally, the liner and insulation are much stronger and tougher
than the propellant.

Parametric studies of propellant and case-bond stresses of a typical grain—
case termination design (Fig. 11-24) reveal the following:

1. Flap length is less significant than the thickness of the insulation or the
separate flap boot, if one is used, in controlling the local level of stresses
at the grain—case termination.

2. The distribution of stresses at the grain—case termination is sensitive to
the local geometry; the level of stress at the case bond increases with web
fraction and length-to-diameter ratio under loading by internal pressure
and thermal shrinkage.

3. Asthe L/D and web fraction increase, the inner-bore hoop stress and the
radial stress at the grain—case bond increase more rapidly than does the

Flap (unbonded length), no adhesion between liner and insulation

Bonded
length ™ | [
N Case (insulated
Case R” 2> oninside)
insulation A
_ /< Propellant grain
*Grain liner

Star-shaped
p perforation
1
Z 7 M’__E
— — =
*Head end of *Perforation vally

perforation *Perforation tip

FIGURE 11-24. The asterisks in the bottom simplified diagram denote potentially
critical failure areas. The top sketch is an enlargement of the aft termination region
of the grain and shows a boot or stress relief flap.
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grain—case termination stress under internal pressure and thermal shrink-
age loads.

4. The radial case-bond stress level at the grain—case termination is much
larger than the case-bond shear stress under axial acceleration loading as
well as under internal pressure and thermal shrinkage loading.

Aging of propellants in rocket motors refers to their deterioration in the
physical properties with time. It is caused by the cumulative damage done to the
grain (such as by thermal cycling, and load applications) during storage, hand-
ling, or transport. It can also be caused by chemical changes with time, such as
the gradual depletion (evaporation) of certain liquid plasticizers or moisture
absorption. The ability to carry stress or to allow elongation in propellants
diminishes with cumulative damage. The aging limit is the estimated time when
the motor is no longer able to perform its operation reliably or safely (see Refs.
11-28 and 11-29). Depending on the propellant and the grain design, this age
limit or motor life can be betwen 8 and 25 years. Before this limit is reached,
the motor should be deactivated and have its propellant removed and replaced.
This refurbishing of propellant is routinely done on larger and more expensive
rocket motors in the military inventory.

With small tactical rocket motors the aging limit is usually determined by
full-scale motor-firing tests at various time periods after manufacture, say 2 or
3 years and with an extrapolation to longer time periods. Accelerated tempera-
ture aging (more severe thermal cycles) and accelerated mechanical pulse loads
and overstressing are often used to reduce the time needed for these tests. For
large rocket motors, which are more expensive, the number of full-scale tests
has to be relatively small, and aging criteria are then developed from structural
analysis, laboratory tests, and subscale motor tests.

Many of the early grains were cartridge loaded and kept the grain isolated
from the motor case to minimize the interrelation of the case and the grain
stresses and strains resulting from thermal expansion. Also, upon pressuriza-
tion the case would expand, but the grain would shrink. The case-bonded grain
presents a far more complex problem in stress analysis. With the propellant
grain bonded firmly to the case, being a semirubbery and relatively weak
material, it is forced to respond to case strains. As a result, several critically
stressed areas exist in every case-bonded motor design; some are shown with
an asterisk in Fig. 11-24.

The varying nature of the stress analysis problem is brought about by the
physical character of propellant; in general terms, solid propellant is relatively
weak in tension and shear, is semielastic, grows softer and weaker at elevated
temperatures, becomes hard and brittle at low temperatures, readily absorbs
and stores energy upon being vibrated, degrades physically during long-term
storage because of decomposition and chemical or crystalline changes, and
accumulates structural damage under load, including cyclic load. This last
phenomenon is shown graphically in Fig. 11-25 and is particularly important
in the analysis of motors that are to have a long shelf-life (more than 10 years).
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FIGURE 11-25. Representation of the progress in cumulative damage to the bond
between the grain and the case in a case-bonded rocket motor experiencing a hypothe-
tical stress history. (Adapted from Ref. 11-30.)

No a priori reason is known for materials to exhibit cumulative damage, but
propellants and their bond to case material exhibit this trait even under con-
stant load, as shown in Fig. 11-26. Valid theories and analytical methods
applicable to cumulative damage include a consideration of both the stress—
strain history and the loading path (the material effected). The most important
environmental variables affecting the shelf life of a motor are time, temperature
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FIGURE 11-26. Time dependent reduction of the propellant-liner—insulator bond
strength when subjected to constant load at 77°F. (From Ref. 11-31.)



466 SOLID PROPELLANT ROCKET FUNDAMENTALS

cycles, propellant mass, stress (gravity forces for large motors), and shock and
vibration. Failure due to cumulative damage usually appears as cracks in the
face of the perforation or as local “unbonds” in case-bonded motors.

The strength of most propellants is sensitive to the rate of strain; in effect
they appear to become more brittle at a given temperature as the strain rate is
increased, a physical trait that is important during the ignition process.

11.5. ATTITUDE CONTROL AND SIDE MANEUVERS WITH SOLID
PROPELLANT ROCKET MOTORS

A clever attitude control (also called reaction control) system with solid pro-
pellants is used on some ballistic missiles. Its hot reaction gas has a low enough
temperature so that uncooled hardware can be used for long durations.
Ammonium nitrate composite propellant (mentioned as gas generator propel-
lants in Tables 12-1 and 12-2) or a propellant consisting of a nitramine (RDX
or HMX, described in Chapter 12) with a polymer binding are suitable. The
version shown schematically in Fig. 11-27 provides pitch and yaw control; hot
gas flows continuously through insulated manifolds, open hot-gas valves, and
all four nozzles. When one of these valves is closed, it causes an unbalance of
gas flow and produces a side force. To keep things simple, the four roll-control
thrusters have been deleted from this figure.

-— Four nozzles, two each
for pitch and yaw control

Four hot
gas valves
Hot gas
_-distribution
" manifold

Igniter

Gas generator
with two end
burning grains

FIGURE 11-27. Simplified diagram of a rocket attitude control system using solid
propellant. All four valves are normally open and gas flows equally through all nozzles.
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With this type of attitude control system it is possible to achieve variable
duration thrust pulsing operations and random pitch, yaw, and roll maneuvers.
It is competitive with multi-thruster liquid propellant attitude control systems.
The solid propellant versions are usually heavier, because they have heavy
insulated hardware and require more propellant (for continuous gas flow),
whereas the liquid version is operated only when attitude control motions
are required.

A similar approach with hot gas valves applies to upper stages of interceptor
vehicles used for missile defense; there is little time available for maneuvers of
the upper stage to reach the incoming missile or aircraft and therefore the
burning durations are usually short. The solid propellant gas temperatures
are higher than with gas generators (typically 1260°C or 2300°F), but lower
than with typical composite propellants (3050 K or 5500°F), and this allows the
valves and manifolds to be made of high-temperature material (such as rhe-
nium or carbon). In addition to attitude control, the system provides a sub-
stantial side force or divert thrust. It displaces the flight path laterally. Figure
11-28 shows such a system. Since all hot-gas valves are normally open, a valve
has to be closed to obtain a thrust force as explained in the previous figure. The
attitude control system provides pitch, yaw, and roll control to stabilize the
vehicle during its flight, to orient the divert nozzle into the desired direction,
and sometimes to orient the seeker (at the front of the vehicle) toward the
target.

PROBLEMS

1. What is the ratio of the burning area to the nozzle area for a solid propellant motor
with these characteristics?

Propellant specific gravity 1.71

Chamber pressure 14 MPa
Burning rate 38 mm/sec
Temperature sensitivity o,  0.007 (K)™'
Specific heat ratio 1.27
Chamber gas temperature 2220 K
Molecular mass 23 kg/kg-mol
Burning rate exponent n 0.3

2. Plot the burning rate against chamber pressure for the motor in Problem 1 using Eq.
11-3 between chamber pressures of 11 and 20 MPa.

3. What would the area ratio 4,/4, in Problem 1 be if the pressure were increased by
10%? (Use curve from Problem 2.)

4. Design a simple rocket motor for the conditions given in Problems 1 and 2 for a
thrust of 5000 N and a duration of 15 sec. Determine principal dimensions and
approximate weight.
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FIGURE 11-28. Simplified schematic diagram of two propulsion systems for one type
of maneuverable upper stage of an interceptor missile. The side or divert forces are
relatively large and go essentially through the center of gravity (CG) of the upper stage
vehicle. To minimize the CG travel two grains are above and two grains are below the
CG. Each nozzle has its own hot gas valve, which is normally open and can be pulsed.
The attitude control system (ACS) is fed from the reaction gas of two grains and has six
small nozzles.

5. For the Orbus-6 rocket motor described in Table 11-3 determine the total impulse-
to-weight ratio, the thrust-to-weight ratio, and the acceleration at start and burnout
if the vehicle inert mass and the payload come to about 6000 Ibm. Use burn time
from Table 11-3 and assume g &~ 32.2 ft/sec’.

6. For a cylindrical two-dimensional grain with two slots the burning progresses in
finite time intervals approximately as shown by the successive burn surface contours
in the drawing on the next page. Draw a similar set of progressive burning surfaces
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for any one configuration shown in Figure 11-16 and one shown in Figure 11-17,
and draw an approximate thrust-time curve from these plots, indicating the loca-
tions where slivers will remain. Assume the propellant has a low value of » and thus
the motor experiences little change in burning rate with chamber pressure.

Slivers

Initial
port area
contour

. Explain the significance of the web fraction, the volumetric loading ratio, and the

L/D ratio in terms of vehicle performance and design influence.

. The partial differential equations 11-4 and 11-5 express the influence of tempera-

ture on the burning of a solid propellant. Explain how a set of tests should be set up
and exactly what should be measured in order to determine these coefficients over a
range of operating conditions.

. What would be the likely change in r, I, p;, F, t;, and I, if the three rocket motors

described in Table 11-3 were fired with the grain 100°F cooler than the data shown
in the table? Assume typical average temperature effects.

A newly designed case-bonded rocket motor with a simple end-burning grain failed
and exploded on its first test. The motor worked well for about 20% of its burn
time, when the record showed a rapid rise in chamber pressure. It was well condi-
tioned at room temperature before firing and the inspection records did not show
any flaws or voids in the grain. Make a list of possible causes for this failure and
suggestions on what to do in each case to avoid a repetition of the failure.

Derive Eq. 11-7. (Hint: First derive ngx by differentiating Eq. 11-3 with respect to
temperature.) Note: This relation does not fit all the experimental data fully because
there are other variables besides # that have a mild influence. For a more complex
approach, see Ref. 11-32.

What will be the percent change in nominal values of 4,, r, I, Tg, 1y, Ay/A, and the
nozzle throat heat transfer rate, if the Orbus-6 rocket motor listed in Table 11-3 is
to be downgraded in thrust for a particular flight by 15% by substituting a new
nozzle with a larger nozzle throat area but the same nozzle exit area? The propel-
lants, grain, insulation, and igniter will be the same.
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13. What would be the new values of I,, I, p;, F, t,, and r for the first stage of the
Minuteman rocket motor described in Table 11-3, if the motor were fired at sea
level with the grain temperature 20°F hotter than the data shown. Use only data
from this table.

Answers: I = 10,240,000 Ibf-sec, I, = 224 sec, p; = 796 psia, F = 1.99 x 10° 1bf,
t, = 51.5 sec, r = 0.338 in./sec.

SYMBOLS

a burning rate constant, also called temperature coefficient

Ay solid propellant burning area, m? (ftz)

A, port area (flow area of gases inside grain cavity or between and around
propellant grains), m? (ft?)

A, nozzle throat cross-sectional area, m? (ftz)

b web thickness, m (in.)

by web fraction, or web thickness-to-radius ratio

effective exhaust velocity, m/sec (ft/sec)
characteristic exhaust velocity, m/sec (ft/sec)
cp specific heat of gas, kcal/kg-K

s specific heat of solid, kcal/kg-K
Cr thrust coefficient

D diameter, m (ft)

Ep relaxation modulus, MPa (psi)

thrust, N (lbf)

average thrust, N (Ibf)

acceleration due to gravity at sea level, 9.8066 m/sec® (32.2 ft/secz)

mass flow rate, kg-m?/sec

enthalpy per unit mass, J/kg or Btu/lbm

specific impulse, sec

total impulse, N-sec (Ibf-sec)

specific heat ratio

ratio of burning surface to throat area, 4,/4,

length, m

mass, kg

mass flow rate, kg/sec

burning rate exponent

pressure, MPa (Ibf/in.%)

chamber pressure, MPa (1bf/in.2)

Prandtl number, puc,/x

propellant burning rate (velocity of consumption), m/sec or mm/sec or
in./sec

gas constant, J/kg-K

time, sec

action time, sec
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burn time, sec

absolute temperature, K(R)

theoretical exhaust velocity, m/sec (ft/sec)
propellant volume, m> (ft*)

chamber volume, m’> (ft3)

volumetric loading fraction, %

total effective propellant weight, N (1bf)

total loaded rocket weight, or gross weight, N (1bf)
weight rate of flow, N/sec (Ibf/sec)

Greek Letters

V‘mﬁQQb;(t?ﬁ”\%TbQ

heat transfer factor

constant

partial derivative

elongation or strain

conductivity

viscosity

temperature sensitivity coefficient of pressure, K 'R
density, kg/m® (Ibm/ft)

stress, N/cm? (psi)

temperature sensitivity coefficient of burning rate, K‘l(R_l)
propellant mass fraction

Subscripts

D — O~y o

solid propellant burning conditions
pressure or propellant or port cavity
throat conditions

initial or reference condition
chamber condition

nozzle exit condition
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CHAPTER 12

SOLID PROPELLANTS

In this chapter we describe several common solid rocket propellants, their
principal categories, ingredients, hazards, manufacturing processes, and qual-
ity control. We also discuss liners and insulators, propellants for igniters,
tailoring of propellants, and propellants for gas generators. It is the second
of four chapters dealing with solid propellant rocket motors.

Thermochemical analyses are needed to characterize the performance of a
given propellant. The analysis methods are described in Chapter 5. Such ana-
lyses provide theoretical values of average molecular weight, combustion tem-
perature, average specific heat ratio, and the characteristic velocity; they are
functions of the propellant composition and chamber pressure. A specific
impulse can also be computed for a particular nozzle configuration.

The term solid propellant has several connotations, including: (1) the rub-
bery or plastic-like mixture of oxidizer, 